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PREFACE 


With  new  ventures  in  the  hypersonic  domain  moving  forward  on  both  sides  of  the  Atlantic  —  HERMES  in  Europe  and 
the  X-30  in  the  United  States  —  it  seemed  timely  to  bring  together  researchers  and  engineers  working  in  this  field,  as  well  as 
newcomers,  for  the  purpose  of  presenting  an  up-to-date  summary  on  continuum  hypersonic  flows  with  heat  transfer. 

Following  a  review  of  basic  principles  including  real  gas  effects,  a  series  of  lectures  were  presented  on  experimental  and 
computational  methods  specific  to  hypersonic  flows.  In  other  words,  stress  was  placed  on  measurement  techniques 
developed  primarily  for  flows  with  heat  transfer,  chemical  reactions,  strong  shocks,  compressible  boundary  layers,  etc.  Both 
surface  measurements  and  flow  field  measurements,  including  species  concentration  techniques,  were  discussed.  The  same 
spirit  governed  the  lecture  on  computational  methods:  stress  was  placed  on  the  new  problems  in  CFD  posed  by  high  speeds 
and  chemical  reactions.  The  course  finished  with  state-of-the-art  reviews  on  three  critical  flow  problems:  transition  flow 
problems:  transition  to  turbulence,  interactions  between  shocks  and  boundary  layers,  and  shock/shock  impingement. 

The  presentations  and  papers  were  characterized  by  an  unusually  high  level  in  terms  of  both  clarity  and  quality;  this 
ensures  that  the  present  volume  will  serve  as  useful  reference  for  some  years  to  come.  I  use  this  occasion  to  express  once 
again  my  sincere  thanks  to  all  the  lecturers. 

Thanks  are  extended  also  to  the  lecturers'  organizations:  the  Wright  Aeronautical  Laboratories,  USAF;  the  University 
of  Maryland's  College  of  Engineering;  Complere  Inc.;  Calspan  Corp.;  the  DFVLR-Gottingen;  and  both  ONERA-Chalais 
Meudon  and  ONERA-CERT.  Without  the  willingness  of  these  organizations  to  allow  the  lecturers  sufficient  time  to  prepare 
their  material,  these  courses  could  not  be  offered. 

This  Special  Course  was  co-sponsored  by  the  AGARD  Fluid  Dynamics  Panel  and  the  von  Karman  Institute  for  Fluid 
Dynamics;  it  was  implemented  by  the  von  Karman  Institute. 


John  F.  WENDT, 
Special  Course  Director 


Vu  le  rythme  d’avancement  des  nouveaux  projets  entrepris  dans  le  domaine  de  I'hypersonique  des  deux  cotes  de 
l’Atlantique,  c'est  a  dire  le  projet  HERMES  en  France  et  le  projet  X-30  aux  Etats-Unis,  il  a  paru  opportun  de  reunir  les 
chercheurs  et  les  ingenieurs  travaillant  dans  ce  domaine,  ainsi  que  d'autres  personnes  qui  decouvrent  ce  sujet,  dans  le  but  de 
presenter  une  revue  des  connaissances  dans  le  domaine  des  ecoulements  hypersoniques  en  regime  continu  avec  transfert 
thermique. 

Le  Cours  a  commence  par  un  rappel  des  principes  de  base,  et  entre  autres  les  effets  du  gaz  reel,  suivi  d'une  serie  de 
conferences  sur  les  methodes  experimentales  et  les  methodes  de  calcul  specifiques  aux  ecoulements  hypersoniques.  En 
d'autres  termes,  1'accent  a  ete  mis  sur  les  techniques  de  mesure  developpees  principalement  pour  les  ecoulements  avec 
transfert  thermique,  les  reactions  chimiques,  les  chocs  forts,  les  couches  limites  compressibles  etc...  Les  debats  ont  porte  sur 
les  mesures  de  surface  ainsi  que  sur  les  mesures  du  champ  d'ecoulement,  y  compris  les  techniques  de  concentration  des 
especes.  Le  meme  esprit  a  preside  la  conference  sur  les  methodes  de  calcul:  cette  fois,  1’accent  a  ete  mis  sur  les  nouveaux 
problemes  poses  dans  le  domaine  du  calcul  en  dynamique  des  fluides  par  les  vitesses  elevees  et  les  reactions  chimiques.  Le 
cours  s'est  termine  par  des  revues  de  l'etat  de  I'art  concemant  trois  problemes  critiques  de  I'ecoulement:  la  transition  a  la 
turbulence,  les  interactions  entre  les  chocs  et  les  couches  limites  et  les  contacts  choc/choc. 


Les  presentations  et  les  communications  ont  ete  caracterisees  par  un  niveau  exceptionnel  de  clarte  et  de  qualite,  et  il 
s'ensuit  que  le  present  volume  servira  d’ouvrage  de  reference  dans  ce  domaine  pour  des  annees  a  venir.  Je  saisis  I'occasion 
pour  exprimer  une  nouvelle  fois  mes  remerciements  tres  sinceres  a  tous  les  conferenciers. 

Nos  remerciements  son t  egalement  dus  aux  organisations  dont  dependent  les  differents  intervenants:  les  Wright 
Aeronautical  Laboratories,  USAF;  I’University  of  Maryland  College  of  Engineering,  Complere  Inc.,  Calspan  Corp., 
DFVLR-Gottingen,  l’ONERA  Chalais  Meudon  et  I’ONERA-CERT.  Sans  la  cooperation  des  ces  organismes,  qui  ont  bien 
voulu  liberer  les  conferenciers  le  temps  necessaire  pour  la  preparation  des  conferences,  ces  cours  n'auraient  pas  pu  avoir 
lieu. 


Ce  cours  special  a  ete  presente  par  ITnstitut  von  Karman,  sous  I'egide  conjoint  du  Panel  AGARD  de  la  Dynamique  des 
fluides  et  ITnstitut  von  Karman. 


John  F.  WENDT 
Directeur  de  Cours  Special 
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Hypersonic  Systems 

The  hypersonic  domain  is  a  large  and  poorly  defined  regime  in  which  many  potential 
systems  can  operate.  These  systems  can  vary  widely  from  one  another  in  both 
character istics  and  required  technologies  for  their  implementation.  In  the  United  States 
there  are  at  least  five  points  of  focus  in  hypersonic*,  each  with  a  distinctive  product 
and  each  pursuing  that  technology  necessary  to  develop  the  product.  These  five  study 
areas  are  (1)  the  study  of  lifting  entry  from  low  Earth  orbits;  (2)  the  study  of 
efficient  return  from  high  energy  orbits,  the  so  called  AOTV  focus.  (3)  the  study  of 
ballistic  entry.  (4)  the  study  of  ballistic  defense  and  (5)  the  study  of  entry  into  the 
atmospheres  of  other  planetary  bodies.  Beyond  these  major  categories ,  there  are  many  sub- 
catagories  including  the  design  of  hyperveloci ty  munitions  and  the  study  of  hypervelocity 
anti-aircraft  techniques.  While  this  lecture  will  center  on  the  evaluation  of  lifting, 
orbital  entry  from  low  Earth  orbit,  the  point  to  be  made  is  that  this  selected  class  of 
vehicles  defines  only  one  class  of  technologies;  others  are  equally  important  to  those 
who  define  hypersonic  systems  differently. 

The  hypersonic  envelope  is  poorly  defined.  It  starts  at  a  Mach  number  like  5  and  extends 
to  a  Mach  number  or  velocity  as  high  as  need,  the  imagination  and  technology  will  allow. 
Likewise  the  envelope  starts  at  the  extent  of  the  sensible  atmosphere  (a  debatable 
dimension  within  the  engineering  connotation)  and  extends  downward  to  the  surface  of  a 
planet  (normally  but  not  exclusively  Earth).  Within  that  broadly  defined  environment  the 
vehicle  scale  and  angle  of  attack  are  Important  modifiers  in  the  characteristics  of 
hypersonic  systems. 

Operating  angle  of  attack  defines  the  fundamental  relationships  between  the  level  of 
pressure  drag  and  viscous  drag  forces;  a  significant  parameter  in  understanding  the 
complexity  of  the  methodologies  employed  in  the  development  process  for  such 
configurations.  This  relationship  is  modified  by  scale  of  the  configuration.  Angle  of 
attack  also  impacts  the  relative  importance  of  real  gas  effects  on  both  the  aerodynamics 
and  materials  aspects  of  the  configuration.  This  lecture  will  concentrate  on  the 
requirements  implicit  in  the  design  of  lifting  hypersonic  systems  as  the  operating  angle 
of  attack  and  the  scale  of  these  systems  are  sys tematical ly  varied. 

There  are  several  fundamentally  different  hypersonic  systems  which  operate  as  entry 
vehicles  with  increasing  Aerodynamic  efficiency.  They  are  (1)  the  ballistic  systems 
employed  by  the  Department  of  Defense  (separated  from  the  ballistic  capsules  of  years  ago 
by  their  performance  characteristics) ;  (2)  maneuvering  re-entry  vehicles;  (3)  low  L/D 
lifting  systems  (separated  from  high  L/D  lifting  systems  by  the  relationship  between 
pressure  and  viscous  forces) ;  (4)  high  L/D  lifting  systems  which  are  viscous  dominated 
systems  and  (3)  Aerodynamic  orbit  transfer  vehicles,  AOTV’s.  Each  of  these  has  different 
developmental  problems  and  a  different  technological  base. 

Ballistic  systems,  in  general,  are  dominated  by  turbulent  flow  and  a  high  degree  of 
interaction  between  the  imposed  heating  and  materials  response.  They  ablate'  Although 
they  are  generally  geometrically  simple  configurations,  three  dimensional  effects  are 
strong.  Scale  is  small  and  the  demand  for  autonomous  accuracy  is  high  requiring  a 
substantial  knowledge  base  be  established  in  the  development  cycle. 

Maneuvering  reentry  vehicles  integrate  the  features  of  a  ballistic  system  with  the 
maneuverability  of  a  lifting  body.  Maneuvering  is  employed  for  both  terminal  evasion  and 
as  a  means  of  improving  overall  system  accuracy.  Terminal  evasion  may  be  required  to 
enhance  penetration  against  a  potential  adversary  while  system  accuracy  can  be  improved 
by  performing  navigation  updates,  either  prior  to  or  during  reentry,  and  then  maneuvering 
to  correct  for  trajectory  errors  experienced  during  the  earlier  flight  phase.  See  Harris, 
1080 . 

Low  L/D  lifting  systems  have  flown  extensively  and  many  of  their  technological  problems 
have  been  evaluated  and  documented.  Figure  1  demonstrates  an  Air  Force  low  L/D  vehicle, 
the  SV3-D,  which  flew  as  a  research  project  in  the  mid  1000 's.  Both  the  Qemini  and  the 
Apollo,  seemingly  ballistic  shapes ,  as  well  as  the  Bockwell  Space  Shuttle  are  examples  of 
such  low  L/D  lifting  entry  systems.  See  Lukasiewicz ,  1073.  These  systems  are  dominated  by 
a  small  contribution  of  viscous  effects  on  the  aerodynamics  and  aerodynamic  heating  of 
the  vehicle.  A  direct  result  of  being  pressure  dominated  is  that  developmental  tests  can, 
for  the  most  part,  be  conducted  in  'representative*  hypersonic  wind  tunnels  without  the 
need  for  more  exact  duplication  of  flight  characteristics. 

Since  the  L/D  of  a  system  is  directly  related  to  the  angle  of  attack  of  the 
conf iguration ,  low  1/D  shapes  operate  at  higher  angles  of  attack.  The  Rockwell  Space 
Shuttle  operates  at  40  degrees  angle  of  attack.  At  these  high  angles  of  attack  and  at 
the  velocities  of  orbital  entry,  chemical  aotivlty  within  the  local  flow  field  is  created 
by  the  large  blunt  nose  of  the  configuration  and  sustained  by  the  lower  surface  of  that 
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class  of  configurations.  Chsmical  offsets  can  thsrsfors  bs  generally  important  on  this 
class  of  configurations. 

Hypsrsonic  systsms  within  ths  Air  Fores  and  NASA  tsnd  to  bs  diffsrsnt  bscauss  ths  dssign 
critsria  strsss  diffsrsnt  fsaturss.  In  broad  tsrms.  Air  Fores  systsms  fly  in  rsgions  of 
ths  atmosphsrs  whsrs  it  is  difficult  to  opsrats  and  not  nscsssarily  whsrs  opsrating 
sfficisnclss  ars  ths  highsst  nor  of  primary  importancs.  This  is  also  trus  for  combat 
aircraft  whsrs  ths  goal  oftsn  is  to  mansuvsr  dscisivsly  at  transonic  conditions,  it  is 
trus  for  ballistic  missils  systsms  whsrs  ths  goal  is  to  re-enter  ths  atmosphsrs  with  an 
sxtrsmsly  low  drag  body  which  will  dscslsrats  at  vary  low  altitudss  and  it  is  trus  of 
hypsrsonic  lifting  sntry  systsms  which,  for  opsrational  reasons,  may  strsss  asrodynamic 
sfficisncy  during  ths  sntry  procsss.  Ths  Air  Fores  is  drivsn  by  a  diffsrsnt  sst  of  dssign 
critsria.  In  many  casss  this  changss  ths  dssign  procsss  somswhat .  What  may  bs  a  dssign 
goal  for  a  concsptual  NASA  systsm  (psrhaps  minimizing  ths  asrodynamic  hsatlng)  could 
bscoma  only  a  dssign  constraint  in  an  Air  Fores  systsm  (maximizing  asrodynamic 
psrformancs  of  a  systsm  dssign  within  ths  limits  of  availabls  materials). 

High  L/D  lifting  systsms  opsrats  at  still  lowsr  angles  of  attack  and  ars  thus  dominatsd 
by  viscous  contributions  to  ths  overall  drag  which  is  equal  to  or  higher  than  ths 
corresponding  pressure  contr ibutions .  As  a  result,  developmental  wind  tunnel  testing 
requires  a  higher  degree  of  flight  simulation.  Parameters  relating  ths  Mach  number  and 
Reynolds  number  of  flow,  the  so  called  ‘V  BAR  parameters',  must  be  simulated  in  testing 
rather  than  to  merely  generate  'representative*  hypersonic  data  defined  through  Mach 
number  independence.  The  importancs  of  viscous  effects  in  ths  observed  aerodynamics  and 
aerothermodynamics  of  the  vehicle  add  a  new  complexity  to  ths  design  process  of  such  a 
configuration.  This  complexity  is  balanced  by  the  ability  to  fly  more  efficiently  within 
ths  atmosphere  and/or  achieve  higher  cross  range  during  atmospheric  sntry.  Ths 
importance  of  chemical  activity  within  the  local  flow  field  for  such  conf igurat ions  is 
far  more  problematical.  High  L/D  configurations  demand  very  small  blunt  nose  shapes  in 
order  to  reduce  the  drag  and  thus  generate  the  required  aerodynamic  characteristics.  Ths 
result  is  that  the  amount  of  high  energy,  chemically  active  flow  processed  is  very  small 
and  the  degree  of  chemical  activity  generated  in  the  nose  region  cannot  be  sustained  by 
the  very  low  angle  of  attack  compression  surfaces  of  the  configuration.  Figures  2  and  3 
indicate  designs  of  hypersonic  high  L/D  vehicles.  The  configuration  in  figure  3  is  ths 
Boost  Qllde  vehicls,  BGV,  which  was  studied  within  the  Flight  Dynamics  Laboratory. 

Asrodynamic  Orbit  Transfer  Vehicles,  (AOTV’s)  operate  in  a  confined  velocity  range 
bounded  by  ths  orbital  velocities  of  the  initial  state  (normally  a  high  energy  stationary 
orbit)  and  a  low  energy,  low  Earth  orbit.  For  the  most  part,  these  AOTV  configurations 
ars  low  L/D  configurations  with  substantial  chemical  activity  and  that  chemical  activity 
consists  both  of  chemical  dissociation  (indicative  of  orbital  entry  conditions  but  with 
the  added  complexity  of  Nitrogen  dissociation)  and  ionization  which  is  indicative  of 
higher  temperature  reactions  at  velocities  in  excess  of  those  for  low  Earth  orbit. 
Examples  of  Such  systems  are  shown  in  figures  4  and  5. 

This  cursory  overview  of  hypersonic  systems  which  present  different  developmental  issues 
is  intended  to  lead  the  reader  to  an  appreciation  of  the  complexity  and  diversity  of 
hypersonics  in  the  late  1980's.  It  has  also  introduced  several  terms  and  concepts  which 
will  be  expanded  upon  later  in  this  set  of  notes. 

The  only  overriding  aero thermodynamic  requirement  associated  with  the  design  of 
hypersonic  systems  is  to  contribute  to  a  design  that  will  sustain  itself  in  the 
environment  for  a  stated  period  of  time  and  for  stated  cycles  of  that  time  and  which  will 
accomplish  the  flight  objectives  of  the  mission  efficiently  and  at  reasonable  cost. 
Overall,  the  requirement  is  to  support  the  goal  with  the  means;  the  flight  vehicle.  From 
the  standpoint  of  systems  design  this  requirement  implies  participation  in  establishing 
mission  goals  for  the  proposed  system’s  aerothermodynamic  reliability  and  historical 
performance.  From  the  standpoint  of  development , this  requires  an  artful  blending  of 
classical  engineering  and  numerical  simulations;  the  old  and  the  new  hypersonics,  to 
understand  the  heating  imposed  on  the  configuration  and  the  dissipation  of  that  heating 
through  the  thermal  protection  system  and  structure  of  the  vehicle.  From  the  standpoint 
of  integration,  this  requires  the  management  of  error  and  uncertainty  in  the  application 
of  this  less  than  perfect  and  less  than  complete  developmental  data  to  achieve  the 
system’s  goals  and  lifetimes. 

Above  all,  these  aerothermal  requirements  require  thoughtful  application  of  a  wide 
spectrum  of  engineering  tools  as  TOOLS  being  careful  that  the  whims  of  today's  technology 
do  not  drive  the  development  process  and  being  mindful  of  the  serious  Implications  of 
cost  as  a  driving  force  within  the  development  process. 

The  features  which  are  implicit  in  the  design  of  a  lifting  entry  vehicle  with  variable 
aerodynamic  potential  were  summarized  by  Wake,  1987  in  a  figure  entitled  ...  ‘The 
Infernal  Triangle*.  Figure  0  is  a  reproduction  of  that  figure  from  her  paper.  The  basis 
of  the  figure  is  the  inherent  relationship  between  the  angle  of  attack  of  the 
configuration  and  its  performance  which  is  stated  as  crossrange  during  the  re-entry 
process .  The  figure  further  indicates  the  characteristics  of  the  vehicle  that  flow  from 
the  choice  of  aerodynamic  performance;  the  stated  goals  of  the  vehicle  concept. 
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Ttiese  characteristics  include  the  amount  of  aerodynamic  heating  both  in  terms  of  the  rate 
of  surface  heating  and  to  total  integrated  heating  load  into  the  thermal  protection 
system;  the  contribution  of  viscous  phenomena  which  are  directly  related  to  the  angle  of 
attack  of  the  vehicle  and  the  amount  of  real  gas  phenomena  which  is  related  to  the  degree 
of  bluntness  of  the  vehicle  and  the  angle  of  attack  of  the  vehicle.  There  is  an  added 
dimension  to  this  figure  by  Wake,  the  wing  loading,  which  modifies  all  of  these  effects 
and  which  may  challenge  the  type  of  thermal  protection  system  selected  and  the  amount  of 
Dayload  carryable  on  the  vehicle. 

The  design  problem  is  to  balance  all  of  these  factors  and  produce  a  viable  means  to 
attain  the  goals  set  forth  to  guide  the  design  of  the  configuration. 

Once  the  Peak  Heating  Has  Passed  . . . 

Although  there  is  a  mathematically  defined  peak  in  the  aerodynamic  heating  during  re¬ 
entry,  that  peak  is  defined  by  a  very  restrictive  ‘model’  of  the  entry  process;  an 
equilibrium  glide  trajectory.  The  problem  is  that  the  simplifying  assumptions  underlying 
and  implied  in  that  model  have  been,  somehow,  forgotten  by  those  who  use  it.  While  it  is 
true  that  aerodyamic  heating  is  maximized  at  high  velocities,  the  assumptions  that 
underly  that  statement  must  also  be  respected.  These  assumptions  are  that  ... 

1.  That  the  configuration  is  on  an  equilibrium  glide  trajectory 

2.  The  state  of  the  boundary  layer  does  not  change 

3.  The  trajectory  parameter.  W/CLA,  remains  constant  which, 
in  turn,  implies  that  the  angle  of  attack  is  constant. 

The  risk  in  focusing  on  one,  single  trajectory  design  point  at  which  heating  is  maximized 
is  that  all  other  points  are  assumed  relatively  free  of  aerodynamic  heating  concerns . 
The  thought  process  can  extend  that  statement  to  include  . . .  once  the  peak  heating  has 
passed  I  can  drop  the  vehicle  nose  and  maximize  aerodynamic  performance  at  lower 
velocities.  The  risk  here  is  in  exposing  regions  of  the  vehicle  to  flows  that  were 
aerodynamical ly  shielded  and  thus  of  no  design  consequence  at  higher  angles  of  attack  and 
violating  the  model  limitations  since  lift  coefficient  changes.  The  aerothermodynamic 
requirement  requires  an  appreciation  of  all  design  points  that  may  affect  the  sizing  of 
the  thermal  protection  system.  There  are  three.  The  equilibrium  glide  design  point,  the 
design  point  defined  by  the  initial!  altitude  ’bucket’  as  the  vehicle  aerodynamics  counter 
the  effects  of  de-orbit  retro-thrust  which  initiates  re-entry  and  a  potential  point  later 
in  the  re-entry  process  if  the  equilibrium  glide  parameter  (W/CLA)  is  substantially 
changed . 

Maximizing  the  lift  during  entry  minimizes  the  initial  entry  'bucket'  in  the  transition 
from  the  initial  de-orbit  burn  to  the  establishment  of  an  equilibrium  glide.  The  depth 
of  this  bucket,  shown  in  figure  7,  is  directly  a  function  of  the  glide  parameter  and  more 
particularly  the  angle  of  attack  of  the  vehicle.  This  is  aerothermodynamic  design  point 
number  1.  Once  a  stable,  equilibrium  glide  is  established  in  the  atmosphere,  the  level  of 
heating  to  most  points  on  the  vehicle  is  also  minimized.  Finally,  entry  at  high  angle  of 
attack  shields  the  sensitive  or  complex  upper  body  regions  of  the  vehicle  against 
aerodynamic  heating. 

Experience  with  the  Rockwell  Space  Shuttle  demonstrated  that  focusing  attention  to  the 
velocity  of  peak  heating  created  an  inordinate  focus  on  conditions  at  20,000  feet  per 
second  while  minimizing  concerns  at  far  lower  velocities  where  the  angle  of  attack  of  the 
vehicle  had  been  significantly  changed  to  achieve  glide  ranges.  Those  effects  effects  at 
lower  velocities  were  characterized  by  a  complex  flow  interaction  between  the  fuselage 
and  wing  which  created  a  vortex  along  the  fuselage.  This  vortex  impinged  on  the  orbital 
maneuvering  system  (OMS)  pods  as  the  vehicle  angle  of  attack  decreased  as  shown  in  figure 
8.  The  increased  heating  caused  by  this  angle  of  attack  sensitive  interaction 
overpowered  the  decrease  in  heating  due  to  reduced  velocity  creating  another  and  third 
aerothermodynamic  design  point. 

It  must  be  emphasized  again  that  aerodynamic  heating  is  always  potentially  dangerous.  The 
danger  is  in  relation  to  the  materials  system  selected  to  contain  it.  There  is  not  one 
single  peak  heating  point  but  several,  as  described,  and  each  of  these  points  must  be 
considered  in  the  initial  design  of  the  configuration. 

One  of  the  major  problems  in  defining  developmental  aerothermodynamic  requirements  for  a 
new  conf igui ation  is  that  of  over-generalization.  It  is  far  too  easy  to  generalize  the 
success  of  a  given  configuration,  such  as  the  Rockwell  Space  Shuttle,  to  possible  success 
with  any  arbitrary  lifting  entry  configuration.  Saying  this  somewhat  differently,  it  is 
too  easy  and  not  correct  to  assume  that  the  problems  observed  on  the  Rockwell  Space 
Shuttle  will  generally  be  characteristic  of  all  lifting  entry  configurations.  Both  of 
these  forms  of  over-generalization  need  to  be  defended  against  by  an  understanding,  in 
depth,  of  the  cause  and  effect  relationships  implicit  in  specific  phenomena  on  lifting 
entry  configurations. 

The  Rockwell  Space  Shuttle  was,  for  the  most  part,  successfully  tested  on  the  ground  with 
ground  test  data  which  was  extrapolated  to  flight  conditions.  Is  thi s ^  problem  generally 
sol ved? 
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Not  only  was  the  Rockwell  developed  Space  Shuttle  successfully  tested  on  the  ground  but 
this  testing  was  almost  exclusively  accomplished  in  lower  Mach  number  test  facilities 
with  Mach  numbers  less  than  10.  If  we  look  carefully  at  this  configuration  it  becomes 
clear  that  the  high  angle  of  attack  performance  of  this  configuration  was  dominated  by 
the  nose  bluntness  of  the  vehicle.  This  bluntness  generated  a  lower  surface  Mach  number 
that  was  barely  supersonic.  There  were  few  modifications  apparent  due  to  viscous 
phenomena  as  it  affected  the  aerothermodynamics  of  the  vehicle.  The  paper  by  Griffith  and 
Maus ,  1983,  indicates  some  effects  on  the  aerodynamic  center  of  pressure  location  as 
shown  in  figure  9.  This  figure  demonstrates  the  insensi tivity  of  the  configuration  to 
typical  hypersonic  data  at  Mach  8  for  high  angle  of  attack  flight  as  well  as  the  presence 
of  real  gas  phenomena  in  that  could  not  be  modelled  with  existing  ground  test  facilities. 
The  Shuttle  was  a  pressure  dominated  vehicle  that  could  be  evaluated  using  typical 
hypersonic  test  facilities  having  a  hypersonic  Mach  number;  Mach  8  for  instance. 

This  figure  is  particular  to  THAT  SPACE  SHUTTLE.  Even  so,  the  figure  indicates  a 
sensitivity  to  Mach  number  effects  as  the  Shuttle  angle  of  attack  was  reduced  to  improve 
its  aerodynamic  performance.  The  large  increment  present  in  aerodynamic  center  of 
pressure  shift  shown  in  this  figure  is  an  artifact  of  the  extreme  bluntness  of  that 
particular  configuration  and  not  a  general  feature  of  all  hypersonic  conf igurations .  It 
is  important  that  those  using  figures  such  as  this  understand  the  cause  and  effect 
relationships  that  produce  such  curves  and  do  not  attribute  such  phenomena  to  generalized 
hypersonic  conf igurations . 

Viscous  flow  effects  in  particular,  if  substantially  present  on  the  configuration,  will 
modify  the  aero thermodynami c  flow  phenomena  and  must  be  evaluated  over  a  spectrum  of  test 
conditions  covering  the  anticipated  viscous  parameters.  This  requirement  presents  a  new 
degree  of  freedom  to  the  design  engineer.  It  complicates  the  testing  process  over  and 
above  what  was  required  on  the  Rockwell  shape.  More  data  or  smarter  testing  will  be 
required  at  a  variety  of  test  points  and  not  just  at  representative  hypersonic  test 
points.  Open  to  question  are  the  need  for  new  test  facilities  to  support  these 
generalized  hypersonic  configurations  and  more  complex  analysis  techniques  to  transpose 
the  test  data  to  flight  conditions. 

Griffith  and  Mau3 .  1983,  demonstrated  that  irrespective  of  the  quality  of  experimental 
data  taken  in  ground  test  facilities.  there  is  an  l ndespens i bl e  intermediate  step 
required  to  apply  that  test  data  to  a  flight  problem.  That  step  is  an  extrapolation  step 
which  in  the  1980's  is  accomplished  through  the  use  of  computer  simulations.  The 
question  posed  is  then  ...  if  no  data  is  fully  satisfactory  and  in  any  case  computer 
simulations  are  required,  what  is  the  extent  and  quality  of  experimental  data  required  as 
the  base  with  which  to  enter  these  simulations  and  what  is  the  relationship  between  test 
complexity  and  cost  and  simulation  complexity  and  cost’ 

It  is  at  this  point  that  there  is  a  separation  of  those  who  are  basically 
experimentalists  and  those  who  are  basically  numer isciats .  The  responses  received  to 
that  question  will  range  from  ...  very  little  data  to  ...  a  complete  duplication  of  the 
numerical  database.  Of  course  the  answer  that  will  be  given  by  any  individual  or  group 
will  be  colored  by  corporate  experience  with  numerics  but  let  us  try  and  develop  some 
general  strategy  to  approach  the  answer  to  that  question  which  will  generate  sufficient 
developmental  data  to  efficiently  complete  the  design.  Consider  two  premises  as 
guidelines  for  discussing  the  relationship  between  numerics  and  experimentation  in  the 
aerothermodynamic  design  of  arbitrary  hypersonic  lifting  entry  systems. 

PREMISE  1.  Experimental  data  must  be  sufficient  to  yield  accurate  trend  data  in  each 
physical  phenomena  pertinent  to  the  configuration  under  study. 

The  computer  simulations  based  on  the  Navier  Stokes  codes  have  been  presented  to  us  as 
"exact  solutions'  to  that  equation  set.  In  fact,  these  equations  are  not  exact  but 
highly  accurate  models  of  nature.  The  Navier  Stokes  equations  themselves  are  only  models 
of  physical  phenomena  although  excellent  models  within  their  domain  of  applicability. 
Both  the  process  of  developing  finite  differencing  techniques  for  these  equations  and  the 
process  of  modeling  the  physical  phenomena  which  are  described  in  principle  by  the 
aquation  set  introduce  the  concept  of  modeling  into  the  equations  and  reduce  the  argument 
that  the  approach  is  exact.  The  obvious  model  always  pointed  to  by  the  numer iscist  is  the 
infamous  TURBULENCE  MODEL  that  can  always  be  counted  on  to  explain  the  gap  between 
computation  and  expectation  but  there  are  many  more  such  models.  The  point  is  that  even 
though  the  number  may  vary  with  a  particular  formulation,  each  model  needs  to  be 
exercised  against  "data".  This  can  only  be  accomplished  in  wind  tunnel  facilities. 

PREMISE  2:  Not  all  models  can  be  exercised  in  wind  tunnels.  For  the  cases  where  this  is 
true,  the  problem  must  be  bounded  with  sensitivities  defined  and  fundamental  studies 
initiated  where  the  sens! ti vi ties  dictate. 

Wind  tunnels,  for  the  most  part,  operate  in  perfect  gas  regimes  but  flight  vehicles 
operate  in  a  general  reacting  gas  regime.  Data  taken  on  the  ground  may  never  exerciee  the 
thermodynamic,  transport  and  reaction  rate  models  implicit  in  the  codes  and  yet  these 
data  and  codes  must  be  applied. 
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Techniques  are  required  to  challenge  the  codes  wherever  possible  and,  in  addition, 
fundamental  research  activities  are  required  to  validate  and  improve  those  difficult 
models  but  at  the  base  of  it  all.  there  is  required  engineering  attention  to  the 
management  of  these  possible  error  sources  in  the  design  process. 

The  Mutual  Application  of  Experimental  Test 
Facilities  and  Numerical  Simulations 

Griffith  and  Maus ,  1903,  described  a  new  equilibrium  between  the  competing  tools  of  wind 
tunnel  experimentation  and  numerical  simulation  in  the  development  of  new  hypersonic 
configurations.  There  had  always  existed  an  understanding  that  ground  test  data  required 
some  extrapolation  technique  to  be  appropriate  to  flight  conditions  but  the  work  of 
Griffith  and  Maus  indicated  that  experimental  data  could  be  substantially  modified 
through  the  use  of  numerical  techniques  . . .  even  those  data  which  were  inadequate  in  the 
full  understanding  of  the  flight  vehicle.  More  interesting  yet,  Griffith  and  Maus 
demonstrated  that  numerical  techniques  . . .  even  those  incompletely  developed  and  only 
partially  useful  in  the  study  could  be  used  as  TOOLS  by  engineers  who  were  skilled.  It 
was  an  exciting  paper  for  what  it  said  and  what  it  implied. 

In  a  sense  the  development  of  all  hypersonic  designs  has  followed  the  general  path 
presented  by  Griffith  and  Maus.  The  Rockwell  Space  Shuttle  followed  this  developmental 
philosophy  as  shown  m  figure  10.  Being  developed  essentially  in  the  pre-computational 
age,  the  Space  Shuttle  mixed  the  analytical  closed  form  solutions  available  m  the 
literature  for  flat  plates,  cones  and  spheres  together  with  an  extensive  wind  tunnel 
program  which  defined  the  differences  between  the  elemental  closed  form  solutions  and  the 
experimental  data  on  the  actual  configuration  as  correction  factors.  It  was  the 
elementary  solutions  which  were  computed  at  flight  conditions  together  with  the 
correction  factors  which  were  assumed  equal  to  their  wind  tunnel  values  in  the  flight 
appl x  cation . 

Adams,  1975.  extended  the  fidelity  oi  the  numerical  model  by  approximating  the  lower 
surface  of  the  Shuttle  as  an  axisy.ametr ic  hyperboloid  and  evaluating  the  flowfield  about 
that  computable  shape.  See  figure  11.  Again,  this  solution  was  compared  with 
experimental  data.  This  technique  also  allowed  a  first  evaluation  of  equilibrium  real 
gas  and  reacting  gas  effects  by  reducing  the  complexity  of  the  Shuttle  forebody  to  a  more 
simple  but  representative  axisyir  etnc  shape. 

Based  on  early  developmental  work  by  Cooke.  1961  in  the  United  Kingdom,  DeJarnette.  1971, 
developed  an  axisymmetric  analogue  technique  that  transforms  the  flow  about  a  three 
dimensional  shape  into  the  corresponding  flow  about  an  axisymmetric,  conic  shape  for 
purposes  of  computation  simplicity.  This  process  is  schematically  shown  in  figure  12. 
This  technology  has  been  exploited  over  many  years  for  a  variety  of  three  dimensional 
configurations.  While  this  technique  better  models  the  flow  about  complex  shapes  than  did 
previous  techniques,  it  still  contains  much  empiricism  which  is  open  to  questions  and 
criticism. 

The  next  series  of  improvements  to  the  numerical  modeling  came  during  the  later  stages  of 
the  Shuttle  project  as  Euler  and  Navier  Stokes  based  computer  codes  were  applied  to  the 
Shuttle  and  later  to  a  series  of  other  configurations.  Griffith  and  Maus.  1903,  worked 
with  this  current  generation  of  numerical  capabilities  which  even  better  modelled  the 
exact  configuration.  Their  paper  compared  wind  tunnel  data  with  both  viscous  (Navier 
Stokes  based)  and  inviscid  (Euler  based)  flowfield  codes  which  were  applied  to  pseudo 
configurations  of  the  Space  Shuttle  thereby  overcoming  the  limitations  of  the  codes.  In  a 
real  sense  they  were  using  this  advanced  technology  as  engineering  tools  wherein  much  of 
the  skill  and  craf tsmanship  resides  with  the  user. 

Today  we  continue  thu  process  by  which  increasingly  sophisticated  numerical  models  are 
applied  together  with  wind  tunnel  data  and  we  continue  to  ask  the  basic  question  ...  what 
is  the  proper  equilibrium  between  the  two  m  the  developmental  process7 

There  is  today  a  strong  school  of  thought  that  proposes  the  numerical  approach  as  a 
numerical  wind  tunnel"  which  will  somehow  replace  the  traditional  function  of 
experimental  test  facilities  with  numerical  techniques.  This  school  believes  that  the 
only  limiting  factor  is  the  size  of  computers  available  to  us.  With  sufficiently  large 
computers,  they  argue,  we  could  produce  acceptable  numerical  simulations  of  new  vehicles. 
To  them,  the  wind  tunnel  component  in  this  new  equilibrium  is  very  small  consisting  in  an 
ocassional  "validation  check"  against  the  numerics. 

It  is  my  belief  that  both  components  are  necessary.  Both  numerics  and  experimentation 
n  eed  each  other  and  the  engineering  of  hypersonic  configurations  requires  a  healthy 
tension  between  the  two.  While  there  is  no  doubt  that  exper imentat i on  will  changa  in 
response  to  newer  numerical  techniques,  that  changa  appears  to  ba  in  the  direction  of 
more  sophisticated  testing  techniques  and  data  capabilitias  rather  than  less  testing. 
This  point  will  be  discussed  in  greater  depth  in  a  latar  section  of  these  notes. 

Numerical  Surprises  from  Experimental  Studies 

In  1075  Chapman  and  othars  wrota  an  article  "Computers  vs  Wind  Tunnels  for  Aerodynamic 
Flow  Simulations*.  Tha  premise  of  the  article  was  that  "...the  remarkable  advances  in 
computer  capability  offar  considerable  promise  for  obtaining  aerodynamic  flow  simulations 
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efficiently  from  methods  quite  independent  of  traditional  win!  tunnel  testing*.  Apart 
from  the  material  presented  in  this  article,  the  truth  is  that  the  only  'simulator*  of 
aerodynamic  flow  is  the  computer.  The  wind  tunnel  doesn't  need  to  simulate  what  is  the 
*  real  thing  * . 

There  are  two  examples  I’d  like  to  present  in  which  the  experimentation  was  extremely 
valuable  : i  illuminating  flow  features  which  were  computed.  Both  examples  are  from  the 
Soviet  literature;  the  first  is  a  computation  of  leading  edge  flows  on  a  cranked  w.ng 
configuration  and  the  second  is  an  experimental  simulation  of  axisymmetric  flow  over  an 
iaentropic  compression  surface. 

Figure  13  indicates  both  experimental  and  numerical  data  over  a  cranked  wing  shape.  This 
study,  conducted  by  Borovoy,  1903,  was  run  at  several  Mach  numbers  including  a  very  high 
Mach  number  run  at  Mach  15.5.  The  experimentation  and  numerical  computations  agreed  at 
the  lower  Mach  numbers  but  were  in  gross  disagreement  at  Mach  15.5.  The  reason  offered 
by  Borovoy  for  the  high  Mach  number  disagreement  was  the  inappropriate  forebody 
computation  which  defined  the  flow  field  impinging  on  *,he  main  wing  structure.  The 
forebody  flow  was  inappropriate  in  that  an  inviscid  computation  was  generated  which 
ignored  the  presence  of  the  rather  sizable  boundary  layer  that  grows  in  significance  with 
Mach  number.  Ignoring  the  boundary  layer  caused  the  shock  wave  to  lay  closer  to  the 
strake  portion  of  the  wing  and  this,  in  turn,  caused  the  strake/wing  interaction  to  occur 
in  the  curved  part  of  the  configuration  rather  than  further  out  on  the  wing.  As  a 
result.  the  numerical  computations  were  grossly  different  than  the  corresponding 
experimental  data. 

Figure  14  indicates  the  heat  transfer  distributions  about  an  axisymmetric,  lser.tropic 
cone  surface  tested  at  Mach  5  in  a  conventional  wind  tunnel  facility.  The  heating 
patterns  shown  are  due  to  striation  heating,  which  is  a  phenomena  reported  in  technical 
literature  over  many  years.  The  open  symbols  are  data  taken  in  a  laminar  boundary  layer 
and  the  corresponding  closed  symbols  are  data  taken  with  the  flow  tripped  turbulent.  The 
instrumentation  used  was  'thermal  indicator  coatings’.  In  this  case  -here  are  no 
corresponding  numerical  df-.ta  proven  inadequate  but  it  is  clear  that  no  similar  numerical 
studies  could  be  generated  with  existing  computers  to  demonstrate  this  phenomenon.  This 
is  an  excellent  example  of  the  limitations  of  the  numerical  techniques  with  regard  to 
modeling.  Limited  because  such  phenomena  as  this  striation  heating  is  not  modeled  in  the 
cpdes  and  limited  because  even  if  it  were,  the  frequency  of  the  oscilations  is  so  high 
that  present  day  computers  would  be  inadequate  to  represent  it  with  either  Parabolized 
Navier  Stokes  or  full  Navier  Stokes  models. 

There  is  information  to  gain  from  experimental  facilities;  information  of  value  in 
judging  the  adequacy  of  numerical  simulations.  Conversely,  numerical  simulations  using 
even  ’exact  formulations*  can  never  obtain  ‘...aerodynamic  flow  simulations  ...  from 
methods  QUITE  INDEPENDENT  of  traditional  wind  tunnels...*.  Numerical  simulations  are,  in 
all  cases,  limited  by  the  modeling  given  to  them  by  experimentation. 

Relatihg  the  ’New*  and  the  ’Old*  Hypersonics 

In  1004  Dr.  Anderson  presented  an  excellent,  provocative  review  of  ‘then*  and  ’now'  in 
hypersonics.  It  appears  that  his  paper  would  somehow  be  diminished  if  it  were  not  kept 
alive  by  stirring  discussion  and  debate.  It  is  in  this  spirit  of  lively  discussion  that 
I  would  like  to  discuss  several  aspects  of  Dr.  Anderson's  paper  as  it  applies  to  this 
subj  ect . 

Condensing  down  the  discussion  to  the  basic  point  I  wish  to  make,  it  appears  that,  in 
many  respects,  the  ‘now’  hypersonics  with  its  emphasis  on  computations  should  not  be 
construed  as  a  replacement  for  the  ‘old*  hypersonics  with  its  emphasis  on  classical 
analysis  and  wind  tunnel  experimentation.  The  new  hypersonics  is  far  more  identifyable  as 
a  more  controlled  manner  of  conducting  point  experiments  than  an  overall  approach  to 
engineering  develop  rat. 

The  weakness  of  the  o.ld  hypersonics  was  a  fundamental  inability  to  model  the  geometrical 
and  physical  complexities  of  hypersonic  flow  situations  and  to  obtain,  from  that 
modeling,  a  usable  solution.  The  corresponding  strength  of  the  old  hypersonics  was  that 
every  trend  relationship  that  we  understand  today  in  hypersonics  was  developed  there. 
The  concept  of  viscous  interaction  and  the  simplistic  parameters  that  govern  its 
variation  through  flight  (equations  9  and  14  of  Anderson's  paper),  the  thickness  of  the 
laalnar  boundary  layer  (equation  3)  and  even  the  relationship  between  compressible  and 
Incompressible  flow  through  reference  temperature  procedures  (equation  15).  The  old 
hypersonics  gave  us  the  whole  picture  even  though  not  in  clear  focus. 

Enter  the  new  hypersonics  of  the  1990's  *...  dominated  by  computational  fluid 
dynamics...*  with  capabilities  far  improved  "...  the  strength  of  the  new  hypersonics  is 
the  ability  to  tAckle  enormously  complex  hypersonic  flows...*  (ignoring  for  the  moment 
questions  regarding  accuracy  and  appropriateness  of  such  computations).  Its  corresponding 
weakness  is  the  inability  to  create  trend  relationships.  With  the  new  hypersonics  we  get 
a  potentially  crisp  focus  on  detailed  features  of  the  picture  but  we  can't  understand 
what  it  represents  in  overall  features.  Because  of  this,  the  two  developments  are  not 
related  in  a  seq  ential  manner  but  both  represent  complementary  elements  of  something 
even  more  fundamental . 
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We  have  gone  through  (and  continue  to  go  through  )  an  Infatuation  with  numerics .  We  have 
been  saturated  by  the  most  amazing  technical  results  -  one  after  the  other  -  and  just 
when  we  had  seen  it  all  ...  COLOR  GRAPHICS'1  Settles  and  movies  and  even  3-D.  Dazzling 
stuff  that  has  revolutionized  the  way  we  analyze  aerodynamic  flows..’.  That’s  both 
good  and  bad.  For  all  the  beauty  of  color  graphics  and  for  all  of  the  wealth  of 
technical  detail  in  all  the  presentations  of  CFD  how  many  times  have  you  used  it  as  if  it 
were  data’  How  do  you  know  it  is  right’  How  do  you  tell  if  it  is  right’  How  do  you 
assemble  composites  of  these  incredibly  detailed  solutions  to  present  a  meaningful  data 
trend  ’ 

We’re  starting  to  believe  these  results  without  question,  to  use  them  as  an  end  in 
themselves  and  what's  worse,  we're  training  an  age  of  engineers  who  cannot  remember  the 
old  hypersonics  which  just  happens  to  be  the  key  toward  validating  the  numerics  and 
rationally  applying  that  same  numerics  in  a  design  environment. 

This  numerics  of  the  new  hypersonics  has  destroyed  our  appreciation  of  trends  which  are 
the  cornerstone  of  the  old  hypersonics.  This  loss  of  appreciation  of  trends  is  a  loss  of 
perspective  that  not  only  threatens  the  design  of  vehicles  but,  on  an  even  more  basic 
plane,  destroys  our  ability  to  critically  evaluate  the  techniques  of  the  new  hypersonics. 

The  codes  are  NOT  an  end  m  themselves  that  should  characterize  the  ’new  hypersonics’. 
They  represent  engineering  tools;  tools  that  require  engineering  judgement  to  use  and 
critical  appraisal  to  understand.  Hypersonics  must  be  dominated  by  an  increased 
understanding  of  fluid  mechanic  reality  and  an  appreciation  of  the  difference  between 
that  reality  and  the  modeling  of  that  reality.  CFD  represents  the  framework  for  that 
modeling  study  and  experiments  represent  the  technique  for  introducing  physical  reality 
into  the  modeling  process.  Finally,  classical  analytical  theory  and  the  trend  information 
produced  by  theory  gives  us  the  direction  with  which  to  assemble  the  point  data  from 
these  numerical  solutions  in  an  efficient  and  meaningful  way  to  produce  understanding. 

I'd  like  to  take  several  items  from  Dr.  Anderson’s  paper  and  discuss  them  in  somewhat 
greater  detail  and  with  a  somewhat  different  point  of  view.  The  first  item  appears  on 
pages  8  and  9  and  states  that  ...  ’If  the  shock  layer  over  a  hypersonic  vehicle  is 
computed  from  an  accurate  viscous  flow  technique,  say  by  the  numerical  solution  of  the 
Navier-Stokes  equations,  then  viscous  interaction  effects  are  automatically  and  properly 
accounted  for  --  they  come  out  as  a  part  of  the  solution*.  Because  the  satisfaction  of 
aerc thermody nami c  requirements  for  the  development  of  hypersonic  vehicles  requires  the 
design  engineer  to  deal  with  advanced  computer  programs  including  those  based  on  the 
Navier  Stokes  model  cf  flow,  understanding  this  statement  is  extremely  important  within 
the  design  context. 

The  use  of  an  ’accurate  viscous  flow  technique  .  such  as  the  Navier  Stokes  MODEL  of  flow, 
does  not  in  itself  assure  that  the  computed  answers  derived  from  that  technique  will  be 
accurate.  All  that  is  assured  is  that  the  equation  set  which  is  the  basis  of  the 
comput ition  is  a  reasonably  good  model  of  fluid  reality;  a  model  that  must  be  critically 
questioned  in  itself.  There  are  regions  where  the  Navier  Stokes  equations  are  not 
appropriate  and.  after  all.  this  equation  set  is  an  approximation  to  the  Boltzmann 
equations.  Accurate  solutions  require  not  only  an  accurate  basis  of  the  computation  but 
also  accurate  modeling  of  the  physical  phenomena  which  are  introduced  but  not  defined  by 
that  equation  set  as  well  as  accurate  numerical  modeling  of  the  equations  which  results 
in  a  correct  computation.  In  our  limited  review  of  numerical  modeling  based  on  the  Navier 
Stokes  equation  set.  the  rule  is  not  that  acurate  solutions  result  from  an  accurate 
viscous  flow  technique  but  rather  that  inaccurate  VISCOUS  data  results  from  unwarranted 
approximations  to  accurate  equations. 

Solution  of  viscous  interaction  phenomena  brings  into  question  the  applicability  of  the 
basic  -rfiation  set.  the  Navier  Stokes  equations  in  this  example.  There  are  certainly 
regions  of  viscous  intii^.'tion  for  which  the  Navier-Stokes  equations  do  not  apply.  Figure 
7  from  Anderson  defincr  the  limit  of  applicability  of  the  Navier-Stokes  equation  set  in 
terms  of  Knudsen  Number  and  state  that  above  that  limit  *...  conservation  equations  do 
not  form  a  closed  set.  .  . 

The  use  of  the  Navier-Stokes  equations  certainly  does  AUTOMATICALLY  account  for  viscous 
interaction  effects;  that  is,  the  solution  computes  a  boundary  layer  ...  BUT  ...  there  is 
no  guarantee  that  the  viscous  interaction  effects  are  PROPERLY  accounted  for  in  the 
solution.  The  computer  solution  of  the  Navier-Stokes  equations  deals  with  the  numerical 
solution  of  differential  equations  on  a  computer  and  discretizes  the  equations 
introducing  approximations  with  regard  to  that  process.  To  be  properly  accounted  for.  the 
solution  grid  must  be  sufficiently  dense  and  properly  conform  to  the  geometry  under 
analysis.  Neither  of  these  practical  elements  are  automatically  accounted  for  in  the 
solution  of  the  equations.  In  fact,  it  is  all  too  easy  to  prove  that  rather  routine 
changes  to  the  computational  details  will  alter  the  computat - onal  answer.  The  mundane 
problems  with  the  viscous  computations  by  both  Shang  and  Candler  for  the  X-24C 
configuration  are  further  proof  of  this  fact  as  shown  in  figures  15  and  16. 

The  approximations  introduced  by  the  numerical  gndding  of  the  model  and  the  discretation 
of  the  equation  set  are  not  the  only  approximat <  .  ms  that  can  detract  from  the  quality  of 
the  answer.  Apart  from  the  onerous  *turbuler*e  model*  that  is  all  together  too  easy  a 
target,  thermodynamic  and  transport  phenomena  are  modeled  within  the  codes  and  these 
models  are  the  sources  of  many  errors.  Questions  to  be  answered  by  an  analyst  are  . . . 
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what  is  a  perfect  gas  ?.  ...  what  is  a  raal  gas  ?,  ...  what  aquations  ara  usad  to  modal 
tha  transport  propartias  of  viscosity,  tharmal  conductivity  and  Prandtl  number  ?  ...  how 
do  computations  for  wind  tunnel  data  differ  frou,  computations  for  flight  conditions  ? 

Anderson  goes  on  to  say  that  . . . 'Such  viscous  shock  layer  calculations  (using  tha  Navier- 
Stokas  equations)  obviate  the  need  to  do  anything  ‘special’  to  account  for  viscous 
interaction.'  While  it  is  true  that  the  computation  models  tha  entire  flow  field  about 
tha  configuration,  both  viscous  and  lnviscid,  the  something  special  that  is  required  is 
to  verify  that  the  answer  derived  is  correct.  Because  of  the  modeling  approximations 
introduced  as  just  described,  the  answer  cannot  be  assumed  to  be  correct  or  even  nearly 
correct.  Verification  requires  one  of  two  fundamentally  different  strategies  to  be 
employed.  These  are  (1)  to  use  the  wealth  of  'old  hypersonics*  information  about  flow 
fields  to  predict  the  answer  that  should  be  derived  from  the  numerics  and/or  (2)  to 
change  the  incidential  features  of  the  computation  and  observe  the  insensitivity  of  the 
resultant  answer  to  these  changes. 

In  truth,  the  use  of  numerical  solutions  based  on  the  Navier  Stokes  equations  to  derive 
aerotherraodynamic  information  is  today  more  art  than  science.  There  is  nothing  in 
engineering  that  should  be  accepted  without  critical  assessment.  Numerical  solutions  are 
not  an  exception  to  that  rule. 

A  second  area  of  discussion  that  has  an  important  impact  on  how  the  aerothermodynamic 
requirements  in  design  are  satisfied  is  to  be  found  on  page  7  of  Anderson’s  paper.  The 
quote  is  ...  'This  work  (Kutler,  1975)  constituted  the  first  detailed  flowfield 
calculations  on  the  shuttle  design.  It  had,  however,  a  major  drawback  (in  Kutler ’s  use  of 
a  PNS  approach),  namely,  that  the  calculation  would  go  unstable  wherever  a  pocket  of 
locally  subsonic  flow  was  encountered  --  once  again  the  problem  of  mixed  elliptic  and 
hyperbolic  regions.  (There  is  no  practical  way  around  this  problem  without  going  to  a 
time  dependant  method,  as  described  earlier  (The  full  Navier  Stokes  equations)).* 

This  quote  broadly  deals  with  how  limitations  in  engineering  tools  are  circumvented. 
Further,  this  statement  deals  with  the  more  basic  question  of  how  numerical  fluid  dynamic 
techniques  are  to  be  viewed  in  an  engineering  context.  A  discussion  of  this  statement  is 
vital  to  understand  the  different  paths  of  effort  that  result  from  different  views  of  how 
to  circumvent  a  limitation  ...  in  this  case  a  fundamental  limitation  of  the  Parabolized 
Navier  Stokes  approximations  to  the  Navier  Stokes  equations. 

It  is  not  strictly  true  that  the  solution  goes  unstable  whenever  a  pocket  of  locally 
subsonic  flow  is  encountered.  The  PNS  approach  computes  through  pockets  of  subsonic 
flow.  Each  delta  wing  leading  edge  is  a  pocket  of  locally  subsonic  flow.  The  expansion 
surface  at  angle  of  attack  may  be  subsonic  in  the  crossflow  direction.  The  PNS  approach 
'bombs*  (goes  unstable)  when  a  subsonic  region  of  flow  is  encountered  in  the  direction 
of  computation;  not  in  another  orientation.  Thus,  the  leading  edge  region  of  the  Rockwell 
Space  Shuttle  would  create  such  a  region  to  the  computation.  Figure  17  from  Kutler 
indicates  that  region  on  the  leading  edge  to  be  a  region  of  'embedded  subsonic  flow*. 
This  flow  is  subsonic  because  the  sweep  of  the  wing  ,  being  45  degrees,  produces  an  Edney 
type  V  interaction.  The  wing  sweep  is  not  sufficient  to  produce  a  type  VI  interaction 
(after  Edney) . 

There  are  two  distinctly  different  techniques  to  circumvent  this  problem.  The  first  was 
discussed  by  Anderson  ,  to  use  a  time  dependent  method  (the  full  Navier  Stokes  equation 
set).  The  second  was  practiced  by  Griffith  and  Maus  at  AEDC  and  before  them  by  Hamilton 
at  NASA  Langley;  to  modify  the  geometry  such  that  no  subsonic  pocket  is  present  on  the 
leading  edge  of  the  wing.  Figure  18  demonstrates  the  changes  that  were  made.  They 
include  increasing  the  sweep  angle  from  45  to  55  degrees  and  filling  in  the  upper  surface 
of  the  configuration  to  allow  a  computation.  This  second  solution  strategy  is,  in  my 
view,  an  engineering  approach  in  that  the  PNS  computation  is  used  as  a  tool  to  gain 
insight  into  a  problem.  In  this  type  of  an  application,  the  skill  of  the  user  is  as 
important  as  the  quality  of  the  instrument.  The  alternative  suggested  by  Anderson,  the 
use  of  a  time  dependent  method,  is  a  science  solution;  a  new  approach  in  which 
compuations  are  not  thought  of  as  tools  but  as  full  simulations  of  the  configuration 
under  analysis.  The  choice  to  accept  one  or  the  other  of  these  views  of  numerics  in 
satisfaction  of  aerothermodynamic  requirements  for  analysis  opens  fundamentally  different 
paths  of  action  to  the  person  and  organization  making  that  choice. 

The  Reference  Temperature  Technique, 
a  Blending  of  the  old  and  new  Hypersonics 

White,  1974,  devoted  a  section  of  his  book  to  the  reference  temperature  concept.  This 
concept  allows  for  an  extension  of  the  classical  incompressible  boundary  layer  theory  to 
the  compressible  case.  What  seems  to  be  a  simple  and  reasrnable  concept  today  was  the 
subject  of  many  papers  in  the  early  1950’s. 

Having  experimental  data  and  defined  relationships  for  skin  friction  available  at 
incompressible  conditions,  the  practical  question  was  how  these  low  speed  concepts  could 
be  extended  to  flows  at  compressible  conditions  with  heat  transfer.  The  mechanism 
suggested  was  a  reference  temperature  defined  at  some  point  in  the  vehicle  boundary 
layer.  The  trick  was  to  correctly  define  that  reference  location,  von  Karman  suggested 
that  the  reference  temperature  should  be  equal  to  the  wall  temperature  and  Tucker 
suggested  it  should  be  some  arithmetic  mean  of  the  wall  and  freestreaa  temperature. 
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Several  empirical  estimat as  of  the  reference  tamparatura  wara  given  by  various  authors, 
among  them  Eckert.  Refinement  of  thaae  estimates  produced  a  form  of  the  relation  that  was 
airailar  and  roughly  equivalent.  Only  years  later  did  Dorrance  demonstrate  that  these 
empirical  expressions  had  a  theoretical  basis.  What  makes  this  process  a  blending  of  the 
old  and  new  hypersonics  is  the  fact  that  this  development  occurred  in  the  1950’s  which  is 
considered  to  be  in  the  classical  period  of  the  old  hypersonics  and  yet  the  data  used  in 
the  empirical  development  was  not  wind  tunnel  data  but  results  from  primitive  CFD 
techniques  of  the  new  hypersonics. 

Computational  Fluid  Dynamics  in  Design 

The  buzz  word  today  is  CFD  and  there  are  large  efforts  being  taken  to  employ  CFD  in  the 
design  arena.  The  question  is  really,  .. .  use  CFD  to  do  what’  Two  schools  of  though 
exist  on  the  application  of  CFD  technology.  One  is  directed  toward  the  use  of  CFD 
techniques  as  direct  simulators  to  replace  wind  tunnels.  Their  view  is  that,  given  a 
large  enough  computer,  CFD  can  correctly  compute  an  entire  configuration  at  arbitrary 
flight  conditions  generating,  essentially  a  numerical  wind  tunnel  result.  The  second 
school  of  thought  is  that  CFD  codes  are  engineering  tools  in  which  the  skill  of  the  user 
is  important  and  the  quality  of  the  ultimate  answer  requires  intervention  and  creativity 
of  the  user. 

The  development  of  CFD  has  progressed  from  an  initial  stage  in  which  the  "mechanical* 
problems  of  generating  ANY  numerical  solutions  have  been  solved  and  into  the  second  stage 
where  the  quality  of  the  computed  results  need  to  be  critically  evaluated.  This  is  the 
"validation"  phase  and  the  general  view  is  that  experimental  data  are  required  to 
"validate"  numerical  solutions.  Computations  today  are  highly  tied  to  experimental  data 
...  a  far  cry  from  using  wind  tunnels  to  store  numerical  output.  While  validation  is 
certainly  required  and  while  wind  tunnels  will  certainly  play  an  important  part  in  that 
process  ,  it  is  not  sufficient  to  perform  validation  by  matching  experimental  wind  tunnel 
data  with  numerical  computations.  This  point  will  be  discussed  shortly  in  greater 
detail . 

In  the  computations  which  are  made  and  reported  in  the  literature  today,  pressure  data 
can  be  generated  with  some  accuracy  while  viscous  parameters  of  heat  transfer  and  skin 
friction  can  be  generated  only  with  difficulty  and  questionable  accuracy.  Accurate 
solutions  are  generated  on  relatively  simple  configurations  where  the  flow  field  is 
lmplicitely  understood  by  years  of  experience  and  closed  form  solutions.  Surface 
geometry  packages  and  the  flow  field  gridding  to  efficiently  attack  complex  problems  are 
becoming  available.  In  the  continuum  regime,  CFD  has  two  branches:  the  Parabolized  Navier 
Stokes  approach  (PNS)  and  the  full  Navier  Stokes  computations  (NS). 

The  PNS  approach  generates  solutions  in  minutes  on  present  day  computers  while  the  full 
NS  approach  requires  hours  to  accomplish  the  that  task  and  employs  a  larger  scale  of 
computer  in  the  process.  This  situation  is  changing  but  all  the  projected  improvements 
will  benefit  both  the  PNS  and  NS  approaches  equally.  The  PNS  techniques  involve  more 
modeling  and  thus  more  potential  sources  of  error  in  the  solutions.  The  full  Navier 
Stokes  approaches  are  somewhat  freer  of  such  modeling  assumptions.  The  PNS  solutions  are 
more  restrictive  in  application,  being  defeated  by  streamwise  separation  or  embedded 
subsonic  flow  as  in  the  case  of  the  Shuttle  leading  edge,  while  the  full  Navier  Stokes 
approach  is  more  general  in  applicability. 

A  key  issue  in  selecting  either  approach  is  engineering  readiness  for  design 
applications.  The  PNS  approach  has  a  current  and  near  term  design  capability.  This  is 
primarily  due  to  the  ability  of  the  PNS  solutions  to  return  a  solution  in  minutes 
allowing  the  engineer  to  empirically  try  different  techniques  and  to  arrive  at  a 
"correct"  solution  through  a  strategy  of  demonstrating  the  insensitivity  of  solutions  to 
incidential  computational  parameters.  This  has  allowed  the  PN3* approach  to  produce 
engineering  data  whereas  the  corresponding  full  Navier  Stokes  approaches  have  still 
produced  limited  results.  Figures  15  and  16  indicate  several  solutions  compared  with 
experimental  data  for  the  X-24C  configuration.  Only  the  PNS  approach,  at  present,  has 
been  demonstrated  to  reproduce  accurately  the  viscous  effects  observed  on  the  X24-C 
through  surface  heat  transfer  measurements.  The  full  Navier  Stokes  approach  is  still 
substant ial ly  in  error  in  comparison  with  data. 

There  are  two  ways  in  which  we  can  use  CFD  technology  as  exemplified  by  the  level  of  PNS 
computations  today.  One  way  is  to  evaluate  the  entire  flowfield  over  a  somewhat 
idealized  flight  configuration;  an  approach  described  by  Griffith  and  Maus .  The  second 
way  is  to  build  on  our  confidence  with  the  solutions  to  simplified  configurations  in 
order  to  generate  new  insights  into  three  dimensional  flowfields. 

There  are  understandings  of  flow  that  we  can  simulate  with  CFD  techniques  that  we  cannot 
generate  experimentally.  These  understandings  are  important  in  our  overall  view  of 
configuration  development.  Three  examples  of  these  understandings  from  our  experience 
are  (1)  in  depth  understanding  of  shock  interference  phenomena  wherein  both  cause  and 
effect  numerical  results  can  be  generated.  The  specific  case  to  be  discussed  will  be  the 
aerodynamic  heating  to  deflected  control  surfaces.  (2)  improvement  of  extrapolation 
processes  by  numerically  understanding  the  variation  of  a  parameter,  the  recovery  factor, 
that  cannot  be  experimentally  measured  and  that  is  ASSUMED  to  be  nearly  a  constant.  (3) 
the  enrichment  of  rapid  design  techniques  through  introduction  of  correlations  from 
numerically  generated  ‘data*  much  as  exper imetal ly  generated  data  was  used  years  ago. 


V«4ra  ago  simplified  techniques  war#  developed  directly  from  flat  plata  theory  in  which 
the  heat  transfer  rise  within  a  shock  interef erence  region  was  related  to  the  pressure 
rise  in  that  region  to  some  power.  That  development  is  shown  in  figure  10.  From  this 
very  simple  theory,  the  heat  transfer  ratio  (after  to  before  the  shock)  was  defined 
through  an  exponent  on  the  corresponding  pressure  ratio.  From  the  simplified  theory,  this 
exponent  was  0.5  for  laminar  flow  and  0.8  for  turbulent  flow.  Many  other  exponents  were 
also  empirically  postulated  but  most  of  these  were  found  to  be  the  result  of  boundary 
layer  transition  within  the  shock  interaction  region.  Such  boundary  layer  transition  has 
been  the  bain  of  the  experimentalist  due  to  the  ease  with  which  the  process  of  shock 
interaction  causes  boundary  layer  transition  but  these  experimental  difficulties  are  of 
no  consequence  to  the  numeriscist  who  'ordains*  the  state  of  the  boundary  layer  under 
analysis . 

Experimentally,  once  the  question  of  boundary  layer  state  was  resolved,  it  was  found  that 
the  turbulent  data  matched  the  theoretical  model  closely  but  that  the  laminar  model  was 
far  from  the  experimental  data.  The  experiment  was  run  several  times  with  the  same 
result.  An  empirical  exponent  of  0.7  was  observed  from  the  data  and  used  to  replace  the 
theoretical  constant  of  0.5  but  the  experimental  data  scattered  poorly  about  that 
exponent  as  shown  in  figure  20. 

With  recent  interest  in  numerically  computing  standard  example  cases,  a  substantial 
numerical  effort  has  been  completed  to  assure  that  the  computations  on  these  example 
cases  are  free  of  numerical  errors.  See  Neumann  and  Patterson,  1988.  As  a  result  of  this 
numerical  study,  the  exponent  for  shock  interaction  regions  was  numerically  computed 
together  with  the  Reynolds  analogy  factor,  RAF,  for  both  laminar  and  turbulent 
interactions  in  a  perfect  gas,  Mach  20  flow.  The  results  are  shown  in  figure  21  and 
indicate  that  in  a  laminar  boundary  layer  interaction  the  Reynolds  analogy  factor  differs 
substantially  from  the  undisturbed  value  ahead  of  the  interaction  process  while  for  a 
turbulent  interaction  the  difference  is  far  less.  This  numerical  insight  goes  far  to 
explain  the  experimental  observations  of  the  pressure  and  heating  rate.  The  fact  is  that 
the  flat  plate  theory  applied  made  an  incorrect  simplifying  assumption  that  was  not 
justified  by  the  numerical  result  or  reflected  in  the  experimental  data.  The  numerics 
demonstrate  additional  insight  into  the  interaction  process.  The  challenge  is  and  will 
be  to  take  advantage  of  that  additional  insight  to  formulate  new  design  methods  that  more 
closely  model  the  interaction  process. 

The  recovery  factor;  the  temperature  which  will  be  achieved  at  an  insulated  wall  at 
conditions  of  zero  heat  transfer,  cannot  be  easily  measured  in  a  flow.  By  convention,  the 
recovery  factor  is  assumed  to  be  related  to  the  Prandtl  number  in  a  manner  defined  by  the 
state  of  the  boundary  layer.  These  relationships  were  defined  years  ago  through  pipe 
flow  experiments.  The  recovery  factor  is  difficult  to  measure  because  of  the  presence  of 
re-radiation  from  the  wall  of  the  model  as  the  surface  temperature  is  increased  toward 
that  for  zero  heat  transfer.  While  some  measurement  techniques  exist  to  circumvent  the 
question  of  re-radiation  from  the  surface,  they  are  expensive  to  use  and  rarely  applied. 
It  will  be  shown  later  in  my  notes  on  aerothermal  instrumentation  that  the  assumption  of 
a  constant  recovery  factor  based  on  the  state  of  the  boundary  layer  is  a  questionable 
premise  for  complex  flows  and  it  is  conjectured  that  at  least  a  part  of  the  empirical 
scatter  in  design  methods  is  due  to  this  effect.  Numerically,  the  condition  of  an 
adiabatic  wall,  that  is  a  wall  of  zero  heat  transfer,  with  no  re-radiation  is  nothing 
more  than  a  boundary  condition  in  the  computation.  It  is  therefore  possible  that 
numerical  solutions  of  this  parameter  could  be  made  that,  together  with  experimental 
data,  could  be  used  to  improve  the  overall  accuracy  of  design  approaches  both  at  the 
conditions  of  the  defining  wind  tunnel  and,  more  importantly,  at  the  flight  conditions. 

Even  in  the  era  of  rapid  and  accurate  numerical  simulations  based  on  the  Navier  Stokes 
equations  there  is  still  a  need  for  rapid  design  techniques.  These  techniques  today  are 
the  mainstay  of  preliminary  design  activities  used  to  roughly  screen  potential 
geometries.  Numerical  techniques  could  well  be  used  to  enrich  these  techniques  through 
the  introduction  of  numerically  derived  data.  Two  specific  areas  that  could  profitably  be 
addressed  are  (1)  Improving  the  sensitivity  of  these  design  methods  to  geometric 
variations  and  (2)  demonstrate  the  validated  capability  of  these  design  methods  for  data 
significantly  different  than  that  produced  in  routinely  operated  wind  tunnels. 

In  the  first,  there  is  reason  to  question  whether  the  rapid  methodology  is  indeed 
sensitive  enough  to  differentiate  among  small  variations  in  geometry  or  whether  the  rapid 
design  methodology  sees  all  geometries  as  the  same  and  is  only  sensitive  to  variations  in 
Ihe  flight  trajectory.  Numerically  derived  data  could  improve  this  design  sensitivity 
and  Improve  the  quality  of  preliminary  design  screening  of  new  configurations. 

In  the  second,  there  is  a  concern  that  design  codes  may  be  too  closely  'tuned*  to  the 
features  of  workhorse  hypersonic  facili ty(ies)  used  initially  to  develop  the  techniques. 
The  validation  of  these  techniques  for  new  shapes  in  the  same  wind  tunnels  is  scant 
consolation.  It  may  signify  only  a  high  fidelity  of  modeling  for  specific  tunnel 
conditions.  The  use  of  numerics  and  numerically  derived  data  could  present  an  alternative 
data  base  or  validating  experiment  at  conditions  far  removed  from  the  wind  tunnel  used  to 
formulate  the  initial  technique. 

All  of  these  suggestions  are  alternative  uses  of  numerics  available  with  the  current 
state  of  development  and  potentially  as  important  as  the  more  routine  use  of  numerics  to 
simulate  in  all  detail  the  flowfield  about  a  complex  flight  configuration. 
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Validation,  Tougher  than  Matching  Wind  Tunnal  Data: 

If  the  last  tan  years  hava  baan  spent  working  out  tha  numarical  dataila  of  ganarating  a 
mechanically  accurata  numarical  aolutlon,  this  dacada  ia  tha  dacada  of  validation.  How 
does  tha  numarical  aolution  compara  with  axparimantal  data? 

Tha  oora  thia  quaation  ia  aakad,  tha  more  difficult  it  bacomaa  to  anawar .  Chauaaaa ,  1087, 
propoaad  that  tha  anawar  lia  in  compariaona  of  tha  baat  axparimant  againat  numarical 
acattar  and  convaraaly  tha  baat  numaric  raault  againat  axparimantal  acattar.  Saa  figura 
22.  While  thia  la  an  approach,  quaationa  of  what  ia  acattar  and  what  la  blaa  coma  to 
mind.  Numarical  'acattar*  may,  in  fact  ba  computationa  known  to  contain  conaiatant 
numarical  arror  and  thua  not  acattar  at  all  but  biaa.  Similar  commanta  can  ba  mada  about 
tha  axparimantal  data.  In  thia  particular  axampla  caaa  it  la  known  that  part  of  tha 
‘axpar imantal  acattar*  ahown  ia,  in  fact,  inappropr iata  tranaitional  data  comparad  with 
fully  turbulant  numarical  aolutiona.  Tha  fact  ia  that  nalthar  axparimant  nor  numarlca  ara 
fraa  of  problama.  Moat  of  thaaa  problama  ara  biaa  to  tha  anawar  and  not  acattar.  A  good 
validation  axparimant  will  raquira  an  intaractlva  dialogua  batwaan  numariaciat  and 
axparimantal iat ;  nalthar  of  which,  at  praaant,  haa  an  axcaptional  undaratandlng  of  tha 
tachnology  of  tha  othar. 

In  a  racant  atudy  by  Naumann  and  Pattaraon,  1088,  avan  mora  baaic  quaationa  hava  baan 
dlacuaaad.  Tha  primary  quaation  ia  ...  ia  it  aufficiant  to  compara  numarical  haating 
rata  to  axparimantal  haating  rata  and  achiava  validation?  Working  from  a  comparison  of 
computad  raaulta  aubmittad  by  U.S.  induxrty  and  Qovarnmant  aourcaa ,  Naumann  and  Pattaraon 
hava  found  that  both  tha  modaling  of  tranaport  phanomana  (notably  tha  tharmal 
conductivity)  and  tha  modaling  of  fluid  flow  by  a  gaomatric  finite  grid  introducaa  arror 
that  muat  ba  considarad  within  the  context  of  any  validation  experiment.  Tha  results  of 
tha  atudy  by  Naumann  and  Pattaraon  ara  ahown  in  figure  23.  These  raaulta  suggest  that 
diffarencaa  of  up  to  20X  can  ba  expected  in  tha  numarical  raault  alone  baaed  on  implicit 
definitions  of  tha  tranaport  phanomana ,  tha  normality  of  tha  grid  to  tha  body  (noted  also 
by  Chauaaaa,  1087)  and  tha  rather  arbitrary  definition  of  tha  temperature  slope  at  the 
wall.  These  numarical  modeling  questions  will  require  tha  application  of  standardization 
to  many  routine  computational  sub-routinaa  (as  for  instance  tha  tranaport  phenomena)  and 
computational  definitions  (as  for  instance  tha  definition  of  how  tha  temperature  slope  at 
the  wall  ia  defined)  before  any  meaningful  validation  of  tha  computational  process  can  be 
said  to  hava  baan  completed. 


Tha  Maturing  of  Computational  Fluid  Dynamics  Products  for 
Aerothermodynamica  Applications 

As  a  final  remark  with  respect  to  computational  techniques,  let  me  spend  a  few  minutes 
discussing  tha  process  of  maturation  that  all  computer  codas  muat  progress  through.  There 
ara  just  two  problems  resulting  from  the  currant  state  of  affairs  in  numerical  fluid 
dynamics  applied  to  aerothermal  problama.  These  are: 

1.  Codas  ara  not  generally  exported  to  a  wide  cross-section  of  design  engineers  who 
ara  competent  to  understand  their  raaulta  AS  EXPERIMENTAL  DATA.  As  Stollery,  1087,  put 
it  '...They  are  sophisticated ,  demanding  and  only  available  to  a  select  minority*.  That 
minority,  in  my  view,  la  all  too  cohesive  in  their  background  and  understanding. 

2.  Wa  believe  tha  raaulta  produced  by  thaaa  codes  all  out  of  proportion  to  the 
quality  of  analysis  amployead  in  them.  As  Bradley,  1087,  put  it  * . . . wa  do  not  understand 
the  numarical  physics  that  ara  in  many  codes  that  we  use  routinely*. 

The  effort  to  produce  a  design  capable  code  from  a  research  coda  requires  is  enormous. 
The  easiest  thing  to  do  ia  for  the  developer  to  produce  limited  aolutiona  from  a  new 
product.  Tha  tough  step  la  to  export  that  code  to  a  third  party  user;  one  who  knew 
nothing  of  tha  development  procaaa,  who  would  apply  the  coda  to  new  design  problems. 
Broadly,  wa  have  found  that  the  development  of  a  'design  capable’  computer  code  requires 
at  least  three  re-fOrmulations  or  major  re-writes  of  the  code  and  a  0  to  10  year  period 
of  development  and  operational  experience  during  which  the  obvious  computing  errors  ara 
eliminated  from  tha  code.  Thia  ia  not  just  the  experience  of  those  who  would  develop 
Mavler  Stokes  based  computer  codes,  it  is  historically  the  experience  of  those  who  hava 
developed  the  Arbitrary  Body  class  of  codas  attributed  to  Gantry  and  tha  Axisymmetric 
Analogue  class  of  codes  attributed  to  DeJarnette.  Both  of  these  far  leas  exotic  computer 
codes  as  well  as  others  of  similar  capability  are  still  in  development  years  after  their 
initial  formulation. 

There  is  only  one  way  to  mature  these  complex  computer  codes.  That  way  ia  to  export  them 
to  knowledgable ,  practical  engineers  who  will  critically  challenge  their  advertised 
capabilities.  A  team  approach  is  strongly  recommended  in  code  development.  This  team 
approach  should  bring  into  dialogue  the  developers  and  users  of  the  coda.  Wa  have  used  a 
loosely  formed,  nationally  based  users  group  approach  as  a  technique  to  transition  an 
extremely  complex  program  from  concept  to  engineering  reality.  Such  a  group  magnifies 
the  abilities  of  any  single  developmental  group  in  order  to  find  and  correct  errors  in 
the  code  as  well  as  judge  the  accuracy  of  the  result. 

As  one  selecting  a  new  developmental  code,  the  need  is  to  understand  the  technology 
employed  deep  within  the  modeling  of  the  code  (just  where  the  developer  will  swear  that 
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no  modeling  exist#)  snd  to  have  an  ability  to  review  the  source  coding.  Once  in  receipt 
of  a  developmental  code,  there  is  only  one  way  to  understand  it.  READ  IT.  The  numerical 
physics  is  not  known  in  codes  routinely  used  because  engineers  tend  to  be  intimidated  by 
the  coding  and  choose  not  to  understand  it.  If  we  treat  these  codes  as*  black  boxes,  we 
must  be  willing  to  accept  whatever  results  come  from  them.  Results  that  may  bear  little 
resemblance  to  physical  reality. 

Note:  quotes  from  Stollery  and  Bradley  used  in  this  section  of  the  notes  were  taken  from 
the  discussion  section  of  AGARD  CP  428. 

Experimentation 

Those  who  would  experimentally  evaluate  the  aerodynamic  heating  of  new  configurations 
have  had  a  bad  time  in  the  past  decade  while  the  numeriscists  have  touted  their 
capability.  Experimental  data  is  tough  to  generate.  Some  measurements  supporting  the 
acquisition  of  aerodynamic  heating  data,  such  as  the  evaluation  of  static  temperature  or 
pressure,  are  nearly  impossible  to  experimentally  generate.  The  numeriscists  can  point 
to  the  fact  that  large  amounts  of  data  are  taken  at  ever  increasing  costs  as  shown  in 
figure  24  and  they  are  also  quick  to  question  the  quality  of  the  experimental  data  when 
comparisons  with  computations  are  less  than  anticipated.  In  spite  of  this, 
experimentation  is  not  only  a  valuable  adjunct  to  numerical  computation  but  the  necessary 
basis  of  the  modeling  efforts  built  into  computer  codes  as  well  as  a  preceived 
requirement  for  the  validation  of  completed  codes. 

This  being  said,  the  role  of  experimentation  in  the  next  decades  will  be  fundamentally 
different  than  it  has  been  is  the  classical  past.  A  new  equilibrium  is  being  established 
between  numerics  and  experimentation  as  competing  and  complementary  design  tools.  This 
equilibrium  point  was  earlier  discussed  in  these  notes  as  a  by-product  of  the  work  by 
Griffith  and  Maus .  Characteristics  of  this  equilibrium  point,  from  an  experimental 
perspective,  appear  to  be  as  follows.- 

1.  Increased  accuracy  will  be  demanded  in  test  point  identification  together  with  a 
reduction  in  the  number  of  calibrated  test  points  either  required  for  product  development 
or  available  in  any  given  test  facility.  Gone  will  be  the  generation  of  parametric  data. 
The  goal  will  be  the  establ ishment  of  higher  quality  representat i ve  data  which  will  be 
both  highly  accurate  and  relatively  complete.  These  data  will  increasingly  be  used  to 
validate  numerical  computations  which,  in  turn,  wij.1  perform  the  function  of  generating 
parametric  data. 

2.  New  instrumentation  will  be  installed  that,  on  the  one  hand,  will  more  completely 
characterize  the  flowfield  about  the  configuration  through  the  use  of  non-obtrus ive  teat 
techniques  and;  on  the  other  hand,  will  radically  reduce  the  com t  of  exper imentat ion . 
These  instruments  will  be  used  with  artificial  intelligence  (AI)  advances  to  control  the 
progress  of  testing. 

3.  Experimental  facilities  will  be  called  upon  to  produce  the  simulation  required  to 
stress  many  of  the  aspects  of  the  numerical  codes  through  experimental  observat ions . 
This  requirement  will  translate  into  a  series  of  rather  specialized  'phenomena*  wind 
tunnels  in  which  the  various  aspects  of  the  numerics  can  be  isolated  and  evaluated.  Real 
gas  test  facilities,  such  as  the  European  developments  HEG  (High  Enthalpy  Gottingen)  and 
74  in  France,  are  examples  of  such  facilities  as  well  as  quiet  wind  tunnels  at  NASA  in 
the  U.S..  The  key  to  these  facilities  will  be  the  emphasis  on  PHENOMENA  rather  than 
configuration  evaluation. 

Overall,  the  requirement  in  the  1900’s  with  regard  to  experimentation  will  be  to  create 
and  maintain  a  credible  tension  between  those  who  would  compute  flowfields  and  those  who 
would  experimentally  observe  flowfields  about  configurations.  Design  efficiency  would 
not  be  served  by  abandoning  either  critical  experiments  and  their  continued 
instrumentation  improvement  or  by  ignoring  the  newer  numerical  capabilities  which  are 
becoming  available  to  us. 

Instrumentation ,  An  Integral  Part  of  Experimentation 

When  numerical  flow  field  solutions  started  to  become  credible,  it  became  apparent  that 
both  the  numerical  solutions  and  the  companion  experimental  data  contained  errors. 
Examples  of  these  errors  are  to  be  found  in  recent  papers  by  Boudreau,  1987,  dealing  with 
the  expansion  process  in  the  AEDC  Hotshot  type  facility.  Tunnel  'F* ,  and  the  paper  by 
Thompson  and  Sutton,  1987,  dealing  with  design  errors  in  the  Langley  CF4  Tunnel. 
Ironically,  in  both  cases,  numerics  were  used  to  advantage  to  Improve  the  experimental 
test  capability  of  the  respective  facilities.  At  issue  here  is  the  need  to  accurately 
instrument  both  the  freestream  of  the  experimental  facility  as  an  accurate  boundary 
condition  for  the  experiment  and  the  models  themselves  in  order  to  generate  higher 
quality  test  data. 

Eoudreau,  1987,  concluded  that  '...Most  hypersonic  wind  tunnels  operating  at  or  above 
Mach  8  appear  to  suffer  a  loss  of  freestream  Mach  number  because  of  non-isentroplc 
processes  occuring  in  the  expansion  nozzles'.  He  further  concluded  that  ‘...Conventional 
methods  of  determining  freestream  Mach  number  are  insensitive  to  such  non-isentropic 
processes'...  such  that  freestream  Instrumentation  which  does  not  assume  lsentropic 
processes  and  which  is  sensitive  to  these  phenomena  are  required.  Techniques  that  monlter 
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the  static  temperature  or  density  in  ths  freestream  appear  to  ba  required  in  order  to 
assure  the  calibration  of  high  Mach  number  facilities  where  even  small  amounts  of  energy 
may  be  initially  tied  up  in  chemistry  and  subsequently  released  to  the  flow.  This  same 
instrumentation  and  more  will  be  required  for  real  gas  test  facilities;  phenomena 
tunnels,  where  the  physical  process  of  expanding  the  very  high  temperature  test  gas  will 
create  constituents  far  removed  from  ambient  flight  air  and  where  chemistry  effects  will 
be  poorly  modeled  in  the  nozzle  expansion  process  leading  to  freestream  non-uniformities 
in  both  spatial  and  temporal  dimensions. 

Admittedly,  the  paper  by  Boudreau  has  met  with  some  skepticism.  Large  scale  re¬ 
calibration  of  hypersonic  test  facilities  has  not  been  completed  although  Instrumentation 
to  accomplish  the  task  is  available  and  could  be  installed  in  these  facilities.  In  light 
of  Boudreau's  paper,  the  lack  of  such  action  is  a  calculated  risk  that,  at  least,  the 
development  engineer  must  consider  as  a  potential  source  of  error.  Such  phenomena  is 
potentially  more  serious  for  slender,  hypersonic  shapes  where  viscous  effects  dominate 
the  flow  than  for  blunt  bodies  where  Mach  number  effects  are  less  obvious. 

Model  bourne  instrumentation  and  test  techniques  will  be  discussed  in  greater  detail 
later  in  this  short  course.  Instrumentation  techniques  which  Increase  both  the  ability  to 
make  complex  measurements  and  to  make  measurements  far  more  efficiently  are  becoming 
available  from  a  variety  of  sources.  These  will  be  discussed  later.  It  does  appear  from 
several  sources  that  instrumentation  to  fully  define  the  flow  fields  about  these  shapes 
and  instrumentation  to  evaluate  both  the  very  high  frequency  unsteady  heat  transfer  as 
well  as  steady  state  levels  are  available  through  either  coax  thermocouple  designs  or 
newer  instruments  developed  for  compressor  blade  testing;  dual  film  thin  film  gages. 
Further,  it  appears  that  measurements  can  be  made  at  a  speed  up  to  100  times  as  fast  as 
just  a  decade  ago  leading  to  far  more  cost  effective  test  facilities  which  are  computer 
controlled  through  AI  techniques  to  optimize  data  return, 
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Figure  3  Typical  High  L/D  Boost  Glide  Vehicle  Design  Figure  4  Low  L/D  AOTV  Vehicle  Design 
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Figure  5  Moderate  L/D  AOTV  Vehicle  Design 


Figure  0  The  Infernal  Triangle  After  Wake 
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Figure  10  Reduction  of  the  Space  Shuttle  Geometry 
into  Classical  Geometry  Elements 


Figure  7  The  Entry  "Bucket*  for  an  Orbital 
Lifting  Entry  System 
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Figure  0  Much  end  Beal  Gee  Effect#  on  the  Center  of 
Pressure  Location  lor  the  Space  Shuttle 


Figure  12  Siapli fleet ion  of  Space  Shuttle  Fuselage 
to  Corresponding  Raley— trie  Analog 
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Figure  13  Experiaental  and  Nuaerical  Coaparison  of 
Flow  Over  Cranked  Hypersonic  Leading  Edge 
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Figure  10  Coaparison  of  Nuaerical  and  Experiaental 
Data  Over  the  Lee  Surface  of  the  X-24C 
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Figure  17  Exaaple  of  the  Difficulty  Encountered 
in  the  Coaputation  of  the  Space  Shuttle 


Figure  14  Experiaental  Heating  Data  Over  an  Isentropic 


Compression  Surface  at  Mach  5 
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Data  Over  the  Lover  Surface  of  the  X-24C 
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Figure  18  Engineering  Simplification  of  the  Space 
Shuttle  Configuration  for  Analysis 
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Figure  20  Turbulent  and  Laminar  Interaction  Correlation* 
Baaed  on  Pressure  Interaction  Theory 


Figure  IQ  Outline  of  the  Pressure  Interaction  Theory 


Figure  21  Numerical  Results  for  Reynolds  Analogy 
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Figure  22  Numerical  and  Experimental  Results 
According  to  Chaussee 
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INVISCID  AND  VISCOUS  HYPERSONIC 
AERODYNAMICS  —  A  REVIEW  OF  THE  OLD  AND  NEW 


by 

John  D.  Anderson,  Jr. 


Department  of  Aerospace  Engineering 
University  of  Maryland 
College  Park,  Maryland  20742  USA 


"Within  recent  years  the  development  of  aircraft  and  guided  missiles  has  brought 
a  number  of  new  aerodynamic  problems  into  prominence.  V4 ost  of  these  problems 
arise  because  of  extremely  high  flight  velocities,  and  are  characteristical  ly 
different  in  some  way  from  the  problems  *#iich  arise  in  supersonic  flight.  The 
term  'hypersonic'  is  used  to  distinguish  flow  fields,  phenomena,  and  problems 
appearing  at  flight  speeds  far  greater  than  the  speed  of  sound  from  their 
counterparts  appearing  at  flight  speeds  diidi  are  at  most  moderately  supersonic . 
The  appearance  of  new  characteristic  features  in  hypersonic  flow  fields 
justifies  the  use  of  a  new  term  different  from  the  well  established  term 
"supersonic.  * . " 


Wallace  D.  Hayes  and 
Ronald  F.  Probstein,  1959 


SUMMARY 


This  paper  Is  a  review  of  both  inviscld  and  viscous  hypersonic  aerodynamics.  It  is  tutorial  in 
manner,  and  is  addressed  to  students  and  workers  who  want  to  learn  the  subject,  or  need  to  review  various 
aspects  of  the  discipline.  This  paper  also  represents  a  survey  of  hypersonics,  contrasting  the  "old  with 
the  “new".  It  covers  both  classical  hypersonic  considerations  as  well  as  the  new  hypersonics,  which  is 
heavily  based  on  computational  fluid  dynami c  methods.  High  temperature  flows  are  also  considered. 

1.  INTRODUCTION 


Interest  and  activity  in  hypersonic  aerodynamics  has  exhibited  an  extreme  cyclical  behavior,  going 
from  a  period  of  intensive  development  In  the  1950's  and  early  1960’s,  to  a  period  of  extreme  inactivity 
in  the  1970's  and  early  1980's,  and  then  emerging  like  the  phoenix  to  a  status  of  even  greater  glory  in 
the  late  1980’s.  The  reasons  for  this  behavior  are  described  at  length  in  Ref.  1,  and  hence  are  not 
repeated  here.  Suffice  it  to  say  that  a  number  of  new  vehicle  concepts  h.ve  rejuvenated  a  great  deal  of 
modern  Interest  In  hypersonic  aerodynamics,  such  as  the  aero-assisted  orb  tal  transfer  vehicle  (AOTV), 
the  transatmospheri c  vehicle  (TAV)  which  is  more  recently  called  an  aerospace  plane,  new  generation  space 
shuttles,  and  low  hypersonic  (M  -  5-7)  missiles  at  sea  level  as  high  kinetic  energy  penetrator  weapons. 
Moreover,  this  interest  In  hypersonics  has  spread  world  wide,  with  substantial  activity  in  England, 
France,  Russia,  Germany,  and  Japan,  as  well  as  the  United  States.  In  some  respects,  the  present  paper  is 
a  sequel,  or  maybe  more  appropriately ,  a  "second  edition''  of  Ref.  1. 

Specifically,  the  present  paper  is  primarily  tutorial  in  nature,  and  is  addressed  to  the  non-expert 
as  well  as  the  specialist  in  the  field.  Here,  we  will  devote  great  attention  to  the  important  physical 
aspects  of  hypersonic  flow  --  particularly  those  aspects  which  are  different  from  the  lower  speed 
supersonic  regime.  Moreover,  this  paper  will  present  a  survey  of  both  inviscld  and  viscous  hypersonic 
aerodynamics,  contrasting  the  "old"  hypersonics  of  the  1950's  and  6U’s  with  the  "new"  hypersonics  of 
today.  This  survey  Is  limited  due  to  the  length  constraints  of  the  present  paper.  However,  the  reader 
can  find  a  much  more  extensive  presentation  of  both  classical  and  modern  hypersonic  aerothermodynami cs  in 
the  author's  new  book  (Ref.  2).  For  a  background  in  the  classical  aspects  of  hypersonics,  the  reader  is 
referred  to  five  major  textbooks  published  more  than  twenty-three  years  ago  (Refs.  3-7).  These  five 
borks  remained  the  only  major  texts  in  hypersonic  flow  until  this  year. 

II.  HYPERSONIC  AERODYNAMICS  —  WHAT  IS  IT? 


In  most  conventional  aerodynamic  textbooks,  hypersonic  flow  is  defined  as  flow  at  Mach  5  or  greater. 
However,  this  is  just  a  rule  of  thumb.  There  Is  no  discontinuous  change  in  behavior  when  Mach  5  is 
achieved.  In  contrast  to  the  dramatic  changes  that  occur  when  a  flow  expands  from  subsonic  to  supersonic 
flow  at  Mach  one.  Indeed,  when  a  vehicle  flying  at  Mach  4.99  is  slightly  accelerated  to  Mach  5.01,  there 
Is  no  clash  cf  thunder,  and  the  flow  does  not  change  from  green  to  red.  Therefore,  defining  hypersonic 
flow  as  flow  above  Mach  5  Is  simply  a  convenience.  This  is  reinforced  by  H.S.  Tsien,  who  coined  the  word 
"hypersonic"  in  1946  in  an  Important  paper  which  appeared  in  a  rather  obscure  journal8.  Tsien  used  the 
words  "hypersonic  flows"  in  the  title,  but  did  not  specifically  define  the  term  nor  point  special 
attention  to  the  fact  that  he  was  coining  a  new  word.  From  his  usage  of  the  word,  Tsien  clearly  Inferred 
that  a  very  high  speed  flow  was  being  treated,  at  least  high  enough  where  a  certain  similarity  principle 
held  (to  be  discussed  later).  Therefore,  the  words,  "hypersonic  flow"  appeared  In  our  technical 
vocabulary  in  a  somewhat  casual  fashion,  without  fanfare. 

More  realistically,  hypersonic  flow  is  defined  as  that  regime  of  the  high-speed  flight  spectrum  where 
certain  physical  phenomena  become  Important  that  were  not  significant  at  supersonic  speeds,  'n  the 


remainder  of  this  section,  these  phenomena  will  be  described.  Hence,  the  following  discussion  can  be 
considered  a  lengthy  definition  of  hypersonic  flow. 

Thin  Shock  Layers.  Consider  the  flow  over  a  hypersonic  vehicle.  At  high  Mach  numbers,  the  density 
increase~ao:osT“snocF  waves  supported  by  such  a  vebic'e  is  large,  and  hence  the  mass  flow  behind  the 
shock  waves  can  easily  squeeze  through  small  areas.  As  a  result,  the  distance  between  the  body  surface 
and  a  shock  wave  is  small.  The  flow  field  between  the  shock  and  body  is  defined  as  the  shock  layer,  and 
for  hypersonic  speeds,  this  shock  layer  can  be  quite  thin.  For  example,  consider  the  Ma"cR  36’ "flow  of  a 
calorically  perfect  gas  with  ratio  of  specific  heats,  ys  cp/cv  =  1.4  over  a  wedge  of  15°  half  angle. 

From  standard  oblique  shock  theory  (see  for  example  Refs,  9  and  10),  the  shock  wave  angle  will  be  only 
18°,  sketched  in  Fig.  1;  if  the  high  temperature  effects  of  a  dissociating  and  ionizing  gas  are  taken 
into  account,  the  shock  wave  will  lie  even  closer  to  the  body.  Clearly,  the  shock  layer  over  the  wedge 
is  thin.  In  turn,  the  assumptions  of  a  thin  shock  layer  allows  the  governing  flow  equations  of 
continuity,  momentum,  and  energy  to  be  somewhat  modified,  leading  to  an  analytical  approach  called  thin 
shock  layer  theory  (see  for  example  Ref.  11,  Chapter  5  of  Ref.  12,  and  Chapter  4  of  Ref.  2). 

An  even  more  striking  simplification  brought  about  by  a  thin  shock  layer  can  be  seen  in  Fig.  2,  which 
illustrates  the  streamline  directions  for  the  wedge  flow  in  Figure  1.  If  you  view  this  picture  from 
across  the  room,  it  will  appear  as  if  the  freestream  streamlines  are  not  deflected  until  the  flow  almost 
directly  impinges  on  the  surface,  and  thereafter  the  flow  streamlines  are  very  "bunched  up"  and  move  in  a 
thin  layer  tangent  to  the  surface.  This  picture  is  very  similar  to  the  flow  model  used  by  Issac  Newton 
in  his  Principla  of  1687,  wherein  he  assumed  that  a  fluid  flow  was  a  rectilinear  stream  of  particles. 
Newton  assumed  that,  upon  striking  a  surface  inclined  at  an  angle  e  to  the  flow,  the  particles  would 
transfer  all  their  normal  momentum  to  the  surface,  but  that  their  tangential  momentum  would  be  preserved. 
This  flow  model  leads  to  an  expression  for  pressure  coefficient,  Cp,  along  the  surface  as 

Cp  =  2  Slnj9  (1) 

--  Newton's  famous  sine-squared  law.  (For  simple  derivations  of  Eq.  (1),  see  Refs.  2,  9  and  10). 

Equation  (1)  was  used  through  the  ensuing  centuries  for  such  applications  as  drag  predictions  on  ship 
hulls,  and  lift/drag  characteristics  of  heavier-than-air  flying  machines.  All  such  applications  were  not 
very  successful  because  the  Newtonian  flow  model  was  totally  inaccurate  for  low-speed  flows.  It  was  not 
until  the  mid-20th  century  that  Newtonian  flow  finally  found  a  reasonably  plausible  application  --  to 
hypersonic  flow.  Looking  at  Fig.  2  from  afar,  we  see  a  flow  field  that  resembles  a  rectilinear  stream 
of  particles  striking  a  surface,  an-i  then  afterwards  running  parallel  to  the  surface.  Indeed,  Eq.  (1) 
does  a  reasonable  job  In  predicting  the  pressure  distribution  over  some  surfaces  in  hypersonic  flow.  A 
modified  formula  due  to  Lester  Lees  at  the  California  Institute  of  Technology  In  1955  does  even  better. 
This  "modified  Newtonian"  result  is 

Cp  -  C  sm*6  (2) 

K  Hmax 

where  Cpmax  Is  the  maximum  pressure  coefficient  behind  a  normal  shock  at  the  freestream  Mach  number. 

With  use  of  equations  (1)  and  (2)  for  hypersonic  flow,  Newtonian  theory  had  finally  come  into  its  own. 

Entropy  Layer.  Consider  the  wedge  shown  In  Figs.  1  and  2,  however  this  time  with  a  blunt  nose,  as 
sketched  in  Fig.  i.  At  hypersonic  Mach  numbers,  the  shock  layer  over  the  blunt  nose  fs  also  very  thin, 
with  a  small  shock -detachment  distance,  d.  In  the  nose  region,  the  shock  wave  is  highly  curved,  leading 
to  extreme  gradients  of  entropy  in  the  blunt  body  shock  layer.  This  "entropy  layer"  flows  downstream, 
and  essentially  wets  the  body  for  large  distances  from  the  nose,  as  shown  In  Fig.  3.  This  entropy  lever 
causes  analytical  problems  when  we  wish  to  perform  a  standard  boundary  layer  calculation  on  the  surfa*--, 
because  there  is  a  question  as  to  what  the  proper  edge  conditions  should  be  for  the  boundary  layer. 
Somehow,  the  boundary  layer  must  be  allowed  to  "swallow"  the  entropy  layer,  as  sketched  in  the  insert 
shown  In  Fig.  3. 

Visrpus  Interaction.  Consider  a  boundary  layer  on  a  flat  plate  in  a  hypersonic  flow,  as  sketched  in 
Fig.  4.  A  high-velocfty,  hypersonic  flow  contains  a  large  amount  of  kinetic  energy  which  is  partly 
dissipated  within  the  boundary  layer,  causing  large  temperature  Increases  as  Indicated  in  Fig.  4.  In 
turn,  the  viscosity  coefficient  within  the  boundary  layer  is  increased,  and  the  density  Is  greatly 
decreased.  This  causes  the  boundary  layer  thickness  to  grow  more  rapidly.  Indeed,  the  flat  plate 
compressible  laminar  boundary  layer  thickness  grows  essentially  as 

//HeJ  (2a) 

where  Is  the  freestream  Mach  number,  and  Rex  is  the  local  Reynolds  number.  Clearly,  since  from  Eq. 
(2a)  we  see  that  6  varies  as  the  square  of  1,  «  can  become  inordinately  large  at  hypersonic  speeds. 

The  thick  boundary  layers  in  hypersonic  flow  cause  problems  In  a  standard  boundary  layer  analysis, 
where  the  edge  conditions  for  the  boundary  layer  are  obtained  from  an  Inviscid  flow  analysis.  Due  to  the 
extreme  thickness  of  the  boundary  layer,  a  major  interaction  occurs  between  it  and  the  outer  Inviscid 
flow  --  giving  rise  to  the  viscous  interaction  phenomena.  This  viscous  Interaction  can  cause  some 
first-order  effects  on  the  surface  pressure  distribution,  hence  lift,  dr<jb  and  stability  on  hypersonic 
vehicles.  For  example,  Fig.  5  Illustrates  the  viscous  interaction  on  a  sharp,  right  circular  cone  at 
zero  degrees  of  angle  of  attack.  Here,  the  pressure  on  the  cone  surface,  p.  Is  given  as  a  function  of 
distance  from  the  tip.  These  are  experimental  results  obtained  from  Ref,  13.  If  there  were  no  viscous 
Interaction,  the  surface  pressure  would  be  constant,  equal  to  pc.  However,  due  to  the  viscous 
Interaction,  the  pressure  near  the  nose  Is  considerably  greater;  the  surface  pressure  distribution  decays 
further  downstream,  ultimately  approaching  the  inviscid  value  far  downstream. 

The  boundary  layer  on  a  hypersonic  vehicle  can  become  so  thick  that  It  essentially  merges  with  the 
shock  wave  --  a  merged  shock  layer.  When  this  happens,  the  shock  layer  must  be  treated  as  fully  viscous. 
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and  the  conventional  boundary  layer  analysis  must  be  completely  abandoned. 

High  Temperature  Flows.  The  fact  that  hypersonic  flow  can  involve  high  temperatures  has  already  been 
d i s cussecTTn  con j unction  With  Fig.  4.  However,  this  just  scratches  the  surface  of  the  subject.  Clearly, 
the  extreme  viscous  dissipation  within  hypersonic  boundary  layers  can  create  high  temperatures,  leading 
to  vibrational  excitation,  dissociation,  and  ionization  of  the  gas.  If  the  surface  of  the  vehicle  Is 
protected  by  an  ablative  heat  shield,  then  products  of  ablation  are  also  present  in  the  boundary  layer, 
giving  rise  to  some  rather  complex  hydrocarbon  chemical  reactions.  In  both  accounts,  we  see  that  the 
surface  of  a  hypersonic  vehicle  can  be  wetted  by  a  chemically  reacting  boundary  layer. 

The  boundary  layer  is  not  the  only  region  of  high  temperature  flow  over  a  hypersonic  vehicle. 

Consider  the  nose  region  of  a  blunt  body,  as  sketched  in  Fig.  6a.  The  bow  shock  wave  is  normal,  or 
nearly  normal,  in  the  nose  region,  and  the  gas  temperatures  behind  this  strong  shock  can  be  enormous  at 
hypersonic  speeds.  For  example.  Fig.  6b  is  a  plot  of  temperature  behind  a  normal  shock  wave  as  a 
function  of  freestream  velocity,  for  a  vehicle  flying  at  a  standard  altitude  of  52  km;  this  figure  is 
taken  from  Ref.  10.  Two  curves  are  shown:  (1)  the  upper  curve  which  assumes  a  calorically  perfect 
nonreacting  gas  with  y  *  1.4,  and  which  gives  an  unrealistically  high  value  of  temperature;  and  (2)  the 
lower  curve  which  assumes  an  equilibrium  chemically  reacting  gas,  and  which  is  usually  closer  to  the 
actual  situation.  This  figure  Illustrates  two  important  points:  (1)  by  any  account,  the  temperature  in 
the  nose  region  of  a  hypersonic  vehicle  can  be  extremely  high,  for  example  reaching  approximately  11,000° 
K  at  a  Mach  number  of  36  (Apollo  re-entry),  and  (2)  the  proper  inclusion  of  chemically  reacting  effects 
is  vital  to  the  calculation  of  an  accurate  shock  layer  temperature.  So  we  see  that,  for  a  hypersonic 
flow,  not  only  can  the  boundary  layer  be  chemically  reacting,  but  the  entire  shock  layer  can  be  dominated 
by  chemically  reacting  flow. 

High  temperature  chemically  reacting  flows  can  have  an  Influence  on  lift,  drag,  and  moments  on  a 
hypersonic  vehicle.  For  example,  such  effects  have  been  found  to  be  very  important  for  estimating  the 
body  flap  deflection  necessary  to  trim  the  space  Shuttle  during  high-speed  re-entry.  However,  by  far  the 
most  dominant  aspect  of  high  temperatures  in  hypersonlcs  Is  the  resultant  high  heat  transfer  rate  to  the 
surface.  Aerodynamic  heating  dominates  the  design  of  all  hypersonic  machinery,  whether  it  be  a  flight 
vehicle,  a  ramjet  engine  to  power  such  a  vehicle,  or  a  wind  tunnel  to  test  the  vehicle.  This  aerodynamic 
heating  takes  the  form  of  heat  transfer  from  the  hot  boundary  layer  to  the  cooler  surface  --  called 
convective  heating,  and  denoted  by  q<-  in  Fig.  6a.  Moreover,  if  the  shock  layer  temperature  is  high 
enough,  the  thermal  radiation  emitted  by  the  gas  Itself  can  become  Important,  giving  rise  to  a  radiative 
flux  to  the  surface  --  called  radiative  heating,  and  denoted  by  qp  In  Fig.  6a.  For  example,  for  Apollo 
re-entry,  radiative  heat  transfer  was  more  than  30*  of  the  total  heating.  For  the  forthcoming  Galileo 
probe  for  Jovian  entry,  radiative  heating  will  be  more  than  95*  of  the  total  heating. 

Low  Density  flows.  All  of  the  above  discussion  assumes  that  the  flow  is  a  continuum.  However,  there 
are  certain  hypersonic  applications  which  involve  densities  low  enough  such  that  the  continuum 
assummption  breaks  down.  For  Instance,  as  noted  in  Ref.  14  the  flow  In  the  nose  region  of  the  space 
shuttle  cannot  be  properly  treated  by  purely  continuum  assumptions  for  altitudes  above  92  km  (about 
300,00  ft).  As  the  altitude  increases  above  this  value,  the  normal  viscous  flow  no-slip  assumptions  at 
the  wall  of  (1)  zero  velocity,  (2)  gas  temperature  equals  the  wall  temperature,  begin  to  fail.  They  are 
replaced  by  slip  effects,  in  which  a  velocity  and  temperature  jump  at  the  wall  must  be  assumed.  Finally, 
when  the  air  density  becomes  rarefied  enough,  the  mean  distance  a  molecule  moves  between  collisions,  (the 
molecular  mean  free  path,  x)  can  become  as  large  as  the  scale  of  the  body  itself.  This  is  the  regime  of 
free  molecule  flow,  where  the  aerodynamic  characteristi cs  of  the  vehicle  are  determined  by  individual, 
scattered  moTecular  Impacts,  and  must  be  analyzed  on  the  basis  of  kinetic  theory.  For  the  space  shuttle, 
the  free  molecular  regime  begins  above  150  km  (500,000  ft).  Therefore,  we  can  visualize  that  a 
hypersonic  vehicle  moving  from  a  very  rarefied  atmosphere  to  a  denser  atmosphere  will  shift  from  the  free 
molecular  regime,  where  individual  molecular  impacts  are  important,  to  the  transition  regime  where  slip 
effects  are  important,  and  then  to  the  continuum  regime.  The  similarity  parameter  that  governs  these 
different  regimes  is  the  Knudsen  number,  defined  as  Kn  =  x/L,  where  L  Is  a  characteristic  scale  of  the 
body.  The  values  of  Kn  In  the  different  regimes  are  Illustrated  In  Figure  7,  taken  from  Refs.  14  and  15. 
Note  that  the  regions  where  the  continuum  Navler-Stokes  equations  hold  are  described  by  Kn  <  0.2. 

However,  Moss  and  Bird11*  state  that  slip  effects  must  be  included  in  the  Navier-Stokes  equations  when  Kn 
>  0.03.  Free  molecular  flow  begins  around  a  value  of  Kn  *  1.0.  Hence,  the  transitional  regime  is 
essentially  contained  within  0.03  <  Kn  <  1.0. 


Low  density  effects  on  shock  layer  structure  are  illustrated  in  Fig.  B,  taken  from  the  work  of  Moss 
and  Bird114.  Here  we  see  the  temperature  distribution  along  the  stagnation  streamline  for  the  space 
shuttle  nose  at  an  altitude  of  92.35  km  (about  305,000  ft).  (Note  that  x  =  1  ft  at  342,000  ft,  and  the 
nose  radius  of  the  space  shuttle  is  about  1  ft;  hence,  we  would  expect  to  see  major  low  density  effects 
for  the  conditions  of  the  case  shown  in  Fig.  8.)  In  Fig.  8,  n  is  the  distance  measured  upstream  of  the 
nose  of  the  space  shuttle;  n  =  0  is  the  body  surface.  The  solid  curve  in  Fig.  8  pertains  to  a 
calculation  assuming  continuum  flow,  namely  using  the  viscous  shock  layer  (VSL)  technique  (to  be 
described  later).  The  solid  cur.a  s!,jw»  that  T  Increases  In  the  direction  away  from  the  nose,  going  from 
the  relatively  cool  surface  to  the  hot  region  behind  the  bow  shock  wave.  The  solid  curve  ends  near  n  a 
0.1,  signifying  the  presence  and  location  of  a  discontinuous,  infinitely  thin  shock  wave  as  appropriate 
to  a  continuum  picture.  In  contrast,  the  open  circles  show  the  results  of  a  calculation  using  the 
directed  simulation  Monte  Carlo  (0SMC)  method,  which  takes  into  account  the  low  density  aspect  of  the 
gas.  Note  that  the  DSMC  results  show  a  continuous  variation  of  T  which  reaches  far  upstream  of  the  body. 
There  is  no  discontinuous  shock  wave;  rather,  the  "shock"  Is  greatly  smeared  out  over  a  large  region  In 
front  of  the  body. 


Low  density  flows  are  not  an  inherent  part  of  the  definition  of  hypersonic  flow,  and  therefore  this 
discussion  is  not  legitimately  part  of  the  definition  of  hypersonic  flow.  However,  hypersonic  vehicles 
frequently  fly  at  very  high  altitudes,  and  therefore  will  encounter  low  density  conditions.  Hence,  the 
design  and  analysis  of  hypersonic  vehicles  will  sometimes  require  the  consideration  of  low  density  flow. 
Wc  mention  this  phenomena  here  only  to  round  out  the  physical  aspects  that  can  occur  at  hypersonic 
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flight  conditions.  From  this  point  on  In  the  present  paper,  we  will  deal  with  continuum  flow  only. 
Summary 

In  this  section,  we  have  presented  a  rather  lengthy  definition  of  hypersonic  flow.  However,  such  a 
discussion  is  necessary,  because  once  again  we  repeat  that  hypersonic  flow  is  that  portion  of  the  high 
Mach  number  regime  where  certain  physical  phenomena  become  important,  namely  the  phenomena  discussed 
above,  where  these  phenomena  are  not  particularly  important  at  lower  supersonic  speeds, 

III.  ORGANIZATION  OF  THIS  PAPER 


The  purpose  of  this  paper  is  to  provide  a  survey  of  inviscld  and  viscous  hypersonic  flow.  If  this 
paper  were  being  written  20  years  ago,  a  certain  bulk  of  material  would  be  discussed  which  today  Is 
considered  to  be  "classical"  hypersonlcs.  In  the  present  paper,  we  will  spend  some  time  and  effort  to 
discuss  this  classical  material,  and  we  will  label  It  simply  the  "old"  hypersonics,  as  embodied  in 
Refs.  3-7.  To  modern  researchers  in  hypersonic  flow,  the  "old"  hypersonics  is  necessary  knowledge, 
because  It  explains  In  fundamental  terms  some  of  the  important  results  and  consequences  of  hypersonic 
flight.  However,  since  this  paper  Is  being  written  in  1988,  we  have  a  bulk  of  modern  work  in  hypersonics 
to  examine  —  this  modern  work  will  be  labeled  the  "new"  hypersonics.  To  review  the  new  hypersonics  is 
also  a  major  purpose  of  the  present  paper.  Therefore,  the  organization  of  this  paper  is  straightforward. 
We  will  first  consider  purely  inviscld  flow,  discussing  in  sequence  the  old  and  the  new  hypersonics,  and 
then  we  will  consider  viscous  flow,  again  discussing  the  old  and  the  new. 

The  reader  will  soon  appreciate  that  the  "new”  hypersonics  is  dominated  by  two  aspects:  (1)  the 
powerful  Impact  of  computational  fluid  dynami cs ,  (2)  the  fact  that  manned  hypersonic  flight  vehicles  are 
now  a  reality,  e.g.,  'Apollo  in  1969  and  lasting  into  the  early  1970’s,  and  the  space- shuttle,  these 
flight  vehicles  consumed  a  great  deal  of  hypersonic  aerodynamic  resources  during  their  design,  and  now 
they  provide  genuine  flight  test  vehicles  for  the  acquisition  of  baseline  hypersonic  aerodynamic  data  in 
the  real  world.  In  other  words,  modern  hypersonic  aerodynamics  is  dominated  by  APPLICATIONS,  much  more 
so  than  during  the  years  represented  by  Refs.  3-7.  As  a  result,  this  paper  will  examine  some  of  these 
applications,  both  present  and  future. 

Finally,  this  author  makes  an  apology  to  all  those  Investigators  whose  work  is  not  mentioned  in  this 
survey.  The  material  reviewed  In  this  paper  Is  limited  by  two  aspects:  (1)  the  author's  own  subjective 
views  as  to  the  status  of  modern  hypersonics,  and  (2)  practical  constraints  of  time  and  space.  The 
purpose  of  this  paper  is  to  paint  a  picture,  and  leave  the  reader  with  some  thoughts  and  impressions.  It 
does  not  claim  to  be  an  all-inclusive  survey. 

IV.  INVISCID  HYPERSONIC  AERODYNAMICS  —  THE  OLD 

It  is  well  known9*10  that  subsonic  and  supersonic  flows  dealing  with  small  disturbances  (e.g.,  thin 
bodies  at  small  angles-of-attack)  can  be  studied  by  means  of  linear  theory.  In  contrast,  at  hypersonic 
speed,  the  assumption  of  small  disturbances  does  not  lead  to  linearized  solutions  --  hypersonic  flow  is 
essentially  a  non-linear  phenomenum.  Therefore,  the  classical  linear  theory  developed  by  Ackeret  and 
others16  for  supersonic  flow  cannot  be  simply  carried  over  to  the  hypersonic  regime. 

In  spite  of  this  difficulty,  by  the  early  1960’s,  approximate  analysis  of  inviscld  hypersonic  flows 
produced  some  relatively  practical  results  which  could  be  used  to  estimate  pressure  distributions,  hence 
lift  and  wave  drag  coefficients  for  some  classes  of  hypersonic  bodies.  These  approximate  methods  fall 
under  one  of  two  categories:  (1)  local  surface  inclination  methods,  where  the  pressure  depends  only  on 
the  local  angle  between  a  tangent  to  the  surface  and  the  freestream  direction,  and  (2)  approximate  flow 
field  solutions,  where  simplified  equations  of  motion  are  used  to  calculate  flow  field  properties  as  well 
as  surface  pressure  distributions.  Finally,  the  method  of  characteristics  was  well-known  and  understood 
in  the  1950's  and  60's.  This  provides  an  exact  solution  to  inviscld  flow  fields  which  are  locally 
supersonic  or  hypersonic  everywhere.  The  method  of  characteristics  Is  straightforward  for  a 
two-dimensional  or  ax 1- symmetric  irrotatlonal  flow10,  but  rapidly  becomes  computationally  intensive  for 
rotational  flows,  and  especially  for  three-dimensional  flows.  Hence,  the  practical  application  of  the 
method  of  characteristics  for  realistic  body  geometries  had  to  wait  for  the  advent  of  high  speed  digital 
computers.  Therefore,  In  the  present  paper  the  method  of  characterlstl cs  will  be  considered  under  both 
the  old  and  new  hypersonics. 

In  the  following  paragraphs,  we  will  briefly  discuss  the  essence  of  several  of  the  old  techniques  for 
the  prediction  of  hypersonic  flows.  As  you  will  see,  there  are  some  advantages  to  these  classical 
methods  which  need  to  be  appreciated  even  In  the  modern  day.  For  a  more  detailed  discussion  of  these 
matters,  see  Ref.  2. 

Newtonian  —  a  local  surface  inclination  method.  The  basis  for  the  Newton  model  has  already  been 
discussed  in  Section  II .  the  simple  equations  which  result  for  pressure  coefficient  are  given  by 
straight  Newtonian  theory  In  Eq.  (1),  and  In  the  modified  form  by  Eq.  (2),  Newtonian  theory  was  first 
applied  to  hypersonic  flow  by  Epstein17  In  1931  --  far  ahead  of  the  wave  of  Interest  In  hypersonics  that 
surfaces  in  the  1950's.  Newtonian  theory  becomes  more  applicable  as  the  Mach  number  Increases.  For 
example,  the  pressure  coefficient  on  a  15-degree  half-angle  cone  at  zero  degrees  angle  of  attack  Is  shown 
as  a  function  of  Mach  number  In  Fig.  9.  The  curve  Is  obtained  from  the  classical  Taylor-Maccoll  solution 
(see,  for  example.  Ref.  10),  and  Is  exact.  Also  shown  Is  Cp  for  a  15-degree  half-angle  wedge,  obtained 
from  exact  oblique  shock  wave  theory.  Both  are  compared  with  the  Newtonian  result  (which  of  course  Is 
independent  of  *L)»  Mote  from  Fig.  9  that:  (1)  the  accuracy  of  Newtonian  theory  Improves  as 
Increases,  and  (2)  Newtonian  theory  Is  m  ccurate  for  three-dimensional  bodies  (e.g.,  the  cone)  than 

for  two-dimensional  bodies  (e.g.,  the  we  .  These  two  trends  are  general  conclusions  that  apply  to 
Newtonian  theory.  Also  note  from  Fig.  9  cnat,  at  Mach  20,  the  percentage  error  In  using  Newtonian  theory 
Is  19°  and  5°  for  the  wedge  and  cone  respectively  --  not  as  accurate  as  might  be  required  for  many 
applications.  Therefore,  we  conclude  that  although  Newtonian  theory  is  very  useful  due  to  Its 


simplicity.  In  many  applications  its  accuracy  leaves  something  to  be  desired. 

Fig.  9  illustrates  another  trend  that  Is  characteristic  of  hypersonic  flow.  Note  that  Cp  for  both 
the  wedge  and  cone  changes  less  and  less  as  increases,  i.e.t  Cp  becomes  relatively  insensitive  to 
changes  in  ^  in  high  Mach  numbers.  This  Is  an  example  of  the  Mach  number  independence  principle,  which 
holds  also  for  hypersonic  lift,  drag,  and  moment  coefficients.  We  will  have  more  to  say  about  Mach 
number  independence  shortly. 

The  results  in  Fig.  9  are  obtained  from  Eq.  (1),  and  apply  to  relatively  slender  bodies.  In 
contrast,  the  modified  result,  Eq.  (2),  is  more  accurate  for  blunt-nosed  bodies.  For  example,  consider 
Fig.  10  (obtained  from  Ref.  10)  which  shows  the  pressure  distribution  over  an  axi-symmetri c  paraboloid  at 
Mach  8.  The  solid  line  is  from  an  exact  time-dependent  finite-difference  solution  of  the  blunt  body  flow 
field  (to  be  discussed  later);  the  squares  are  from  modified  newtonian  given  by  Eq.  (2).  The  circles  are 
from  a  steady-state  blunt  body  solution  by  Lomax  and  Inouye18.  The  Important  conclusion  here  is  that 
Modified  newtonian  produces  a  reasonably  accurate  pressure  distribution  around  the  blunt  nose. 

From  a  purely  theoretical  mechanics  derivation,  Eqs.  (1)  and  (2)  should  be  corrected  for  centrifugal 
force  effects  experienced  by  the  fluid  elements  in  the  flow  field  as  they  expand  around  the  convex 
surface;  such  effects  are  not  accounted  for  in  Eqs.  (1)  and  (2).  However,  the  newtonian  results  with 
centrifugal  force  corrections  do  not  agree  well  with  experimental  data  in  air  with  the  ratio  of  specific 
heats  y  *  Cp/cv  »  1.4.  The  reasons  for  this  anomaly  are  explained  in  Ref.  2.  The  answer  lies  in  the 
fact  that  Newtonian  flow  results,  which  are  approximate  at  finite  Mach  number  for  y  =  1.4,  become 
theoretically  exact  In  the  combined  limit  of  Me  +  ®  and  y  *  1.0.  See  Ref.  2  for  an  extensive  discussion 
of  this  matter. 


Tangent  wedge/Tangent  cone  --  local  surface  inclination  methods.  Consider  a  compression  surface  on  a 
body  at  hypersonic  speeds.  Let  8  be  the  local  angle  between  the  tangent  line  at  a  point  on  the  body  and 
the  freestream  direction.  If  the  body  is  two-dimensional,  calculate  the  pressure  at  this  point  as  the 
pressure  that  exists  behind  an  oblique  shock  wave  at  the  freestream  Mach  number  with  a  deflection  angle 
9.  I.e.,  assume  the  pressure  at  that  point  is  the  pressure  on  a  wedge  of  half-angle  6.  If  the  body  is 
axi-symmetric,  calculate  the  pressure  at  the  point  as  would  exist  on  a  cone  with  half-angle  9  at  the 
freestream  Mach  number.  This  is  the  simple  essence  of  the  tangent  wedge/tangent  cone  methods.  An 
example  of  the  tangent  cone  method  is  shown  in  Fig.  11,  taken  from  Ref.  19  (see  also  Refs.  2  and  7). 

Here,  the  surface  pressure  distribution  Is  plotted  versus  distance  along  the  ogive.  Four  sets  of  results 
are  presented,  each  for  a  different  value  of  K  =  (d /a),  where  d /a  is  the  slenderness  ratio  of  the 
ogive.  The  solid  line  is  an  exact  results  obtained  from  the  rotational  method  of  characteristics,  and 
the  dashed  line  is  the  tangent  cone  result.  Very  reasonable  agreement  is  obtained.  In  Fig.  11,  the 
parameter  K  -  H»(d/A)  is  called  the  hypersonic  similarity  parameter;  Its  appearance  in  Fig.  11  is  simply 
a  precurser  to  our  discussion  of  hypersonic  similarity  In  a  subsequent  paragraph. 

Shock-expansion  method  —  a  local  surface  inclination  method.  Consider  a  sharp-nosed  two-dimensional 
or  axi-symmetri c  body.  Assume  the  nose  is  a  wedge  or  cone  with  a  semi-angle  9n.  Calculate  the  pressure 
at  the  nose  by  means  of  exact  oblique  shock  theory  or  the  exact  conical  theory  Downstream  of  the 
nose,  assume  a  local  Prandtl -Meyer  expansion  along  the  surface.  This  is  the  essence  of  the 
shock-expansion  method.  Typical  results  are  shown  in  Fig.  12,  which  shows  the  pressure  coefficient  over 
an  ogive  at  zero  degrees  angle  of  attack.  Fig.  12  is  obtained  from  Ref.  20  (see  also  Refs.  2  and  7). 

The  ogive  has  a  slenderness  ratio,  d/A  =  t  «  1.3.  The  circles  are  experimental  data,  the  solid  line 
represents  an  exact  result  from  the  method  of  characteristics,  and  the  dashed  line  is  from  the 
shock-expansion  method.  Note  that  the  shock-expansion  method  yields  reasonable  results. 


Summary  comments  on  the  local  surface  inclination  methods.  It  is  not  possible  to  state  with  any 
certainity  which  of- the  above  methods  Is  the  best  for  a  given  application.  All  of  these  methods  have 
their  strengths  and  weaknesses,  and  some  Intuitive  logic  Is  required  to  choose  one  over  the  others  for  a 
given  problem.  One  strength  they  all  have  Is  engineering  simplicity.  Hence,  they  are  popular  design 
tools  for  the  investigations  of  large  numbers  of  different  hypersonic  bodies.  Indeed,  all  of  the  local 
surface  Inclination  methods  discussed  above  are  embodied  in  an  industry-standard  computer  program  called 
the  "Hypersonic  Arbitrary  Body  Program"  originally  prepared  by  Gentry21,  and  for  this  reason  frequently 
referred  to  as  the  "Gentry  program".  This  program  has  been  in  wide  use  throughout  industry  and 
government  since  the  early  1970's.  All  of  the  methods  discussed  above  are  options  within  the  Gentry 
program,  and  can  be  called  at  will  for  application  to  different  portions  of  a  hypersonic  body.  This 
program  Is  mentioned  here  only  to  reinforce  the  engineering  practicality  of  the  methods  discussed  above. 


Flow  field  considerations  --the  governing  equations.  Consider  an  Inviscid  flow  field.  The 
governing  equations  for  such  a  flow  are  the"  Euler  equaTTons,  derived  for  example  In  Ref.  9  and  10. 
Written  In  cartesian  coordinates  they  are: 


Continuity:  ||  +  ikii  t  »  ii£|I  -  o 


9  U  ,  9  U  .  9  u  ,  9  U  9  D 

p  JT  * ou  37  * cv  JV  +  O'- JT  1  -  rl 


x-Momentum; 
y-Momentum:  p  |y  ♦  pu  |~-  ♦  pv  |~  ♦  pw 
z -Momentum:  o  f£  +  puf^+pv|ytpw|y-  - 


energy 


n  li  +  n„  3e  .  „ u  3e  .  AU  ae  .  _/3u  ,  9v  .  3w^ 

p  at  ou  S7  *  °v  Ty  °“!i  ‘  p(Fx  +  TJ  *  JT> 


(3) 

(4) 

(5) 

(6) 
(7) 


2-6 


In  Eqs.(3)-(7),  the  nomenclature  Is  standard.  These  equations  hold  whether  or  not  the  flow  is  chemically 
reacting.  For  a  nonequilibrium  chemically  reacting  flow,  another  equation  —  the  species  continuity 
equation  —  must  be  added  to  the  above  system.  This  will  be  discussed  later. 

Mach  number  Independence.  If  Eqs.  (3 ) - ( 7 )  are  properly  nondlmenslonal ized,  and  If  the  boundary 
conditions  for  the  external  flow  over  a  body  are  taken  In  the  limit  of  very  high  Mach  number,  then  the 
system  of  equations  and  boundary  conditions  become  Independent  of  Mach  number.  Such  results,  derived  in 
detail  In  Ref.  2,  are  mathematical  proof  for  the  trends  observed  and  discussed  in  Fig.  9.  As  a 
consequence,  pressure  coefficient,  as  well  as  the  lift  and  wave  drag  coefficients  become  independent  of 
Mach  number  when  M»  becomes  high  enough.  Such  trends  are  Illustrated  In  Fig.  13,  obtained  from  Ref.  7. 

In  Fig.  13,  the  measured  drag  coefficients  for  spheres  and  for  a  large-angle  cone-cylinder  are  plotted 
versus  Mach  number,  cutting  across  the  subsonic,  supersonic,  and  hypersonic  regimes.  Note  that,  In  the 
hypersonic  regime,  Cq  for  both  the  sphere  and  the  cone-cylinder  approach  a  plateau,  and  become  relatively 
Independent  of  Mach  number  as  K.  becomes  large. 

The  hypersonic  small  disturbance  equations.  The  governing  Euler  equations  (Eqs.  (3)-(7))  can  be 
reduced  to  a  simpler  system  for  the  nypersonic  flow  over  slender-bodles  at  small  angles  of  attack. 

Oeflne  the  perturbation  velocities  u',  v‘  and  w'  as  u  »  V„  ♦  u ' ,  v  =  v' ,  and  w  =  w' ,  and  form  the 
nondlmenslonal  variables  denoted  by  a  bar  as  follows:  x  *  x/1,  y  ■  y/lx ,  z  3  z/1x  ,  u'  *  u'/jv^x2 ), 
v*  *  v'/(V„t),  w'  *  w'/(V»t),  p  *  P/(yMPc  and  p  *  p/p*.  With  these  quantities,  and  for  an 

adiabatic,  invlscld  (hence  Isentropic)  steady  flow,  Eqs.  (3)-(7)  can  be  reduced  by  ignoring  terms  of 
order  x2,  where  as  before,  t  Is  the  slenderness  ratio  of  the  body.  The  resulting  system  Is  (see  the 
detailed  derivation  in  Ref.  2): 
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Eqs.  (8)-(12)  are  the  hypersonic  small  disturbance  equations.  They  closely  approximate  the  hypersonic 
flow  over  slender  bodies^  They  are  limited  to  flow  over  slender  bodies  because  terms  of  order  x2  have 
been  neglected.  They  are  also  limited  to  hypersonic  flow  because  some  of  the  nondlmenslonal  terms  are  of 
order-of -magnitude  unity  only  for  high  Mach  numbers  (see  extensive  discussion  in  Ref.  2).  Note  that  u' 

In  the  above  system  of  equations  appears  only  in  Eq.  (9).  Hence,  In  the  hypersonic  small  disturbance 
equations,  u'  Is  decoupled  from  the  system.  This  Is  a  mathematical  ramification  of  the  fact  that  the 
change  In  velocity  in  the  flow  direction  over  a  hypersonic  slender  body  Is  much  smaller  than  the  change 
In  velocity  perpendicular  to  the  flow.  This  has  Implications  in  the  blast  wave  theory,  to  be  discussed 
later. 

Hypersonic  similarity  --  an  approximate  flow  field  result.  Eqs.  (8)-(12),  along  with  the  appropriate 
boundary  conditions,  lead  to  the  definition  of  a  hypersonic  simillarlty  parameter  K  *  M*x  ,  where  as 
before  x  Is  the  slenderness  ratio.  The  following  hypersonic  similarity  principle  holds: 

Affinely  related  bodies  with  the  same  values  of  y ,  K,  and  a/x  will 
have:  (1)  the  same  values  of  c*/x2  and  c^/x3  for  two  dimensional 
flows,  when  referenced  to  the  pianform  area;  and  (2)  the  same 
values  of  Cj i/x  and  Cq/x2  for  three-dimensional  flows  when 
referenced  to  have  area. 

Here,  c*  and  Cl  are  lift  coefficients,  and  c^  and  Cq  are  drag  coefficients.  Also,  Cp/x2  Is  a  function  of 
y,  K,  and  a/x.  Hypersonic  similarity  Is  nicely  demonstrated  in  Fig.  14  (obtained  from  (Ref.  7),  which 
gives  the  calculated  pressure  coefficient  Cp/Tar^e*  versus  the  hypersonic  similarity  parameter  li,TanGw 
for  a  series  of  wedges  of  different  angles  e w  -  x .  Note  that  the  results  for  the  different  wedges  tend 
to  fall  on  the  same  curve,  except  for  the  very  large  values  of  e#  and  for  low  Mach  numbers  --  conditions 
for  which  Eqs.  (8)-(12)  do  not  hold  an-i  hence  for  which  hypersonic  similarity  Is  not  valid.  The 
advantage  of  the  hypersonic  similarity  principle  is  the  same  as  any  fluid  dynamic  similarity  concept, 
namely,  results  for  different  flows  over  different  bodies  can  be  obtained  by  correlation  from  other  known 
Hows,  thus  reducing  wind  tunnel  work  and,  today,  the  amount  computer  work  necessary  to  study  certain 
problems.  Hypersonic  similarity,  which  Is  derived  from  Eqs,  (8)-(12),  has  been  thoroughly  verified  by 
experiment  (see  Ref.  2). 

Blast  wave  --  an  approximate  flow  field  method.  All  practical  hypersonic  vehicles  have  blunt  noses 
and  leading  edges  to  reduce  aerodynamic  heating.  Therefore,  the  calculation  of  the  flow  over  a  blunt 
body  Is  of  extreme  Interest.  Prior  to  1966,  no  truly  practical  solution  to  the  direct  blunt  body  problem 
existed,  although  many  efforts  were  made  during  the  "old"  hypersonlcs  to  obtain  It.  However,  for 
blunt-nosed  slender  bodies,  a  useful,  approximate  analysis  called  blast  wave  theory  was  developed  during 
the  1950's  and  60’ s.  Blast  wave  theory  assumes  the  following  physical  picture.  Tmaglne  a  blunt-nosed 
slender  hypersonic  body  moving  through  the  air,  as  shown  In  Fig.  15.  Imagine  also  a  stationary  plane  In 


* 
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front  of  the  moving  vehicle,  perpendicular  to  the  vehicle  motion,  as  also  shown  In  fig.  15.  As  the 
vehicle  crosses  this  plane,  the  flow  field  in  the  plane  resembles  the  flow  created  by  sudden  energy 
addition  at  a  point,  and  the  creation  of  a  unsteady  "blast  wave"  that  propagates  outward  from  that  point. 
The  blunt  nose  “blastingH  through  the  plane  provides  this  energy  source.  In  addition,  the  body  surface 
crossing  the  plane  as  a  function  of  time  resembles  an  expanding  "piston11  In  the  plane,  with  the 
corresponding  unsteady  flow  associated  with  the  expanding  piston.  Clearly,  examining  Fig.  15,  there  Is 
an  equivalence  between  the  unsteady  flow  in  the  plane  shown  at  the  right,  and  the  spatial  variation  of 
the  body  coordinates  and  shock  wave  shown  at  the  left.  This  figure  Illustrates  a  combination  of  both  the 
blast  wave  analogy  and  what  is  frequently  called  the  "hypersonic  equivalence  principle",  relating  a 
steady  hypersonic  flow  to  an  equivalent  unsteady  flow  In  a  plane  perpendicular  to  the  motion  of  the  body. 


This  equivalence  is  easily  seen  mathematically  by  writing  the  Euler  equations  for  an  unsteady 
two-dimensional  flow  In  the  y-z  plane 
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Comparing  Eqs.  (13)-(16)  with  (8),  (10)-(12)  we  that  they  are  identical.  I.e.,  the  steady 
three-dimensional  flow  over  a  hypersonic  slender  body  (Eqs.  (8),  (10)-{12))  is  equivalent  to  the  unsteady 
flow  in  one  less  space  dimension  (Eqs.  (13)-(16)).  Using  this  equivalence  principle  along  with  solutions 
of  the  flow  behind  a  blast  wave  (such  solutions  for  massive  energy  released  at  a  point  were  first 
obtained  by  G.I.  Taylor22  In  1950),  the  shock  wave  shape,  as  well  as  the  inviscid  flow  field  between  the 
shock  and  the  body,  can  be  calculated.  Of  particular  Importance,  blast  wave  theory  leads  to  the 
following  equations  for  the  pressure  distributions  over  a  blunt  flat  plate. 

cp  -  0.17  C2'3  (x/d)“2/3  (17) 


and  over  a  blunt  cylinder 

Cp  =  0.094  cj/2  (x/d)'1 


(18) 


where  Co  is  the  drag  coefficient  of  the  blunt  leading  edge,  x  is  the  running  length  along  the  surface 
from  the  leading  edge,  and  d  Is  the  plate  thickness  or  cylinder  diameter. 

A  detailed  discussion  of  blast  wave  theory  Is  given  In  Ref.  2,  and  a  thorough  experimental 
Investigation  of  the  accuracy  of  Eqs.  (17)  and  (18)  is  given  by  Lukasiewicz23. 

Just  for  fun,  let  us  use  the  “old”  hypersonlcs  to  calculate  the  pressure  distribution  along  the 
windward  centerline  of  the  space  shuttle.  Let  L  denote  the  length  of  the  shuttle,  and  d  the  thickness  of 
the  fuselage  near  the  canopy.  From  a  good  three-view  of  the  shuttle  (such  as  appears  in  Fig.  1  of 
Ref.  24),  the  flnenes  ratio,  L/d  =■  7.  Moreover,  the  drag  coefficient  of  a  hemisphere  from  the  Newtonian 
theory13  Is  Cp  ■  1.  Substituting  these  values  into  Eq.  (18)  written  as 

Cp  =  0.094  C^/2  (x/L)-1 (L/d)-1  (19) 

we  obtain 

Cp  =  0.0134/(x/L)  (20) 

Equation  (20)  holds  for  zero-degrees  angle  of  attack.  To  take  angle  of  attack,  a.  Into  effect,  let  us 
simply  add  the  Newtonian  contribution,  2  sin2*  ,  to  Eq.  (20)  obtaining 

cp  -  0.0134/ ( x/L )  +  2  sin2*  (21) 

Let  us  choose  a  point  on  the  shuttle  trajectory  corresponding  to  o  ■  40°  and  M.  =  21.6.  For  o  »  40°, 

Eq.  (21)  becomes 


Cp  ■=  0 .0134/ ( x/L )  +  0.826  (22) 

Results  from  Eq.  (22)  are  plotted  In  Fig.  (16)  as  the  solid  curve.  These  results  are  compared  with 
actual  flight  data  from  the  STS-3  (open  circles)  and  STS-5  (solid  circles)  shuttle  missions;  these  flight 
data  are  obtained  from  Ref.  25.  The  agreement  between  theory  and  flight  data  In  Fig.  16  Is  quite 
remarkable,  especially  when  considering  that  the  theoretical  curve  can  be  calculated  In  a  few  minutes  by 
hand.  From  this  point  of  view,  the  “old"  hypersonlcs  can  be  very  useful  for  some  applications. 

Thin  shock  layers  --  an  approximate  flow  field.  We  have  discussed  In  Section  II  that  shock  layers 
over  hypersonic  bodies  are  thin  (refer  again  to  Figs.  1  and  2).  This  result  can  be  used  to  some 
advantage  In  the  developmenTTiT  approximate  theories  for  the  analysis  of  hypersonic  shock  layers,  giving 
rise  to  a  number  of  different  approaches,  all  under  the  general  heading  of  "thin  shock  layer  theory".  An 
Interesting  discussion  of  thin  shock  layer  theory  can  be  found  In  Ref.  26;  additional  discussion  Is  given 


A  good  example  of  thin  shock  layer  theory  Is  the  analysis  of  Maslen27.  We  do  not  have  the  space  to 
outline  this  method  here  (see  Ref.  2  for  a  lengthy  discussion  of  Maslen's  method).  However,  the  method 
Is  simple,  and  leads  to  reasonable  results  as  shown  In  Fig.  17.  Here,  the  pressure  distribution  and 
shock  shape  are  given  for  a  hemisphere  cylinder.  Good  agreement  Is  obtained  with  the  experimental 
results  of  Kubota29.  Also  shown  are  the  numerical  results  of  Inouye  and  Lomax18. 

<■  1NV1SCI0  HYPERSONIC  AERODYNAMICS  —  THE  NEW 


The  "new"  hypersonlcs  Is  dominated  by  computational  fluid  dynamics  (CFD),  which  has  revolutionized 
the  way  we  analyze  aerodynamic  flows  for  all  speed  regimes,  not  just  hypersonlcs.  A  brief  Introduction 
to  CFO  Is  given  In  Ref.  10  as  applied  to  high-speed  flow.  Ref.  29  Is  a  survey  of  CFD,  and  Ref.  30  is  a 
definitive  textbook  on  the  subject.  Therefore,  no  further  elaboration  on  the  general  aspects  of  CFO  will 
be  given  here. 

The  techniques  of  computational  fluid  dynamics  and  the  corresponding  development  of  modern  high-speed 
digital  computers  now  makes  It  possible  to  accurately  analyze  the  complete  flow  field  around  a  three- 
dimensional  vehicle  for  Invlscld  hypersonic  flow.  What  a  tremendous  revolution  In  comparison  to  the  f ew 
approximate  methods  from  the  "old"  nypersonl cs!  This  revolution  was  started  with  the  advent  of 
t Ime-dependent  flnlte-di fference  solutions  for  flows  over  supersonic  and  hypersonic  blunt  bodies  In  the 
m1d-1960‘s.  The  classic  paper  by  Morettl  and  Abbett31  represents  the  first  practical  solution  of  the 
supersonic  blunt  body  problem  --  a  problem  that,  during  the  “old"  hypersonlcs,  treated  the  blunt  body 
with  the  steady  flow  equations;  It  is  well  known  that  such  steady  flows  are  described  by  elliptic 
partial-differential  equations  In  the  subsonic  region,  and  hyperbolic  equations  In  the  supersonic  region. 
This  mixed  nature  of  the  equations  created  great  difficulty  In  calculating  both  the  subsonic  and 
supersonic  regions  consistently  with  the  same  technique.  In  contrast,  the  unsteady  invlscld  flow 
equations  are  hyperbolic  with  respect  to  time,  no  matter  whether  the  flow  Is  locally  subsonic  or 
supersonic.  This  leads  to  a  well-posed  Initial  value  problem,  wherein  a  time-dependent  solution  starts 
with  arbitrary  Initial  conditions  throughout  the  flow  field,  calculates  new  values  of  the  flow  In  steps 
of  time,  and  approaches  a  steady-state  at  large  times.  This  steady-state  Is  the  desired  result;  the  time 
dependent  calculations  are  just  a  means  to  that  end.  The  typical  performance  of  a  time-dependent  blunt 
body  solution  is  shown  In  Figs.  18  and  19  obtained  from  Ref.  32.  Fig.  18  illustrates  the  time-dependent 
motion  of  the  bow  shock  wave  on  a  parabolic  cylinder  at  H>  •  4,  starting  with  the  assumed  shock  shape  at 
time  zero,  and  converging  to  the  proper  steady-state  value  at  large  times.  These  figures  are  shown  just 
to  Illustrate  the  nature  of  the  time-dependent  technique.  Perhaps  the  best  Indication  of  the  revolution 
created  by  the  time-dependent  technique  Is  that  the  blunt  body  problem  that  was  once  a  serious,  very 
challenging,  and  extremely  difficult  problem  In  the  “old"  hypersonlcs,  requiring  a  large  amount  of 
Intensive  research.  Is  now  given  as  a  homework  problem  In  a  computational  fluid  dynamic  graduate  course 
at  the  University  of  Maryland.  (For  an  introductory  discussion  on  the  time-dependent  technique,  see 
Chpt.  12  of  Ref.  10). 

An  excellent  example  of  our  current  ability  to  calculate  hypersonic  Invlscld  flows  Is  given  by  the 
work  of  Wellmuenster25.  Here,  a  time-dependent  method  Is  used  to  calculate  virtually  the  complete 
three-dimensional  flow  field  about  a  shuttle-like  vehicle.  Embodied  In  a  computer  program  called  HAL  IS 
(High-Alpha  Invlscld  Solution)  at  the  NASA  Langley  Research  Center,  this  solution  deals  equally  well  with 
both  the  supersonic  and  hypersonic  flows  over  most  of  the  body,  as  well  as  the  subsonic  regions 
encountered  in  the  nose  region,  and  at  the  wing-body  juncture.  Moreover,  It  can  readily  treat  high 
angle-of-attack  cases,  when  large  regions  of  subsonic  flow  can  exist  over  the  windward  surface  of  the 
shuttle.  However,  such  a  code  Is  not  an  “everyday"  tool  In  everybody's  Inventory;  HAL  IS  Is  written  for  a 
vector  processor,  and  a  reasonable  definition  of  the  three-dimensional  flow  field  requires  close  to 
100,000  grid  points.  Nevertheless,  It  represents  a  benchmark  In  the  "new"  hypersonlcs.  To  emphasize 
this,  you  are  reminded  of  a  statement  contained  in  the  classic  textbook  of  Llepmann  and  Roshko  (Ref.  33) 
where,  In  their  discussion  of  the  flow  over  a  simple  supersonic  blunt  body  at  zero  degrees  angle  of 
attack,  they  categorically  state  that  "the  shock  shape  and  detachment  distance  cannot,  at  present,  be 
theoretically  predicted."  Contrast  this  situation  In  1957  with  the  "new"  hypersonlcs  Illustrated  In  Fig. 
20,  obtained  from  Ref.  25.  Here,  we  see  the  complete  shock  shape  and  location  for  a  complex 
three-dimensional  shuttle-like  vehicle  at  high  angle-of-attack  --  calculated  by  means  of  the 
time-dependent  technique.  The  solution  also  yields  the  complete  Invlscld  flow  field  between  the  shock 
and  the  body.  Including  the  surface  flow  on  the  body. 

If  the  flow  field  Is  completely  supersonic  or  hypersonic,  there  Is  no  need  for  a  time-dependent 
technique;  rather,  the  steady-state  method  of  characteristics,  or  downstream-marching-finite-difference 
methods  are  sufficient.  The  method  characteristics  has  been  available  since  1929,  when  Ludwig  Prandtl 
and  Adolf  Busemann  first  used  It  In  conjunction  with  supersonic  nozzle  flows.  Therefore,  It  was  part  of 
the  "old"  hypersonlcs,  and  It  represents  an  exact  solution  for  the  Invlscld  flow.  However,  for  the 
three-dimensional  rotational  flows  which  are  of  primary  interest  in  hypersonlcs,  the  method  of 
characteristics  becomes  tedious,  and  requires  a  massive  amount  of  computations.  For  this  reason,  the 
practical  Implementation  of  the  method  of  characteristics  had  to  wait  for  the  digital  computers  of  the 
1960's,  and  therefore  became  part  of  the  "new"  hypersonlcs.  The  work  by  the  late  John  Raklch  and  his 
colleagues  Is  a  good  example  of  this  technique31* ,  In  the  past  decade,  forward  marching,  explicit 
finite-difference  solutions  have  become  more  popular  than  the  method  of  characteristics  because  they  are 
Inherently  more  straightforward  to  program.  The  pioneering  work  on  this  method  was  done  by  Paul  Kutler 
and  colleagues,  who  applied  It  to  space  shuttle  flow  fields36"38,  this  work  constituted  the  first 
detailed  flow  field  calculations  on  the  shuttle  design.  It  had,  however,  a  major  drawback,  namely,  that 
the  calculation  would  go  unstable  whenever  a  pocket  of  locally  subsonic  flow  was  encountered  —  once 
again  the  problem  of  the  mixed  elliptic  and  hyperbolic  regions.  (There  Is  no  practical  way  around  this 
problem  without  going  to  a  time-dependent  method,  as  described  earlier.)  Such  pockets  of  locally 
subsonic  flow  exist  near  the  Intersection  of  the  shock  waves  from  the  body  and  wing;  as  soon  as  such  a 
pocket  Is  encountered,  the  calculations  stop.  This  Is  why  such  calculations  are  carried  out  for  only  the 
forward  portions  of  the  shuttle.  A  more  modern  version  of  the  forward  marching  flnlte-dlfUrence  scheme 
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is  the  work  of  Marconi  et  al39,  which  led  to  the  development  of  the  STEIN  code.  Maus  et  al40  have  used 
this  code  to  study  high  temperature  effects  on  the  space  shuttle  flow  field,  as  will  be  discussed  later. 

Note  that  both  the  method  of  characteristics  and  the  forward  marching  schemes  require  starting 
conditions  (Initial  data)  along  a  surface  downstream  of  the  subsonic  region  at  the  nose.  These  initial 
data  are  usually  supplied  from  an  independent,  time-dependent  blunt  body  solution,  as  described  earlier. 

As  an  interim  summary,  clearly  the  Hnew"  hypersonics  has  profited  greatly  from  the  advancements  made 
In  CFD  for  the  calculation  of  Inviscid  flows.  These  are  "exact"  solutions  in  that  the  Euler  equations 
(Eqs.  (3)-(7))  are  being  solved  exactly;  no  assumptions  such  as  small  perturbations  or  thin  shock  layers 
have  to  be  made.  A  good  example  is  the  development  of  the  HALIS  code,  used  in  Ref.  25  and  described  in 
more  detail  In  Refs.  41  and  42.  These  Euler  solutions  are  being  made  for  three-dimensional  flows  over 
complete  hypersonic  vehicles  --  something  the  "old"  hypersonics  only  dreamed  of. 

It  is  appropriate  to  end  this  section  with  some  results  for  hypersonic  inviscid  flows  obtained  In  the 
era  of  the  “new"  hypersonics.  For  example  Fig.  21,  obtained  from  Ref.  40,  shows  the  calculated  windward 
pressure  coefficient  distributions  over  the  space  shuttle  for  two  angles  of  attack,  and  at  the  widely 
different  Mach  numbers  of  8  and  23.  The  detailed  calculations  are  for  inviscid  flow,  obtained  in  the 
nose  region  by  a  time-dependent  technique,  followed  by  an  explicit  forward-marching  finite-difference 
solution  In  the  supersonic/hypersonic  regions.  Note  that  the  Cp  distributions  for  the  two  different  Mach 
numbers  are  virtually  the  same  —  an  excellent  example  of  the  Mach  number  Independence  principle.  As  an 
example  of  results  obtained  from  the  three-dimensional  method  of  characteristics,  Fig.  22  shows  the 
surface  pressure  distribution  over  a  blunt-nose  cone  (half-angle  of  15  degrees)  at  an  angle-of-attack  of 
10  degrees,  obtained  from  the  results  of  Rakich  and  Cleary35.  The  pressure  coefficient  distributions 
are  given  at  three  meridional  angles;  4*0°  corresponds  to  the  leeward  meridional  plane,  $  *  180°  to  the 
windward  plane,  and  *  *  90°  half  way  around.  Agreement  between  the  calculations  and  experiment  are 
excellent.  Note  on  the  windward  side  that  the  pressure  goes  through  a  local  minimum.  In  expanding  over 
the  blunt  nose,  the  pressure  overexpands  downstream  of  the  shoulder,  falling  below  the  sharp  cone  result, 
and  then  recompreses  to  the  sharp  cone  result  far  downstream.  (We  note  here  a  weakness  of  the  blast  wave 
theory  discussed  in  Section  IV;  blast  wave  theory  Is  incapable  of  predicting  the  type  of  overexpansion 
and  recompression  seen  in  Fig.  22.)  The  overexpansion  around  the  shoulder  shown  here  is  typical  of 
hypersonic  flow  over  blunt-nose  axl-symmetri c  bodies.  Note  that  a  similar  overexpansion  is  seen  in  the 
pressure  distribution  over  the  bottom  surface  of  the  space  shuttle  given  in  Fig.  21.  Another  recent 
example  of  hypersonic  inviscid  flow  are  the  results  of  Pfitzner  and  Welland43  for  a  shuttle-like  vehicle. 
The  inviscid  surface  streamlines  from  their  Implicit,  time-dependent,  finite-difference  calculations  are 
shown  in  Fig.  23.  Finally,  a  very  recent  space  and  time-marching  solution  of  the  Euler  equations  over  an 
experimental  hypersonic  research  vehicle  configuration  is  reported  by  Newberry  et  al.44  Using  an 
advanced  finite  volume  algorithm  developed  by  Chakravarthy  and  Szema45,  the  results  shown  in  Fig.  24  were 
obtained.  Shown  here  are  the  Mach  number  contours  (a  black  and  white  copy  of  a  color  graphics  display) 
at  various  longitudinal  stations  along  the  body.  These  results  represent  the  present  state-of-the-art  in 
hypersonic  inviscid  flow  field  calculations. 

IV.  HIGH  TEMPERATURE  INVISCID  FLOWS 


Although  high  temperature  flows  are  not  a  major  aspect  of  the  present  paper  (such  matters  are  covered 
by  8.  Aupoix  in  a  companion  paper  to  this  A6ARD  volume),  they  are  indeed  a  major  aspect  of  hypersonic 
flow.  Hence,  some  coverage  is  appropriate  here  mainly  to  bring  out  the  primary  physical  effects.  For  a 
self-contained  introductory  treatment  of  high  temperature  flows,  see  Chapters  13  and  14  of  Ref.  10.  For 
an  in-depth  presentation,  see  Ref.  2. 

When  a  high  speed  flow  is  slowed,  kinetic  energy  Is  converted  to  internal  energy,  thus  increasing  the 
gas  temperature.  At  hypersonic  speeds,  these  temperature  increases  can  be  severe,  as  discussed  in 
Section  II.  The  consequent  effects  —  dissociation,  ionization,  high  convective  and  radiative  heating 
rates,  etc.,  all  become  a  dominant  aspect  of  hypersonics.  This  was  recognized  early  in  the  evolution  of 
hypersonic  research,  and  massive  efforts  to  properly  account  for  these  high  temperature  effects  were 
mounted  during  the  1950'$  and  60's.  Great  progress  was  made  during  these  years;  the  major  aspects  of  a 
high  temperature  chemically  reacting  gas  were  generally  understood,  and  numerical  methods  for  including 
these  aspects  In  flow  calculations  were  developed.  This  state-of-the-art  was  represented  quite  well  by 
the  books  written  by  Vincentl  and  Kruger46,  and  by  Clark  and  McChesney47.  In  addition,  the  important 
aspects  of  chemically  reacting  boundary  layer  theory  was  nicely  described  In  the  book  by  Dorrance48. 

The  velocity-altitude  regions  where  various  high  temperature  effects  are  Important  for  hypersonic 
flight  are  shown  in  Fig.  25,  obtained  from  Ref.  49.  Superimposed  on  this  velocity-altitude  map  are 
several  flight  paths  for  hypersonic  vehicles.  Clearly,  high  temperature  effects  are  Important  over  a 
substantial  portion  of  the  flight  paths. 

In  order  to  understand  the  nature  of  high  temperature  chemically  reacting  flow,  consider  the 
following.  Let  f  be  the  characteristic  time  for  a  fluid  element  to  traverse  a  flow  field  of  Interest. 
Let  Tr  be  the  characteristic  time  for  chemical  reactions  and/or  vibrational  energy  to  approach 
equilibrium.  Then,  If  tf  »  xc,  the  flow  Is  considered  to  be  in  local  thermal  and  chemical  equl  1  ibrium. 
If  xf  «  Tc»  the  flow  Is  assumed  to  be  frozen.  For  all  other  cases,  especially  when  t  f  -  i c,  the  flow  is 
nonequ 11 Ibrium.  For  inviscid  equl librium  flow,  Eqs.  (3)-(7)  are  sufficient,  along  with  appropriate 
equations  of  state  for  the  equilibrium  reacting  gas.  For  frozen  flow,  no  chemical  reactions  occur  and 
the  vibrational  energy  does  not  change;  this  Is  our  familiar  calorically  perfect  gas  with  constant  r . 
However,  for  nonequilibrium  flow,  Eqs.  (3)-(7)  must  be  expanded  to  Include  the  species  continuity 
equation 
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Here,  q  is  the  mass  fraction  of  chemical  species  i,  and  Is  the  rate  of  change  of  species  1  due  to 
chemical  reactions.  Eq.  (23),  coupled  with  the  other  Euler  equations  (3)-(7),  determines  the 
distribution  of  the  various  chemical  species  throughout  the  nonequilibrium  flow  field.  Again,  the  reader 
is  encouraged  to  study  Refs.  2,  46,  47,  and  48  for  a  detailed  understanding  of  such  flows. 

A  classic  example  of  the  high  temperature  nonequilibrium  effects  on  a  hypersonic  blunt  body  flow 
field  was  shown  In  the  pioneering  study  by  Hall  et  al  in  1962  {see  Ref.  50).  They  presented  calculated 
results  along  two  streamlines  in  the  blunt  body  flow  field,  streamlines  A  and  B  shown  in  Fig.  26.  The 
temperature,  pressure  and  density  variations  as  a  function  of  s,  the  distance  along  these  two 
streamlines,  are  shown  In  fig.  27.  The  temperature  along  streamline  A,  T^,  exhibits  an  initial  rapid 
decrease  behind  the  shock;  this  is  due  to  the  finite  rate  dissociation  of  both  0?  and  Np.  and  is  very 
similar  to  the  behavioi  observed  In  the  nonequilibrium  flow  behind  normal  shock  waves2 »  •  The  more 

gradual  decrease  In  Ta  for  s/Rc  >  0.2  is  due  primarily  to  the  gasdynami c  expansion  around  the  body. 
Similarly,  the  Initially  slight  Increase  In  pa  and  the  substantial  increase  In  are  due  to  the  chemical 
nonequilibrium  effects,  and  their  subsequent  decreases  beyond  s/Rs  =  0.2  are  Indicative  of  the  gasdynamic 
expansion  around  the  body.  It  is  important  to  note  that  the  flow  field  temperature  is  affected  the  most 
and  the  pressure  the  least  by  chemically  reacting  effects.  In  contrast  to  streamline  A,  streamline  B 
crosses  a  much  weaker  portion  of  the  bow  shock,  and  the  gasdynamic  expansion  effects  are  dominant  over 
the  purely  chemically  reacting  effects.  The  corresponding  variations  of  atomic  oxygen  and  atom  nitrogen 
concentrations  are  shown  in  Fig.  28.  The  increase  in  both  these  quantities  along  each  streamline  is  due 
to  the  finite-rate  progression  of  dissociation  reactions  In  the  high  temperature  flow. 

Nonequl librium  processes  Introduce  a  scale  effect  into  the  flow  field.  For  example,  consider  the 
supersonic  or  hypersonic  flow  of  a  calorlcally  perfect  gas  over  a  wedge;  we  know  from  the  standard 
oblique  shock  solutions  that  the  shock  wave  is  straight,  and  that  a  uniform  flow  exists  between  the  shock 
and  the  wedge  surface.  The  same  is  true  for  chemically  equilibrium  flow.  However,  in  the  nonequi 1 Ibrium 
flow  over  the  wedge,  the  shock  wave  becomes  curved,  and  the  flow  is  no  longer  uniform  behind  the  shock. 
This  scale  effect  Is  Illustrated  in  Fig.  29,  obtained  from  the  work  of  Spurk  et  al51.  Here,  the  pressure 
and  temperature  distributions  along  the  surface  of  a  wedge  are  given  as  functions  of  distance  along  the 
wedge.  If  the  gas  were  perfect,  T  and  p  would  be  constant  along  the  wedge  surface:  the  variations  shown 
in  Fig.  29  are  Indicative  of  the  substantial  influence  of  nonequilibrium  effects. 

VII.  VISCOUS  HYPERSONIC  AERODYNAMICS  —  THE  OLD 


The  early  work  on  viscous  flows  in  hypersonic  aerodynamics  centered  around  solutions  of  the  boundary 
layer  equations.  In  this  section,  to  be  consistent  with  our  previous  discussion  on  invlscid  flow,  we 
should  display  the  complete  Navier-Stokes  equations,  and  then  show  the  boundary  layer  equations  as  a 
simplified  system  obtained  from  an  order-of-magnitude  reduction  of  the  Navier-Stokes  equations.  However, 
we  can  not  afford  the  space  to  write  these  rather  lengthy  equations.  Instead,  you  are  encouraged  to  read 
the  derivation  of  the  Navier-Stokes  equations  In  Ref.  9;  these  equations  are  the  full  equations  of  motion 
for  a  viscous,  compressible  flow.  Including  the  transport  phenomena  of  viscosity,  thermal  conduction,  and 
{for  a  chemically  reacting  gas)  diffusion.  The  full  Navier-Stokes  equations  for  a  chemically  reacting 
gas  are  discussed  at  length  In  Ref.  2.  Similarly,  you  are  encouraged  to  read  the  derivation  of  the 
boundary  layer  equations,  also  given  In  Ref.  9.  In  our  subsequent  discussion,  we  will  assume  that  the 
reader  is  familiar  with  both  the  Navier-Stokes  and  boundary  layer  equations. 


Boundary  layer  results.  The  results  obtained  from  various  solutions  of  the  boundary  layer  equations 
for  Hypersonic  flow  sHowThat  the  skin  friction  and  the  heat  transfer  coefficients  are  both  reduced  as  M» 
Increases.  For  example.  Fig.  30  Illustrates  the  variation  of  Stanton  number  with  Reynolds  number  and 
Mach  number  for  an  Insulated  flat  plate.  Note  that  for  both  laminar  and  turbulent  flow,  the  heat 
transfer  coefficient  (and  skin  friction  coefficient,  as  well)  decreases  as  M*  increases.  The  results  of 
Fig.  30  are  obtained  directly  from  Ref.  52.  Also  obtained  from  Ref.  52  are  equations  for  stagnation 
point  heat  transfer  as  follows 


(For  a  cylinder)  q  *  0.57  Pr"° "6(fy*e)°  *5 


(24) 


(For  a  sphere) 
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0.763  Pr-°-6(oeiie)0,5 


(25) 


where  Pr  Is  the  Prandtl  number,  pe  and  i,  are  the  density  and  viscosity  coefficient  at  the  outer  edge  of 
the  stagnation  point  boundary  layer,  dU./ds  Is  the  velocity  gradient  at  the  stagnation  point,  and  haw  and 
hw  are  the  adlabatl c  wal 1  and  actual  wall  enthalpy  respectively.  From  Eqs.  (24)  and  (25)  note  that, 
everything  else  being  equal,  q  for  a  sphere  Is  larger  than  for  a  cylinder.  This  Is  due  the 
three-dimensional  relieving  effect,  which  leads  to  a  thinner  boundary  layer  on  the  sphere,  hence  higher 
temperature  gradients  within  the  thinner  boundary  layer.  Also  assuming  modified  Newtonian  theory, 

Eq.  (2),  we  can  readily  show  (see  Ref.  2)  that  at  the  stagnation  point 


dU 
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Inserting  Eq.  (26)  Into  Eqs.  (24)  and  (25),  we  see  that  heat  transfer  at  the  stagnation  point  varies 
Inversely  with  the  square  root  of  the  nose  radius  —  leading  to  tne  conclusion  tnat  all  hypersonic  oodles 
should  have  blunt  noses  to  reduce  the  heat  transfer  to  the  nose. 

All  of  the  above  results  are  mentioned  Just  to  represent  the  status  of  the  "old"  hypersonlcs,  as 
obtained  from  boundary  layer  solutions.  Much  was  understood  about  hypersonic  boundary  layer 
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characteristics  In  the  "old"  hypersonlcs;  this  Is  nicely  summarized  in  Ref.  6.  Indeed,  this  era  also  saw 
some  of  the  pioneering  work  on  high  temperature  effects  on  hypersonic  boundary  layers.  The  classic  paper 
by  Fay  and  Riddell53  on  stagnation  point  heat  transfer  In  dissociated  air  brought  out  the  basic  physical 
effects  of  a  chemically  reacting  boundary  layer  assuming  either  frozen,  equilibrium,  or  nonequilibrium 
flow.  The  effects  of  a  catalytic  wall  were  also  first  demonstrated  here.  For  example,  the  boundary 
layer  solutions  in  Ref.  53  were  correlated  by  Fay  and  Riddell  to  obtain  equations  for  heat  transfer  such 
as  the  following  for  an  equilibrium  boundary  layer. 


q 
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Equations  similar  to  Eq.  (27)  for  frozen  boundary  layers  with  and  without  catalytic  walls  were  also 
obtained.  In  Eq.  (27),  h0e  is  the  total  enthalpy  at  the  outer  edge  of  the  boundary  layer,  and  hp  is  the 
average  heat  of  formation  for  the  gas  mixture  at  the  outer  edge.  Also,  Le  Is  the  Lewis  number,  defined 
as  pD^cp/k,  where  Hj?  Is  the  binary  diffusion  coefficient.  Mass  diffusion  plays  a  strong  role  in 
chemically  reacting  viscous  flows  (see  the  extensive  discussions  in  Ref.  2),  and  the  appearance  of  Le  In 
Eq.  (27)  is  a  reflection  of  such  diffusion  effects.  Finally,  note  the  similarities  between  Eq.  (27)  for 
a  chemically  reacting  gas,  and  Eq.  (25)  for  a  non-reacting  gas.  Typical  results  from  the  Fay  and  Riddell 
analysis  are  shown  in  Figs.  31  and  32.  In  Fig.  31  we  see  the  stagnation  point  boundary  layer  profiles  of 
temperature  and  atom  mass  fraction  through  the  boundary  layer,  where  n  is  a  transformed  coordinate  normal 
to  the  wall.  Two  results  are  shown,  one  for  an  equilibrium  boundary  layer,  and  the  other  for  a  frozen 
boundary  layer  with  a  fully  catalytic  wall,  (A  fully  catalytic  wall  is  a  surface  that  Instantly  enhances 
the  recombination  process,  such  that  the  chemical  composition  is  in  local  equilibrium  at  the  wall,  no 
matter  what  the  state  of  the  boundary  layer  itself.  In  most  cases,  the  wall  Is  cool  enough  such  that  the 
equilibrium  value  of  the  atom  mass  fraction  at  the  wall  is  zero,  Ca  «  =  0;  l.e.,  in  equilibrium  at  low 
enough  temperature,  the  gas  is  all  molecules  and  virtually  no  atoms!)  Note  in  Fig.  31  that  the 
equilibrium  temperature  Is  above  the  frozen  temperature.  This  is  because  in  equilibrium,  the  highly 
dissociated  gas  at  the  outer  edge  of  the  boundary  layer,  when  encountering  the  cooler  inner  regions  of 
the  boundary  layer,  will  recombine,  releasing  some  of  its  chemical  energy,  and  therefore  keeping  the 
temperature  higher  than  in  a  frozen  flow,  where  no  chemical  reactions  occur.  The  equilibrium  atom  mass 
fraction  is  also  shown  in  Fig.  31,  showing  a  decrease  from  about  0.5  at  the  outer  edge  where  the 
temperature  is  high,  to  zero  at  the  wall,  where  the  temperature  is  low.  The  frozen  mass  fraction  also 
exhibits  a  similar  variation,  but  for  entirely  different  reasons.  The  fully  catalyti c  wal 1  insures 
Cftw  *  0  at  the  cold  wall,  and  the  frozen  profile  of  C a  through  the  boundary  layer  is  due  entirely  to 
diffusion  --  It  has  nothing  to  do  with  any  chemical  reactions  within  the  boundary  layer,  which  of  course 
do  not  occur  by  definition  of  a  frozen  flow.  Stagnation  point  heat  transfer  results  are  shown  in  Fig. 

32.  Here,  the  heat  transfer  coefficient,  Nu/Re1/  is  given  as  a  function  of  the  chemical  reaction  rate; 
high  rates  at  the  right  of  Fig.  32  correspond  to  equilibrium  flow,  and  the  low  rates  at  the  left 
correspond  to  frozen  flow.  Note  that,  for  a  fully  catalytic  wall,  the  heat  transfer  rate  is  essentially 
the  same,  whether  or  not  the  flow  Is  equilibrium,  nonequilibrium,  or  frozen.  Whether  the  chemical  energy 
is  released  within  the  boundary  layer  (as  In  the  case  of  equilibrium  flow)  or  at  the  wall  (as  in  the  case 
of  a  frozen  flow  with  a  fully  catalytic  wall),  about  the  same  amount  of  energy  is  ultimately  transferred 
to  the  wall.  On  the  other  hand.  If  the  wall  Is  non-catalyt i c,  as  the  nonequilibrium  boundary  layer 
results  progressively  go  from  near  equilibrium  conditions  to  near  frozen  conditions,  the  heat  transfer  to 
the  wall  decreases,  amounting  to  more  than  a  50  percent  decrease  at  the  left  of  Fig.  32.  These  results 
were  the  first  to  point  out  that  the  use  of  a  non-catalytic  wall  can  substantially  reduce  aerodynamic 
heating  from  a  nonequilibrium  boundary  layer. 

ss 

Non-similar  chemically  reacting  boundary  layer  flows  have  been  addressed  by  Blottner  '  ,  among 

others.  Blottner  uses  an  Implicit  finite  difference  method  for  solving  the  boundary  layer  equations. 

Ref.  54  treats  the  case  of  a  dissociating  gas,  and  Ref.  55  extends  this  work  to  a  partially  ionized  gas. 
Blottner's  work  soon  became  the  standard  method  for  calculating  chemically  reacting  boundary  layers  around 
hypersonic  bodies,  and  It  remains  so  to  the  present  day.  A  sample  of  Blottner's  calculations  for  the 
nonequilibrium  flow  over  a  10®  cone  at  100,000  foot  altitude  and  V»  =  21000  ft/sec  Is  given  in  Fig.  33. 
Here,  the  atom  mass  fraction  is  shown  as  a  function  of  the  normal  coordinate  across  the  boundary  layer  at 
several  streamwlse  stations.  Note  that  the  atom  mass  fraction  increases  with  distance  downstream  of  the 
nose  within  the  hot  region  of  the  boundary  layer,  approaching  the  equilibrium  values  far  downstream. 


Viscous  interaction.  The  physical  nature  of  the  classic  viscous  interaction  problem  was  discussed  in 
Section  iT.  ft  can  be- readily  shown  (see  for  example  Ref.  2)  that  the  governing  viscous  interaction 
parameter  for  pressure  distribution  Is 

M3 

X  -  —  /T  (28) 

/Re 


where  C  *  Pw^w/Pe^e*  The  variation  of  pressure  as  a  function  of  jT  depends  on  whether  the  viscous 
Interaction  is  strong  or  weak.  For  the  strong  interaction  region,  the  boundary  layer  grows  very  rapidly, 
the  outer  Invlscid  flow  is  greatly  affected,  and  the  effects  on  the  invlscld  flow  feed  back  into  the 
boundary  layer  Itself.  For  the  weak  Interaction  regime,  the  feedback  of  the  changes  In  the  outer  invlscld 
flow  are  small,  and  are  not  Included.  Typical  viscous  Interaction  results  for  both  the  strong  and  weak 
interaction  regimes  on  an  Insulated  flat  plate  are  shown  In  Fig.  34,  obtained  from  Hayes  and  Probsteln**. 
Note  that  viscous  interaction  effects  become  stronger  as  Increases  and  Re  decreases. 


VIII.  VISCOUS  HYPERSONIC  AERODYNAMICS  —  THE  NEW 


Once  again,  the  application  of  computational  fluid  dynamics  distinguishes  the  "new"  from  the  "old" 
hypersonic  aerodynaml cs.  In  modern  hypersonic  aerodynamics,  calculations  are  now  made  assuming  the 
entire  shock  layer  Is  viscous,  all  the  way  from  the  body  to  the  shock  wave.  There  Is  a  hleracrchy  of 
solution  techniques,  generally  classified  under:  (1)  viscous  shock  layer  (VSL)  solutions,  (2) 
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parabolized  Navier-Stokes  (PNS)  solutions,  and  (3)  full  Navier-Stokes  solutions.  There  Is  no  space  in 
the  present  paper  to  do  justice  to  these  techniques  --  see  Ref.  2  for  a  detailed  discussion.  Only  a 
brief  mention  is  given  in  the  following  paragraphs. 

VSL  technique.  In  1970 ,  R.7.  Davis  presented  a  simplified  fully  viscous  shock  layer  analysis  for 
hypersonic  flow513.  This  work  was  nicely  extended  to  a  detailed  chemically  reacting  shock  layer  by 
MossS7.  The  work  of  Moss  has  been  progressively  extended  to  Include  shock  layer  radiation,  ablating 
gases,  turbulence  and  foreign  planetary  atmospheres.  Indeed,  Moss's  later  work  has  led  to  a  very 
exciting  "first"  In  modern  hypersonics  —  the  design  of  the  Galileo  heat  shield  by  means  of  detailed  flow 
field  calculations.  Previous  reentry  vehicles  such  as  Apollo  and  the  space  shuttle  were  designed  by 
means  of  a  combination  of  wind  tunnel  data  and  approximate  calculations.  However,  the  final  design  of 
the  heat  shield  for  the  Galileo  Probe  (planned  for  a  future  launch  towards  Jupiter),  was  performed  on  the 
basis  of  Moss's  detailed  viscous  shock  layer  calculations.  These  calculations,  and  their  progressive 
development,  have  been  extensively  published;  for  a  recent  summary,  see  Refs.  58  and  59,  and  the 
references  contained  therein.  It  should  be  noted  that  some  results  In  Refs.  58  and  59  were  also  obtained 
by  means  of  a  time-dependent  viscous  shock  layer  analysis  derived  from  the  work  of  Kumar  et  al60. 

Typical  results  from  Moss's  work  are  shown  in  Figures  35  and  36,  taken  from  Ref.  59.  In  Figure  36,  the 
time-varying  contours  (due  to  surface  ablation)  are  given  for  the  Galileo  probe  for  various  times  during 
its  Jovian  entry  trajectory.  Figure  3^ gives  the  calculated  radiative  and  convective  heat  transfer  to 
the  stagnation  point;  note  In  particular  that  the  heating  to  the  Galileo  probe  is  predicted  to  be 
virtually  all  radiative,  because  the  convective  heating  is  negligible  due  to  massive  ablation.  Again,  it 
Is  this  type  of  data  that  has  gone  into  the  detailed  design  of  the  Galileo  heat  shield  —  truly  a 
benchmark  event  in  the  development  and  use  of  detailed,  modern  hypersonic  flow  calculations. 

PNS  technique.  Modern  CFD  applications  for  viscous  shock  layers  have  focused  around  a  simplification 
of  the  Navier-Stokes  equations,  wherein  the  streamwise  viscous  terms  are  neglected.  This  leads  to  a 
system  of  parabolic  partial  differential  equations  called  the  parabolized  Navier-Stokes  (PNS)  equations, 
which  can  be  solved  as  a  steady  state  problem,  hence  running  in  a  fraction  of  the  computer  time  that 
would  be  required  for  a  time-dependent  solution.  Indeed,  a  rather  standard  PNS  code  has  been  developed 
which  is  now  used  by  more  than  50  laboratories  and  agencies  throughout  the  country .  This  code  has 
developed  out  of  work  originally  carried  out  by  Tannehill  at  Iowa  State  University  (see  for  example  Ref. 
61),  and  refined  by  Schlff  and  Steger62  and  others63-66  .  A  recent  application  of  the  PNS  technique  to 
the  flow  field  over  the  space  shuttle  has  been  made  by  the  late  John  Rakich  and  colleagues,  as  described 
in  Ref.  67.  More  recent  PNS  calculations  dealing  with  equilibrium  and  nonequilibrium  viscous  flows  are 
given  by  Prabhu  et  al  in  Refs.  68  and  69. 

Full  Navier-Stokes  solution.  The  complete  Navier-Stokes  equations  are  being  solved  by  means  of  a 
1 1 me-marchi ncf finite  d i f f e ren ce  approach.  Perhaps  the  best  example  of  this  type  of  solution  Is  the  work 
of  Shang  and  Scherr70,  where  the  hypersonic  viscous  flow  over  a  complete  airplane  configuration,  namely 
the  X-24  research  vehicle,  was  calculated.  This  Is  an  historic  calculation  --  the  first  time  that  a 
Navier-Stokes  calculation  has  been  made  for  a  complete  airplane.  A  result  of  this  work  is  shown  In 
Fig.  37,  which  illustrates  the  surface  streamline  pattern  (local  directions  of  the  shear  stress). 

Viscous  interaction.  In  the  "old"  hypersonics,  viscous  interaction  effects  were  treated  as  a  coupled 
problem  between  the  boundary  layer  displacement  thickness  and  a  generally  approximate  calculation  of  the 
outer  Invlscid  flow.  Today,  such  a  philosophy  can  still  be  used  combining  modern  inviscid 
three-dimensional  flow  solutions  along  with  a  three-dimensional  boundary  layer  analysis.  However,  the 
coupling  of  these  two  analysis  still  leads  to  an  approximate  estimate  of  the  viscous  interaction  effect. 
In  contrast,  a  second  philosophy,  described  in  the  previous  paragraph,  involves  the  solution  of  the 
complete  viscous  shock  layer,  wherein  viscous  interaction  effects  are  naturally  accounted  for.  A  very 
interesting  and  definitive  study  of  these  two  philosophies  has  been  recently  carried  out  by  McWherter 
et  al7i.  This  work  represents  the  best  example  to  date  of  the  modern  hypersonic  state-of-the-art  for 
viscous  interaction  effects.  In  Ref.  71,  both  an  inviscld/boundary  layer  technique  and  a  PNS  solution 
are  used  to  calculate  the  hypersonic  flow  over  slender,  blunted  cones  at  moderate  angle  of  attack. 

Typical  results  are  shown  in  Figs.  38  and  39,  taken  from  Ref.  71.  In  Figure  38,  the  pressure 
distribution,  p/pm  as  a  function  of  distance  from  the  nose,  is  given  for  a  blunt  4-degree  cone  in  a  Mach 
10  flow  at  an  angle-of-attack  of  essentially  3  degrees.  Results  are  shown  for  both  the  windward  (♦*0) 
and  leeward  (♦*180°)  centerlines.  The  open  symbols  are  experimental  data  from  Ref.  72.  Calculation  for 
both  the  Inviscld/boundary  layer  (30V)  and  the  fully  viscous  shock  layer  (PNS)  are  also  shown.  This 
figure  illustrates  three  important  trends: 

(1)  The  difference  between  the  30V  and  PNS  calculated  results  clearly  demonstrates  the  substantial 
magnitude  of  the  viscous  Interaction  effects. 

(2)  The  fully  viscous  shock  layer  calculations  (PNS)  does  a  reasonable  job  of  calculating  the 
viscous  interaction  effect,  as  seen  by  its  fairly  good  agreement  with  experiment. 

(3)  The  viscous  Interaction  effect  Is  stronger  on  the  leeward  surface  than  on  the  windward  surface; 
this  Is  expected  due  to  the  locally  higher  Mach  number  and  lower  Reynolds  number  on  the  leeward 
surface. 

The  viscous  Interaction  effect  on  axial  force  coefficient  is  shown  In  Fig.  39,  where  the  two  sets  of 
calculations  are  compared  with  experimental  data  obtained  from  Ref.  73.  Again,  the  PNS  solution  does  a 
good  Job  of  predicting  the  data,  and  again  the  magnitude  of  the  viscous  Interaction  effect  on  C a  Is 
substantial . 

To  conclude  this  section,  something  should  be  said  about  the  effects  of  flow  separation  at  hypersonic 
speeds,  because  this  Is  truly  a  "viscous  Interaction"  of  the  first  magnitude.  The  prediction  of  flow 
separation  has  always  been  a  challenging  problem  In  fluid  mechanics;  hypersonics  Is  no  exception.  In  the 
"old"  hypersonics,  the  analysis  of  three-dimensional  flow  separation  was  virtually  nonexlstant.  However, 
for  the  new  hypersonics,  the  power  of  CFD  is  opening  greater  possibilities  for  the  solution  of  this 
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problem.  An  example  Is  shown  In  Fig.  40.  taken  form  the  work  of  Gnoffo74 ,  Here,  a  PNS  code  Is  used  to 
calculate  the  flow  over  a  bend  bl conic  at  Mach  6.  Figure  40  Is  a  velocity  vector  diagram  In  the 
cross-flow  plane  of  the  region  near  the  leeward  centerline  when  the  body  is  at  an  angle-of-attack  of  20 
degrees.  Note  the  region  of  flow  separation.  Figure  41,  also  taken  from  Ref.  74,  shows  the  comparison 
between  calculated  and  measured  separation  lines  along  the  leeward  surface  for  the  same  case.  Excellent 
agreement  is  obtained,  clearly  Illustrating  the  power  of  modern,  detailed  viscous  flow  calculations  for 
the  prediction  of  separated  flows. 

IX.  CONCLUDING  REMARKS 


This  survey  of  Invlscid  and  viscous  hypersonic  aerodynamics  Is  an  attempt  to  wet  the  interest  of  the 
reader  In  learning  about  the  Important  developments  In  the  field  since  the  early  1950's.  We  have  only 
scratched  the  surface  here.  Again,  the  author  begs  forgiveness  from  his  colleagues  whose  work  Is  not 
listed  here  --  there  simply  was  not  room  nor  time  to  do  so.  The  reader  Is  strongly  encouraged  to  read 
the  hypersonic  literature;  the  references  listed  here  represent  just  a  start.  A  much  more  thorough  and 
reasonably  complete  discussion  of  hypersonic  and  high  temperature  gas  dynamics  can  be  found  in  Ref.  2,  to 
which  the  reader  Is  particularly  directed  for  additional  study. 
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FIG.  4:  Schematic  of  boundary  layer 
temperature  profile. 


FIG.  5:  Viscous  interaction  effect  on  cones 
Mm  =  11,  Re  =  1.88-10-  per  foot. 


FIG.  6a:  High  temperature  shock  layer. 
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FIG.  6b:  Temperature  behind  a  normal  shock  wave 
as  a  function  of  freestream  velocity 
at  a  standard  altitude  of  52  km 
(from  Ref.  10). 
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FIG.  7:  Regimes  of  applicability  of  various 
flow  equations  for  low  density  flows 
(from  Refs.  14  and  15) . 


FIG.  9:  Comparison  of  Newtonian  theory  with 
exact  cone  and  wedge  results. 


FIG.  10:  Comparison  of  modified  Newtonian  theory 
with  exact  numerical  results  for  flow 
over  a  blunt-nosed  paraboloid 
(from  Ref.  10). 
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FIG.  12:  Shock-expansion  results  for  an  ogive 
(from  Refs.  20  and  7). 


FIG.  13:  Oata  showing  mach  number  independence 
for  blunt  bodies  (from  Ref.  7) 


FIG.  14:  Results  demonstrating  hypersonic 
similarity  (from  Ref.  7). 


FIG.  15:  Illustration  of  the  combined  blast 
wave  analogy  and  the  hypersonic 
equivalence  principle. 
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FIG.  16:  Comparison  of  pressure  coefficients 
obtained  with  combined  blast  wave/ 
Newtonian  theory  with  flight  data  for 
the  space  shuttle.  Windward  centerline. 
M.  ■  21.6,  a  -  40°. 
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FIG.  17:  Pressure  distribution  and  shock  shape 
for  a  hemisphere  cylinder.  M  =7.7, 
Y  =  1.4  (from  Ref.  27). 


FIG.  18:  Time-dependent  shock  wave  motion, 
parabolic  cylinder,  M  =  4  (from 
Ref.  10). 
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FIG.  19:  Time-variation  of  stagnation  point 
pressure,  parabolic  cylinder, 

•  4  (from  Ref.  10). 


FIG.  20:  Calculated  shock  wave  shape  around  a 
shuttle-like  vehicle.  M  =  6, 
a  »  26.6°,  y  =  1.4  (from'Ref.  25). 


FIG.  21:  Calculated  pressure  coefficient 
distributions  along  the  windward 
Centerline  of  the  space  shuttle 
(from  Ref.  40). 
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FIG.  22:  Surface  pressure  distribution  over  a 
blunt-nosed  cone  at  angle  of  attack  of 
10°;  method  of  characteristics  (from 
Ref.  35). 


FIG.  23:  Hypersonic  inviscid  flow  streamlines 
over  the  blunt  nose  of  a  shuttle-like 
vehicle.  M  *  8.0,  a  *  30°  (from 
Ref.  43).  * 
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FIG.  24:  Mach  number  contours  for  a  hypersonic  vehicle.  Inviscid  finite 
volume  calculations  from  Ref.  45. 
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FI6.  25:  Velocity-altitude  map  showing  regions  where  various  high 
teaperature  effects  are  Important  (from  Ref.  49). 
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FIG.  34:  Induced  pressures  on  a  flat  plate  (from  Ref.  4). 


FIG.  35:  Calculated  radiative  and  convective 
heat  transfer  to  the  Galileo  probe 
during  Jovian  entry  (from  Ref.  59). 


FIG.  36:  Predicted  time-varying  contours  for 
the  Galileo  probe  during  Jovian  entry 
(from  Ref.  59). 


FIG.  37:  Surface  shear  directions  from  a  full  Navler-Stokes  calculation 
(from  Ref.  70). 


FIG.  38: 


Surface  pressure  distribution  along  a 
blunt  cone  at  angle  of  attack, 
comparing  Invlscld/boundary  layer 
calculations  (3DV)  with  a  parabolized 
Navler-Stokes  calculation  (PNS)  (from 


FIG.  39: 


Axial  force  coefficient  for  a  blunt 
cone  versus  angle  of  attack  (from 
Ref.  71). 


FIG.  40:  Velocity  vector  diagram  In  the  cross- 
flow  plane  of  the  region  near  the 
leeward  centerline  of  a  bent  biconic 
at  Mach  6,  illustrating  a  region  of 
calculated  separated  flow  (from  Ref.  74). 
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FIG.  41:  Comparison  of  calculated  and  measured 
separation  lines  for  a  bent  biconic. 

M  *  6,  a  =  20°,  Re  =  8.2n106  (from 
Ref.  74). 
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Summary 

Real  gas  effects  are  due  to  the  transformation  of  an  hypervelocity  flow  into  an  hyperenthalpy  flow.  The  flow  is  thus  the 
room  of  various  phenomena,  chemical  reactions  leading  to  dissociation  and  ionisation,  energy  exchanges  between  degrees  of 
freedom  of  particles  ... 

The  physical  background  is  introduced  in  the  first  section.  The  thermodynamic  properties  of  molecules  and  atoms  are 
first  described.  The  flow  equations  are  derived  from  description  of  the  microscopic  behaviour  of  particles.  The  chemistry, 
either  in  the  gas  or  at  gas/surface  interfaces  is  discussed.  Results  for  air  at  chemical  equilibrium  are  presented  as  an 
illustration.  A  simple  model  is  also  given. 

Examples  of  flow  with  real  gas  effects,  relevant  to  space  shuttle  reentry,  are  given  in  the  second  part.  The  relaxation 
behind  the  shock  wave  is  first  studied.  Shock  layer  and  boundary  layer  flows  around  the  body  are  then  investigated.  At 
last,  the  ionisation  problem  is  mentkmned. 


Introduction 

At  room  temperature,  au^an  be  modelled  as  an  ideal  gas,  ie  a  gas  the  thermodynamic  properties  of  which  do  not  depend 
upon  the  temperature  (Cp,  C.,*7 . . .  =  constants).  This  is  not  so  when  the  temperature,  or  the  energy  of  the  gas,  increases. 
For  example,  for  a  shuttle  reentry,  at  70  km  altitude,  the  Mach  number  is  about  25,  so  that,  behind  a  front  shock  wave, 

according  to  Rankine-Hugoniot  formulae,  the  Mach  number  should  decrease  to  0.38  and  the  static  temperature  be  multiplied 
by  122.5,  leading  to  temperatures  in  the  shock  layer  of  about  25000K.  The  transformation  of  kinetic  energy  into  thermal 
energy,  or  of  an  hypervelocity  flow  into  an  hyperenthalpy  flow  is  such  that  air  can  no  longer  be  considered  as  ax.  ideal 
gas.  Energy  is  then  stored  in  the  internal  degrees  of  freedom  so  the  above  mentionned  coefficients  vary  with  temperatui ... 
Moreover,  chemical  reactions  occur  at  these  temperatures,  leading  to  dissociation  of  air  molecules  and  ionization  of  the  flow. 

The  study  of  high  temperature  flows  has  been  called  aerothermochemiatry  by  the  late  Professor  Th.  Von  K&rm&n.  This 
lecture  is  aimed  to  give  the  reader  a  first  flavour  of  aerothermochemiatry. 

The  first  part  deals  with  the  basic  physics  needed  to  study  high  energy  flows,  i.e  the  description  of  thermodynamical 
properties  of  molecules  and  atoms,  the  derivation  of  the  governing  equations  from  the  description  of  the  microscopic 
behaviour  of  particles,  and  the  chemistry.  The  radiation  phenomena,  which  is  important  at  very  high  temperatures,  will 
not  be  addressed  here. 

The  second  part  is  devoted  to  some  examples  to  bring  into  evidence  the  rdle  of  various  phenomena  in  hypersonic  flows. 
For  the  sake  of  simplicity,  we  shall  restrict  us  to  reentry  problems  for  space  shuttles  or  missiles. 

PART  ONE  :  PHYSICAL  BACKGROUND 


It  is  not  our  purpose  to  make  the  reader  an  expert  in  physical  gas  dynamics  in  such  a  short  course,  but  just  to  provide  him 
the  basic  ideas  of  the  physics  of  aerothermochemistry.  The  reader  is  asked  to  refer  to  standard  textbooks  [26]  [31]  [42]  [63] 
1 105]  for  a  more  complete  information. 

I  Thermodynamic  background 
1.1  Energy  levels  In  a  molecule 

Energy  can  be  stored  in  various  ways  in  a  molecule  as  depicted  on  figiire  1.  The  first  mode  is  the  kinetic  energy  due  to  the 
Brownian  motion  of  the  molecule.  This  Brownian  motion  corresponds  to  three  degrees  of  freedom.  When  the  molecules 
are  excited,  energy  can  be  supplied  to  the  electrons,  so  that  they  can  move  to  higher  energy  levels.  Climbing  energy  levels 
requires  energy,  while  falling  down  leads  to  an  energy  release,  e.g  a  photon  emission.  At  high  excitation  levels,  the  electron 
leaves  the  molecule,  it  is  the  ionisation  process.  Molecules  can  also  rotate  around  their  center  of  mass.  As  the  bound 
between  the  atoms  is  very  rigid,  diatomic  molecules  can  be  viewed  as  dumb-bells,  the  axis  of  which  is  a  very  rigid  spring. 
When  molecules  collide,  energy  can  be  supplied  to  the  rotation  motion.  For  a  diatomic  molecule,  rotation  has  two  degrees 
of  freedom,  as  the  inertia  with  respect  to  the  molecule  axis  is  negligible.  At  last,  excited  molecules  can  vibrate,  i.e  the 
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Figure  1:  Diatomic  molecule  energetic  modes  (from[57j) 

"spring"  between  two  atoms  allows  them  to  move  along  the  axis  with  respect  to  each  other.  The  vibrational  energy  is  due 
both  to  the  kinetic  energy  of  the  vibrational  motion  and  to  the  potential  energy  of  the  bound.  When  the  vibration  energy 
is  large,  the  atoms  may  part,  it  is  the  dissociation  process.  The  internal  energy  of  the  nucleus  is  neglected  as  no  nuclear 
reactions  are  accounted  for. 

Atoms  also  have  translation  and  electronic  excitation  energy  but  they  cannot  vibrate  and  the  rotation  motion  can  hardly 
be  excited  by  collisions  and  is  negligible. 

All  energy  levels  are  quantified.  Changes  in  rotational  or  vibrational  levels  may  also  correspond  to  a  photon  emission. 
Translational  energy  states  are  determined  by  the  set  of  quantum  numbers  l,  electronic  energy  states  by  s,  rotational  energy 
states  by  j  and  vibrational  ones  by  v. 

Collisions  between  particles  tend  to  homogenise  the  probability  of  the  energetic  state  of  particles  so  that  they  tend 
towards  thermodynamic  equilibrium  in  which  energy  is  "equally"  distributed  among  particles  and  energetic  modes. 

1.2  Partition  function 

The  important  Boltsmann  H  theorem  will  not  be  demonstrated  here,  readers  are  referred  to  standard  textbooks  [42]  [63) 
[105).  An  application  of  this  theorem  is  however  given  in  section  2.3.1.  This  theorem  shows  that,  for  a  given  energy,  a 
given  number  of  particles  in  an  insulated  volume  tend  towards  the  most  probable  energy  distribution,  i.e  the  Boltsmann 
distribution.  This  is  not  true  at  very  low  temperatures  which  are  out  of  concern  here. 

As  pointed  out  previously,  the  energy  is  quantified,  i.e  it  does  not  vary  continuously  but  on  a  set  of  discrete  energy 
levels.  A  given  energy  level  et  can  however  be  obtained  in  various  ways,  the  degeneracy  g,  of  the  energy  levels  is  the  number 
of  ways  they  can  be  obtained. 

If  ni  is  the  number  of  particles  at  the  energy  level  t,  N  the  total  number  of  particles  and  E  the  energy  of  the  system,  it 
is  obvious  that 

n  =  £ » * 

i 

B  = 

i 

The  Boltsmann  distribution  (see  section  2.3.1)  gives  the  number  of  particles  in  each  energy  level  as 

n<  =  Aft  exp  (0e,) 

where  A  and  0  are  constants.  The  number  of  particles  in  each  energy  level  can  be  expressed  as 

where  Q  =  X^exp  (fa) 

Q  is  the  energy  partition  function  of  the  system,  it  represents  how  the  energy  levels  sre  popnlsted. 

The  coefficient  0  can  be  calculated  in  various  ways,  either  from  the  system  entropy  to  fit  statistical  thermodynamics 
|105]  or  by  considering  an  atom  gas  without  electronic  excitation  [42).  It  is  then  shown  that 


where  k  is  the  Boltsmann  constant.  So  the  population  reads 

n<  =  N~ <J  =  2>« 

i.e  at  a  given  temperature,  the  population  decreases  exponentially  with  the  energy  of  the  level  while  the  population  increaaes 
with  the  temperature  for  the  meet  energetic  levels. 

The  energy  of  a  given  state  is  the  sum  of  the  energy  of  the  differents  inodes  e<  =5  + 1$  +  ej  +  e,  while  the  degeneracy 

is  the  product  g{  =  gi9$9j9w  so  that  the  partition  function  reads 

9  =  EE  E  Emm* 

t  •  j  •  KI 
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The  above  presented  formulae  are  for  heteronudear  molecules.  For  homonuclear  molecules,  a  rotation  of  180  decrees  do  not 
modify  the  molecule,  so  a  correction  must  be  introduced.  The  partition  function  reads 


-  1  T 
Qrot  —  ~g 

*#rot 


where  a  is  the  symmetry  number  that  is  1  for  heteronudear  molecules  and  2  for  homonuclear  molecules. 


1.2.4  Vibrational  energy 

From  the  previously  introduced  analogy  between  atom  bound  and  a  spring,  the  molecule  can  be  modelled  as  an  harmonic 
oscillator.  Quantum  mechanics  state  that  the  energy  levels  are 

e.  =  (2d  +  l)e0  *o  =  jA* 

and  no  degeneracy  ie  allowed.  A*  the  ground  state  v  =  0  corresponds  to  no  vibrational  energy,  this  energy  is  subetracted 
so  that  e,  =  vhu  and  the  partition  function  reads 

_  vhu 

^vib  — 

and  since  l  +  x  +  z*  +  x*...=  ^  the  vibration  partition  function  can  be  approximated  as 

^  1  ,  .  hu 

Ovib  = - or  where  'vib  =  T 

1  —  exp  — * 


1.2.5  Anharmonlcity 

The  harmonic  oscillator  hypothesis  is  however  too  crude  and  enharmonic  effects  must  be  introduced.  On  Figure  2,  the 
potential  energy  and  vibrational  levels  of  a  diatomic  molecule  are  represented  as  function  of  the  distance  r  between  the 
centers  of  the  two  atoms.  The  real  curve  is  the  solid  line.  As  interatomic  forces  are  attractive  at  large  distance  and 
repulsive  at  small  distance,  an  equilibrium  situation  exists  for  r0.  When  the  interatomic  distance  increases,  the  potential 
energy  increases  up  to  the  dissociation  energy  D.  The  harmonic  oscillator  is  a  fair  approximation  for  interatomic  distances 
close  to  the  equilibrium  situation  but  fails  for  large  departures  from  the  equilibrium  situation  as  it  is  easier  to  move  the 
atoms  apart  than  closer.  The  harmonic  oscillator  and  the  equally  spaced  vibrational  levels  are  indicated  by  dashed  lines. 
The  real  vibrational  levels  are  indicated  by  solid  lines,  their  spacing  decreases  when  the  energy  increases. 


Figure  2:  Potential  energy  and  vibrational  levels  for  a  diatiomic  molecule  (from  [105]) 

The  harmonic  oscillator  model  gives  however  fair  predictions,  except  for  high  energies  which  correspond  to  an  important 
population  of  the  upper  vibrational  levels.  Approximate  corrections  methods  have  been  proposed  to  take  into  account  the 
anharmonkity. 

1.2.0  Coupling  of  the  rotation  and  the  vibration 

Vibration  changes  the  distance  between  the  two  atoms  and  the  inertia  moment  of  the  molecule,  so  that  the  vibration  and 
rotation  are  coupled.  The  effect  of  this  coupling  is  of  the  same  order  of  magnitude  as  the  anharmonicity  so  that  both  are 
sometimes  modelled  together  [10$]. 

This  coupling  can  be  accounted  for  by  defining  rotational  states  for  each  vibrational  level  [2].  The  partition  function 
now  reads 

Q  —  QtransQelecQvib,rot 
and  the  vibration-rotation  partition  function  reads 

Cvib.rot  = 

when  a  i.  the  iymmetry  number  introduced  in  MCtion  1.2.2  and  .till  g(v,j)  =  2/  +  1.  The  energy  level  can  be  approximated, 
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by  neglecting  the  higher  powers  of  j  and  v  as  [2] 

ff.j  =  he  |(w,  -  ui,x.)  t :  +  (j),~  -a^j  j  ( j  +  1)  -  u.z.v1  -  a,vj  (j  +  1)  -  D,jl  (j  +  1)’J 
1.2.7  Us©  of  spectroscopic  data 

As  mentionned  previously,  changes  in  electronic  excitation,  rotational  or  vibrational  levels  may  correspond  to  the  emission 
or  the  absorption  of  a  photon.  The  quantum  theory  selection  rules  allow  changes  of  only  ±  one  level,  and  the  frequency  u ' 
of  the  emitted  or  absorbed  light  is  given  by  the  Bohr  equation 

kv'  =  e,+l  - 

where  t  is  the  quantum  number  of  the  lower  energy  state  (electronic  excitation,  rotation  or  vibration). 

The  energy  levels  can  thus  be  determined  from  absorption  and  emission  spectra  of  molecules.  For  example,  rotational 
spectra  of  molecules  shows  up  in  the  far  infrared  v  die  vibrational  spectra  in  the  near  infrared.  Both  emission  and  absorption 
techniques  are  used.  The  above  spectroscopic  constants  u/„  w.x,,  a„  D,  are  so  determined.  A  review  of  spectroscopic 
data  can  be  found  in  {23]  to  calculate  the  energy  partition  function. 


1.3  Determination  of  thermodynamic  functions 

The  thermodynamic  functions  which  are  used  to  represent  the  state  of  the  system  can  be  calculated  from  the  partition 
function.  The  partition  function  for  a  system  of  N  particles  reads 


while  the  energy  is  given  by 

From  these  two  relations,  the  energy  cam  easily  be  computed  as 


E  =  NkT 

dT 


From  the  Boltzmann  H  theorem,  the  entropy  of  the  system  is 

S  =  Nk 

so  that  it  can  be  expressed  as 


'  £i«ie*P  ~&n 

ln - rr- —  +  1 

N 


E 

+  r 


The  Helmholtz  free  energy  is  defined  as 
and  is  so 


S  =  JV*|ln|  +  l  +  r^ 


F  =  E-TS 


F  =  -NkT 


* 


+  1 


Differentiation  of  equation  (l)  together  with  the  Gibbs  equation 


dS  =  ±dE  +  -  Wn,p,dN, 


T-r 


(1) 


(2) 


where  S  is  the  entropy,  pj  is  the  chemical  potential  per  particle  and  capital  subscript  I  indicates  chemical  species,  leads,  for 
a  pure  gas,  to 


:  NkT 


d\nQ 

dV 


which  reduces  to  the  standard  form  pV  =  NkT  since  Qtrana  **  Proportional  to  the  volume  while  the  contribution  of  internal 
modes  are  independent  of  the  volume.  This  equation  can  be  written  in  various  forms,  by  introducing  the  density  p  =  Nm/V 
and  the  molar  mass  M  =  Mm  where  M  is  the  Avogadro  number 


pV  =  NkT 
p  =  ^kT  =  ^-MkT 

-  4t=»rt 

where  Z  ~  Mk  is  the  universal  gas  constant  while  R  =  Z/M  is  the  gas  constant  for  the  studied  gas.  The  expression  for  the 
chemical  potential  can  also  be  derived  from  equations  (l)  and  (2)  as 

«*-«•  ■»£ 


The  enthalpy  is  defined  is  B  =  E  +  pV  i.e 


B  =  NkT1^^-  +  NkT 
oT 

and  the  Gibb*  free  energy  can  be  expressed  either  as 

G  =  E  +  pV-TS  =  H-TS 

or  as 

G  =  Nm 

All  the  above  values  (except  the  chemical  potential)  where  obtained  for  N  particles.  The  molar  values  are  obtained  by 
letting  N  —  H.  Moreover,  the  formation  enthalpy  of  the  species  must  be  accounted  for.  By  convention,  this  enthalpy  is  null 
for  species  existing  at  standard  conditions  (O*,  Nit  Ar)  and  also  for  the  electron.  If  is  the  molar  formation  enthalpy  of 
species  I,  the  above  relations  read,  for  molar  values 

Gf  =  hi  =  Hj  -  IT  In  Qj 

H,  =  + 

E,  =  H,-ZT 

It  is  also  interesting  to  introduce  the  specific  heat  coefficient  at  constant  pressure 


1.4  Contribution  of  the  degrees  of  freedom  to  the  energy 

As,  in  a  first  approximation,  the  partition  function  can  be  expressed  as 


Q  —  II  Q  modes 
modes 


and  the  mean  energy  per  particle  reads 


the  mean  energy  per  particle  can  be  expressed  as 

«-*r»3£lnqtt^=  £  =  £  ,modea 

modes  modes 

i.e  if  the  energy  modes  are  assumed  to  be  uncoupled,  the  energy  is  the  sum  of  the  energy  of  each  mode. 
The  energy  of  each  mode  will  be  expressed  to  compare  their  relative  order  of  magnitude: 

•  The  translation  energy  partition  function  for  a  particle  reads 


so  that  the  translation  energy  is 


„  „  (2irmkT\ 1 


irana  gj.  ~~  2  ST  2 

i.e  the  translation  energy  is  proportional  to  the  temperature,  or,  more  precisely,  the  temperature  is  defined  from  the 
translation  energy. 

•  The  electronic  excitation  can  be  represented  by  only  considering  the  first  two  states  as 


so  that  the  energy  reads 


«p(-y) 


e.u,  =  k$i  ~v 

'lee  1+&«P 


i.e  the  electronic  excitation  energy  is  an  always  increasing  function  from  xero  at  OK  to  an  asymptotic  value  of  h$lgl/{g0+ 
ffl).  As  an  illustration,  f 191/(90  +  ft)  is  equal  to  4S60K  for  Oj,  87K  for  NO  and  19800K  for  N.  This  asymptotic  limit 
has  little  meaning  as  higher  levels  are  substantially  populated  at  high  temperatures.  It  however  shows  that  NO  will 
be  more  easily  excited  and  ionised  than  Os  or  N. 

•  The  rotation  partition  function  can  be  approximated  as 

T 

t  =  j— 

•rot 

so  that  the  rotation  energy  reads 

erot  “ 

i.e  the  rotation  energy  is  two  third  of  the  translation  energy. 
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•  The  vibrational  partition  function  can  be  approximated  as 


and  the  vibrational  energy  is 


^vib  : 


evib  : 


1  -  exp 
kd. 


vib 


exp  (V)  -  * 

i.e  this  contribution  increases  with  temperature  from  zero  at  OK  to  kT  at  high  temperature,  i.e  while  at  low  temperature 
the  rotational  energy  is  already  equal  to  kT  and  the  vibrational  energy  is  negligible,  the  vibrational  energy  is  equal  to 
the  rotational  energy  when  the  temperature  is  large  compared  with  the  characteristic  vibrational  temperature  which 
is  about  3000K  for  nitrogen,  oxygen  or  nitrogen  monoxide.  As  temperatures  around  bodies  in  reentry  flows  are  usually 
about  5000K,  the  vibration  energy  is  smaller  than  the  rotation  energy  but  however  of  the  same  order  of  magnitude. 


1.5  Gas  mixtures 

1.5.1  State  equation 

The  Dalton  law  can  be  demonstrated  either  from  the  above  thermodynamic  approach  or  with  the  help  of  gas  kinetic  theory 
(see  e.g  equation  (11)  in  section  2.5).  The  pressure  is  the  sum  of  the  partial  pressures  of  the  various  species.  Each  species 
behaves  like  a  perfect  gas,  so 

pK  =  ZPiV=Z^kT  =  ^kT 

i  / 

where  Nj  is  the  number  of  particles  of  species  I  in  the  volume  V.  This  equation  can  also  be  rearranged  by  introducing  the 
density  of  the  species  pi  and  their  molar  masses  M}  as 

p  =  '££LkT  =  '££-JlT 

j  mj  j  Mi 

p  =  = 

*  =  £  = 


A  mean  molar  mass  Af  can  be  defined  as 


M 


BL  v 

i  M, 


where  Y,  =  p,/p  are  the  m<uie  /ruction.,  Mid  n  the  number  of  mole,  per  unit  voiume.  The  pressure  c*n  thus  be  expressed  as 

’-fa 

The  compressibility  factor  is  defined  as  the  ratio  between  the  mean  molar  mass  of  the  mixture  and  its  value  M0  for  non- 
dissociated  gas  as 


so  that  the  state  equation  reads 


7  Mq 

z  =  w 


p  —  ZRopT  Ro  - 


M0 


where  Ro  is  the  gas  constant  for  non-dissociated  gas.  Conversely,  the  partial  pressure  of  a  species  can  be  expressed  in  terms 
of  the  mixture  pressure  as 


„  _  Pi/M[ 

P,-nP=^ WP 


1.5.3  Thermodynamic  properties  of  a  mixture 

The  enthalpy  of  a  gas  mixture  is  the  sum  of  the  enthalpy  of  all  particles.  It  is  convenient  to  define  the  enthalpy  per  mmu 
unit  for  each  species 


h  -  H] 


Hr  :  molar  enthalpy 
Wi  =  £Mr  h  = 


so  that  the  mixture  enthalpy  reads 

;  E  Y'hi 

l  I 

Similarly,  the  energy  of  a  gas  mixture  is  the  sum  of  the  energies  of  all  particles. 

The  Gibbs  free  energy  of  a  gas  in  a  mixture  depends  upon  its  partial  pressure  as 

G,  =  H?  -  ZTlnQ,  +  ST  In  4 
P 

where  p+  is  a  reference  pressure  (1  atm).  The  mixture  Gibbs  free  energy  is  thus  obtained  similarly  as 

9  -  Yi9t  9i  =  tt 

/  Mi 
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The  specific  heat  of  the  mixture  is  still  defined  as 

cr=™) 

P  ot)p 

so  that,  from  the  definition  of  the  mixture  enthalpy,  it  reads 

whore  the  Cp,  ore  here  the  specific  heat  per  mass  unit  (i.e  the  above  defined  molar  specific  heat  divided  by  Mi).  The 
problem  is  to  evaluate  the  partial  derivative  of  mass  fractions  with  respect  to  temperature.  Thia  has  generally  no  meaning, 
except  for  two  cases 

e  When  the  species  mass  fraction  are  constant.  The  “frosen"  specific  heat  is  then  defined  as 

Cp/  =  53  YtCp, 


.  When  the  flow  is  at  chemical  equilibrium.  In  this  case,  the  mass  fraction  and  all  thermodynamic  properties  depend 
upon  only  two  thermodynamic  variables,  e.g  the  pressure  and  the  temperature.  The  derivative  (dYt/dT)  at  constant 
pressure  can  be  defined  (see  section  4). 


1.6  Practical  evaluation  of  thermodynamic  properties 

The  thermodynamic  properties  of  each  species  and  of  the  mixture  can  be  calculated  from  the  knowledge  of  the  partition 
function.  But  this  function  is,  as  already  seen,  quite  complex  to  evaluate.  Spectroscopic  data  can  be  found  in  [23). 

Slighlty  simplified  models  have  been  proposed  by  Allison  [2]  and  by  Schafer  [94]  in  which  the  anharmonicity  and  the 
vibrational-rotational  coupling  are  treated  simply.  These  models  are  however  still  costly  as  the  partition  function  calculation 
requires  the  evaluation  of  several  exponential  functions. 

Polynomial  fits  for  the  entropy,  the  enthalpy  and  the  specific  heat  as  function  of  temperature  are  given  in  [52]  [89]. 
These  fits  are  quite  accurate  and  computational  time  saving. 

At  last,  thermodynamic  properties  are  tabulated  as  function  of  the  temperature  in  JANAF  Thermodynamic  tables  [10l]. 
Some  results  on  thermodynamic  properties  of  air  at  chemical  equilibrium  will  be  presented  in  section  4. 

It  must  be  mentionned  that  all  this  thermodynamic  study  has  been  done  assuming  that  particles  have  undergone  enough 
collisions  for  their  energy  to  be  “equally”  distributed  over  all  energetic  modes.  This  is  not  always  so  as  will  be  shown  in 
section  2.6.3.  The  reader  is  referred  to  standard  textbooks  (e.g  [105])  for  further  information. 


2  Gaz  kinetic  theory 

The  Navier  equation*  can  be  derived  from  tensorial  analysis,  the  transport  coefficients  are  then  to  be  fitted  with  experimental 
values.  Gas  kinetic  theory  provides  a  tool  to  derive,  from  a  description  of  particles  behaviour  at  the  microscopic  level,  both 
the  flow  governing  equations  at  a  macroscopic  level  and  formal  expressions  for  the  transport  coefficients. 

Three  length  scales  are  to  be  considered,  i.e 

•  A  characteristic  length  scale  of  the  flow  at  the  macroscopic  level,  e.g  the  length  of  the  body  or  the  thickness  of  the 
boundary  layer  or  the  shock  layer 

•  The  mean  free  path,  i.e  the  mean  distance  a  particle  travels  between  two  collisions  with  other  particles 

•  The  interaction  distance,  i.e  the  distance  at  which  interparticle  forces  act,  or  the  maximum  distance  between  two 
particles  for  their  trajectories  to  be  modified  by  the  presence  of  the  other  particle 

Herein,  we  shall  restrict  ourselves  to  the  case  of  a  dilute  gas,  i.e  the  interaction  distance  is  small  compared  with  the  mean  free 
path.  The  collisions  between  particles  are  unaffected  by  the  presence  of  other  particles.  This  is  not  always  so  for  plasmas 
in  which  coulombic  forces  can  have  a  long  action  range.  Consequently,  only  two-particles  collisions  are  to  be  accounted  for. 

Moreover,  we  shall  assume  the  flow  to  be  a  continuous  medium  at  the  macroscopic  scale,  the  mean  free  path  being 
small  compared  with  the  flow  characteristic  length  scale.  Rarefied  gas,  in  which  this  hypothesis  is  not  fulfilled,  will  not  be 
addressed  here. 

The  following  presentation  of  gas  kinetic  theory  is  widely  influenced  by  Brun  (26)  and  Hirschfelder  (63)  textbooks. 

2.1  Description  of  the  collision 

The  basis  of  gas  kinetic  theory  is  the  description  of  the  behaviour  of  particles  at  the  microscopic  level.  With  the  above 
hypotheses,  particles  have  a  random  walk,  made  up  with  straight  lines  and  deviations  due  to  collisions.  These  collisions 
reflect  the  fact  that,  when  two  particles  are  close  enough,  their  electronic  clouds  are  distorted.  At  ‘moderate*  distances, 
particles  attract  each  other  but  repeal  at  ‘shorter*  distances.  As  a  first  approximation,  particles  will  be  described  as  points 
having  mass  and  momentum  but  no  internal  energy.  No  exchange  of  internal  energy  occurs  during  collisions,  the  collisions 
are  elastic.  The  anisotropy  of  the  particles  will  also  be  neglected. 


2.1.1  Interaction  potential 

For  elastic  collisions,  the  interaction  force  between  non-polar  particles  depends  only  upon  the  distance  r  between  the 
particles.  This  force  F  can  then  be  related  to  a  potential  £>,  the  interaction  potential  as 

Various  forms  have  been  proposed  to  describe  this  interaction  potential.  The  simplest  one  is  the  rigid  sphere  potential  in 
which  particles  are  described  as  billard  balls  which  cannot  interpenetrate  and  reflect  speculary.  The  potential  (Figure  3) 

r  <  d  <p  —*  oo 
r  >  d  £5  =  0 

leads  to  very  simple  calculations.  A  more  realistic,  and  very  popular,  potential  is  the  Lennard-Jones  potential  which 
describes  both  the  attractive  and  the  repulsive  zones  as 


where  the  two  coefficients  e  and  d  represent  respectively  the  strength  of  the  attraction  and  the  distance  at  which  repulsion 
occurs  (Figure  4).  These  coefficients  have  to  be  obtained  from  experiment,  e.g  by  fitting  values  of  the  gas  viscosity.  Other 


Figure  3:  Rigid  sphere  potential  Figure  4:  Lennard-Jones  potential 


simple  models  are  available  such  as  the  Sutherland  or  the  Buckingham  potentials.  For  interactions  between  atoms,  the 
potential  can  be  linked  to  spectroscopic  data  of  the  molecule  they  can  form  [66]  (104]. 


Figure  5:  Three  dimensional  representation  of  the  collision  (from  (63]) 

2.1.2  Reduction  of  the  collision 

The  collision  between  two  particles  is  a  priori  a  three  dimensional  problem  as  depicted  on  figure  5.  However,  as  the  two 
particles  form  an  isolated  system,  the  study  of  invariants  will  enable  us  to  simplify  the  analysis. 

•  The  conservation  of  momentum  implies  that  the  trajectory  of  the  center  of  mass  of  the  two  colliding  particles  is  not 
modified,  as  shown  on  figure  5. 

•  As  the  interparticle  force  is  an  axial  force,  the  angular  momentum  of  the  system  formed  with  the  two  particles  is  also 
conserved.  The  separation  vector  between  the  two  particles  thus  remains  normal  to  a  constant  direction.  At  each 
time,  the  two  particles  lie  in  a  plane  normal  to  this  direction  (Figure  5).  All  these  planes  can  be  collapsed  into  a  single 
one  in  such  a  way  that  the  center  of  mass  is  a  single  point  (Figure  6). 

This  representation  brings  into  evidence  the  parameters  which  describe  the  collision,  i.e 

•  The  impact  parameter  b,  i.e  the  distance  of  closest  approach  in  absence  of  interparticle  forces 

•  The  deflection  angle  \ 


Figure  6:  Two  dimensional  representation  of  the  collision  (from  [63 j) 


The  trajectories  of  the  two  particles  during  the  collision  are  described  by  the  interparticle  distance  r  and  the  angle  0.  From 
the  conservation  of  the  angular  momentum  and  of  the  total  (potential  +  kinetic)  energy  of  the  two  particles,  the  problem 
can  again  be  reduced  to  the  evolution  of  an  hypothetical  particle  of  maw  n  =  m,m;/(rr^  -f  m,)  where  m,  and  m,  are  the 
masses  of  the  two  colliding  particles,  moving  with  the  relative  velocity  £  =  y,  —  li,-  as  depicted  on  figures  7  and  8.  Figure  8 
illustrates  the  influence  of  the  interaction  potential.  We  shall  see  later  that  the  angle  of  deflection  x  is  the  only  practical 
parameter  in  transport  properties  calculations.  It  depends  upon  the  impact  parameter  b,  the  relative  velocity  g  of  the 
particles  and  the  interaction  potential  <p  as 


X(M  =*-2bf  -  dT^T  - - 

'*  ji  -  {*(')!  w)  -  ((-’/<•’) 


where  rm  is  the  distance  of  closest  approach  given  by 


(3) 

(4) 


s 


Figure  7:  One  body  description  of  the  collision 
(from  [63]) 
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Figure  8:  Artist  view  of  the  collision  showing  the 
r&le  of  the  interparticle  force  (from  (57|) 


2.2  Boltzmann  equation 

2.2.1  Density  probability  function  and  macroscopic  properties  of  the  flow 

For  free  molecular  flows,  i.e  when  the  mean  free-pat h  is  of  the  order  of  magnitude  of  the  flow  length  scale,  the  description  of 
the  collision  is  sufficient  to  follow  the  trajectories  of  individual  particles.  As  we  are  concerned  with  the  continuous  regime, 
the  number  of  particles  is  so  Urge  that  this  task  is  out  of  reach.  Statistical  tools  will  be  used.  Let  us  denote  f  the  probability 
density  to  have  particles  in  an  elementary  volume  of  space  around  point  £  with  a  velocity  y.  The  number  of  particles  per 
unit  volume  n  is  thus 

=  j  f  d*i L 

The  macroecopic  value  (noted  <  Q  >  )  of  any  quantity  Q  linked  to  the  particle,  can  be  defined  as 

n<Q>=  fq  (n,  I!,  t)  /  (t.11,0  d*lt  (5) 

and  the  average  (aa  velocity  ia  so  defined  as 


nit 


»=<lt> 


It  is  also  interaatinc  to  introduce  the  peculiar  velocity  of  the  particles 


>1! 


u  the  fluid  energy  can  be  splitted  into  two  parts 

f  k  =  J  ^m( u  +  c)’  fd?u  =  j  +  J 

the  first  part  being  the  macroscopic  kinetic  energy  of  the  flow  while  the  second  represents  the  translation  energy  of  the 
particles. 

The  flux  of  a  quantity  Q  through  a  surface  moving  with  the  macroscopic  flow  cam  also  be  defined  with  the  help  of  the 
probability  density  function.  The  number  of  particles  passing  through  and  elementary  surface  ds  having  a  normal  vector 
£1  during  time  dt  is 

/  (Kdffzdtit 

so  that  the  flux  of  the  quantity  Q  reads 

lQ{K-t)f<ezds=£L-[jQfz^z]  ds 

where  f  Qfsdsg  is  the  flux  of  Q.  Let  us  consider  some  examples. 

•  The  mass  flux  (Q  —  m  mass  of  the  particles  ) 

J  mfzcfc.  —  nm  <  £  >—  0 

It  must  however  be  pointed  out  that  the  mass  flux  is  zero  because  we  are  dealing  with  identical  particles.  For  a  gas 
mixture,  each  species  has  its  own  peculiar  velocity  which  represents  its  diffusion.  The  mass  flux  is  thus  linked  to  the 
species  diffusion  (see  section  2.5). 

•  The  momentum  flux  (Q  =  m£  momentum  of  the  particles) 

J  m^fs.  d3£  =  nm  <  ££  >=  p  <  £c  > 

This  second  order  tensor  represents  momentum  exchanges  inside  the  gas,  it  is  the  stress  tensor. 

•  The  energy  flux  (  Q  —  jme3  Translation  energy  of  the  particles,  as  no  internal  energy  is  accouted  for) 

J  imcVf  ds£  =  inm  <  c*£>=  ~p  <  cJ£  > 

This  vector  represents  translation  energy  exchanges,  it  is  the  heat  flux. 

Once  the  density  probability  function  f  is  known,  this  approach  gives  the  expressions  of  the  mass  diffusion,  the  stress  tensor 
and  the  heat  flux. 

2.2.2  The  Boltzmann  equation 

The  flow  governing  equations  can  also  be  derived  with  the  use  of  the  probability  density  function  f.  Its  time  variation  is 
first  studied.  For  an  infinitesimal  time  dt,  it  reads 

/(i'.k'.O  -  /(e.iM) 

where 

r '  =  r  +  ndt 
Si!  =  li  +  £d* 
t‘  =  t-\-dt 

where  £  is  an  external  force  field  (e.g  gravity).  For  the  sake  of  simplicity,  it  will  be  neglected  herein.  Derivation  of  the 
equations  with  an  external  force  field  is  given  in  |63).  The  total  derivative  of  the  probability  density  i  unction  can  be 
expressed  as 

df  df  ,  _  d 

+  SL  •  grad/  where  grad  -  — 

This  term  represents  the  evolution  of  the  probability  density  function  along  particle  trajectories.  The  variation  is  only  due 
to  collisions,  and  can  be  evaluated  by  considering  collisions  with  a  particle  a.  The  particles  0  colliding  with  a  are  described 
by  their  impact  parameter  b,  their  relative  velocity  g  and  their  probability  density  function  ffi.  During  an  infinitesimal 
time  dt,  the  number  of  such  particles  0  colliding  with  a  is  thus  proportional  to  the  impact  section  2x5  db,  to  the  particle 
displacement  gdt  and  to  the  density  of  particles  fpd?SLp.  If  we  note  ’  the  values  after  the  collision,  and  noticing  that  both 
the  impact  parameter  b  and  the  relative  velocity  g  are  not  changed  by  the  collision,  the  balance  between  gained  and  lost 
particles  reads 

^  =  /  -  Us)  db  (6) 

This  is  the  Boltzmann  equation,  the  integral  holds  over  all  impact  parameters  b  and  all  the  velocity  space  sip-  The 
interparticle  force  appears  through  the  relations  between  the  probability  density  function  before  and  after  the  collision. 

2.2.8  Derivation  of  the  master  equations 

The  Boltsmann  equation  could  be  used  to  compute  the  probability  density  function  f  and  so  obtain  the  macroscopic 
quantities.  It  is  however  simpler  to  only  use  it  to  derive  an  evolution  equation  for  macroscopic  quantities.  The  Boltsmann 
equation  can  be  expressed  as 

"sf  —  JS=  J  J*s£us 
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where  J  is  the  colliaioiuJ  term.  The  evolution  equation  of  the  macroecopic  value  <  Q  >  can  be  derived  by  multiplying  the 
Boltamann  equation  by  Q  and  integrating  over  velocity  space 

=  f  Sa<Pllt 

Aa  £  and  t  are  independent  variablea,  and  from  the  definition  of  the  macroecopic  value  (Equation  5),  the  above  equation 
reads 

bn<q>-nxi)Jrkn<*-q>'n  (4?) = /  <*-J-»**-***  w 

The  integral  is  cumbersome  to  evaluate  for  arbitrary  Q,  however,  it  can  be  easily  shown  that  it  is  zero  for  collision  invariants. 
We  shall  therefore  develop  the  above  equation  for  the  three  collision  invariants 


•  Conservation  of  the  mass  m 


dp  d  .  .  , 

=  0  (it  =<  1L  >)  p  =  nm) 


or,  introducing  the  total  derivative  along  streamlines 


the  continuity  equation  reads 


•  Conservation  of  the  momentum  mu 


D__d_  d_ 
Dt  ~  dt  +34‘  dt 


Dp 

+  P&v*  =  0 


g-t  (Kt)  +  (p  <  £1!  >)  =  0- 


The  velocity  product  can  be  decomposed  with  the  help  of  the  peculiar  velocity  as 

<  UJi  >=  uu+  <c&> 

The  second  term  is,  once  multiplied  by  />,  the  stress  tensor  previously  introduced.  After  some  algebra,  and  with  the 
help  of  the  continuity  equation,  the  momentum  equation  reads 

p^  +  divr  =  0  I  =  p(££> 

•  Conservation  of  the  energy  Jmv* 

an  ,  \  a  1  . 

at\2,,<*>)  +  Ti2‘’<,’li>=0 

which  can  be  developed,  by  introducing  the  peculiar  velocity,  as 

J l  +  §t  K  C*  >)  +  dW  (^pW,Jt)  +  div  {\p  <  c*£  >)  +  div  ( ptk  <£«>)  +  div  <  c1  >)  =  0 

which  expresses  the  conservation  of  the  kinetic  energy  of  the  macroecopic  motion  n  plus  the  translation  energy.  Let 
us  notice  that  the  fourth  term  is  the  heat  flux  previously  introduced.  Defining  the  translation  energy  per  mass  unit 
Ut  =  j  <  c*  >»  and  with  the  help  of  the  momentum  and  the  continuity  equation,  the  energy  equation  can  be  expressed 

as 

DUt 

P-pf  =  - 1  •  gradit 

where  qt  is  the  heat  flux. 

It  must  be  noticed  that  the  translation  temperature  can  be  defined  from  the  above  translation  energy  as 


-m  <  c*  >  =  -kT 
2  2 

rr  3  k 

OT  U*  =  2mr 

1  m 

3—t 

2  MT 

Other  equations  could  be  derived  in  this  way  but  the  collision  term  should  be  evaluated.  The  above  set  of  equation  is 
sufficient  to  describe  the  macroscopic  fluid  motion.  Practical  expressions  for  the  stress  tensor  and  the  heat  flux  are  needed 
to  be  able  to  use  these  equations.  This  requires  the  knowledge  of  the  probability  density  function  f. 


2.3  Equilibrium  distribution  function 

2*3.1  H  theorem  -  Maxwellian  distribution 

The  important  Boitsmann  H-theorem  states  that  the  entropy  is  an  always  increasing  function.  A  simple  application  can 
be  used  for  the  evolution  of  the  probability  density. 


Let  us  consider  a  quantified  system,  in  which  Na  particles  have  the  velocity  li,,,  Ng  the  velocity  i ^  •  The  total  number 

of  particles  is 

1 V  =  I>. 


and  the  probability  W  to  have  a  given  classification  is 


m  n< 


WiV,!-. 

According  to  Stirling's  formula  ln(  All)  ~  N  In  N  -  N  when  N  large 

In  W  =  AHn  N  -  YL  N* In  N* 

a 

Similarly,  when  the  system  is  not  quantified,  the  above  expression  can  be  extended  with  the  use  of  the  probability  density 
function  f  (and  neglecting  a  constant  linked  to  the  total  number  of  particles)  as 


ff(i)  =  lnW  =  -|  /oln/aA^r 


The  time  evolution  of  the  H  function  can  be  obtained  by  multiplying  the  Boltzmann  equation  by  (1  +  In  f)  and  integrating 
over  velocity  and  space.  After  some  algebra  it  leads  to 


2*b<>  ih  ^  ^ 


and  as  the  term  under  the  integral  is  like  (y  —  x)  In  *  =  x  (*  —  l)  In  *  the  integral  is  always  positive.  Consequently,  the  H 
function  can  only  decrease.  Since  it  is  obvious  from  the  quantified  definition  of  W  (Equation  8)  that  W  >  1  and  hence  H  has 
a  lower  bound,  an  equilibrium  state  must  be  obtained  which  corresponds  to  dH fdt  —  0  i.e  f'af'p  —  faffi-  The  equilibrium 
solution  corresponds  to  a  state  in  which  the  probability  density  function  is  not  modified  by  the  collisions.  Turning  back  to 
the  Boltzmann  equation  (6),  this  means  that  the  collision  term  is  larger  than  the  total  derivative  of  the  probability  density 
function.  The  probability  density  function  is  thus  imposed  by  collisions.  It  is  the  collision  dominated  regime. 

It  can  be  noticed  that  the  equilibrium  equation  also  reads 

In  f‘a  +  In  f'p  -  In  fa  +  In  fff 

so  that  In/  is  another  collision  invariant.  It  therefore  can  be  expressed  as  the  sum  of  the  three  collision  invariants, 
m,  my,  \mvl  or  in  terms  of  moments  of  f  from  the  three  relations 

n  =  j  f  <PlL 

nil  =  /«//.  (9) 

^nkT  =  J^mc'fd’u 

From  the  properties  of  Eulerian  integrals,  the  probability  density  function  is  obtained  as 


/  m  \  f  (  me*  \ 

=  nte)  expr«r) 


This  equilibrium  solution  is  called  the  mazwellian  distribution.  It  is  a  gaussian  distribution,  centered  upon  the  macroscopic 
velocity.  It  must  be  noticed  that,  while  it  corresponds  to  an  equilibrium  regime  for  the  collisions,  it  does  not  depend  upon 
the  interparticle  potential. 

2.3.2  Derivation  of  the  Euler  equations 

As  the  probability  density  function  has  been  determined,  the  stress  tensor  and  the  heat  flux  can  be  computed.  It  can  be 
verified  that 

r..  =  p<c,c.>  =  V  (- w)  *•/!**{- w)dC‘ 


and  similarly  =  r„  =  nkT  while  rn  =  r„  =  rv,  =  0  as  they  are  integrals  of  odd  functions.  For  the  same  reason,  the 
heat  flux  is  also  null.  The  only  stress  is  thus  the  hydrostatic  pressure  due  to  the  particle  motion. 

£  =  p£  where  £  is  the  unit  tensor 

with  p  =s  nkT 

The  set  of  continuity,  momentum  and  energy  equation  thus  reduces  l*,  the  Enter  equations. 


(10) 


3-14 


2.4  Non-equilibrium  state 

The  mexwellian  distribution  corresponds  to  sn  equilibrium  stste  in  which  the  behaviour  of  the  probability  density  function 
is  ruled  by  the  collision;  it  is  the  solution  of  /  =  0.  Dimensional  analysis  is  used  to  study  the  balance  between  the  total 
derivative  if /it  and  the  collision  term  J.  The  Boltsmann  equation  can  be  rewritten  as 

d/‘  _  ^macroscopic  floWj. 
d*'  Collisions 

where  *  denotes  a  dimensionless  variable.  The  ratio  between  the  collision  time  scale  and  the  macroscopic  flow  time  scale  is 
known  as  the  Knudtcn  number  Kn.  For  free  molecular  flows  Kn  -»  oo  while  for  the  continuous  regime  Kn  0.  Asymptotic 
expansion  with  respect  to  e  =  Kn  can  be  used  to  study  the  continuous  regime.  The  probability  distribution  function  is 
expanded  as 

f  =  f‘°  +  e/*1  +  . . . 

while  the  Boltsmann  equation  reads 


so  that,  to  the  seroth  order  (i.e  terms  of  order  7) 

J°  =  0  where  J°  =  f  (/*./»  -  ftf)  2xgb  db  A, 

The  seroth  order  solution  is  the  limit  when  Kn  -*•  0,  i.e  when  the  flow  is  dominated  by  collisions.  The  maxwellian 
distribution  is  thus  the  solution. 

The  first  order  expansion  leads  to 

^  =  Jl  where  =  j  (/^/*‘  +  f'.K  -  Ml  -  tiff)  2*9*  <“> 

The  computation  of  the  term  / 1  is  lengthy  and  will  only  be  summarised  herein.  The  procedure  is  due  to  Chapman  and 
Enskog  (31 J  (63|  (105|.  The  solution  is  looked  for  as 

fl  =  f°p  with  pel 

i.e  the  second  order  term  is  supposed  to  be  only  a  small  perturbation.  The  macroscopic  variables  (density,  velocity, 
temperature)  are  still  linked  to  the  seroth  order  term.  f°  is  solution  of  the  equations  (9).  The  global  probability  density 
function  /°  +  fl  =  f°  (1  +  p)  must  also  satisfy  these  equations;  this  imposes  constraints  upon  p. 

The  probability  distribution  function  correction  p  is  looked  for  as  the  sum  of  a  solution  of  the  equation  J1  -  0  and  of 
a  particular  solution  of  the  equation  df°/dt  =  J1.  The  solution  of  the  first  equation  J1  =  0  can  obviously  be  expanded  on 
a  basis  formed  with  the  collision  invariants  while  the  expression  of  df^/dt  lead  to  express  the  peculiar  solution  in  terms  of 
grad  T  and  grad  a.  The  various  coefficients  are  expanded  in  terms  of  Sonine  polynomials  (These  polynomials  are  used  as 
they  are  eigenfunctions  of  the  collision  operator).  One  polynomial  is  enough  to  give  a  fair  description  but  the  results  are 
improved  when  two  are  accounted  for. 

The  probability  distribution  function  correction  p  so  determined  can  be  used  to  compute  the  stress  tensor  and  the  heat 
flux  as 

S  =  /  /°(1 +  *>)££  A  =  p£+  /  fc*>Sll<Ps.  =  Pi~li(p‘d!l  +  g™d'  Jt-jidivu) 

it  = 

where  gradf  jt  denotes  the  transpose  of  grad  j(. 

With  the  above  expressions  for  the  stress  tensor  and  the  heat  flux,  the  Navier  equations  are  obtained. 

It  must  be  pointed  out  that  the  transport  properties  of  the  fluid  are  due  to  the  non-equilibrium  probability  density 
function.  They  sure  properties  of  the  fluid  and  not  of  the  motion,  i.e  a  fluid  at  rest  already  has  viscosity  and  thermal 
conductivity  which  are  only  due  to  particle  Brownian  motion. 

2.4.1  Collision  integrals 

The  solution  now  depends  upon  the  collision  process.  The  expression  of  the  correction  p  is  intricate  and  practical  ways  to 
compute  the  viscosity  p  and  the  thermal  conductivity  A  have  been  proposed  [31)  [63).  It  is  based  upon  the  fact  that  the 
various  coefficient  which  appear  in  the  calculations  can  be  reduced  to  a  set  of  integrals,  called  collision  integrals  and  defined 

n<‘*'(T)  =  C rl‘lU+s  [2* C  (‘ "  c«'x) «»]  *r 

where  qr3  =  mg%fkT  and  the  deflection  angle  x  »  given  by  the  equations  (3)  and  (4).  It  is  customary  to  compare  these 
integrals  obtained  for  a  given  interparticle  potential  to  those  obtained  for  rigid  spheres  of  diameter  a  (Figure  3)  as 
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The  expression  for  the  viscosity  and  the  thermal  conductivity  are  thus 


16 


25  \fxmkT  Cv 
A  “  32 wPFm 

where  Cm  is  the  specific  heat  coefficient  at  constant  volume.  The  others  collision  integrals,  corresponding  to  other  sets  (l,s), 
will  be  used  later  when  considering  gas  mixtures. 

2.5  Extension  to  gas  mixtures 

2.5.1  Non  reacting  gas 

The  gas  is  now  a  mixture  of  species  I  (capital  letter  subscripts  designate  the  species).  A  probability  density  function  is 
defined  for  each  species  as 

n  i  =  j 

where  nf  is  the  number  of  particles  of  the  species  I  per  unit  volume  and  jij  the  velocity  of  a  particle  of  species  1. 

The  macroscopic  values  are  now  linked  to  the  species 


ni  <  Qi  >=  j  Qfid?1Lj 


so  that  a  macroscopic  velocity  is  defined  for  each  species 


r  =  f  ZififlU 


The  velocity  of  the  gas  mixture  is  defined  as  a  mass-averaged  velocity  as  momentum  is  a  collision  invariant  while  velocity 
is  not.  It  reads 

Pik  =  52pt1ki  where  p-^pi  =  £ n/m7 
/  /  / 

The  peculiar  velocity  of  a  particle  is 


while  the  diffusion  velocity 

U.i-3k-<Cj> 

is  now  introduced.  It  must  be  noticed  that  T.1P1  <  fij  >=  0. 

As  previously,  the  master  equations  can  be  derived.  New  equations  are  obtained  which  express  the  individual  conservation 
of  species 

_ _  „ 


or,  once  multiplied  by  mj, 


-  +  div  nfUj  =  0 


yy  +  div  (*>;»)  =  -div  (p,  <  £,  >) 


where  the  RHS  represents  the  diffusion  of  species  I.  The  sum  of  these  equations  for  all  the  species  leads  to  the  continuity 
equation.  The  momentum  equation  has  the  same  form  as  for  a  pure  gas,  while  an  extra  term  due  to  species  diffusion  appears 
in  the  energy  equation  as 

=  I*?  = 

DE  /  \ 

n~Dt  =  ~div  “ £ 1  *rad  *  +  ■£>div  (£ “/  < S.  >J 

The  stress  tensor  and  the  heat  -flux  also  account  for  the  various  species  as 

L  =  Zll  =Zm!  j  SlSlfl^ILl 

I,  =  Zst,  =  Zj\m‘c)s,f,<i‘iLi 

The  Boltsmann  equation  must  now  account  for  elastic  collisions  between  all  species  and  can  be  written  as 

4ft  —  v*  J 

*  ~V,K 

The  seroth  order  solution,  which  corresponds  to  collision  equilibrium,  still  reads 


and  still  leads  to  the  Euler  equations  plus  an  advection  equation  for  each  species  without  diffusion.  The  pressure  is  now 
given  as 

P  =  ZPi  =  ZntkT  =  nkT  (U) 


t 
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which  is  known  as  the  Dalton  law. 

The  first  order  solution  is  still  obtained  following  the  Chapman-Enskog  procedure.  The  diffusion  velocity  reads 

jji  2  2 

<ti>  =  —  £  m kDikiLc  -  ——D'T-gttA  T 

pill  K*I  i 

where  dx  =  gr*d  —  +  [—  -  — |  -grad  p 
n  [  n  p  J  p 

The  species  diffusion  is  due  to  multicomponent  diffusion  via  the  coefficient  Djk  with  respect  to  the  mole  fraction  gradient 
and  the  pressure  gradient,  and  to  thermal  diffusion  via  the  coefficient  Df  with  respect  to  the  temperature  gradient. 
Multicomponent  diffusion  tends  mainly  to  homogeneize  the  mixture  while  thermodiffusion  effect  (the  Soret  effect)  moves 
light  species  towards  hot  regions  and  heavy  species  towards  cold  regions.  The  Soret  effect  was  first  predicted  and  afterwards 
observed  experimentally.  It  is  a  weak  effect,  sometimes  called  second  order  effect,  as  it  requires  a  two  Sonine  polynomial 
expansion  to  be  obtained. 

The  stress  tensor  expression  is  unchanged  while  the  expression  of  the  viscosity  is  much  more  intricate.  At  last,  the  heat 
flux  now  account  for  species  diffusion  as 

^-AgradT  +  ^A/d, 

/ 

Another  equivalent  expression  for  the  heat  flux  will  be  given  later  (equation  17)  as  the  A/  must  be  expressed. 

For  a  mixture  made  up  with  u  species,  different  collisions  have  to  be  accounted  for  and  u  probability  density 

functions  must  be  determined.  Therefore,  the  various  transport  coefficients  can  be  obtained  only  as  solution  of  Vth  order 
linear  system  (or  (2i/)tk  order  for  the  thermal  diffueivity  ).  The  reader  is  refered  to  standard  textbooks  [31)  [63]  for  the 
details  of  the  calculus  of  transport  coefficients  and  the  final  expressions. 

A  new  problem  appears  for  plasma  as  the  mass  of  the  electron  is  very  small  compared  with  the  masses  of  the  atoms  or 
the  molecules.  The  translational  energy  exchange  during  electron/particle  collision  is  weak.  Sonine  polynomial  expansion 
must  be  extended  to  higher  order  to  achieve  a  good  convergence.  The  present  theory  has  been  modified  for  plasma  by 
Devoto  [39]  (40)  (41)  and  Bonnefoi  [21)  by  neglecting  the  electron/particle  collisions  and  modifying  the  flux  expressions. 


2.5.2  Reacting  gas 

For  a  reacting  mixture,  two  kinds  of  collision  must  be  accounted  for,  i.e  the  elastic  collisions  previously  introduced  and 
"reacting  collisions’*  leading  to  change  in  the  mixture  composition.  The  Boltzman  equation  can  be  rewritten  as 


dfi  __  ^  jelastic  +  reacting 

dt  v  k  r. 


provided  a  collision  between  species  K  and  L  may  lead  to  formation  or  destruction  (when  K  or  L  equals  I)  of  the  species  I. 
The  order  of  magnitude  analysis  of  the  Boltzmann  equation  leads  obviously  to  the  following  equation 

d//  rmacroecopic  flow  ^  /.elastic 

"J77  —  ~Z  jik 

04  Elastic  collisions  K 

rmacroscopic  flow  »*I  -  reacting 

+  z — : — ttt — 

’reacting  collisions  k  l 

=  — —  MlMtic  +  — !—  £E-4'r“cting 

^elastic  K  ^reacting  K  l 


^elastic  k  Reacting  x  i 

so  that  two  expansion  parameters  now  appear.  It  can  be  assumed  that  only  a  few  collisions  leads  to  reactions  so  that 
eeia*tic  ^reacting*  The  study  of  two  parameter  expansion  is  detailed  in  section  2.6.2  or  in  [26)  [27)  [112].  When 
^reacting  <  *he  chemistry  should  affect  the  probability  density  function  and  thus  the  expression  of  the  transport 
coefficients.  This  effect  is  weak  and  is  neglected  [63]. 

However,  the  master  equations  are  modified.  The  collision  invariant  are  now  the  total  mass  of  the  two  colliding  species 
(and  not  the  individual  masses  of  each  species  as  previously),  the  momentum,  and  the  sum  of  the  translation  energy  and 
the  internal  energy  of  species  as  the  species  formation  energy  must  be  accounted  for  (and  later,  the  internal  degrees  of 
freedom).  Turning  back  to  the  master  equation  (7),  the  species  equation  now  include  a  new  term  d  <Q  >/dt  due  to  the 
creation  or  the  destruction  of  species  by  chemical  reactions 


-  +  div  (p/ji)  =  w,  -  div  (/>/  <  cj  >) 


and,  as  chemical  reactions  do  not  create  or  destroy  mass, 


E“i  =  ° 

I 

so  that  the  continuity  equation  is  still  obtained  as  the  sum  of  the  species  evolution  equations.  The  momentum  equation  is 
unchanged,  and  the  energy  equation  has  the  same  form,  provided  that  Et  now  represents  the  sum  of  the  translation  and  of 
the  internal  energy  of  species. 
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3.5.3  Schmidt,  Prandtl  and  Lewis  number# 

The  species  conservation  equation  have  be  written  using  either  the  number  of  particles  per  volume  unit  n/  or  the  species 
density  p;.  It  is  also  useful  to  introduce  the  mass  fraction  Yj  ~  pj (p.  The  species  conservation  equation  thus  reads 


+  PiL '  gradK/  =  w/  +  div  (-Jj) 
ij  =  Pi  <  Zi  > 


(12) 


The  equation  can  be  simplified  when  only  two  species  are  present  and  when  the  thermal  diffusion  effect,  which  is  a  second 
order  effect,  and  the  pressure  induced  diffusion  are  neglected.  The  diffusion  flux  then  reads,  for  a  mixture  of  species  A  and 


B 


J.  =  l-^-mBDABgTid—  =  -pDABiriAYA  -- 
A  on  .  n 


-pDgmdYA 


(13) 


This  is  known  as  the  second  Fick’s  law  which  directly  links  the  diffusion  flux  in  a  two-species  mixture  to  the  gradient  of 
the  mass  fraction.  It  must  be  pointed  out  that  the  Fick’s  law  can  be  derived  only  for  binary  mixtures.  It  is  however  a  fair 
approximation  in  other  cases. 

The  relative  order  of  magnitude  of  the  species  and  the  momentum  diffusion  can  be  evaluated  with  the  help  of  the  Schmidt 
number 


$ 


A* 

PD 


It  is  classical  to  evaluate  also  the  ratio  between  momentum  and  energy  diffusion  with  the  help  of  the  Prandtl  number ,  in 
which,  for  gas  mixtures,  the  frozen  specific  heat  has  to  be  used 


tiCp, 

X 

and  the  Lewis  number  is  also  introduced  as  the  ratio  of  species  and  heat  diffusion  as 

r  - 

X 

Evolution  of  these  characteristic  numbers  will  be  presented  in  section  4.  It  must  be  pointed  out  that,  for  dissociated  air, 
they  are  of  order  unity. 


2.5.4  Equilibrium  flow,  frozen  flow 

The  evolution  of  the  species  mass  fraction  (Equation  12)  results  from  a  balance  between  advection,  diffusion  and  chemical 
production.  A  characteristic  time  scale  can  be  associated  with  each  process.  Outside  of  the  boundary  layer  (or  more 
generally,  the  viscous  or  more  properly  diffusive  regions)  the  diffusion  time  scale  is  large  when  compared  with  the  advection 
time  scale  while  they  have  the  same  order  of  magnitude  in  the  viscous  regions.  Consequently,  the  chemical  reaction  time 
scale  has  to  be  compared  only  with  the  advection  time  Beale. 

Three  cases  must  be  considered 

•  rC htmtttrf  TAdvtction 

The  chemical  reaction  are  so  weak  that  they  do  not  modify  the  composition  of  the  gas  mixture.  The  flow  is  thus  said 
to  be  frozen.  The  mass  fraction  evolution  equation  reduces  to 

+  Mt  ■  gradYV  =  div  (-j/) 

where  the  diffusion  flux  has  been  included  for  viscous  regions.  In  inviscid  regions  of  the  flow,  the  mass  fractions  of 
the  species  remain  constant  along  streamlines. 

In  viscous  regions,  they  can  be  modified  by  the  diffusion  process.  If  the  pressure  gradient  is  null  (e.g  in  a  boundary 
layer  where  the  normal  pressure  gradient  is  sero  and  the  longitudinal  diffusion  effects  are  neglected)  and  if  the  thermal 
diffusion  effect  is  neglected,  an  asymptotic  solution  to  the  above  equation  is  Y/  =  constant  provided  it  agrees  with 
boundary  conditions  (e.g  the  wall  must  be  non  catalytic,  see  section  3.3). 


•  fCk*mi»trn  rAdvtcti& n 

In  this  case,  the  flow  is  governed  by  the  chemical  reactions.  The  mass  fraction  equation  can  be  reduced  to  its  dominant 
term  as 

U/  =  0 

The  flow  is  thus  at  chemical  eqtu7i6rium  as  chemical  reactions  do  not  destroy  or  produce  any  species.  Its  composition 
can  be  computed  from  two  thermodynamic  variables  (e.g  temperature  and  pressure).  Properties  of  air  at  chemical 
equilibrium  will  be  presented  in  section  4. 

•  Tchtmit try  ~  TAdv*cti9n 

In  this  case,  no  term  can  be  neglected.  The  chemistry  processes  with  a  time  scale  similar  to  the  advection,  the  flow 
is  said  to  be  in  chemical  non-equilibrium. 
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2.6  Effect  of  the  internal  degrees  of  freedom  of  the  molecules 

Up  to  now,  only  particles  without  internal  degrees  of  freedom  have  been  considered.  When  internal  degrees  of  freedom 
are  accounted  for,  inelastic  collisions  in  which  internal  degrees  of  freedom  of  the  colliding  molecules  are  modified,  must  be 
introduced.  The  internal  energy  of  the  molecule  c{  is  quantified  and  the  total  energy  of  a  molecule  in  a  given  energy  state 
can  be  expressed  as  +  a  where  the  subscript  »  indicates  the  energy  level.  A  probability  density  function  for  each 
energy  state  can  be  introduced  so  that,  as  previously 

n  =  12  J 

nil  =  12  J 

i 

&  =  SU-Jt 

nE>  =  12  f 

nEint  =  12  J AftAi 

&tot  =  Et  +  Eini 


The  collision  invariants  are  still  the  mass  and  the  momentum  but  the  total  energy  of  the  two  particles  (translation  + 
internal  energy).  The  master  equation  reflects  this  fact  as  the  energy  equation  is  now  obtained  for  the  total  energy.  The 
stress  tensor  expression  is  unchanged  but  the  heat  flux  now  includes  an  internal  energy  flux 


i  =  12  f  \mcU<z.  <?c<+12c‘f  /•*. 


The  Boltzmann  equation  must  account  for  the  elastic  and  inelastic  collisions 


dt 


elastic  ,  jinelastic 


or  under  the  dimensionless  form 

4£ 

df 

celastic 


- 1 - j*l»stic.  + 

^elastic 

relastic  collisions 
^macroscopic  flow 


1 


^inelastic 


_  jinelastic* 


^inelastic  ~  f 


’macroscopic  flow 


Various  situations  occur  according  to  the  relative  magnitude  of  the  two  time  scale  ratios  e  (26)  [27)  [112].  However,  the 
elastic  collision  time  scale  will  always  remains  smaller  than  the  inelastic  collision  one  and,  as  only  the  continuous  regime  is 
considered  Elastic 


3.0.1  Thermal  equilibrium 

The  first  case  corresponds  to  *e|Mtic  **  ^inelastic  ^  collision  time  scales  are  small  compared  with  the  macroscopic 

flow  time  scale  so  that,  the  seroth  order  expansion  reads 

jo  elastic  +  jo  inelastic  _  q 


the  solution  of  which  is 


^“p(-  if) 


i.e  as  previously  a  maxwellian  distribution  for  the  velocity  and  a  Boltzmann  distribution  for  the  internal  degrees  of  freedom. 
As  the  two  collision  time  scales  are  small  when  compared  with  the  macroscopic  flow  time  scale,  the  internal  energy  is  in 
equilibrium  with  the  translation  energy.  The  flow  is  in  thermodynamic  equilibrium. 

The  first  order  solution  is  still  obtained  with  the  help  of  the  Chapman-Enskog  expansion 


=  Ji  elutic  +  J}  inelastic  ^  =  +  *>.) 


but  the  set  of  polynomials  is  different.  The  stress  tensor  and  the  heat  flux  are  thus 


l  =  Pi  —  M  (gradg  +  grad'lt  -  jjdivg^  -  tjd ivg 
%  =  -A,gradT  -  A^gradT 


The  coefficient  rj  is  the  bulk  viscosity,  and  corresponds  to  a  “relaxation  time”  i,e  the  characteristic  time  for  the  energy  to 
be  transferred  from  the  translational  to  the  internal  degrees  of  freedom  when  the  fluid  is  compressed  or  expanded.  (This 
term  does  not  intervene  in  “incompressible”  flows  for  which  diva  =  0) 

The  internal  energy  conductivity  A**,  could  be  computed  as  the  other  transport  coefficients.  However,  if  the  Lewis 
number  is  close  to  unity,  which  is  true  for  air,  it  can  be  approximated  as 


Am*  — 


_4_  (Cpi  _ 

15  V  *  2/ 


A* 


which  is  the  Eucken  correction. 
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2.6.2  Frozen  internal  degrees  of  freedom 

The  second  case  corresponds  to  c^i^tic  ^  1  f inelastic*  The  expansion  leads  to 

jk;  elastic  =  0 

*V?  _  ,1  elastic 

it  ~ 

i.e  the  probability  density  function  is  independent  of  the  inelastic  collisions  as  the  inelastic  collision  time  scale  is  larger  than 
the  macroscopic  flow  time  scale.  It  can  then  be  easily  shown  that  the  population  of  each  energy  level  n,  is  preserved  as  its 
evolution  equation,  derived  in  a  similar  way  than  the  other  master  equations,  reads 

^  +  divn.ii  =  j  jindastic^  _  0  u  jmelastic  =  0 

and  also  that,  at  the  zeroth  order  (the  Euler  equations),  the  internal  energy  is  constant  along  streamlines. 

While  in  the  first  case  the  internal  degrees  of  freedom  were  in  equilibrium  with  the  translation,  here  they  are  frozen, 
i.e  the  macroscopic  flow  evolution  is  too  fast  for  interna]  degrees  of  freedom  to  adjust  and  they  remain  unchanged,  when 
considered  at  macroscopic  flow  time  scale. 


2.6.3  Thermal  non-equilibrium 

The  last  case  is  <1~  ^inelastic*  ^  corresponds  to  situations  in  which  the  inelastic  collisions  have  a  time  scale 

similar  to  the  macroscopic  flow  one.  The  dimensionless  Boltzmann  equation  now  reads 

dfj  _  1  ^elastic*  +  jinelastic. 

^elastic 

so  that  the  expansion  leads  to 

=  0 

_  j\ elastic  jo  inelastic 

So  that  the  zeroth  order  does  not  depend  upon  inelastic  collisions.  The  probability  distribution  function  /,°  is  thus  the  same 
as  in  the  frozen  case.  But  the  evolution  equation  for  the  populations  n,  now  reads 

^  +  divnI!t=/j°”elastiV£. 

where  the  right  hand  side  is  no  longer  null. 

The  study  of  population  relaxation  requires  now  much  information  about  the  physics.  Usually,  very  few  collisions  are 
needed  to  equilibrate  the  rotation  with  the  tram  >tion  so  that  they  can  always  be  assumed  to  be  at  equilibrium  (except 
for  Hi  for  which  the  relaxation  process  is  longer).  Electronic  states  can  also  be  assumed  to  be  at  equilibrium,  excitation 
of  electrons  leading  rapidly  to  ionization.  The  vibration  energy  however  is  more  difficult  to  equilibrate  as  it  may  require 
about  one  thousand  collisions.  The  above  analysis  can  be  revised  to  only  consider  vibrational  relaxation,  the  previously 
called  “inelastic  collisions”  are  thus  only  collisions  in  which  vibrational  energy  is  modified.  This  can  be  done  in  two  ways, 
either  by  transformation  of  the  translation  energy  of  a  molecule  into  vibrational  energy  of  the  other  (T-V  collision)  or  by 
modification  of  the  two  molecules  vibrational  energy  (V-V  collision).  For  translation  temperature  less  than  about  5000K, 
the  vibrational  relaxation  of  a  molecule  can  be  modelled  by  the  Landau-Teller  law 


jo  elastic 

df? 

dt 


with  e.g  r 


—  ^vib  ^vib 


P 


where  *Vib  is  the  equilibrium  vibrational  energy  i.e  the  vibrational  energy  of  molecules  at  thermodynamic  equilibrium 
having  the  same  translation  energy.  The  coefficients  C  and  can  be  found  in  [lOSj.  Other  expressions  for  the  relaxation 
time  have  been  proposed  (see  e.g  (81)  (87]). 

Readers  interested  in  relaxation  processes  can  find  more  informations  in  standard  textbooks  [26]  (72]  (105]  and  in  some 
publications  such  as  [26|  (28]  (73}  (74)  (78)  (85j  (89]  [103]  . . . 

A  last  comment  on  thermal  nonequilibrium  concern  another  phenomenon.  In  plasma,  interactions  between  electrons  and 
other  particles  we  weak,  due  to  the  small  mass  of  the  electron.  Consequently,  the  translation  temperature  of  the  electron 
can  be  different  from  the  translation  temperature  of  the  other  particles.  Readers  interested  in  plasma  may  refer  to  [4]  (21] 
[391  [40]  |41[  [71]  [73]  (74). 
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2.7  Conclusions 

1.7.1  Flow  governing  equation* 

For  a  reacting  gu  mixture,  with  vibrational  non-equilibrium,  the  flow  i*  governed  by  the  species  evolution  equations 


dpi 

at 


ngrad  p, 

1, 


i, 


pu,  -  divj, 

J*i  Af  i 

n/  (nt  pr\  1  , 

grad —  +  I - -grad  p 

n  \n  p ] p 


(M) 


the  sum  of  which  gives  the  continuity  equation 
together  with  the  momentum  equation 

dn  , 

+  pugradk  = 

I  ~ 


^  +  divpn  =  0 
-div£ 

pi  -  p  (gradu  +  grad'a  -  i&Jiva)  -  qdivq 


(15) 


(16) 


the  energy  equation  for  the  total  energy  E 


a. e 

P-T£  +  «rgrad£ 


4, 


-div^  +  r  •  gradu 

-Agradr+E^  +  ^EE^g 


(17) 


(Du  is  the  binary  diffusion  coefficient  i.e  the  diffusion  coefficient  of  species  I  in  J  for  a  mixture  made  only  with  these  two 
species).  At  last,  relaxation  equations  for  the  vibrational  energy  of  each  kind  of  molecules  can  be  included 


^vib  _  ^vib  £vib 
Dt  Vib 


For  the  Bake  of  simplicity,  this  set  of  flow  governing  equations  will  later  be  referred  to  as  Navier  equations.  This  in 
incorrect  as  Navier  only  derived  the  equations  for  a  one  species  gas  at  thermal  equilibrium. 


2.7.2  Transport  coefficients 

The  calculation  of  all  the  transport  coefficients  (*t,  q ,  A,  Djj ,  D?,  Du)  requires  first  the  knowledge  of  all  the  interaction 
potential  between  the  species,  i.e  for  a  v  species  mixture  different  interactions.  This  is  still  a  running  question,  e.g 

for  air  plasma  [7]  [14]  (15]  [3<j  [93).  Once  these  potentials  are  known,  the  collisions  integrals  must  be  calculated.  The 
computation  of  all  transport  properties  usually  requires  the  knowledge  of  finally,  transport 

coefficients  are  obtained  by  solving  linear  systems  of  u  or  2 u  equations. 

This  task  may  however  be  simplified  as 

•  For  classical  interaction  potentials,  collision  integrals  are  tabulated  J63).  Yos  1 109)  [110]  computed  the  various  collision 
integrals  for  air.  Collision  integrals  for  air  species  were  also  tabulated  by  Yun  [ill].  The  accuracy  of  all  these  values 
is  however  questionable  (29].  Moreover,  analytical  forms  for  some  integrals  have  been  proposed  and  integral  ratios 
can  be  assumed  constant  to  simplify  the  computation  [5|  (60)  (l00|. 

•  Approximate  formulae  are  available  to  evaluate  transport  coefficients  without  solving  large  linear  systems. 

The  viscosity  can  be  computed  with  the  Wilke’s  formula  [108]  or,  for  plasma,  the  Armaly  one  [5], 

When  the  thermal  diffusion  effects  are  neglected,  the  thermal  conductivity,  already  simplified  with  the  help  of  the 
Eucken  correction  for  internal  energy,  can  be  evaluated  either  using  a  sort  of  Wilke  formula  due  to  Mason  [79]  or  the 
one  proposed  by  Peng  et  al  (90). 

At  last,  the  multicomponent  diffusion  can  be  obtained  with  Obermeier  model  [83].  Another  procedure  is  to  use  the 
binary  diffusion  coefficients  instead  of  the  multicomponent  diffusion  coefficient.  This  alternative  is  discussed  at  length 
in  [29].  The  Fick's  law  can  also  be  used  to  evaluate  the  species  diffusion,  a  constant  Lewis  number  is  then  usually 
assumed,  but  a  variable  one  can  be  used  (44] . 

In  the  case  of  dissociated  air  (without  ionization)  a  simple  model,  based  upon  an  atom/ molecule  approach,  as  been 
developed  by  Straub  [100],  from  previous  extensive  studies  of  air  properties  by  Mason’s  group  (79]  (82]  [ill]. 

Studies  of  approximate  equations  for  transport  coefficients  of  mixtures  have  also  been  proposed  by  Kee  et  al  [68]  or 
Picone  (91]. 

Cohen  ]33],  Hansen  [57]  (58j  and  Yoa  [109]  [110]  have  computed  the  transport  properties  of  air  at  chemical  equilibrium. 
Blottner  [19]  has  tabulated  Yos  data.  Other  more  recent  curve  fits  are  available  (13]  [29]  (92). 

Some  results  concerning  air  transport  properties  will  be  presented  in  section  4.  . 
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3  Chemistry 

As  already  mentionned,  chemical  reactions  may  occur  in  high  energy  flows.  The  modification  of  the  flow  equations  to 
account  for  chemistry  has  been  presented  in  the  previous  section.  This  section  will  focus  on  the  description  of  chemical 
reactions  not  only  in  gas  phase  but  also  at  gas/solid  interface. 

3.1  Chemical  reactions  in  gas  phase 

3.1.1  Basic  description  of  a  reaction 

The  mechanism  for  chemical  reaction  is  here  again  collisions  between  particles.  If  colliding  particles  have  a  sufficient  relative 
translational  energy,  the  two  particle  may  get  close  enough  during  the  collision  process  to  form  an  activated  complex  which 
gives  new  chemical  species.  This  can  be  illustrated  by  some  simple  examples. 

•  In  a  dissociation  reaction  die  to  the  collision  of  two  molecules,  as  depicted  on  figure  9  the  two  molecules  get  close 


Figure  9:  Artist  view  of  a  molecule  collision  leading  to  dissociation  (from  (57)) 

enough  to  form  a  four  atom  complex.  A  part  of  the  internal  energy  of  the  “black"  molecule  or  a  part  of  the  relative 
translational  energy  is  then  used  to  break  the  bound  between  the  two  atoms  of  the  “grey"  molecule.  This  reaction  is 
called  endothermic  as  it  requires  energy  to  break  the  molecule  bound. 

•  The  reciprocal  situation  is  the  collision  of  two  atoms  to  form  a  molecule.  When  two  atoms  can  get  close  enough  to 
form  a  molecule,  the  molecule  is  in  an  excited  state  and  is  unstable  as  it  has  an  internal  energy  larger  than  the  one 
required  to  bind  the  two  atoms.  A  collision  with  a  third  body  is  thus  mandatory  to  transfer  the  energy  excess  to 
the  third  body  and  form  a  stable  molecule.  The  excess  energy  is  then  distributed  in  the  flow  via  collisions.  Such  a 
reaction  leading  to  an  energy  release  is  called  exothermic. 

•  A  third  example  is  a  shuffle  reaction  such  as 


Nt  +  O  -  NO  + 

in  which  a  molecule  and  an  atom  collide.  They  first  form  a  three  atom  complex  which  may  break  as  a  new  molecule 
and  an  atom.  This  reaction  may  be  either  exothermic  or  endothermic,  the  needed  (reap,  released)  energy  being  taken 
from  (resp.  released  as)  internal  or  translational  energy  of  the  incident  (resp.  parting)  particles. 

These  examples  bring  into  evidence  some  main  features  of  chemical  reactions. 

•  What  appears  as  a  reaction  at  the  macroscopic  level  is  in  fact  a  set  of  elementary  steps  at  the  microscopic  level, 
with  first  a  collision,  formation  of  activated  complex,  parting  of  new  species  and  perhaps  third  body  collision.  This 
description  may  itself  be  a  simplification  of  the  complete  process,  as  a  reaction  may  in  fact  be  a  chain  reaction  formed 
of  elementary  reactions  (e.g  in  combustion  processes). 

•  All  collisions  cannot  lead  to  a  reaction  as  there  exists  an  energy  barrier  to  overcome.  If  the  relative  translation  energy 
of  the  two  particles  is  to  weak,  they  cannot  form  an  activated  complex.  This  is  illustrated  on  figures  10  and  11  where 
the  evolution  of  the  sum  of  the  internal  energy  of  the  two  particles  is  plotted  versus  time  for  an  endothermic  and  an 
exothermic  reaction.  As  the  total  energy  is  conserved  during  the  collision,  a  part  of  the  relative  translational  energy  is 
required  to  overcome  the  energy  barrier,  i.e  to  work  against  repulsive  forces  at  small  separation  and  form  a  complex. 

•  Species  can  be  required  for  the  reaction  to  occur  but  are  not  modified  at  the  end  of  the  reaction  process,  as  the  third 
body  in  the  atom  recombinaison  process  or  the  impiging  molecule  in  the  dissociation.  These  species  can  however 
control  the  effectiveness  of  the  reaction  process  and  act  as  catalyet. 

3.1.3  Kinetic  theory  of  reactions 

The  gas  kinetic  theory  can  be  applied  to  study  chemical  reactions.  A  very  simple  reaction,  denoted  as 

A  +  B  -  AB 

will  be  considered  herein.  The  collision  can  be  described  with  the  help  of  the  relative  velocity  g  and  the  impact  parameter 
b  as  shown  in  section  2.1.2.  For  an  infinitesimal  time  dt,  the  flux  of  particles  with  such  impact  parameter  is  2*bdbgdt  so 
that  the  total  number  of  collision  for  a  unit  volume  and  unit  time  reads 

J  /  f*  (fc<)  fa  (t.  +  i)  <U>  Sc*  <?l 
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Figure  10:  Endothermic  reaction 


where  a  is  the  symmetry  number  introduced  to  avoid  counting  twice  collisions  (s=l  when  A  and  B  are  different,  s=2  when 
A=B).  Maxwellian  probability  density  functions  are  assumed  to  be  valid  for  the  two  species.  After  some  algebra  (see  e.g  [59]) 
the  above  integral  reads 

nr  iss t)  1  /  w  “p  (-%t)  2xb  db  9dg 

where  p  =  mAmAj  (mA  +  ms)  is  the  reduced  mass  introduced  in  section  2.1.2.  The  integral  f  2xbdb  represents  the  collecting 
section  for  colliding  particles  and  is  called  the  collision  cross  section  <r{g)-  Introducing  the  relative  translational  energy 
E  =  the  above  integral  reads 

which  gives  the  total  number  of  collisions  per  unit  time  and  unit  volume. 

Among  these  collisions,  only  the  collisions  the  energy  of  which  is  larger  than  the  actiwition  energy  E'  may  lead  to  a 
reaction.  Moreover,  all  the  collisions  of  sufficient  energy  do  not  lead  to  a  chemical  reaction,  either  because  the  activation 


energy  barrier  is  not  stepped  over  or  because  the  formed  complex  leads  to  the  same  products.  A  probability  correction 
P(E)  has  to  be  introduced  to  give  the  number  of  collisions  which  lead  to  a  reaction.  The  variation  of  the  number  of  particle 
per  unit  volume  due  to  the  chemical  reaction  thus  reads 


dnAB  _  _  dnB 

dt  dt  dt 


with  kD  — 


nA^B 

s 

konAnB 


SkT  1 


J”Eo{E)P{E)<Xp(~')dE 


(19) 


i^m£EolE)p{E)~p(-^dE 


(in  this  section  kB  and  kB  indicate  direct  and  reverse  reaction  rate  constants  and  must  not  be  confused  with  the  Boltzmann 
constant  fc) 

The  evaluation  of  the  reaction  rate  constant  requires  the  knowledge  of  the  product  of  the  collision  cross  section  and  the 
probability  function,  often  called  the  excitation  section  or  the  reaction  cross  section.  Assuming  it  is  constant  and  equal  to 
S0  leads  to 


,  50  f&kT  ( E*  \  (  E'\ 

k°  =  TV7»r(kT  +  1]exp  V  MV 


Other  forms  for  the  excitation  function  have  been  proposed,  leading  to  various  laws  for  the  reaction  rate  constant  [49]  [59]. 
The  excitation  function  can  be  evaluated  from  quantum  mechanics  but  this  approach  requires  very  large  computations  [59]. 

Figure  12  illustrates  the  influence  of  the  temperature  upon  the  evolution  of  the  reaction  rate.  The  excitation  function 
depends  only  upon  the  relative  translational  energy  of  the  particles  while  the  energy  distribution  function  varies  with  the 
temperature.  The  higher  the  temperature,  the  larger  the  number  of  particles  having  enough  energy  to  react. 


3.1.S  Arrhenius  law 

In  1889,  Arrhenius  [6]  proposed,  from  studies  of  inversion  of  sucrose,  to  express  the  temperature  dependence  of  the  reaction 
rate  constant  by  his  celebrated  law 

*°  =  ylexp(-j£) 

This  form  has  later  been  extended,  to  cover  a  wider  range  of  reactions,  as 

i0  =  BlSxp(-f±) 

which  is  sometimes  referred  to  na  non-Arrhenius  behaviour. 


1 
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Figure  12:  Variation  of  the  reaction  rate  constant  with  temperature 
(a)  Energy  distribution  function  Eex p  (-^) 

(b)  Excitation  function 

(c)  Product  (a)*(b)  the  integral  of  which  is  proportional  to  kD 
(from  [49]) 


The  activation  energy  EA  in  Arrhenius  law  is  different  from  the  previously  introduced  activation  energy  E \ 
Arrhenius  law,  the  activation  energy  EA  can  be  obtained  as 

d\nko 


Ea 


af 


From  the  general  expression  of  the  reaction  rate  constant  (Equation  19),  it  can  be  easily  shown  that 


fjtE‘a(E)P(E)exp(-^)dE 
J?Eo(E)P(E)ex ?(-£)  dE 


In  the 


so  that  Ea  —*  E*  as  T  -*  0. 

However,  Arrhenius  or  non-Arrhenius  laws  gives  fair  representations  of  the  reaction  rate  constants  as  function  of  tem¬ 
perature.  Reaction  rate  constants  are  therefore  commonly  given  under  Arrhenius  or  non-Arrhenius  forms. 


3.1.4  Determination  of  reaction  rates 

The  above  kinetic  theory,  and  more  elaborate  theories  (see  e.g  [35]  [49]  [59])  are  able  to  give  reaction  rate  constants  with  an 
accuracy  of  about  one  order  of  magnitude.  The  reaction  rate  constants  are  therefore  mainly  determined  by  experimental 

techniques.  It  must  be  pointed  out  that  such  experiments  are  very  difficult  to  design  and  analyze  as  it  is  impossible  to 
isolate  a  single  reaction,  the  formation  of  new  species  leading  to  new  and  unwanted  chemical  reactions  in  the  experiment. 

The  reliability  of  experimental  data  is  also  questionable.  Various  experimental  determinations  of  the  reaction  rate 
constant  for  the  shuffle  reaction 

NO  +  O  «=*  AT,  +  O 

are  compared  on  figure  13.  They  are  divided  by  the  recommended  value  according  to  NBS  [ll]  [107],  The  two  horizontal 
dotted  lines  indicate  the  range  of  confidence  according  to  NBS  (I07j.  The  [  {  indicate  the  range  of  temperature  upon  which 
the  proposed  Arrhenius  expressions  are  supposed  to  be  valid,  when  known.  Even  more  recent  determinations  such  as  the 
one  from  Gardiner  [49|  lie  out  of  the  confidence  range.  A  ratio  of  about  three  is  a  good  estimate  of  the  experimental 
discrepancy  for  such  a  reaction. 

For  some  reactions  of  oxygen  dissociation  Oi  +  Af^O  +  O  +  Af  where  Af  =  AT*,  AfO,  N ,  Oertel  [84]  gives  reaction 
rates  two  to  four  order  of  magnitude  larger  than  other  models  as  shown  on  figure  14.  The  discrepancy  of  the  other  data  is 
large  as  the  ratio  of  extreme  data  is  about  eight  (Oertel’s  data  excluded). 

This  brings  into  evidence  the  lack  of  accurate  and  reliable  data  for  the  reaction  rate  constants.  In  the  case  of  reentry 
flows,  experimental  data  are  available  while  for  very  high  temperature  such  as  the  one  encountered  around  the  AOTV, 
experimental  laws  have  to  be  extrapolated  out  of  their  experimental  determination  range  or  theoritical  data,  deduced  from 
quantum  mechanics,  have  to  be  used. 

At  last,  it  must  be  mentionned  that,  for  the  sake  of  consistency  with  the  presentation  of  the  gas  kinetic  theory,  the  n 
denotes  the  number  of  particles  per  volume  unit.  Therefore,  the  reaction  rate  constant  in  equation  (19)  has  dimensions 
of  (particle  per  volume  unit)-1*-1.  The  common  practice  in  chemistry  is  to  deal  with  number  of  moles  per  volume  unit. 
Translation  from  one  system  to  the  other  only  requires  ad-hoc  multiplication  or  division  by  powers  of  the  Avogadro  number. 


3.1.5  Influence  of  the  internal  degrees  of  freedom 

The  energy  stored  in  the  internal  degrees  of  freedom  of  molecules  can  also  participate  to  the  reaction  process.  Figure  9  gives 
an  artist  view  of  the  enhancement  of  dissociation  rate  with  the  impiging  molecule  vibrational  energy.  Generally,  vibrational 
excitation  enhance  the  reaction  rate  constant  by  several  orders  of  magnitude  [49].  This  problem  is  discussed  at  length  in 
[28]  [59]  [78]  [103], 

A  semi-empirical  procedure  to  extend  the  available  data  at  thermodynamic  equilibrium  to  vibrational  excited  air  plasma 
has  been  proposed  by  Park  [87]  and  extended  to  other  reactions  by  Danton  [37]. 
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Figure  13:  Comparison  of  reaction  rate  constant  Figure  14:  Comparison  of  reaction  rate  constant 

determinations  for  the  NO  +  O  **  O*  +  N  determinations  for  the  Oj  +  JVj  **  O  +  0+  JVj 

shuffle  reaction  (from  (44])  dissociation  reaction  (from  [44]) 


3.1.6  Direct  and  reverse  reaction  constants 

Up  to  now,  only  one  way  chemical  reactions  have  been  considered.  However,  chemical  reactions  may  proceed  in  both  ways, 
and,  while  some  combustion  reactions  are  quite  irreversible,  the  chemical  reactions  encountered  in  reentry  flows  are  likely 
to  occur  in  both  directions. 

Using  the  Penntr  notation ,  a  chemical  reaction  can  be  written  as 

D 

YlviA‘  *■* 

'  R  ' 

where  D  and  R  indicate  the  direct  and  reverse  reactions,  the  A  are  the  chemical  species  and  the  l>  the  stoechiometric 
coefficients.  The  difference  *'/  =  *'/-  u\  must  be  introduced  as  it  indicates  whether  the  species  Aj  is  destroyed  or  produced 
by  the  direct  reaction.  The  evolution  of  the  reactants  is  given  by  the  following  expressions  which  are  generalisations  of  the 
equation  (19) 

•  For  the  direct  reaction 

-jr  = 

J 

•  For  the  reverse  reaction 

“jr  =*  k*ut  II  fa)"' 

where  I]/  indicates  a  product  over  all  values  of  J,  and  kp  and  fc*  are  respectively  the  direct  and  reverse  reaction  constants. 
The  production  rate  of  species  I  is  the  balance  between  the  two  terms 

-jf  -  W  II  II M"' j 

Further  information  about  the  direct  and  reverse  reaction  rate  constants  can  be  obtained  by  considering  chemical 
equilibrium.  Chemical  equilibrium  is  obtained  for  a  reaction  when  the  direct  and  reverse  reactions  exactly  balance.  As  the 
production  is  sero,  the  reaction  rate  constants  can  be  linked  to  the  n/ 

n  r-fe 


or,  using  the  state  equation  pj  —  njkT, 


n(p,«qr  =  g(*r)^‘"  =  /f,(T) 

which  is  known  as  the  mass  action  law.  This  law  can  also  be  deduced  from  thermodynamics  arguments,  as  the  equilibrium 
state  corresponds  to  the  minimum  of  the  Gibbs  free  energy  of  the  system  formed  by  the  species  involved  in  the  chemical 
reaction.  The  equilibrium  constant  Kp  and  the  mixture  composition  can  be  determined  from  thermodynamical  data.  The 
ratio  of  the  direct  and  reverse  reaction  rate  constants  can  be  obtained  so.  This  has  two  important  consequences 

•  While  the  reaction  rate  contants  are  known  with  a  large  uncertainty,  their  ratio  can  be  easily  and  accurately  obtained 
from  thermodynamical  data. 

•  The  ratio  of  the  direct  and  reverse  reaction  rate  computed  from  the  energy  partition  function  does  not  have  a  non- 
Arrhenius  form.  This  shows  again  that  Arrhenius  and  non-Arrhenius  forms  are  only  good  fits  for  reaction  rate 
constants  over  a  wide  range  of  temperature. 


3.2  Chemistry  models  for  reentry  flows 

For  a  mixture  made  up  with  v  species,  ^  different  binary  collisions  can  occur.  Moreover,  a  given  collision  may  lead  to 
different  products.  At  last,  third  bodies  are  sometimes  required  for  a  reaction  to  proceed. 

The  choice  of  the  chemical  species  to  be  accounted  for  and  of  the  chemical  reaction  among  them  is  thus  a  difficult  task, 
too  few  species  may  lead  to  important  errors  if  a  neglected  species  acts  as  a  catalyst  and  enhance  an  important  reaction, 
too  many  species  and  therefore  too  many  reactions  lead  to  too  large  computing  time. 

For  dissociation  problems,  it  is  common  practice  to  only  take  into  account  molecular  and  atomic  nitrogen  and  oxygen 
and  nitrogen  monoxide  (Afj,  Oj,  NO,  N,  O)  and  to  neglect  argon,  carbon  dioxide  and  water  vapour.  For  ionization  studies, 
the  nitrogen  monoxide  gives  the  major  part  of  the  electrons  for  reentry  flows  up  to  6000ms"1.  Simple  models  only  consider 
ionized  nitrogen  monoxide  and  the  electron  (NO+,  «“).  For  velocities  larger  than  9000ms-1,  the  ionization  is  mainly  due 
to  atomic  nitrogen  and  oxygen.  Moreover,  the  ionized  molecular  nitrogen,  although  at  very  low  concentrations,  intervene  in 
a  very  fast  reaction  (see  e.g  [37])  and  should  be  accounted  for.  A  good  model  is  thus  to  include  all  the  single  charged  ions 
corresponding  to  the  dissociation  model  to  have  an  eleven  species  model  (JVj,  Oj,  NO,  N ,  O ,  Nf,  Of,  NO+ ,  Af+,  0+,  e“). 
Other  species  may  be  accounted  for,  according  to  the  range  of  pressure  and  temperature  considered,  (see  section  4  for 
informations  about  the  species  that  appears  e.g  at  important  pressure  and  section  9  for  an  example). 

Among  tnese  species,  the  most  likely  to  occur  reactions  are  to  be  selected.  The  probability  of  multiple  collisions  is 
weak,  so  that  mainly  two-body  reactions  must  be  considered.  However,  as  pointed  out  previously,  third  bodies  can  play 

an  important  rdle  as  catalyst  in  atom  recombination  processes.  The  reactions  usually  selected  for  studies  of  flows  around 
bodies  during  reentry  are  [67]  [87]  [88] 

•  Dissociation  reactions 

AT,  +M  ^  AT+iV+M 
O,  +M  e*  0  +  0+  M 
NO+M  -  N+O+M 

where  M  stands  for  any  of  the  eleven  species,  except  the  electron.  The  dissociation  of  ionized  species  is  generally  not 
accounted  for.  The  dissociation  reactions  in  which  ionized  species  acts  as  third  bodies  are  also  often  neglected. 

•  Shuffle  reactions 

NO+O  **  iV+Oj 
O  +AT,  **  N+NO 

It  must  be  noticed  that  the  direct  formation  reaction  for  the  nitrogen  monoxide 

AT,  +  O,  ^  NO  +  NO 

introduced  in  early  models  (see  e.g  [84])  is  now  usually  discarded  as  it  can  be  obtained  as  a  combinaison  of  dissociation 
and  shuffle  reactions. 


•  Charge  exchange  reactions 


•  Associative  ionization 


O  +OJ 

o,  +o+ 

N,+N* 

P* 

N  +Nf 

O  +NO + 

?=* 

NO+O * 

Nt+0 * 

P* 

0  +N} 

N+NO + 

P* 

NO+N+ 

0,+NO+ 

P* 

NO+Ot 

N+NO+ 

** 

0  +Nf 

O  +NO* 

P* 

O,  +N* 

N+N  **  N}  +c* 
O+O  O}  +e- 

N+O  -  NO*+t- 
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•  Electron  impact  ionisation 

O+e-  **  0+±e~+e~ 

N+c~  *+  N+ +«"+«’ 

Some  other  reactions,  as  radiative  recombinaison,  can  play  an  important  rdle  in  some  cases  (37).  The  above  list  includes  46 
reactions.  It  is  usually  simplified  for  practical  use. 

Non-Arrhenius  expressions  for  the  reaction  rate  constants  can  be  found  in  various  publications,  either  from  reviews  of 
data  for  combustion  [IX]  [49]  [107]  or  from  papers  dealing  with  reentry  problems  [22]  [30]  [61]  [67]  [84]  [87]  [88]  [106]  . . . 

3.3  Heterogeneous  catalysis 

The  rdle  of  metallic  surfaces  in  reaction  rate  enhancement  is  welt  known  and  widely  used  in  chemical  industry  [20].  Catalysts 
do  not  change  the  equilibrium  state  of  the  system  but  modify  the  reaction  rates.  A  convenient  choice  of  catalysts  can  select 
between  competing  process  and  enhance  the  formation  of  the  wanted  species  or  delay  the  formation  of  unwanted  ones  in  a 
chemical  reactor. 

While  catalytic  effect  is  looked  for  in  chemical  industry,  it  represents  a  disadvantage  in  aeroheating  problems.  Wall 
temperatures  are  always  ‘‘moderate”  (let  say  about  1000K)  so  that  equilibrium  condition  at  the  wall  (see  section  4)  corre¬ 
sponds  to  no  dissociation  of  the  gas.  The  catalytic  action  of  the  wall  forces  atoms  to  recombine  while  the  latent  heat  of 
dissociation  of  molecules  is  transferred  to  the  wall,  leading  to  an  undesired  increase  in  the  wall  heating. 

3.3.1  The  heterogeneous  catalysis  process 

The  heterogeneous  catalysis  phenomenon  occurs  in  three  basic  steps. 

•  Particles  that  diffuse  to  the  surface  either  reflect  specularly  or  are  adsorbed  at  the  surface.  Only  chemisorption,  i.e 
creation  of  chemical  bounds  between  the  surface  atoms  and  the  adsorbed  particle  may  lead  to  catalysis.  This  first 
step  depends  upon  both  the  impiging  particle  and  the  surface.  This  surface  selectivity  is  widely  used  in  chemical 
engineering.  For  example,  metal  surfaces  can  easily  adsorb  oxygen  atoms  (excepted  gold,  but  who  plan  to  build  a 
gold-plated  shuttle?)  while  metal  oxide  surfaces  are  more  relunctant  to  adsorb  oxygen.  Heterogeneous  catalysis  is 
usually  favoured  by  the  fact  that  the  energy  barrier  for  the  adsorption  process  is  lower  than  the  energy  barrier  for  gas 
phase  reactions. 

•  Once  the  particle  is  inserted  inside  a  site  of  the  surface,  it  may  react  with  either  another  particle  adsorbed  in  another 
site  (the  Langmuir-Hinahelwood  process)  or  by  collision  with  a  particle  in  the  gas  (the  Eley-Rideal  process).  The 

wall  atoms  the  adsorbed  particle  is  bound  with  act  as  third  bodies  as  they  provide  or  dissipate  the  necessary  or  excess 
energy  for  the  reaction.  Sites  are  very  efficient  third  bodies  as  surface  atoms  are  bound  to  other  atoms,  i.e  have  a 
large  number  of  degrees  of  freedom.  Here  again,  the  energy  barrier  for  reaction  of  adsorbed  species  is  lowered  as  the 
site  may  contribute  to  the  process. 


Figure  15:  Representation  of  the  three  steps  of  heterogeneous  catalysis 


•  The  third  step  is  the  desorption  of  the  new  species  from  the  wall,  the  surface  site  is  now  free  and  the  process  can 
occur  sgain  (figure  15). 
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3.3.2  Modelling  of  heterogeneous  catalysis 

If  the  site  is  viewed  as  a  chemical  species,  the  process  can  be  treated  as  a  series  of  elementary  reactions,  which  are,  for  an 
atom  recombination  process 

A  +  *—*A * 

A*  +  A*-+A{  Langmuir-Hinshelwood 
or  A *  +  A— *A\  Eley-Rideal 

A\— **  +  A\ 

where  the  *  denotes  a  site  or  an  adsorbed  species.  Each  elementary  step  can  be  described  by  an  evolution  equation  similar 
to  equation  (19).  The  point  is  now  to  determine  which  is  the  slower  step  which  controls  the  whole  process.  This  is  discussed 
at  length  in  [10]  [29]. 

The  problem  is  however  much  more  intricate  as  different  species  can  adsorb  simultaneously  to  lead  to  different  surface 
catalysed  reactions.  Goulard  [53]  has  proposed  to  model  wall  catalysis  effect  with  the  help  of  an  Arrhenius  law.  The  flux 
of  species  at  the  wall  due  to  catalysis  is  expressed  as 


C/cat  =  */.  (/>«> 7.)“ 


(20) 


where  the  subscript  w  indicates  values  at  the  wall  and  the  reaction  order  m  should  be  between  one  and  two.  Scott  [96] 
proposes  to  use  an  order  m  equal  to  one  and  to  express  the  reaction  constant  as 


^Iw  — 


i,  rw 

2  -  u  V  2*m/ 


(21) 


where  7/  is  the  fraction  of  impiging  atoms  at  the  surface  which  recombine.  It  must  be  noticed  that,  if  the  order  m  is  equal 
to  one,  the  reaction  rate  constant  £/«  has  the  dimension  of  a  velocity. 

The  above  introduced  catalysed  reaction  rate  constants  are  not  independent.  The  sum  of  all  the  fluxes  at  the  wall  should 
be  iero.  Moreover,  wall  catalysis  cannot  tum  to  alchemy,  the  chemical  elements  must  be  conserved.  So,  for  a  mixture  of  u 
species  made  from  n  chemical  elements,  only  u  —  ft  coefficients  are  independent.  On  the  other  hand,  the  adsorption  process 
is  easier  for  atoms  than  for  molecules,  so  that,  for  dissociating  air,  the  catalysed  reaction  rate  constants  are  given  only  for 
atomic  oxygen  and  nitrogen  and,  assuming  that  nitrogen  monoxide  is  not  adsorbed  or  formed  at  the  wall,  the  fluxes  of 
diatomic  oxygen  and  nitrogen  can  be  derived. 

At  last,  measurements  [56]  [80]  have  brought  into  evidence  that  the  recombination  energy  is  not  fully  transferred  to 
the  wall  but  that  molecules  can  leave  the  wall  in  an  excited  state.  As,  on  the  one  hand  very  little  is  known  about  this 
phenomenon  and,  on  the  other  hand,  this  energy  excess  of  desorbing  molecules  may  be  transferred  back  to  the  wall,  this 
phenomenon  is  usually  neglected  [96]. 


3.3.3  Catalytic  and  non  catalytic  walls 

As  pointed  out  previously,  the  heterogeneous  catalysis  first  depends  upon  the  ability  of  the  surface  to  adsorb  gas  species. 
These  various  behaviours  are  reflected  by  the  values  of  the  reaction  rates  coefficients  kIw.  When  the  coefficients  tend  towards 
zero,  the  species  are  not  modified  at  the  wall.  The  wall  is  thus  said  non  catalytic.  On  the  contrary,  when  the  coefficients 
tend  towards  infinity,  the  species  arriving  at  the  wall  react  very  quickly.  The  flow  tends  towards  chemical  equilibrium  at 
the  wall.  The  wall  is  said  catalytic.  Let  us  notice  that  the  wall  temperature  is  “low”  (i.e  up  to  1500K)  otherwise  the  wall 
material  is  damaged.  Therefore,  for  a  catalytic  wall,  chemical  equilibrium  means  almost  complete  recombination  of  atoms 
at  the  wall  as  air  hardly  dissociates  even  at  low  pressure  for  these  temperatures  (see  section  4).  These  above  two  cases  are 
extreme  cases  which  are  not  encountered  practically.  Real  materials  have  a  finite  catalycity. 

Silicate  and  ceramics  are  fair  approximations  to  non  catalytic  surfaces  while  metals  and  metal  oxides  are  highly  catalytic. 
Measurements  on  the  space  shuttle  surface  insulation  [95]  lead  to  values  of  the  catalysed  reaction  rate  constants  for  atomic 
oxygen  and  nitrogen  of  about  1  ms'1.  Further  estimates  from  flight  data  [113]  give  a  larger  variation  of  the  atomic  oxygen 
constant  ko  with  wall  temperature  but  the  same  order  of  magnitude. 

The  evaluation  of  the  catalycity  of  a  material  in  presence  of  given  species  is  difficult  to  determine  experimentally  and 
flight  conditions  are  difficult  to  reproduce  [24]  [46]  [50]  [51]  [95]  [96]. 

Moreover,  plasma  reactor  measurements  have  shown  that  the  catalytic  efficiency  varies  with  time,  a  material  designed  to 
be  weakly  catalytic  becomes  more  and  more  catalytic.  This  seems  to  be  due  to  two  phenomena;  the  adsorption-desorption 
process  on  the  one  hand  leads  to  surface  modification  and  an  increase  in  surface  porosity  so  an  increase  in  the  number  of 
available  sites,  on  the  other  hand  the  adsorption-desorption  process  induces  migration  of  atoms  inside  the  material  which 
may  come  to  pollute  the  surface  and  increase  its  catalycity  (Gicquel,  private  communication) .  These  surface  modifications 
may  also  lead  to  a  change  in  the  surface  emissivity.  This  is  consistent  with  the  observation  of  an  increase  in  wall  heat  fluxes 
on  the  space  shuttle  from  flight  STS-2  to  STS- 5  [96]. 


4  Air  at  chemical  equilibrium 

In  the  absence  of  any  constraint,  a  system  generally  tends  towards  an  equilibrium  olution.  Gas  mixtures  thus  tend  towards 
thermodynamic  and  chemical  equilibrium.  It  is  then  important  to  know  the  equilibrium  state  as  it  is  the  asymptotic 
solution.  Moreover,  the  study  of  chemical  equilibrium  gives  informations  about  the  final  composition  of  the  gas  mixture 
and  the  species  to  be  accounted  for-  The  study  of  equilibrium  air  will  also  provide  us  an  illustration  of  the  evolution  of 
transport  properties. 


4.1  Computation  of  chemical  equilibrium 

As  pointed  out  previously,  the  equilibrium  situation  can  be  obtained  from  a  thermodynamic  point  of  view.  From  the  laws 
of  thermodynamics,  it  is  shown  that  the  chemical  equilibrium  corresponds,  at  thermodynamic  equilibrium,  to  the  minimum 
of  the  Gibbe  free  energy  (see  e.g  [106]).  However,  the  minimisation  of  the  Gibbs  free  energy  is  not  sufficient  to  determine 
the  mixture  composition,  otherwise  the  solution  would  be  that  the  mixture  is  made  only  with  the  species  of  lowest  Gibbs 
free  energy.  The  conservation  of  each  chemical  element  must  also  be  satisfied. 

As  the  equilibrium  constants  for  chemical  reactions  are  also  determined  from  minimisation  of  the  Gibbs  free  energy  for 
the  species  involved  in  the  reaction,  the  equilibrium  state  can  be  determined  by  imposing  the  production  rates  of  a  suitable 
set  of  chemical  reactions  to  be  sero. 

The  Gibbs  free  energy  of  a  species  in  a  mixture  depends  upon  the  temperature  and  the  pressure.  Therefore,  equilibrium 
depends  upon  pressure  and  temperature  or  any  pair  of  thermodynamic*!  variables. 

While  a  bathed  system  evolves  at  constant  temperature,  the  natural  evolution  of  a  gas  mixture  without  forcing  occurs  at 
constant  enthalpy  as  chemical  reactions  require  or  release  energy,  leading  to  temperature  variations.  However,  for  the  sake 
of  simplicity,  most  of  the  following  results  will  be  given  as  function  of  the  temperature.  The  mixture  composition  is  first 
computed  from  the  Gibbs  free  energy  minimisation  and  thus,  all  thermodynamics  and  transport  properties  of  the  mixture 
can  be  derived. 


4.2  Composition  of  air  at  chemical  equilibrium 

Figures  16  and  17  give  the  evolution  of  mole  fractions  of  air  component  at  two  temperatures  which  are  relevant  to  reentry 
flows,  as  function  of  the  density  (po  is  a  reference  density  of  air  at  standard  conditions  1  atm  273.15K).  At  2000K,  only 
oxygen  can  dissociate  significantly  at  low  density  (i.e  low  pressure).  Argon,  nitrogen  monoxide  and  dioxide,  neon  and  carbon 
oxides  are  only  traces.  This  is  not  so  at  6000K  where  a  significant  dissociation  of  both  oxygen  and  nitrogen  can  be  observed. 
Ionisation  also  occurs  at  low  pressure  and  is  first  due  to  nitrogen  monoxide  and,  at  lower  pressures  to  atomic  oxygen  and 
nitrogen. 

The  influence  of  pressure  and  temperature  is  better  illustrated  on  figures  18  to  24  on  which  the  variations  of  mass 
fractions  are  plotted  versus  temperature  for  different  pressures.  Oxygen  dissociates  first  at  about  2500K  while  nitrogen 
dissociates  at  only  5000K.  The  dissociation  of  nitrogen  occurs  when  the  dissociation  of  oxygen  is  nearly  complete.  Tins  will 
be  used  later  in  section  S  to  derive  a  simplified  model. 

It  must  be  noticed  that  the  dissociation  is  easier  at  It*  pressures.  The  evolution  of  nitrogen  monoxide  also  reflects  this 
fact  as  its  mass  fraction  increases  with  the  pressure.  While  its  mass  fraction  remains  very  low,  nitrogen  monoxide  plays  an 
important  rdle  as  it  is  a  link  between  the  nitrogen  and  oxygen  chemistries.  The  formation  of  nitrogen  monoxide  at  moderate 
temperatures  (about  3000K)  leads  to  a  first  decrease  in  molecular  nitrogen  mass  fraction  (Figure  16).  The  air  chemistry 


Figure  16:  Mole  fractions  for  air  at  chemical  equi¬ 
librium  at  2000K  (from  [62]) 


Figure  17:  Mole  fractions  for  air  at  chemical  equi¬ 
librium  at  6000K  (from  [62]) 


Mole  Fraction 


Figure  20:  Evolution  of  molecular  oxygen  mass 
fraction  as  function  of  temperature  and  pressure 
(from  [36  J  (44 1) 


Figure  21:  Evolution  of  atomic  oxygen  mass 
fraction  as  function  of  temperature  and  pressure 
(from  [36]  (44)) 


Figure  22:  Evolution  of  nitrogen  monoxide  mass 
fraction  as  function  of  temperature  and  pressure 
(from  [36]  [44]) 


Figure  23:  Evolution  of  ionized  nitrogen  monox¬ 
ide  mass  fraction  as  function  of  temperature  and 
pressure 
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Figure  24:  Evolution  of  electron  mass  fraction  as 
function  of  temperature  and  pressure 


Figure  25:  Evolution  of  electron  density  as  func¬ 
tion  of  temperature  and  pressure 
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up  to  about  5000K  can  be  modelled  with  only  three  chemical  reactions  known  as  the  Zeld’ovich  process 

•  The  oxygen  dissociates  by  collision  with  nitrogen  which  is  the  most  probable  species 

O,  +  Nt  **  O  +  O  +  Ni 

•  The  so  formed  atomic  oxygen  reacts  with  the  nitrogen  and  gives  nitrogen  monoxide 

N7  +  O  *=*  NO  +  N 

•  The  nitrogen  monoxide  is  consumed  by  reaction  with  the  atomic  oxygen 

NO  +  O  ^  N  +  O, 

so  that  a  little  amount  of  nitrogen  monoxide  is  the  result  of  two  important  competing  processes. 

The  electrons  are  mainly  due,  for  shuttle  reentry  flows,  to  the  ionization  of  nitrogen  monoxide.  Ionized  nitrogen  monoxide 
mass  fractions  are  given  on  figure  23  and  electron  mass  fractions  and  densities  on  figures  24  and  25.  It  can  be  observed  that 
ionization  is  very  weak  as  only  about  one  percent  of  nitrogen  monoxide  ionizes.  Electron  mass  fractions  are  very  small  due 
to  the  mass  of  the  electron  so  that  it  is  more  convenient  to  consider  electron  density,  i.e  the  number  of  electrons  per  volume 
unit  (here  per  cubic  meter).  Electron  density  is  an  important  parameter  as  it  governs  the  radio  transmission  properties  of 
the  plasma  (see  section  9). 

4.3  Thermodynamical  properties  of  equilibrium  air 

The  state  equation  can  be  written  as 

p  —  P/  —  nkT  ~  ZRopT 

i 

where  Z  is  the  compressibility  factor  and  Rq  the  gas  constant  under  standard  conditions.  The  evolution  of  the  compressibility 
factor  is  given  on  figure  26.  At  low  temperatures,  it  is  equal  to  one  and  increases  with  temperature  as  the  dissociation 
and  ionization  phenomena  occur.  A  first  plateau  about  1.2  is  observed  which  corresponds  to  complete  oxygen  dissociation. 
Nitrogen  dissociation  leads  to  a  plateau  at  a  value  of  2  as  each  molecule  has  now  given  two  atoms.  Complete  ionization  of 
the  flow  leads  to  a  final  plateau  at  a  value  of  4,  each  initial  molecule  has  given  four  particles,  i.e  two  ionized  atoms  and  two 
electrons. 


Temceixture,  r.'K 


Figure  26:  Evolution  of  the  compressibility  factor  as  function  of  temperature  and  pressure  (from  (58]) 
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Figure  27:  Evolution  of  dimensionless  energy 
ZEfZT  as  function  of  temperature  and  pressure 
(from  [58]) 


ZS/ftT  as  function  of  temperature  and  pressure 
(from  [58)) 


The  influence  of  the  two  separate  dissociation  and  of  the  ionization  processes  is  also  observed  on  the  evolution  of  the 
dimensionless  energy  ZEfkT  and  entropy  ZSjkT  (figures  27  and  28)  where  the  energy  and  the  entropy  are  given  per  air 
mole. 

From  the  definition  of  the  enthalpy  H  =  E  +  pV  and  the  state  equation,  it  can  be  easily  shown  that 

RT~  KT  +  Z 


so  that  the  evolution  of  the  enthalpy  is  similar  to  the  energy.  The  evolution  of  dimensionless  enthalpy  H/RT  and  specific 


(from  (36)  [44])  sure  (from  [36]  [44]) 

heat  CfjR  an  given  on  figure*  29  and  30.  The  specific  heat  remains  constant  up  to  about  2000K,  air  can  be  considered 
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as  ui  ideal  gas  up  to  that  temperature.  The  two  maxima  in  the  specific  heat  correspond  to  the  dissociation  of  oxygen  and 
nitrogen. 

Let  us  mention  another  thermodynamic  variable,  the  speed  of  sound 


since  the  above  derivative  can  be  computed  at  chemical  equilibrium.  It  is  found  that  a*  —  p/p,  the  coefficient  varying  from 

1.4  for  nan-dissociated  air  to  values  about  1. 1-1.2  [58].  For  flows  out  of  chemical  equilibrium,  the  speed  of  sound  depends 
upon  the  wavelength.  If  the  wavelength  is  long  when  compared  with  the  chemical  relaxation  length,  an  “equilibrium"  speed 
of  sound  cam  be  used  while  for  short  wavelength  with  respect  to  the  chemical  relaxation  length  a  “frozen"  speed  of  sound 
is  introduced.  AH  frequencies  do  not  propagate  at  the  same  speed  in  non-equilibrium  flows  [32]  [112]. 

Curve  fits  of  the  thermodynamic  properties  of  equilibrium  air  can  be  found  in  [54]  [98]. 

4.4  Transport  properties  of  equilibrium  air 

All  the  transport  properties  and  the  numerous  multicomponent  and  thermal  diffusion  coefficients  will  not  be  presented 
for  the  sake  of  simplicity.  The  influence  of  real  gas  effects  can  be  seen  on  the  evolution  of  the  viscosity  and  the  thermal 
conductibility  which  now  depend  upon  both  the  temperature  and  the  pressure  (Figures  31  and  32).  As  the  temperature 
increases,  the  viscosity  deviates  from  the  Sutherland  law.  As  the  pressure  decreases,  the  dissociation  is  more  important  and 
both  the  viscosity  and  the  thermal  conductivity  increase. 

Transport  properties  can  also  be  illustrated  by  dimensionless  coefficients.  The  Prandtl  number,  i.e  the  ratio  between 
momentum  and  heat  transport,  is  weakly  affected  by  oxygen  dissociation  but  varies  with  nitrogen  dissociation  (Figure  33). 
However,  for  most  reentry  flows,  it  can  be  assumed  constant.  The  ratio  between  mass  diffusion  and  heat  transfer  is 
characterized  by  the  Lewis  number.  If  air  is  assumed  to  be  made  up  with  atoms  and  molecules,  only  one  diffusion  coefficient 
has  to  be  introduced  and  can  be  expressed  as  a  Lewis  number  as  shown  on  figure  34.  It  must  be  pointed  out  that  the  Lewis 
number  decreases  with  enthalpy  or  temperature,  i.e  the  commonly  assumed  value  1.4  is  valid  at  low  temperatures  but  not 
for  reentry  flows  (see  e.g  [36]  [44]). 

More  recent  estimates  of  equilibrium  air  transport  properties  are  available  (Bee  e.g  [93])  and  lead  to  similar  conclusions. 
Curve  fits  are  also  available. 
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Figure  33:  Evolution  of  Prandtl  number  as  func¬ 
tion  of  temperature  and  pressure  (from  (36)  (44)) 


Figure  34:  Evolution  of  Lewis  number 

(pref  —  latm,  He  =  19.7  10 *JKg~l)  as  function 
of  temperature  and  pressure  (from  [33]) 


5  The  diatomic  dissociating  gas  assumption 

For  reentry  flows,  ionisation  is  weak  and  can  be  neglected  (see  sections  4  and  9).  Moreover,  thermodynamic  non-equilibrium 
rapidly  relaxes  downstream  of  the  shock  wave  so  that  it  can  be  neglected  in  various  applications. 

In  section  4,  it  has  been  shown  that  the  dissociation  of  nitrogen  proceeds  when  the  dissociation  of  oxygen  is  complete. 
So  at  “moderate”  temperatures,  the  gas  is  roughly  a  mixture  of  molecular  nitrogen  and  both  molecular  and  atomic  oxygen 
and,  at  “higher”  temperatures  a  mixture  of  atomic  oxygen  and  both  molecular  and  atomic  nitrogen.  Moreover  oxygen 
and  nitrogen  have  similar  masses,  transport  properties  and,  in  the  range  of  temperatures  relevant  to  reentry  flows,  similar 
thermodynamical  properties. 

The  problem  can  then  be  simplified  by  considering  a  gas  made  with  only  two  species,  i.e  molecules  and  atoms  A. 
This  model,  and  the  simplifications  from  complete  gas  kinetic  theory  has  been  first  investigated  by  Lighthill  [76]  [77]  and 
widely  adapted  and  used  for  hypersonic  flows  (see  e.g  [47]). 


5.1  Basic  relatione 

The  following  relationships  can  easily  be  verified 

•  Masses  of  the  species  mAi  =  2 mA  MAt  —  2MA 

•  Mass  fractions  YAj  =  1  -  YA  so  that  most  of  the  following  variables  will  be  expressed  in  terms  of  YA 

•  The  partial  pressures  are  expressed  as 


Pa=  Pa~t  =  »TTr  =  w**TS-T 

Ma  Ma  Ma, 


so  that  the  total  pressure  reads 


P  =  P.  +  Pa,  =  (1  +  yA)  =  ZpRoT  where  Z  =  l  +  VA  ~ 

•  The  enthalpy  per  mass  unit  of  each  species  reads 

l>A  =  h°A+  fT  CpaJT 
Jo 

h At  -  [  CpAidT 

JO 
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and  since  CpA  ~  CpAi ,  the  mixture  enthalpy  reads 

h  =  YAhA  +  YAthAt  =  hM  +  YA  [hA  -  hA2)  -  hAl  +  YAhA  +  YaJo  {Cpa  -  CpAl)  dT  ~  hAi  +  YAk°A 
and  the  froaen  specific  heat  is 

Cpf  =  CPAi  -f  Ya  ( CPA  —  CpA2)  ~  CpA , 


5.1.1  Chemistry 

The  chemistry  of  the  atom/mo iecule  mixture  can  be  represented  with  a  single  chemical  reaction 

Aj  +  M  »=*  A  -f-  A  ■+■  M 


where  the  third  body  M  stands  for  both  the  molecule  Aj  and  the  atom  A.  The  chemical  reaction  rate  can  be  obtained  as 

— -ji  =  2kDnunA2  -  2 kxnMnA 

so  that,  introducing  the  chemical  equilibrium  values  (subscript  E),  and  with  the  auxiliary  relations  n u  '■ 
pY A  jm A  the  above  equation  reads 


nA  +  nAj>  nA  - 


dnA 

dt 


-kR-^(l  +  YA) 


Yl-Yh 

1  -  Yl. 


One  of  the  advantage  of  this  relatively  simple  expression  for  the  chemical  reaction  rate  is  to  bring  into  evidence  that,  as 
moat  reentry  flows  are  governed  by  dissociation  process,  the  chemical  time  scale  varies  roughly  like  p-5,  i.e  the  lower  the 
altitude,  the  higher  the  density  and  the  smaller  the  chemical  time  scale,  or,  in  other  words,  the  flow  get  cloeer  to  chemical 
equilibrium  as  the  altitude  decreases. 


5.1.2  Transport 

A  derivation  of  transport  coefficients  from  gas  kinetic  theory  can  be  found  in  [77].  It  must  be  reminded  that,  for  a  binary 
mixture,  the  mass  diffusion  can  be  represented  with  the  help  of  a  Fick  law  (Equation  13)  provided  thermal  diffusion  effects 
are  negligible  and  pressure  gradients  are  small.  The  transport  properties  of  the  mixture  are  thus  usually  represented  by 
assuming  constant  Prandtl  and  Lewis  numbers.  The  Sutherland  law  is  sometimes  used  to  compute  the  viscosity,  as  it  leads 
to  about  10%  error  for  air  at  chemical  equilibrium  (see  e.g  (47|). 

The  various  fluxes  thus  read 

£ 

dA  =  -pDgr*dYA  pD  -  jpl 
l  =  ^  -  a  (gradji  +  gradfit  -  i^div  rjdivM 

?,  =  +  (£  -  1)  -  h.,)  gi»dy*)  with  hA  -  hAj  ~  h° 

It  must  1 x  pointed  out  that  this  model  is  however  a  very  crude  one  which  needs  some  tuning  to  give  good  results 
according  to  the  range  of  temperature  considered.  If  CpN%~  Cpo7  the  formation  enthalpy  are  different  as  h%3  ~  2 h%t  and 
the  reaction  rate  coefficients  for  oxygen  and  nitrogen  dissociation  are  different. 

Applications  of  this  diatomic  gas  model  will  be  presented  in  section  6. 


PART  TWO  ;  ILLUSTRATIONS  OF  REAL  GAS  EFFECTS  IN  REENTRY 

FLOWS 


The  aim  of  this  part  is  not  to  give  the  reader  an  expensive  review  of  all  the  published  works  on  flows  with  real  gas  effects. 
Such  an  information  can  be  partly  obtained  from  references  [3]  [38]  [55]  [75]  [96]  as  concerns  computations  and  references  [38] 
[55]  [64]  [65]  [99]  as  concerns  experiments. 

Our  aim  is  to  present  some  examples  of  flow  from  which  the  various  real  gas  effects  can  be  brought  into  evidence  in 
order  to  give  the  reader  an  overall  picture  of  what  kind  of  phenomenon  is  to  be  expected  in  what  part  of  the  flow.  Mainl> 
shuttle  reentry  conditions,  i.e  velocities  of  about  7000ms-1  will  be  considered. 

Reentry  flow  conditions  are  very  difficult  to  simulate  in  a  wind  tunnel  (see  section  6).  Moreover,  only  a  few  variables  are 
usually  measured  and  data  about  mass  fractions  or  vibrational  energy  are  rare  for  reentry  flows.  Numerical  examples  have 
been  selected  as  they  have  the  advantages  of  providing  all  the  required  data  for  analysis,  and  also  enabling  one  to  switch 
off  a  parameter  to  measure  its  importance.  They  also  ha*  at  disadvantage  that  the  real  physics  is  remplaced  by  models 
which  have  to  be  trusted. 


6  Nozzle  flow 

In  order  to  simulate  the  flow  around  a  reentry  vehicle,  a  flow  with  low  temperature  (about  200 K)  and  high  velocity  (about 
7000ms-1)  must  be  achieved  in  the  wind  tunnel  test  section  upstream  of  the  model.  This  means  that  the  fluid  must  have 


a  vary  large  total  enthalpy  (enthalpy  +  kinetic  energy).  For  that  the  fluid  is  usually  first  heated  either  with  an  arc  heater 
(see  e.g  [34))  or  by  compression  in  a  shock  tube  (see  e.g  [65)  [90))  in  a  region  where  its  velocity  is  small  and  accelerated 
downstream  by  expansion  in  a  nossle. 

To  achieve  pressure  levels  similar  to  flight  or  only  to  avoid  air  liquefaction  during  the  expansion,  an  important  pressure 
level  is  required  in  the  heater. 

Neglecting  viscous  and  real  gas  effects,  the  form  of  the  nossle  can  easily  be  calculated  from  linear  supersonic  theory,  to 
obtain  a  uniform  flow  with  the  desired  velocity  in  the  test  section.  Of  course,  the  final  shape  can  be  designed  by  taking  into 
account  viscous  and  real  gas  effects  (see  e.g  [34)).  Several  solutions  can  be  found  but,  to  avoid  both  too  long  wind  tunnels 
and  a  too  important  heating  of  the  nossle,  short  and  rapidly  expanding  nossles  are  usually  designed. 

In  the  expansion,  the  flow  is  strongly  accelerated  and  its  temperature  falls  rapidly.  The  pressure  and  the  density  also 
decrease  very  rapidly.  As  the  temperature  and  the  density  decrease,  the  collision  time  scale  increases  while  the  mean  flow 
time  scale  is  very  short.  This  is  a  typical  situation  of  a  fro  sen  flow  as  presented  in  sections  2.5.4  and  2.6.2. 

Both  the  species  composition  of  the  flow  and  the  energy  partition  among  the  energy  modes  cannot  adapt  themselves 
to  the  flow  evolution  and  the  flow  is  frozen  from  both  a  thermodynamical  and  a  chemical  point  of  view.  This  can  be 
illustrated  by  figures  35  and  36  on  which  the  pressure  and  temperature  evolutions  are  plotted  versus  distance  for  the  nossle 
of  a  planned  hypersonic  facility  [34).  When  non-equilibrium  effects  are  accounted  for  in  the  computations,  the  frees ing  of 
vibrational  energy  is  brought  into  evidence.  The  vibrational  energy  is  here  presented  as  a  vibrational  temperature,  i.e  the 
temperature  of  the  same  gas  at  thermodynamic  equilibrium  having  the  same  vibrational  energy.  The  total  enthalpy  must 
be  conserved  in  the  inviscid  core  of  the  flow;  this  means  that  to  achieve  the  same  enthalpy  level,  the  translational  energy 
must  be  smaller  when  the  flow  is  in  thermal  non-equilibrium  as  shown  on  figure  36.  Thermal  non-equilibrium  also  affects 
the  evolution  of  the  other  variables,  either  the  pressure  or  the  density  or  the  mass  fractions.  Similarly,  the  flow  freezes  from 
a  chemical  point  of  view,  the  mass  fractions  do  not  change  after  a  certain  distance  from  the  nossle  throat,  so  that  the  flow 
is  dissociated  in  the  test  section. 

If  the  frees  ing  phenomenon  is  unwanted  in  hypersonic  facilities,  as  it  leads  to  a  vibrationally  excited  and  dissociated 
flow  upstream  of  the  shock  wave,  it  can  be  looked  for  in  other  applications  such  as  gas  lasers  in  which  important  vibrational 
populations  are  so  obtained  to  induce  laser  emission  (see  e.g  [26]). 

This  example,  to  illustrate  how  a  flow  can  freeze  from  both  a  thermodynamical  and  a  chemical  point  of  view,  has  brought 
into  evidence  one  of  the  difficulties  to  properly  simulate  hypersonic  flight  conditions  as  the  thermodynamic  and  chemical 
state  of  the  gas  upstream  of  the  shock  wave  cannot  easily  be  duplicated  in  the  test  section.  Let  us  take  the  opportunity  to 
mention  another  problem  related  to  simulation  of  real  gas  effects  in  wind  tunnels. 

For  supersonic  flow,  similarity  between  flight  and  experiment  requires  the  conservation  of,  at  least,  both  the  Mach 
and  the  Reynolds  numbers.  When  similarity  conditions  are  expressed  for  flows  with  real  gas  effects,  another  parameter  is 
brought  into  evidence,  which  is  the  ratio  between  real  gas  effects  (usually  chemistry)  and  mean  flow  time  scales,  known  as 
the  Damkh51er  number.  As  the  models  are  much  smaller  than  the  real  reentry  vehicles,  Mach  number,  Reynolds  number 
and  Damkh&ler  number  cannot  easily  be  reproduced  at  the  same  time.  The  reader  is  referred  to  [65]  [99]  for  a  further 
discussion. 


7  Relaxation  behind  a  shock  wave 

The  gas  kinetic  theory  presented  in  section  2  is  not  valid  inside  a  shock  wave  as  the  mean  free  path  is  no  longer  small 
compared  wKu  the  mean  flow  characteristic  length  scale,  i.e  the  shock  wave  thickness.  Description  of  the  shock  can  be  done 
with  the  Burnett  equation*  which  are  obtained  from  higher  order  expansions  (see  e.g  [105]). 

However,  shock  waves  can  be  treated  as  discontinuity  surfaces  in  the  Navier  equations.  When  conservation  rules  are 
applied  to  the  flow  equations  (14)  to  (18),  mass  fractions  and  internal  energy  are  conserved  through  the  shock  wave  while 
velocity  and  total  energy  are  modified.  Only  translational  energy  is  thus  modified  through  the  shock  wave,  the  flow  is  in 
strong  thermal  and  chemical  non-equilibrium.  The  flow  evolution  downstream  of  the  shock  wave  is  due  to  thermal  and 
chemical  relaxations  and  the  coupling  between  both. 

A  first  illustration  of  flow  behind  a  shock  wave  is  the  calculation  of  Allen  et  al  experiment  [l]  by  Park  [87].  Park’s  model 
is  an  extension  of  Lee's  model  [73]  in  which  the  thermal  non-equilibrium  is  accounted  for  by  assuming  that  the  electron 
temperature  and  the  various  molecule  vibrational  temperatures  are  equal.  Influence  of  vibrational  non-equilibrium  is  taken 
into  account  in  the  chemistry  model. 

Upstream  of  the  shock  wave,  the  static  pressure  is  equal  to  0.1  Torr,  the  translation  temperature  to  300K,  the  vibrational 
temperature  to  5000K  and  the  velocity  to  10,000ms-1.  The  calculation  brings  into  evidence  an  important  increase  of 
translation  temperature  through  the  shock  wave  (Figure  37).  Two  processes  compete  to  deplete  the  translation  energy:  on 
the  one  hand  the  gas  dissociates  and  ionizes  as  shown  on  figure  38  and  on  the  other  hand  the  vibrational  energy  relaxes. 
The  limits  indicated  on  the  right  side  of  both  figures  correspond  to  '  ermal  and  chemical  equilibrium.  It  can  be  noticed 
from  this  that  thermal  non-equilibrium  relaxes  faster  than  chemical  non-equilibrium.  The  evolution  of  chemical  species 
(Figure  38)  also  reflects  the  variation  of  the  temperature  evolution  as  ionised  species  are  first  formed  just  behind  the  shock 
wave  and  decrease  later  downstream  with  translation  temperature. 

Another  example  of  flow  relaxation  behind  a  shock  wave,  in  a  situation  similar  to  shuttle  reentry,  has  been  studied  by 
Brun  et  al  [28].  The  model  used  takes  into  account  vibrational  non-equilibrium  for  nitrogen  and  oxygen  and  a  different 
translation  energy  for  the  electrons.  The  vibrational  temperature  of  charged  molecules  is  assumed  equal  to  that  of  the 
corresponding  neutral  species  and  nitrogen  monoxide  thermal  non-equilibrium  is  neglected  as  it  relaxes  very  rapidly.  Four 
temperatures  are  thus  defined  for  the  flow.  The  chemical  model  is  modified  to  account  for  thermal  non-equilibrium.  Thermal 
non-equilibrium  relaxation  takes  into  account  the  T-V  and  V-V  energy  exchanges  (see  section  2.6.3). 
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Evolution  of  temperatures  and  species  mass  fractions  are  presented  on  figures  39  to  41.  The  upstream  Mach  number  is 


Figure  39:  Evolution  of  temperatures  downstream  of  the  shock  wave  (from  |28]) 

25,  the  pressure  8.5  Pa  and  the  temperature  205 K.  Thermal  and  chemical  equilibrium  are  assumed  upstream  of  the  shock 
wave.  Figure  39  shows  the  relaxation  of  the  various  temperatures.  Oxygen  is  more  easily  excitated  by  T-V  exchanges  and 
later  accelerate  nitrogen  relaxation  via  V-V  coupling.  Thermal  relaxation  is  very  long  is  this  case.  It  must  be  reminded 
that,  for  a  shuttle,  the  shock  stand-off  distance  is  about  10cm  so  that  the  electron  are  out  of  thermal  equilibrium  in  the 
boundary  layer. 

Species  evolutions  are  given  on  figures  40  and  41.  The  coupling  between  thermal  and  chemicsl  relaxation  is  studied  in 
great  detail  in  (28j  as  each  process  can  easily  be  switched  off  in  the  calculations.  As  expected,  vibrational  relaxation  delays 
the  species  relaxation  while,  conversely,  chemical  relaxation  delays  thermal  relaxation. 

The  evolution  of  ionized  species  bring  into  evidence  their  small  percentage  in  a  shuttle  reentry  flow  (figure  41)  when 
compared  to  AOTV  related  problems  in  which  the  velocities  are  more  important  (figure  38) . 

The  comparison  between  these  two  examples  brings  into  evidence  the  problem  of  model  definition.  On  the  one  hand,  the 
model  must  be  tractable:  Park's  model  is  very  convenient  for  practical  use  ss  it  only  requires  two  temperature  calculations 
while  Bren's  model  is  much  more  sophisticated  and  can  give  more  information  about  thermal  non-equilibrium.  On  the 
other  hand,  the  model  must  fit  the  physics:  Park's  model  is  well  suited  for  AOTV  flows  where  oxygen  rapidly  dissociates 
while  the  electron  translation  temperature  tends  to  sjust  to  the  nitogen  vibrational  temperature  (74)  but  is  not  relevant  to 
space  shuttle  reentry  flows. 

At  last,  the  model  must  be  validated.  Allen  experiment  [l]  only  gives  data  upon  the  radiation  so  that  another  code  is 
needed  to  compute  the  radiation  and  compare  the  prediction  and  the  experiment.  Park  [87j  has  shown  that  the  radiation 
emission  computed  from  the  above  presented  results  is  valid  with  an  uncertainty  factor  of  ±2,  discrepancies  are  due  to 
uncertainties  in  chemical  reaction  rates  or  collision  integrals. 

8  Hypersonic  boundary  layers  and  shock  layers 

One  of  the  key  problems  of  reentry  is  the  heating  of  the  vehicle.  Wall  heat  fluxes  can  be  computed  using  boundary  layer 
theory.  At  the  present  time,  viscous  shock  layer  solutions  or  Navier  solutions  are  also  used  to  compute  the  complete  flow  field 
around  the  vehicle  (see  e.g  jl3)  (38)  [92]  [96]  [97]).  However,  as  the  viscous  shock  layer  or  Navier  solutions  are  cumbersome, 
the  effort  in  such  cases  is  upon  the  numerics  more  than  upon  the  real  gas  model. 

Many  studies  have  been  devoted  to  the  real  gas  modelling,  mainly  for  boundary  layer  flows,  and  some  of  them,  either 
very  famous  or  well-known  to  the  author,  will  be  presented  in  order  to  bring  into  evidence  the  rftle  of  the  various  phenomena 
or  the  importance  of  model  uncertainties. 

During  a  shuttle  reentry,  such  as  the  STS-2  reentry  the  main  characteristics  of  which  are  given  on  figure  42,  the  maximum 
heating  occurs  at  altitudes  of  about  70  km  as  shown  on  figure  43.  The  second  peak  in  the  temperature  histories  is  due  to 
laminar/turbulent  transition.  The  maximum  heating  thus  occurs  in  the  laminar  regime,  as  at  high  altitudes  the  density  is 
low  so  that  the  Reynolds  number  is  low.  Only  laminar  flows  will  be  investigated  here. 

Two  simplifying  hypothesis  are  usually  done  in  studies  of  hypersonic  flows  for  shuttle  reentry  flows. 

•  The  flow  is  considered  ss  a  continuous  medium,  i.e  even  near  the  wall  the  mean  free  path  is  small  compared  with  the 
distance  to  the  wall.  This  is  not  true  at  high  altitudes  where  rarefied  gas  effects  are  to  be  accounted  for  in  the  wall 
region,  leading  to  a  slip  velocity  and  a  temperature  jump  at  the  wall. 

•  Ionization  is  neglected  as  it  is  very  weak  for  shuttle  reeentry  conditions  and  do  not  alter  the  flow  predictions  (see 
section  9). 
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Figure  40:  Evolution  of  neutral  species  mass  frac¬ 
tions  downstream  of  the  shock  wave  (from  (28]) 


Figure  41:  Evolution  of  charged  species  mass  frac¬ 
tions  downstream  of  the  shock  wave  (from  [28]) 
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Figure  42:  Trajectory  reentry  for  space  shuttle  Bight  STS-2 
(from  [97]) 


Figure  43:  Time  evolution  of  temper¬ 
atures  on  shuttle  during  STS-2  reen¬ 
try  (from  (97|) 
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•  The  flow  in  the  boundary  layer  is  assumed  to  be  in  thermal  equilibrium.  This  hypothesis  is  not  always  satisfied  as 
the  thermal  relaxation  length  behind  the  shock  wave  can  be  comparable  with  the  shock  stand-off  distance  as  shown 
on  figure  39.  Moreover,  wall  catalysis  may  lead  to  the  formation  of  vibrationally  excited  molecules  at  the  wall  (see 
section  3.3) .  Thermal  equilibrium  is  also  sometimes  assumed  in  the  whole  shock  layer,  which  is  certainly  wrong  just 
behind  the  shock  wave  [07]. 

As  concerns  boundary  layer  flows,  it  must  be  pointed  out  that  generally,  a  single  boundary  layer  cannot  be  defined  as 
there  exist  velocity,  temperature  and  species  boundary  layers.  However,  as  for  air,  in  the  relevant  range  of  pressure  and 
temperature,  the  Prandtl  and  the  Lewis  number  are  close  to  unity,  the  diffusions  of  momemtum,  heat  and  mass  are  likely, 
so  that  the  various  boundary  layers  have  similar  thicknesses  and  a  single  boundary  layer  can  be  defined. 

In  what  follows,  mainly  boundary  layer  flows  will  be  investigated.  Viscous  shock  layer  solutions  will  be  explicitely 
mentionned  «  i  referred.  As  the  wall  is  heated  by  the  flow,  the  wall  heat  flux  is  negative.  In  the  formulae,  the  correct 
sign  will  ah*.,-  be  used.  However,  only  the  magnitude  of  the  wall  heat  flux  will  be  plotted  on  some  figures  and  comparison 
of  wall  heat  flux  magnitudes  in  the  text  will  also  deal  with  their  modulus. 


8.1  Influence  of  wall  catalysis 

A  particular  and  important  feature  is  the  presence  of  the  wall,  the  catalytic  efficiency  of  which  can  deeply  affect  the  species 
profiles  inside  the  boundary  layer. 


8.1.1  Fay  and  Riddell  stagnation  point  solutions 


This  was  first  investigated  by  Fay  and  Riddell  [47]  who  studied  axisymmetric  stagnation  point  heat  transfer.  The  stagnation 
point  solutions  are  obtained  with  the  help  of  the  Levy-Lees  space  coordinate  transformation  [42] 


where  the  subscript  w  indicates  wall  values,  Ut  is  the  velocity  outside  the  boundary  layer,  R  the  distance  to  the  symmetry 
axis  {R  -v  x  near  the  stagnation  point),  x  and  y  the  boundary  layer  coordinates  respectively  along  the  body  and  normal  to 
the  wall.  With  this  set  of  space  variables,  the  boundary  layer  equations  are  written  for  the  reduced  velocity,  enthalpy  and 
energy  profiles 


where  A*  is  the  total  enthalpy  and  the  subscript  e  denotes  values  outside  of  the  boundary  layer.  Self  similar  solutions  can  be 
obtained  at  the  stagnation  point,  the  boundary  layer  equations  reduce  to  a  set  of  coupled  ordinary  differential  equations. 


Extra  simplifications  were  introduced  by  Fay  and  Riddell  to  study  the  axisymmetric  stagnation  point. 

•  An  atom/molecule  approach  (see  section  5)  was  used. 

•  Reacting  flows  were  investigated  with  a  simple  model  for  the  reaction  rate  constant  kK  ~  T~l  t.  Chemically  frosen 
flows  and  chemical  equilibrium  flows  were  also  studied.  Let  us  mention  that  wall  catalysis  plays  no  rftle  for  chemical 
equilibrium  flows  as  the  species  mass  fractions  at  the  wall  are  then  impoeed  by  the  equilibrium  condition. 

•  Transport  properties  of  the  fluid  ~ere  represented  by  a  simple  model  for  the  viscosity,  using  either  Sutherland  law  or 
equilibrium  data,  and  constant  Prandtl  and  Lewis  numbers. 

•  To  solve  the  set  of  ordinary  differential  equations,  boundary  conditions  are  needed,  both  at  the  wall  and  at  the  outer 
edge  of  the  boundary  layer.  Fay  and  Riddell  and  following  authors  assumed  the  flow  have  enough  time  to  relax 
between  the  shock  wave  and  the  boundary  layer  edge  and  is  at  chemical  equilibrium  there.  This  chemical  relaxation 
may  not  be  complete  in  real  cases  sa  shown  on  figures  40  and  41. 

AH  the  results  presented  herein  are  for  the  same  conditions,  i.e  a  Lewis  number  equal  to  1.4,  a  Prandtl  number  of  0.71, 
a  wall  temperature  of  300K  and  a  wall  enthalpy /external  enthalpy  ratio  of  0.0123. 


Figure  44*.  Temperature  and  atom  mass  fraction  profiles  for  frosen  and  equilibrium  flows  (from  [47]) 
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At  the  stagnation  point,  only  the  velocity  component  normal  to  the  wall  is  not  null,  the  species  mass  fraction  profiles 
thus  result  from  a  balance  between  advection  towards  the  wall,  chemistry  and  diffusion.  The  atom  mass  fraction  profiles  for 
a  frozen  flow  on  a  catalytic  wall  are  given  on  figure  44.  For  a  frozen  flow  on  a  non-catalytic  wall,  the  atom  mass  fraction 
is  constant  throughout  the  boundary  layer  and  equal  to  the  external  value  (see  section  2.5.4).  The  wall  catalycity  modifies 
the  boundary  condition  at  the  wall  and  strongly  affects  the  whole  atom  mass  fraction  profile. 

The  wall  heat  flux  is  also  affected  by  the  wall  catalysis.  From  a  study  over  a  wide  range  of  altitudes  from  7.5  km  to 
36  km  and  velocities  from  1.8  to  7  kms'1,  and  for  different  values  of  the  Prandtl  and  Lewie  numbers,  Fay  and  Riddell 
proposed  fits  for  the  wall  heat  flux  as 
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where  the  subscript  0  indicates  values  at  the  stagnation  point  and  A©  is  the  dissociation  enthalpy  per  mass  unit,  i.e  the 
atom  formation  enthalpy  times  their  mass  fraction. 

These  formulae  bring  into  evidence  the  influence  of  wall  catalysis  upon  heat  flux.  Atoms  diffuse  towards  the  wall  and, 
for  a  catalytic  wall,  recombine  and  release  their  dissociation  energy.  This  leads  to  an  higher  wall  heat  flux  for  the  catalytic 
wall.  As  the  wall  heat  flux  can  be  expressed  as 


=  (*> 

the  flux  on  a  non-catalytic  wall  is  only  due  to  the  temperature  gradient  while  both  terms  intervene  for  a  catalytic  wall. 
The  contribution  of  both  terms  is  given  on  figure  45  on  which  the  frozen  flow  corresponds  to  a  zero  recombination  rate 
parameter.  The  contribution  of  mass  fraction  gradients,  i.e  the  energy  release  due  to  atom  recombination  at  the  wall,  is  the 
main  part  of  the  wall  heat  flux  under  these  conditions. 


Figure  45:  Heat  transfer  parameter  as  function  of 
the  recombination  rate  parameter 
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Figure  46:  Atom  mass  fraction  profile  at  the  stag¬ 
nation  point  on  a  non-catalytic  wall  as  function 
of  the  recombination  rate  parameter  (from  [47)) 


6.1.2  Goulard  extension  to  finite  catalysis 

The  study  of  frosen  flow  axisymmetric  stagnation  point  was  extended  by  Goulard  [53]  to  account  for  finite  catalytic 
recombination  rate  at  the  wall  (equation  20).  Figure  47  shows  the  influence  of  finite  wall  catalycity  and  flight  velocity  upon 
the  wall  heat  flux.  In  order  to  compare  the  different  esses,  the  wall  heat  flux  is  presented  in  reduced  form,  i.e  divided  by 
its  value  for  a  catalytic  wall.  The  faster  the  wall  recombination,  i.e  the  more  catalytic  the  wall,  the  higher  the  heat  flux  as 
more  atoms  can  recombine  at  the  wall  and  release  their  formation  enthalpy.  As  the  velocity  increases,  the  gas  is  more  and 
more  dissociated  outside  of  the  boundary  layer  so  that  the  energy  release  due  to  atom  recombination  on  a  catalytic  wall  is 
more  and  more  important.  The  heat  flux  reduction  due  to  a  non-catalytic  wall  so  increases  with  velocity. 

For  a  shuttle  reentry  at  7  Ame-1,  a  non  catalytic  wall  leads  to  a  heat  reduction  of  70%  and  the  reaction-cured  glass 
used  for  the  space  shuttle  thermal  protection  system,  with  a  recombination  rate  constant  of  about  lms“!,  to  a  reduction  of 
about  50%. 

An  interesting  point  mentionned  by  Goulard  is  the  evolution  of  wall  heat  flux  with  temperature  on  a  finite  catalytic 
w*l).  The  catalytic  rate  coefficient  increases  with  temperature  (see  equation  21),  i.e  as  the  wall  temperature  increases  the 
wall  becomes  more  and  more  catalytic  so  that  the  wall  heat  flux  may  increase  with  wall  temperature. 
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Figure  47:  Reduced  heat  transfer  as  function  of  catalytic  recombination  rate  and  flight  velocity  at  250,000ft  (from  [53)) 


8.1.3  Study  of  the  STS-1  reentry 

Later  studies  were  devoted  to  boundary  layers  flows  along  bodies  (see  e.g  [16]  to  [19|).  A  sensitivity  study  of  boundary 
layer  to  the  real  gas  model  has  recently  been  performed  by  Eldem  [8]  [9]  [36]  [44]  for  the  STS-2  flight  reentry. 

Thanhs  to  computer  power  increase,  a  more  detained  model  has  been  used:  the  five  main  neutral  species  are  accounted 
for  (fifi,  Oj,  NO,  N,  O ),  the  chemistry  is  described  with  the  fifteen  dissociation  reactions  and  the  two  shuffle  reactions, 
thermodynamical  properties  are  computed  with  Schifer  model  [94]  and  transport  properties  with  Straub  model  [100]. 


Figure  48:  Stagnation  point  wall  beat  flux  during  Figure  49:  Atomic  nitrogen  stagnation  point  pro- 

STS-2  flight  reentry  (from  [44])  flies  at  71.29  km  (from  [44]) 
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Computations  have  been  performed  over  axisymmetric  hyperboloids  at  zero  degree  incidence  which  are  supposed  to 
represent  the  space  shuttle  windward  symmetry  line  [97]. 

The  stagnation  point  wall  heat  flux  evolution  during  the  reentry  is  plotted  on  figure  48  for  a  catalytic  wall,  a  non- 
catalytic  wall  and  a  wall  with  finite  catalycity  according  to  Scott  data  [95],  assuming  a  constant  wall  temperature  of  1500K. 
The  agreement  with  Goulard  results  is  fair  as  the  maximum  wall  heat  flux  is  reduced  by  about  70%  for  a  non-catalytic 
wall  and  40%  for  a  wall  with  finite  catalycity.  These  reductions  remain  important  during  all  the  reentry,  not  only  at  the 


Figure  50:  Wall  heat  flux  for  a  catalytic  wall  Figure  51:  Wall  heat  flux  for  a  non-catalytic  wall 

(from  [9])  (from  [9]) 

stagnation  point  but  also  all  along  the  body  as  shown  on  figures  50  and  51  on  which  the  wall  heat  flux  evolution  along 

the  windward  centerline  during  the  reentry  has  been  plotted.  The  wall  heat  flux  reduction  due  to  &  non-catalytic  wall  is 
roughly  constant  all  along  the  body. 

The  atomic  nitrogen  mass  fraction  profiles  are  plotted  on  figure  49.  As  thermal  diffuaivity  iB  accounted  for,  the  slope 
of  the  profile  at  the  wall  is  no  longer  null  for  a  non-catalytic  wall.  Moreover,  chemistry  leads  to  nitrogen  recombination  in 
the  boundary  layer,  but  the  nitrogen  mass  fraction  does  not  vary  significantly  when  the  wall  is  non-catalytic.  Nevertheless, 
the  reduction  of  atomic  nitrogen  with  increasing  wall  catalycity  is  clearly  brought  into  evidence. 

The  practical  importance  of  wall  catalycity  is  shown  on  figures  52  and  53  on  which  the  wall  temperatures  are  plotted  for 
non  catalytic  and  catalytic  walls,  at  the  stagnation  point  during  all  the  reentry  (figure  52)  and  along  the  body  at  71.29  km 
altitude  (figure  53).  These  wall  temperatures  are  computed  by  assuming  the  wall  to  be  at  radiative  equilibrium,  i.e  the  heat 
flux  convected  to  the  wall  is  reemitted  as  radiation.  If  heat  conduction  in  the  thermal  protection  system  is  neglected,  the 
wall  temperature  remains  constant  as  observed  during  flight  (see  figure  43).  The  radiative  equilibrium  condition  reads 

+  eoT$,  =  0 

where  a  is  the  Stefan-Boltzmann  constant  and  e  the  wall  emissivity  coefficient  (0.89  for  the  space  shuttle  thermal  protection 
system).  A  non-catalytic  wall  leads  to  a  reduction  of  the  maximum  temperature  of  450K  at  the  stagnation  point  and  about 
250K  all  along  the  body.  In  the  following  presentation  of  Eldem’s  results,  the  wall  temperature  is  always  1500K  which  is 
an  overestimation  of  flight  temperature  (see  figure  43)  as  the  aim  of  his  study  is  not  to  compute  real  fluxes  but  to  analyse 
the  model  sensitivity. 

Eldem  [44]  compared  his  results  with  the  Fay  and  Riddell  formulae.  While  these  formulae  were  obtained  for  frozen  flows, 
Eldem's  results  account  for  chemical  non-equilibrium.  For  a  catalytic  wall,  the  agreement  is  within  5%  as  it  will  be  shown 
in  the  next  section  that  the  wall  heat  flux  is  then  not  sensitive  to  chemical  reaction  rates.  For  a  non-catalytic  wall,  the 
agreement  is  poor,  Fay  and  Riddell  formulae  underestimate  the  heat  flux  by  about  50%.  Corrections  are  proposed  [44]  but 
have  not  been  validated  for  other  situations  than  the  STS-2  reentry. 


Other  interesting  parameters  can  be  obtained  from  boundary  layer  computations  such  as  the  skin  friction  coefficient  to 
know  the  viscous  contribution  to  the  drag  or  the  displacement  thickness  to  estimate  viscous /inviscid  coupling  effects.  These 
parameters  are  related  to  the  velocity  and  density  profiles  as 


C,= 


dy 


The  velocity  profile  is  hardly  modified  by  the  wall  catalycity,  as  shown  on  figure  54.  For  a  catalytic  wall,  the  fluid  is 
less  dissociated  in  the  wall  region  as  shown  on  figure  49  so  that  the  temperature  is  higher  as  less  energy  is  stored  as  species 
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Figure  52:  Radiative  equilibrium  stagnation  point 
temperature  (from  [44]) 


Figure  53:  Radiative  equilibrium  temperature 
along  the  shuttle  centerline  at  71.29  km  altitude 
(from  |44j) 


Figure  54:  Influence  of  the  wall  catalycity  on  the  stagnation  point  velocity  profile  at  71.29  km  (from  (36]) 
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Figure  56:  Influence  of  wall  catalycity  on  the  ' 
stagnation  point  density  profile  at  71  29 
(from  [36]) 


Figure  87:  Influence  of  the  wall  catalycitv 
*  *  *k“  frktk>n  "Efficient  at  71.29  km  (from  |«|) 


| 

Q 


i 

i , 


i 


i 


J. 


Figure  S8:  Uiftuenc*  of  th* 
upon  the  diipUcement  thickne 
(from  (44/) 


tktmjycity 
■  at  71. »  km 


3-46 


formation  enthalpy  (figure  55).  According  to  the  state  equation  (11), the  density  depends  upon  both  the  temperature  and 
the  dissociation  level.  Catalytic  walls  increase  the  temperature  but  decrease  the  dissociation  level  so  that  the  influence  on 
density  profile  cannot  be  estimated  a-priori  from  the  state  equation  (11).  The  variation  of  density  with  surface  catalysis  is 
not  always  the  same  in  the  boundary  layer  as  shown  on  figure  56. 

Consequently,  the  akin  friction  is  hardly  affected  by  the  wall  catalycity  (figure  57).  The  skin  friction  coefficient  is  very 
large  for  a  laminar  boundary  layer.  This  is  due  both  to  the  low  Reynolds  number  and  to  the  cold  wall  temperature.  The 
influence  of  wall  catalycity  upon  the  displacement  thickness  is  clear  on  figure  58  but  cannot  be  a-priori  estimated.  It  must 
be  pointed  out  that  the  displacement  effect  is  very  weak  as  the  wall  temperature  is  low.  The  rapid  increase  of  density  in  the 
wall  region  (figure  56)  reduces  the  mass  flow  loss  in  the  boundary  layer.  Negative  displacement  thicknesses  can  be  observed 
at  high  altitudes  or  for  lower  and  more  realistic  wall  temperatures.  Viscous/inviacid  interaction  should  be  very  weak. 

Similar  results  have  been  previously  obtained  by  Shinn  [97]  with  a  simpler  real  gas  model  but  using  a  viscous  shock 
layer  approach. 

8.2  Influence  of  the  chemical  rates 
6.2.1  Fay  and  Riddell  results 

The  influence  of  chemical  reaction  rates  was  brought  into  evidence  by  Fay  and  Riddell  [47]  for  the  stagnation  point  and 
confirmed  by  Blottner  [16]  for  boundary  layers  along  bodies. 

In  the  Fay  and  Riddell  axisymmetrk  stagnation  point  solutions,  the  chemistry  is  modelled  by  a  single  reaction.  Boundary 
layer  equations  under  similarity  form  bring  into  evidence  the  coefficient 


nammed  recombination  rate  parameter  which  represents  the  ratio  between  mean  flow  and  chemical  reaction  time  scales. 

The  influence  of  the  recombination  rate  parameter  upon  stagnation  point  solutions  is  shown  on  figures  45  and  46. 
Figure  46  shows  the  atom  mass  fraction  profiles  for  a  non-catalytic  wall.  As  atom  recombination  is  not  imposed  at  the 
wall,  the  more  important  the  recombination  rate,  the  more  the  atoms  recombine  in  the  cold  region  near  the  wall.  This 
recombination  leads  to  an  heat  release  which  is  mainly  convected  to  the  wall  so  that  the  wall  heat  flux  for  a  non-catalytic 
wall  increases  with  the  recombination  rate  parameter  (figure  45). 

For  a  catalytic  wall,  the  wall  heat  flux  is  due  to  two  terms  (Equation  26) 

•  The  temperature  gradient  at  the  wall  which  depends  upon  the  energy  release  due  to  atom  recombination  inside  the 
boundary  layer 

•  The  mass  fraction  gradient  at  the  wall  as  each  species  diffuses  with  its  own  enthalpy.  This  term  represents  the  energy 
release  due  to  atom  recombination  at  the  wall 

The  sum  of  these  two  terms  is  hardly  affected  by  the  recombination  rate  which  modify  the  region  where  atoms  recombine 
as  the  energy  release  is  eventually  convected  to  the  wall.  Figure  45  shows  that  the  wall  heat  flux  on  a  catalytic  wall  is 
weakly  dependent  upon  the  recombination  rate  parameter.  When  the  recombination  rate  parameter  increases,  more  atoms 
recombine  in  the  boundary  layer  so  that  the  term  linked  to  the  wall  temperature  gradient  increases.  The  decrease  of  the 
wall  heat  flux  for  large  recombination  rate  parameter  is  due  to  the  fact  that  an  important  part  of  the  recombination  then 
occurs  in  the  outer  part  of  the  boundary  layer  and  the  heat  released  there  is  not  fully  transmitted  to  the  wall  but  partly 
advected  downstream. 

Chemical  equilibrium  is  the  limiting  case  of  infinite  recombination  rate  parameter.  Formulae  22  and  23  shows,  in 
agreement  with  figure  45,  that  the  heat  flux  for  a  chemical  equilibrium  flow  and  a  frozen  flow  on  a  catalytic  wall  are  very 
close  since  C  ~  1  and  that  the  heat  flux  is  slightly  higher  for  the  frozen  flow  on  a  catalytic  wall  as  C  >  1. 

8.2.2  STS-2  prediction  sensitivity  to  the  chemistry  model 

It  has  ueen  shown  previously  that  the  reaction  rate  constants  are  known  with  some  uncertainty  (see  figures  13  and  14). 
Eldem  [8]  [9]  [36]  [44]  investigated  the  influence  of  existing  chemical  models  on  space  shuttle  wall  heat  flux  predictions.  The 
STS-2  reentry  trajectory  is  still  used  and,  for  the  sake  of  simplicity,  the  wall  temperature  is  assumed  constant  and  equal  to 
1500K. 

Four  chemical  models  are  compared,  i.e  the  chemical  equilibrium  which  corresponds  to  infinite  reaction  rate  constants 
and  the  sets  of  reaction  rate  constants  published  by  Bortner  [22],  Gardiner  [49]  and  Oertel  [84].  It  must  be  mentionned 
that  Gardiner  data  are  the  same  as  Baulch  ones  [11]  which  are  the  NBS  recommanded  rate  constants  [107],  except  for  the 
two  shuffle  reactions. 

The  variation  of  the  stagnation  point  wall  heat  flux  prediction  with  the  chemical  reaction  rate  constants  is  shown  on 
figure  59.  For  a  catalytic  wall,  the  wall  heat  flux  does  not  depend  upon  the  reaction  rate  as  shown  previously.  A  slightly 
larger  wall  heat  flux  la  obtained  for  flow  at  chemical  equilibrium.  This  seems  at  variance  with  Fay  and  Riddell  results  and  is 
due  to  the  fact  that  they  considered  very  low  wall  temperatures  so  that,  at  chemical  equilibrium,  the  recombination  occurs 
far  from  the  wall  as  shown  on  figure  44  and  a  part  of  the  released  heat  is  not  transmitted  to  the  wall.  In  Eldem’s  computation, 
as  the  wall  temperature  is  higher,  the  recombination  occurs  close  to  the  wall  and  is  more  complete  for  equilibrium  flows,  so 
that  both  the  heat  release  and  the  wall  heat  flux  are  slightly  increased. 
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Figure  59:  Influence  of  the  chemical  reaction  rate  on  the  stagnation  point  wall  heat  flux  (from  |44]) 


For  a  non-cataiytic  wall,  a  large  discrepancy  is  observed  as  the  wall  heat  flux  depends  on)y  upon  the  wall  temperature 
gradient,  i.e  upon  the  energy  release  due  to  chemical  reactions  inside  the  boundary  layer.  Oertel  chemical  model  gives  a 
faster  dissociation  rate  of  oxygen  (see  figure  14)  and  hence  a  faster  recombination  rate  in  the  cold  region  close  to  the  wall. 
A  higher  wall  heat  flux  is  so  predicted.  Gardiner  and  Bortner  models,  which  are  within  the  present  uncertainty  range,  lead 
to  a  12%  difference  in  wall  heat  flux,  i.e  roughly  a  3%  difference  for  the  wall  temperature  or  about  40K. 

The  influence  of  the  chemical  rate  constant  on  the  wall  heat  flux  predictions  along  the  shuttle  centerline  is  shown  on 
figures  60  to  63  for  various  points  along  the  reentry  trajectory.  All  along  the  body,  during  all  the  reentry,  the  wall  heat  flux 
on  the  shuttle  centerline  does  not  depend  upon  the  chemical  model  if  the  wall  is  catalytic  The  wall  heat  flux  predicted 
for  flow  at  chemical  equilibrium  is  again  slightly  larger  than  the  one  for  a  catalytic  wall.  The  arguments  presented  for  the 
stagnation  point  still  hold.  For  a  ncn-catalytic  wall,  the  sensitivity  of  the  wall  heat  flux  prediction  to  the  chemical  model 
reflects  the  variations  of  flow  conditions  during  reentry. 

•  At  higher  altitudes  (figures  59  and  60),  the  density  *s  very  low,  even  behind  the  shock  wave.  The  chemical  time  scale 
is  very  long  and  the  flow  is  almost  frozen.  The  results  are  then  hardly  sensitive  to  the  chemical  model. 

•  When  the  altitude  decreases,  the  density  increases  very  rapidly  as  shown  on  figure  42.  The  chemical  time  scale 
decreases  rapidly  so  that  the  flow  is  in  chemical  non-equilibrium  (figures  59  and  61).  OertePs  me  del  gives  larger 
oxygen  recombination  and  higher  wall  heat  flux.  Some  discrepancies  are  observed  between  Bortner  and  Gardiner 
models. 

•  At  lower  altitudes  (figures  59  and  62)  the  density  still  increases  and  the  flow  is  still  in  chemical  non-equilibrium.  The 
di-xrrepancies  are  amplified.  Oertel’s  model  get  close  to  catalytic  wall  results  as  it  tend  to  recombine  all  the  oxygen. 
Bortner’a  model  predicts  a  wall  heac  flux  roughly  40%  larger  than  Gardiner’s  model,  i.e  about  70K  discrepancy  in 
radiative  equilibrium  wall  temperature  on  the  rear  part  of  the  shuttle. 

•  At  lower  altitudes  (figures  59  and  63),  the  velocity  has  decreased  while  the  density  still  increases  so  that  the  flow  get 
closer  to  chemical  equilibrium.  As  the  velocity  is  lower,  only  oxygen  dissociates  now.  Oertel’s  mode!  gives  predictions 
similar  to  equilibrium  flow.  Bortner  and  Gardiner  models  agree  and  still  show  a  wall  catalycity  effect,  i.e  chemical 
equilibrium  is  not  yet  reached. 

It  must  be  mentionned  that  the  circles  on  figures  60  to  63  are  flight  data.  They  mi’st  not  be  compared  with  the  computations 
as  in  the  computations  the  wall  temperature  was  overestimated  and  the  heat  fluxes  so  underestimated.  Moreover,  entropy 
swallowing  effects  were  not  accounted  for  and  the  geometry  was  only  an  approximate  one. 

The  study  of  the  influence  of  chemical  reaction  rate  on  the  other  boundary  layer  parameters  shows  that  the  velocity 
profile  is  not  modified  while  the  mass  fraction  and  temperature  profile  depend  upon  the  reaction  rate,  so  that  the  evolution 
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Figure  60:  Influence  of  the  chemical  reaction  rate 
on  the  wall  heat  flux  at  85.74  km  (from  (44)) 
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Figure  61:  Influence  of  the  chemical  reaction  rate 
on  the  wall  heat  flux  at  77.91  km  (from  (47J) 


Figure  62:  Influence  of  the  chemical  reaction  rate 
on  the  wall  heat  flux  at  71.29  km  (from  [44]) 


Figure  63:  Influence  of  the  chemical  reaction  rate 
on  the  wall  heat  flux  at  47.67  km  (from  [44]) 
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of  the  density  profile  cannot  be  a-priori  predicted.  Consequently  the  skin  friction  coefficient  is  not  significantly  modified 
by  the  chemical  model  while  large  variations  of  the  displacement  thickness,  of  about  a  factor  of  two  are  observed. 

The  influence  of  reaction  rate  was  also  studied  by  Shinn  [97]  who  only  compared  finite  reaction  rates  chemical  equilibrium 
in  viscous  shock  layer  computations.  If  the  flow  is  assumed  to  be  at  chemical  equilibrium,  it  is  already  dissociated  downstream 
of  the  shock  wave  while  for  finite  reaction  rates,  the  species  mass  fractions  are  conserved  through  the  shock  wave  and  the 
flow  relaxes  downstream.  The  temperature  profiles  are  thus  different  as  in  equilibrium  flow  a  part  of  the  energy  has  been 


Figure  64:  Shock  layer  temperature  profiles  on  Figure  65:  Shock  layer  velocity  profiles  on  STS-2 

STS-2  centerline  at  30%  chord  (from  [97])  centerline  at  30%  chord  (from  [97]) 

removed  as  species  formation  enthalpy,  so  that  the  temperature  is  lower  for  equilibrium  flows  (figure  64).  The  mass  fraction 
profiles  are  also  affected  not  only  just  behind  the  shock  wave  but  down  to  the  wall  (figures  66  and  67).  However,  the  velocity 
profiles  are  very  close  (figure  65)  although  the  shock  layer  thicknesses  are  different. 

8.3  Model  reduction  for  boundary  layer  flows 

In  order  to  reduce  the  computation  time,  model  simplifications  are  usually  introduced.  A  systematic  study  of  model 
simplifications  from  the  analysis  of  “complete”  model  calculations  has  been  performed  by  Eldem  [8][9]  [36]  [44]  for  boundary 
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Figure  66:  Shock  layer  atomic  oxygen  mare  frac¬ 
tion  profile,  on  STS-2  centerline  at  30%  chord 
(from  [97]) 
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Figure  67:  Shock  layer  atomic  nitrogen  mass  frac¬ 
tion  profiles  on  STS-2  centerline  at  30%  chord 
(from  [97]) 
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Uyer  flows  on  the  STS-2  reentry. 

As  concerns  chemistry,  a  good  approximation  to  represent  all  the  process  with  a  reduced  set  of  chemical  reactions  is  the 
Zeld’ovich  model,  i.e 

O,  +Nt  **  O  +0  +  Ni 
Nt  +  0  **  ATO+  AT 
NO+  O  p*  N  +  O, 

At  low  altitudes,  the  prediction  can  be  improved  by  taking  into  account  two  more  oxygen  dissociation  reactions 

0,+0,  **  O+O+O, 

0,+  O  0+0+0 

as  only  oxygen  dissociates  at  the  end  of  the  reentry  due  to  the  decrease  of  the  velocity.  These  results  are  in  agreement 
with  previous  results  obtained  by  Blottner  (17)  who  brought  into  evidence  the  major  rble  of  the  oxygen  dissociation  and 
the  shuffle  reactions.  To  get  a  perfect  agreement  with  the  complete  calculations  all  over  the  reentry  trajectory,  five  more 
reactions  of  nitrogen  and  nitrogen  monoxide  dissociation  are  needed. 


Nt  +Nt  **  AT+AT+AT, 
AT,  +  AT  N+N+N 
NO+N*  -  tf+O+JV, 
NO+N  **  N+N+O 
JVO+O  «-*  AT+O+O 


The  seven  other  reactions  play  no  rdle  and  can  be  neglected. 

As  concerns  the  transport,  the  thermal  diffusion  is  a  second  order  effect  and  can  be  neglected.  Moreover,  the  Prandtl 
number  remains  quite  constant  in  all  the  flow  during  the  whole  reentry  so  that  a  constant  Prandtl  number  can  be  assumed 
without  modifying  model  predictions.  At  last,  analysis  of  the  species  diffusion  shows  that  it  can  be  roughly  modelled  by 
a  Fick  law  but  that  the  Lewis  number  is  not  the  standard  1.4  value  but  closer  to  1,  in  agreement  with  Cohen  results  (33] 
(figure  34).  A  value  of  1.2  gives  fair  predictions  all  over  the  STS-2  reentry  trajectory. 

At  last,  polynomials  fits  to  thermodynamic  functions  (52)  give  the  same  results  than  calculations  from  the  partition 
function. 

Readers  can  refer  to  (8)  [9]  [36]  [44]  for  more  details. 


9  Flows  with  ionization 

Ionisation  is  in  important  parameter  as  it  alters  radio  transmissions  and  is  responsible  for  black-out  phenomenon  during 
reentry  or  radar  detection  as  concerns  missiles.  Plasma  is  a  high-pass  filter  the  cut-off  frequency  of  which  can  be  expressed 

“  / — 
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where  /.  is  in  Herts  and  N.  is  the  electron  density,  i.e  the  number  of  electrons  per  volume  unit  (here  per  cubic  meter).  This 
electron  density  can  be  expreeaed  from  the  electron  mass  fraction  as 


This  explains  why  the  black-out  phenomenon  does  not  occur  at  the  beginning  of  the  reentry  when  the  vehicle  has  the 
maximum  velocity  (and  hence  the  maximum  electron  mass  fraction  is  achieved)  ss  the  air  density  is  too  weak.  Black-out 
is  observed  at  lower  altitudes  when  the  vehicle  velocity  is  still  large  enough  while  the  pressure  and  thus  the  density  have 
increased. 

9.1  Flow  around  bodies 

In  section  8,  it  has  been  stated  that  the  ionisation  can  be  neglected  for  boundary  layer  calculations  at  shuttle  reentry 
conditions.  This  can  be  stated  from  figures  16,  17  24,  25  and  41  which  shows  that,  in  such  conditions,  ionization  is  very 
weak.  Electrons  are  mainly  due  to  ionisation  of  nitrogen  monoxide  but  only  about  one-percent  of  nitrogen  monoxide 
ionisee.  The  ionization  process  consequently  does  not  affect  the  thermodynamic  budget  of  the  flow  as  the  energy  required 
for  flow  dissociation  is  much  more  larger  than  for  flow  ionisation.  The  energy,  mass  fraction  and  velocity  profiles  are  thus 
unchainged  by  the  ionisation  process  (tee  e.g  [25]). 

For  higher  velocities,  the  ionisation  is  no  longer  due  to  nitrogen  monoxide  ionisation  but  to  atomic  nitrogen  and  oxygen 
ionisation.  This  can  be  seen  from  figures  23  and  24  on  which  the  ionised  nitrogen  monoxide  mass  fraction  decreases  at 
high  temperatures  while  the  electron  density  increases.  This  can  also  been  observed  on  figure  17  assuming  that  a  density 
decrease  at  constant  temperature  has  the  same  effect  as  a  temperature  increase  at  constant  pressure. 

Evans  [45]  proposed  s  maximum  velocity  of  6000ms'1  below  which  only  nitrogen  monoxide  ionisation  is  to  be  accounted 
for  and  a  minimum  velocity  of  9000ms'1  above  which  the  ionisation  is  due  to  atomic  oxygen  and  nitrogen. 

Dunn  [43)  showed  that  for  reentry  plasma  around  the  RAM-CII  body,  at  velocities  of  shout  7500ms'1,  the  above 
presented  eleven  species  model  most  be  used  (see  section  3.2). 

All  the  shove  mentionned  studies  were  done  with  a  thermodynamic  equilibrium  assumption.  Only  recent  calculations 
account  for  electron  temperature  non-equilibrium  as  the  one  performed  by  Park  [87]  and  presented  in  section  7. 


0.2  Wakes 


Because  or  their  length  and  level  of  observability,  blunt  body  wakes  are  of  practical  importance  in  missile  detection.  The 
state-of-the-art  twenty  years  ago  is  published  in  (48].  A  particular  feature  of  wake  flow  is  the  large  range  of  pressure  and 
temperature  conditions  encountered  as  the  flow  relaxes  from  the  hot  shock  layer  around  the  body  to  a  cool  expanding  far 
wake.  Therefore,  negative  ions  and  nitric  oxides  which  are  stable  only  at  low  temperatures  must  be  accounted  for  in  the  far 
wake  model  while  they  are  negligible  around  the  body.  This  can  be  shown  from  figure  68.  Succesive  regimes  are  observed 


Figure  68:  Species  mole  fractions  in  the  wake  of  a  4.76mm  diameter  sphere  at  5730ms-1  in  a  520  Pa  atmosphere  (from  [102]) 


•  Very  close  to  the  body,  the  electrons  are  mainly  due  to  nitrogen  monoxide  ionization  as  stated  before  but,  at  larger 
distances,  other  processes  become  important. 

•  At  about  1000  radii  behind  the  body,  the  gas  is  less  hot  (T~1000K)  and  electron  density  is  depleted  by  the  neutral¬ 
ization  process 

NO*  +  t-  **  N  +  O 


and  by  the  02  formation 

e  +  Oj  +  Af  ^  Oj  +  M 


while  sustained  by  O  and  O ,  neutralization  reactions 
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•  In  the  far  wake,  at  about  10000  body  radii,  the  temperature  has  felt  to  ambient  level.  Electrons  are  now  lost  either 
by 


NO*  +  e~  **  N  +  O 


or  by  formation  of  N02  and  N02  while  a  complex  exchange  cycle  takes  place  between  0~ ,  O,  and  Oj  . 


Sutton  study  deals  with  a  pure  air  experiment.  Much  more  complex  chemistry  model  may  be  needed  when  carbon- 
dioxide  is  present  and  leads  to  other  ionized  species  or  when  other  species,  either  ablated  species  or  ad-hoc  species  such  as 
sodium,  are  injected  in  the  flow  to  modify  the  electron  density  [30]. 


This  last  example  shows  how  the  chemical  model  may  vary  with  the  temperature  and  pressure  conditions.  It  must  be 
reminded  that  Arrhenius  forms  are  just  fair  fits  to  measured  reaction  rate  coefficients  and  may  not  be  valid  over  the  whole 
range  of  temperature.  Zonal  models  are  thus  required  in  such  conditions  (102]. 


Conclusions 

Real  gas  effects  are  due  to  the  transformation  of  an  hypervelocity  flow  in  an  hyperenthalpy  flow.  The  high  temperature 
flow  is  thus  the  room  of  various  phenomena,  either  thermodynamic  or  chemical  non-equilibria  and  relaxations. 

The  classic  aerodynamics  used  for  sub-  and  supersonic  flows  of  ideal  gases  is  no  longer  valid  and  new  physics  must  be 
introduced.  Description  of  the  basic  phenomena  leads  to  the  knowledge  of  the  flow  behaviour.  The  knowledge  of  the  way 
energy  is  stored  in  particles  provides  all  the  thermodynamic  description  while  the  knowledge  of  the  way  particle  interact  at 
the  microscopic  level  leads  to  the  flow  governing  equations  and  to  the  chemical  model. 
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Two  main  problems  are  then  to  be  faced.  The  first  is  due  to  the  model  uncertainties.  The  interparticle  potentials  from 
which  the  transport  properties  are  computed  are  not  well  known.  The  uncertainties  upon  reaction  rate  constants  lead  to 
large  discrepancies  in  the  flow  computation,  e.g  40%  uncertainties  in  wall  heat  fluxes  .The  determination  of  surface  properties 
(catalycity,  emissivity)  and  their  time  evolution  is  also  an  important  problem  for  vehicle  optimisation.  Basic  experiments 
are  required  to  improve  the  current  state-of-art. 

The  second  one  is  the  choice  of  the  adequate  model.  Simplified  models  are  always  looked  for  to  save  computational  time. 
The  validity  of  a  simplified  model  can  only  be  proved  by  comparison  with  a  more  complete  model.  But  leading  phenomena 
depend  upon  the  pressure,  the  temperature  and  the  boundary  conditions.  They  also  depend  upon  what  is  looked  for.  For 
example,  very  sophisticated  models  are  not  required  to  compute  the  heat  flux  on  a  space  shuttle  with  a  catalytic  wall  while 
thermal  relaxation  is  the  main  parameter  in  laser  flows  to  determine  the  vibrational  level  populations  and  the  radiation. 
Similarly,  the  choice  of  the  important  chemical  species  may  strongly  depend  upon  the  considered  part  of  the  flow  as  shown 
in  the  last  example. 

Finally,  as  the  vehicle  design  relies  upon  both  numerical  methods  and  wind-tunnel  testings,  it  must  be  stressed  that 
hypersonic  facilities  are  very  useful  to  simulate  one  phenomenon  but  are  unable  to  duplicate  all  the  flight  conditions.  As 
extrapolation  from  wind-tunnel  data  to  flight  are  sometimes  hazardous  (see  e.g  [70])  flight  experiments  in  realistic  situations 
are  required  to  validate  numerical  models. 

The  author  would  like  to  acknowledge  Pr  J.  Cousteix  and  Dr  B  Zappoli  for  their  critical  review  of  his  paper  and 
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Section  I 
INTRODUCTION 


Engineering  involves  understanding  the  response  of  a  physical  system  to  changes  in 
imposed  criteria  or  ground  rules.  Engineering  solutions  are.  therefore,  not  static  nor 
absolute  but  vary  with  the  nature  of  the  problem  posed.  Serious  difficulties  can  be 
introduced  by  a  routine  engineering  response  to  a  newly  posed  question;  the  ’force- 
fitting'  of  yesterday's  technology  to  tomorrow's  problems. 

Instrumentation  being  a  sub-set  of  engineering  problems  follows  this  trend. 
Instrumentation  solutions  are  NEVER  static  nor  absolute,  they  change  with  the  nature  of 
the  problem  that  is  posed.  There  are  several  reasons  for  investigating  instrumentation. 
They  are : 

1.  To  be  able  to  measure  what  has  not  been  measured  before;  a  reason  driven  by  the 
very  healthy  contemporary  tension  between  computational  fluid  dynamics  (CFD)  and 
experimentation. 

2.  To  upgrade  routine  measurements  with  newer.  state  of  the  art  instrumentation 
devices.  An  example  of  this  is  the  replacement  of  older  mechanical  s^am-valve  pressure 
measuring  systems  with  newer  electronic  scanning  pressure  measurement  systems. 

3.  To  employ  test  facilities  more  effectively.  This  reason  refers  both  to  technical 
and  economic  responses  to  the  changing  costs  of  experimental  facilities.  their 
instrumentation  and  test  models. 

The  first  reason  is  a  response  to  a  new  technology.  Computational  Fluid  Dynamics  (CFD)  . 
that  burst  on  the  engineering  scene  as  a  supposed  threat  to  experimentation  but  which,  in 
retrospect,  depends  to  a  large  extent  upon  experimentation  and  in  turn  challenges 
experimentation  and  instrumentation.  In  truth,  CFD  is  not  a  threat  but  a  spur  to 
experimentation  which,  in  turn,  challenges  our  ability  to  instrument  those  experiments. 
CFD  must  start  with  experimental  results  to  formulate  the  many  models  which  are  internal 
to  the  program  and  rely  on  a  variant  of  that  same  experimentation  to  ‘validate*  the  final 
composite  product.  Experimentation  produces  that  data  but  in  so  doing  must  admit  the 
difficulty  in  producing  needed  measurements  as  well  as  the  inherent  errors  in  measurement 
technology;  errors  made  more  obvious  by  highly  sophisticated  numerical  modeling  of  the 
flow  field.  An  excellent  paper  demonstrating  this  process  of  interaction  between 
numerics  and  experimentation  is  that  of  Griffith  et  al .  1983,  which  discusses  the 
application  of  aerodynamic  coefficient  data  taken  at  Mach  8  to  flight  conditions  shewn  in 
f i gure  1 . 

The  second  reason  for  investigating  instrumentation  is  both  a  response  to  newer 
technology  and  a  response  to  economics.  Newer  instrumentation  technology  continually 
requires  a  re-assessment  of  the  cost  of  measurements  and  the  efficiency  with  which  they 
can  be  accomplished.  Newer  gages  may  well  be  faster  and  less  prone  to  malfunction  and 
thus  must  be  considered. 

The  third  reason  for  investi gating  instrumentation  is  a  response  primarily  to  economics. 
Chapman,  1975,  highlighted  a  frustrating  trend  in  experimentation;  an  ever  increasing  use 
of  wind  tunnels  to  develop  new  aircraft.  The  Rockwell  Space  Shuttle  is  a  stellar 
datapoint  in  this  respect;  an  enormous  application  of  experimental  on .  Experimental ists 
were  required  to  respond  to  that  trend  as  well  as  to  new  economic  realities  caused  by  the 
cost  of  energy.  A  fascinating  feature  abov*  *uch  a  response  is  that  it  is  rarely  linear. 
Each  level  of  challenge  brings  about  new  options  in  addition  to  the  obvious  option  of 
Improving  past  activities.  The  response  to  the  challenge  of  higher  energy  costs  has  been 
to  accomplish  more  with  numerics  as  well  as  to  compress  testing  times  by  orders  of 
magnitude  through  the  introduction  of  new  test  technologies.  This  area,  which  I  call 
‘dynamic  testing'  will  be  discussed  in  greater  detail  later  in  these  notes. 

In  the  previous  paragraph,  the  terms  'instrumentation*  and  ‘experimentation*  have  been 
used  somewhat  Interchangeably.  Experimentation,  within  the  context  of  these  notes,  is  the 
use  of  wind  tunnel  type  test  facilities  to  produce  a  flow  field  that  can  be  observed  and 
understood.  Instrumentation  involves  the  techniques  used  to  achieve  and  quantify  those 
observations.  Viewed  in  this  manner  instrumentation  encompasses  more  than  physical 
devices;  it  encompasses  both  the  physical  hardware  and  the  mathematical  software  with 
which  to  understand  flowflelds.  In  recent  years,  an  increasing  percentage  of  time  and 
effort  is  associated  with  this  software  and  this  relationship  will  be  discussed  in  these 
notes . 

The  ability  to  measure  a  quantity  of  interest  must  be  developed  in  relationship  to  the 
characteristics  of  the  experiment  undertaken.  For  a  wind  tunnel  experiment,  these 
characteristics  are  connected  with  the  experimental  facility  and  its  limits;  the  model 
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used  in  *’  ♦  wind  tunnel  facility  and  the  required  response  characteristics  of  the  signal 
being  measured.  Further.  that  which  is  being  measured  may  well  be  an  intermediate  step 
between  the  experiment  and  the  desired  knowledge.  Not  every  quantity  is  directly 
measurable  but  every  physical  quantity  is  observable,  either  directly  or  indirectly, 
through  experimental  measurements. 

This  presentation  on  thermal  instrumentation  will  progress  trom  a  discussion  of  the 
features  of  thermal  instrumentation  to  a  discussion  of  the  thermal  model  simplifications 
implicit  in  thermal  instruments  to  a  definition  and  discussion  of  thermal  gages,  the 
products  of  these  simplifications. 

WHAT  CONSTITUTES  USEFUL  HEAT  TRANSFER  DATA9 

All  of  the  problems  and  associated  sources  of  error  to  be  discussed  in  these  notes  can  be 
made  apparent  by  careful  consideration  of  the  answer  to  this  question.  The  final 
objective  of  any  heat  transfer  test  is  the  determination  of  whether  or  not  a  particular 
structure  will  survive  or  fail  at  the  thermal  conditions  to  which  it  will  be  subjected. 
The  goal  then  is  the  ability  to  compute  real  structural  temperatures  at  real 
environmental  conditions  to  be  found  in  flight.  In  order  to  compute  what  these 
temperatures  are  going  to  be  we  must  be  able  to  predict  the  amount  of  heat  transmitted  to 
the  structure  from  the  environment  in  which  it  is  to  operate.  This  environment  probably 
will  not  be  reproduced  in  the  test  facility  employed.  If  it  is  not,  then  the 
experimenter  must  be  able  to  extrapolate  the  data  obtained  to  the  actual  flight 
conditions.  If  this  cannot  be  accomplished,  the  data  will  have  no  engineering  value.  A 
case  in  point  is  transitional  data  which  is  all  too  easy  to  generate  but  difficult  to 
impossible  to  extrapolate  to  flight  conditions. 

The  question  then  is  ‘how  to  measure  the  heat  transfer  rate  in  the  test  facility  in  such 
a  way  that  it  can  be  used  to  compute  real  structural  temperatures  in  real  operating 
environments9*  Do  we  want  to  measure  the  heat  transfer  rate  at  the  model  wall  or  do  we 
want  to  measure  the  heat  transfer  coefficient  of  the  flow  field  at  a  specific  location9 
There  is  a  significant  difference.  The  HEAT  TRANSFER  RATE  at  the  model  wall  is  a 
function  not  only  of  the  flowfield  but  also  of  the  model  thermal  properties  and  the 
structural  configuration.  These  data  cannot  be  used  to  predict  the  heating  rate  that 
would  occur  under  either  different  flow  conditions  or  on  another  model  having  a  different 
internal  structure  and/or  thermal  properties.  That  is,  the  data  so  generated  cannot  be 
extrapolated  to  real  flight  hardware  conditions.  It  is  'tainted'  by  the  incidental 
features  of  the  experiment  and  thus  valid  only  for  the  particular  test  hardware  and  at 
the  conditions  of  the  test.  The  HEAT  TRANSFER  COEFFICIENT  on  the  other  hand  is  primarily 
a  property  of  the  flowfield.  Defining  the  heat  transfer  coefficient  through  testing 
produces  the  correct  boundary  condition  from  which  the  surface  heat  transfer  rate  can  be 
computed  for  any  wall  temperature.  A  finite  element  conduction  code,  which  will  be 
discussed  later  in  these  notes  and  which  models  the  response  of  any  particular  wall 
structure.  can  then  use  this  general  boundary  condition  to  predict  both  surface  and  m- 
depth  temperatures  as  a  function  of  time. 

Obviously.  the  intent  is  to  measure  the  heat  transfer  coefficient  of  the  flow  field.  A 
measurement  of  only  the  heat  transfer  rate  is  of  limited  value.  The  heat  transfer 
coefficient  is,  however,  only  a  definition  of  the  local  relationship  between  the  surface 
heat  transfer  rate,  the  flowfield  recovery  temperature  and  the  wall  temperature  of  the 
mode  1 . 


h  =  q  /  (Tr  -  Tw) 

A  sensor  which  produces  useful  heat  transfer  data  must  provide  both  surface  heating  rate 
and  wall  temperature  and  be  supported  by  either  measurements  or  prior  knowledge  of 
recovery  temperature.  The  sensor  must  also  isolate  the  convective  heating  from  the  sum  of 
all  modes  of  heat  transfer.  Finally,  it  must  not  affect  the  flowfield  of  the  test  article 
in  which  it  is  placed.  We  must  understand  that  the  test  article  and  the  flow  field  are  an 
Inter-related  physical  system;  one  affects  the  other.  The  flowfield  produces  aerodynamic 
heating  at  the  model  surface  by  converting  the  kinetic  energy  of  the  flow  into  thermal 
energy  through  boundary  layer  deceleration.  The  thermal  energy  is  dissipated  through 
conduction  and  radiation  according  to  the  thermal  model  and  structural  properties.  This 
dissipation  of  energy  determines  the  surface  temperature  history.  The  surface 
temperature,  in  turn,  affects  the  boundary  layer  thickness  which,  in  turn,  can  affect  the 
inviscid  flow  field.  A  change  in  the  flow  field  in  turn  changes  the  level  of  aerodynamic 
heating . 

It  would  seem  at  first  observation  that  no  useful  data  can  ever  be  obtained  in  a  test 
facility  which  can  be  reliably  extrapolated  to  other  conditions.  As  in  all  engineering 
problems,  there  are  compromises  and  tradeoffs.  In  this  case,  the  key  is  to  minimise  the 
effects  of  the  model  surface  temperature  on  the  flowfield  by  judicious  design  of  the  test 
model  and  its  instrumentation.  In  particular,  the  test  article  must  be  designed  so  that 
its  surface  temperature  will  remain  as  isothermal  as  possible.  The  definition  of  the  heat 
transfer  coefficient  will  then  be  valid  and  useful  for  moderate  variations  in  the  global 
surface  temperature . 

This  simple  rule  is  difficult  to  implement  and  is  the  most  often  violated  rule  in  the 
field  of  aerothermal  instrumentation.  If  a  gage  is  not  thermally  matched  to  the  model 
wall  then  it  not  only  disturbs  the  flowfield  but  also  Induces  lateral  conduction  of  heat 
between  the  gage  and  the  surrounding  model  structure.  In  this  case,  the  gage  is  now 
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measuring  the  sum  of  the  aerodynamic  heating  caused  by  the  flowfield  deceleration  and 
that  of  conduction.  Unless  the  thermal  model  used  in  the  data  reduction  program  can 
account  for  all  modes  of  heat  conduction  (which  is  very  difficult) ,  the  resultant  data  is 
in  error. 

The  answer  to  the  original  question  then  is  that  we  must  determine  the  heat  transfer 
coefficient  through  the  inference  of  the  surface  heating  rate  cn  an  isothermal  surface. 
No  matter  what  type  of  gage  is  used  to  obtain  the  surface  heating  rat?,  it  must  be 
thermally  matched  to  the  model  surface  and  provide  an  accurate  surface  temperature 
measurement  as  well.  If  not  perfectly  matched  then  the  reduction  technique  must  at  least 
accurately  model  all  modes  of  heat  transfer  to  and  from  the  sensing  element, 

WHAT  IS  A  HEAT  TRANSFER  GAGE7 

A  heat  transfer  gage  is  the  physical  embodiment  of  a  concept  that  reduces  the  general 
flow  of  heat  into  a  structure  to  a  more  simplified  and,  hopefully,  a  uni-directional  flow 
of  heat  and  infers  from  that  flow  of  heat  the  rate  of  surface  heat  transfer  through 
strategic  measurement (s)  of  temperature  within  th'  gage. 

These  gages  must  be  both  LOCALLY  WELL  DESIGNED  and  GLOBALLY  WELL  INTEGRATED.  Locally  well 
designed  to  simplify  internal  heat  paths  and  heat  modes  while  minimizing  losses; 
classically  the  isolated  heat  transfer  gage  design  problem.  Globally  well  integrated  into 
the  model  since  convective  heat  transfer  is  a  function  of  the  flow  history  over  the  model 
as  it  affects  the  streamline  washing  the  gage  as  well  as  the  converging  or  diverging 
character  of  streamlines  in  the  vicinity  of  the  gage.  It  will  be  demonstrated  that  many 
of  the  'classical*  errors  in  measuring  heat  flux  violate  one  of  these  basic  assumptions. 

WHY  DOES  THE  METHOD  OF  HEAT  TRANSFER  MEASUREMENT  CHANGE  WITH  TIME7 

Why  are  we  discussing  the  measurement  of  heat  transfer  at  all7  Clearly,  there  are  many 
handbooks  and  sales  brochures  which  cover  commercial  hardware  for  the  measurement  of  heat 
transfer.  What  can  we  learn  about  the  measurement  of  heat  transfer  that  is  not  in  these 
handbooks  and  above  all,  why  not  just  continue  to  measure  heat  transfer  as  it  has  been 
measured  in  my  particular  laboratory  for  the  past  decades7 

Heat  transfer,  as  with  many  engineering  subjects  is  part  art  and  part  science.  The 
science  part;  the  laws  of  heat  flow  and  the  modes  of  heat  transfer,  is  well  documented  in 
textbooks  and  develops  slowly.  The  art;  the  engineering  application  of  this  science  to  a 
particular  situation,  is  not  well  documented.  In  fact,  it  may  be  totally  overlooked  in 
technical  literature. 

There  are  two  reasons  for  continually  upgrading  and  improving  the  quality  of  measurements 
being  taken.  Those  reasons  are; 

1.  To  improve  the  informational  content  of  the  measurement.  Here  we  can  consider 
improving  the  sensitivity  of  a  steady  state  measurement  to  accurately  evaluate  lower 
strength  signals  or  the  development  of  more  rapidly  responding  instruments  to  understand 
the  higher  frequency  aspects  of  a  measurement.  Consider  two  examples.  Recently  Professor 
Bogdenoff  and  others  have  started  to  investigate  the  high  frequency  aspects  of  pressure 
measurement  -  particularly  for  measurements  in  or  near  a  separated  flow  region.  Since 
most  pressure  transducers  will  not  discriminate  such  a  signal,  newer  instruments  are 
required  together  with  their  associated  data  acquisition.  conditioning,  storage  and 
analysis  capab i 1 1 t i es .  As  a  second  example,  the  shock  tunnel  experimenters  have  known 
for  some  time  that  very  high  frequency  data  from  thin  film  transducers  display  the 
inherent  characteristics  of  the  boundary  layer  in  which  they  are  placed.  In  fact,  much  of 
the  "noise*  associated  with  such  gages  is,  rather,  the  measurement  of  the  transitional 
behavior  of  the  boundary  layer  over  the  gages.  Conversely ,  there  is  growing 
understanding,  to  be  demonstrated  later,  that  an  understanding  of  the  boundary  layer 
state  is  required.  Such  a  merging  of  need  and  capability  would  require  upgraded 
instrumentation . 

2.  To  improve  the  economics  of  measurement.  There  are  measurements  that  require 
substantial  time  to  achieve.  Reducing  that  time  can  reduce  the  cost  of  the  measurement. 
Costs  are  reduced  by  either  reducing  "air  on"  test  times  in  the  acquisition  of 
measurements  or  by  reducing  the  amount  of  labor  intensive  work  to  reduce  measurements  to 
useful  data.  An  example  here  is  the  use  of  temperature  sensitive  paint  to  ‘map*  the 
heating  to  the  surface.  Such  paints  produce  photographic  data  which  is  labor  intensive 
to  reduce  and  interpret.  Similar  data  might  be  achieved  using,  instead,  computer  based 
data  acquisition  and  processing  equipment.  These  data,  with  the  aid  of  VERY  cost 
effective  computers,  can  be  handled  much  more  effectively  than  reading  photographs.  As  a 
second  example,  thin  skin  heat  transfer  "gages"  were  used  for  decades  to  achieve  point 
measurements  of  heating.  These  devices  allowed  the  generation  of  a  single  condition 
during  a  tunnel  run.  Newer  gages  of  a  different  design  allow  the  generation  of  an  entire 
pitch  cycle  of  data  during  the  same  tunnel  run.  Tunnel  operating  costs  are  thus  reduced 
and  data  quality  is  increased  through  the  use  of  newer  gages  and  their  associated 
computer  data  manipulation  techniques. 
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WHAT'S  THE  DIFFERENCE  BETWEEN... 

To  further  introduce  the  topic  of  aerothermal  instrumentation,  the  following  paragraphs 
will  describe  several  similar  physical  situations  which  will  be  used  to  introduce 

concepts  which  will  be  discussed  later  in  the  notes. 

Figure  2  indicates  two  gages  similar  in  that  both  wrap  metallic  strips  about  the  top  of  a 
cylinder.  On  the  left,  the  strip  is  a  wire  (or  film)  of  Platinum,  a  single  metallic 
material.  On  the  right,  the  strip  is  a  wire  of  Platinum  and  Rhodium  joined  at  the  center 

of  the  cylinder.  What’s  the  difference  ...?  The  two  sketches  in  figure  2  demonstrate 

two  completely  different  ways  of  ‘measuring*  temperature.  On  the  left  is  a  resistance 
thermometer  which  measures  resistance  in  the  Platinum  film  and  relates  that  resistance  to 
temperature  through  prior  calibrations.  The  instrument  employes  a  bridge  circuit  to 

measure  the  out  of  balance  resistance  of  the  film.  The  bridge  requires  an  active  current 
flow  to  measure  the  resistance  and  thus  the  resistance  thermometer  is  termed  a  powered 

On  the  right  is  a  thermocouple  in  which,  at  the  junction  of  the  dissimilar  materials,  an 
electromotive  force  (EMF)  is  generated  and  measured  by  a  sensitive  voltmeter.  This  EMF  is 
related  to  temperature  through  prior  calibrations.  As  an  EMF  is  generated,  no  active 
current  flow  is  required  through  the  gage  and  it  is  termed  unpowered.  Both  instruments 
are  the  basis  of  instrumentation  used  in  test  facilities  and  each  will  be  discussed 
later . 

Figure  3  demonstrates  two  thermocouples  each  on  the  surface  of  the  cylinder  of  insulating 
material.  In  both  cases  the  thermocouple  junction  is  located  at  the  same  position.  On  the 
left,  the  wires  erainating  from  the  junction  are  immediately  drawn  away  from  the  surface 
of  the  cylinder.  On  the  right,  the  wires  eminating  from  the  junction  remain  on  the 
surface  of  the  cylinder  for  a  short  distance.  What's  the  difference  ?  Metallic  wires 
have  a  very  different  thermal  response  than  insulators.  As  both  cylinders  in  the  figure 
heat  up,  the  wires  that  more  readily  conduct  heat  will  remain  cooler  than  the  cylinder 
which  is  an  insulator.  Heat  will  conduct  from  the  insulator  into  the  wires.  The  longer 
the  length  of  wire  on  the  surface  of  the  cylinder  about  the  junction,  the  less  the 
temperature  gradient  at  that  junction.  With  a  sufficient  surface  wire  length,  an  thermal 
equilibrium  is  established  between  the  wire  and  the  insulator.  Conversely,  the  shorter 
the  surface  wire  length,  the  higher  the  thermal  gradient  in  the  wire.  The  gage  on  the 
right  is  an  isothermal  staple  gage  in  which  the  heat  removal  by  conduction  at  the 
junction  of  the  thermocouple  is  minimized.  The  gage  at  the  left  would  not  be  useful 
because  of  conduction  losses  down  the  wires  and  from  the  insulative  cylinder  into  the 
wires  . 

Figure  4  shows  a  coaxial  thermocouple  arrangement  set  into  cylinders.  Coaxial 
thermocouples  are  constructed  by  placing  a  wire  of  one  thermocouple  material  into  a 
hollow  cylinder  of  the  dissimilar  material.  The  two  materials  are  then  separated  by  an 
electrical  insulation  except  where  a  junction  is  desired.  The  coax  thermocouple  on  the 
left  is  placed  in  an  insulator.  The  gage  on  the  right  is  placed  into  a  conductor  whose 
properties  match  those  of  the  thermocouple  material.  What's  the  difference  ? 

The  difference  is  in  the  materials  match  between  the  coax  thermocouple  and  the 

surrounding  cylinder.  Installing  a  coax  thermocouple  into  an  insulator  creates  a  thermal 
heat  sink  and  disturbs  the  thermal  environment  of  the  insulator.  The  coax  thermocouple, 
as  in  the  previous  case,  draws  heat  from  the  surrounding  materials  that,  by  virtue 
their  thermal  properties,  are  hotter  for  the  same  uniform  heat  input.  This  gage  furtl.  jr 
creates  a  cold  spot  on  the  surface  of  the  cylinder.  When  the  thermocouple  and  surrounding 
cylinder  are  convectively  heated,  the  cold  spot  disturbs  the  thermal  boundary  layer 
changing  the  heat  transfer  to  the  surface. 

These  features  of  thermal  instrumentation;  how  temperature  is  ‘measured*  and  how 

temperature  sensors  are  integrated  into  the  structure  of  the  model  will  be  discussed 
further  in  these  notes. 


THE  RELATION  OF  THIS  REFERENCE  TO  THE  WORK  OF  OTHERS 

Schultz  and  Jones,  1973,  produced  an  AGARDograph  entitled  ‘Heat  Transfer  Measurements  in 
Short  Duration  Hypersonic  Facilities’.  While  this  document  was  independently  produced,  a 
review  of  their  work  indicates  how  closely  they  are  allied.  Schultz  and  Jones  have 
produced  an  excellent  review  of  instrumentation  processes  for  short  duration  facilities 
that,  in  many  respects,  can  only  be  referenced  reverently  in  these  notes. 

There  are,  however,  several  areas  where  these  notes  diverge  from  the  previous  work. 
First,  the  present  notes  are  not  focused  on  short  duration  facilities.  These  notes  cover 
conventional  test  facilities  as  well.  Second,  there  is  a  general  updating  and  broadening 
of  the  database  to  include  international  instrumentat ion  references.  These  references, 
indicate  the  creativity  of  researchers  worldwide.  Finally,  these  notes  contain  more 
personal  commentary  than  the  notes  of  Schultz  and  Jones.  It  is  the  intent  of  these  notes 
to  provide  educational  notes  on  instrumentation  that  indicate  some  opportunities  in  the 
field  of  Instrumentation  as  well  as  current  experiments  to  validate  those  opportunities. 
Our  ability  to  improve  our  measurement  capabilities  is  fundamental  to  more  general 
developments  in  hypersonics. 
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In  addition  to  the  excellent  review  document  by  Schultz  and  Jones,  two  other  reference 
documents  are  recommended.  These  are  (1)  Chapter  4  of  Dr.  Richards  book,  1977,  dealing 
with  unsteady  fluid  dynamic  phenomena;  a  book  produced  by  the  von  Karmen  Institute.  This 
chapter  was  prepared  by  T.V.  Jones  and  is  in  some  respects  an  update  of  the  earlier  work 
by  Schultz  and  Jones  and  (2)  a  section  of  a  more  recent  book  entitled  ‘Methods  of 
Experimental  Physics',  1981,  which  was  prepared  by  Thompson.  All  three  of  these 
references  present  excellent  material  on  the  general  subject  of  aerothermal 
instrumentation. 

CONCEPTUAL  METHODS  OF  MEASURING  HEAT  FLUX 

Thompson.  1981  prepared  an  excellent  and  concise  review  of  heat  transfer  gages.  In  that 
review,  he  listed  three  conceptual  methods  for  ‘measuring’  heat  flux.  They  are: 

(1)  heat  flux  may  be  related  to  the  temperature  gradient  set  up  in  a  thin  material 
layer.  These  were  termed  ’sandwich"  gages. 

(2)  heat  may  be  captured  within  a  thermal  mass  which  acts  as  a  calorimeter  and  whose 
transient  temperature  change  can  be  related  to  heat  flux. 

(3)  a  heat  balance  in  steady  state  may  be  established  between  in  incoming 
aerodynamic  heating  and  a  calibrated  heat  removal  process. 

These  conceptual  methods  of  inferring  heat  flux  should  be  kept  in  mind  as  we  look  at  the 
many  ways  in  which  heat  flux  is  measured. 

The  reader  is  cautioned  however  that  although  these  categories  represent  fundamentally 
different  methods  for  generating  aerodynamic  heating,  there  is  not  a  unique  relationship 
between  the  methods  stated  and  their  physical  embodiment  in  a  gage.  The  same  physical 
gage,  as  for  instance  a  wafer  of  material  with  a  thermocouple  attached  to  both  the  heated 
and  backface  surfaces,  can  be  used  to  generate  heat  flux  by  any  of  the  three  stated 
methods.  The  differences  among  the  methods  have  to  do  with  the  incidental  interaction 
between  the  thermal  diffusion  time  and  test  time. 

Clearly,  the  gage  shown  in  figure  5  is  a  ‘sandwich  gage';  Thompson’s  category  1.  However, 
if  the  material  properties  are  such  that  the  heat  does  not  diffuse  to  the  backface 
surface  within  the  test  duration,  the  backface  thermal  sensor  is  not  responsive  and  the 
gage  becomes  one  in  which  the  thermal  pulse  is  ‘captured*  within  the  material  mass.  This 
is  a  Thompson  category  2  gage  and  an  example  of  it  is  a  thin  film  gage.  If  the  wafer  of 
material  is  very  thin  and  has  high  conductivity,  the  heated  and  backface  temperatures 
will  be  the  same  (after  a  very  short  transition  period  due  to  thermal  diffusion).  The  use 
of  either  thermocouple  (the  backface  thermocouple  is  easier  to  use)  will  give  rise  to  a 
calorimeter  known  as  a  thin  skin  gage.  This  is  also  a  Thompson  class  2  gage.  Finally,  if 
the  backface  of  the  wafer  is  heated  or  cooled  with  an  active  energy  source  Iwater  or  a 
Nichrome  heater  for  instance),  then  this  same  device  becomes  a  Thompson  class  3  gage. 

The  gages  to  be  discussed  are  designed  through  BOTH  an  understanding  of  various  thermal 
models  AND  an  appreciation  of  the  limits  of  those  models  with  thermal  diffusion  time. 

THE  INFLUENCE  OF  WIND  TUNNEL  TEST  FACILITIES 
ON  INSTRUMENTATION 


The  selection  of  aerothermal  instrumentation  is  strongly  influenced  by  the  nature  of  the 
wind  tunnel  model,  the  type  and  quality  of  data  required  and  the  character  is t ics  of  the 
teat  facility  employed. 

THE  NATURE  OF  THE  WIND  TUNNEL  MODEL: 

Historically,  wind  tunnel  models  were  constructed  of  materials  adequate  to  the  test 
environment  to  be  encountered  and  simple  enough  not  to  be  the  focus  of  the  experiment 
itself.  The  materials  of  aerothermal  wind  tunnel  models  were  classically  either 
metallica,  generally  steels,  or  insulators.  The  principle  characteristic  of  the  models 
being  that  the  materials  and  construction  techniques  were  established  as  reliable. 

Very  recently,  the  concept  of  ’aero-structural’  models  has  been  introduced.  Models  in 
this  form  of  testing  are  actual  structural  elements  constructed  of  actual  flight 
structural  materials.  The  use  of  these  materials  complicates  both  the  instrumentation 
and  test  issues.  This  type  of  testing  will  bs  discussed  later  in  the  notes. 

TYPE  AND  QUALITY  OF  DATA  REQUIRED: 

There  are  several  reasons  for  conducting  aerothermal  experiments  and  each  requires  a 
level  of  instrumentation  somewhat  different  from  the  others.  The  reasons  for  testing 

are : 

1.  The  development  and  validation  of  ‘models’. 

2.  The  unders tending  of  the  deviation  of  actual  flow  from 

established  and  normally  closed  form  analytical  models  of  flow. 

3.  The  ’validation*  of  numerical  computations . 
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In  the  past,  moat  tasting  has  been  conductad  to  understand  tha  daviation  of  tha  actual 
flow  ovar  a  complax,  thraa  dimansional  body  from  simplifiad  flow  models  which  wars 
amenable  to  closed  form  analytic  solution.  This  technique  reached  its  ultimata 
application  in  tha  design  of  the  Rockwell  Space  Shuttle  where  an  extensive  wind  tunnel 
data  base  was  established.  Tha  primary  intent  of  this  data  base  was  to  ‘correct'  the 
closed  form  analysis  techniques  about  cones,  cylinders  and  plates  to  account  for  three- 
dimensional  effects  that  war*  not  defined  through  the  simplified  solutions.  This  ‘effect* 
testing  required  substantial  heat  transfer  measurements  supported  by  far  less  flow  field 
data.  It  is  termed  ‘effect  testing*  because  the  intent  is  to  observe  the  effect  rather 
than  to  define  the  cause  of  that  effect. 

In  the  same  general  time  interval  (although  extending  back  to  the  late  1930 ’a)  there  has 
also  been  a  smaller  and  far  more  detailed  effort  to  define  and  validate  models  of  the 
flow.  These  models,  such  as  turbulence  models,  reference  temperature  models,  real  gas 
flow  models,  definitions  of  Reynolds  analogy  factors  and  adiabatic  wall  temperatures  to 
name  a  few  were  developed  from  empirical  data  of  extremely  high  quality  using  far  more 
detailed  ‘cause  and  effect*  instrumentation.  Such  ins trumentat ion  is  necessarily  of 
higher  quality  and  self  supporting. 

The  ‘validation*  of  numerical  codes  is  a  newer  but  still  largely  ill-defined  use  of 
experimentation.  While  such  testing  is  discussed  with  increasing  urgency  of  recent  date, 
the  design  of  such  experiments,  the  necessary  instrumentation  and  the  underlying  test 
philosophy  are  still  undefined  features  of  such  testing.  In  general,  there  will  be  a 
need  for  far  more  detailed  data,  higher  volumes  of  high  quality  data  and  the  acquisition 
of  far  more  complex  measurements  which  stress  cause  and  effect  relationships  in  any 
f lowf ield. 

THE  CHARACTERISTICS  OF  AEROTHERMODYNAMIC  TEST  FACILITIES 

There  is  a  strong  and  emotional  interrelationship  between  instrumentation  and  the  basic 
characteristics  of  aerothermodynamic  test  facilities.  From  an  instrumentation  standpoint, 
the  differentiating  characteristics  of  these  facilities  are  (1)  the  duration  of  the  test 
and  (2)  the  level  of  heating  rate  achieved  during  the  test. 

TEST  DURATION: 

Current  and  anticipated  wind  tunnel  facilities  operate  or  will  operate  from  hundreds  of 
microseconds  to  many  minutes  per  run.  Aerothermal  instrumentation  problems  with  regard  to 
this  time  spectrum  range  from  making  ANY  measurement  in  the  very  short  run  time  test 
facilities  to  making  accurate  measurements  during  very  long  duration  tests  of  actual 
flight  hardware.  Both  ends  of  the  time  spectrum  represent  challenging  technological 
problems  in  instrumentation.  Both  require  an  openness  to  new  instrumentation  hardware, 
acquisition  techniques  and  analysis  techniques. 

Increased  test  Duration  Is  Not  Always  Good 

There  are  several  reasons  why  increased  test  duration  is  not  of  value  in  a  new  hypersonic 
test  facility.  Several  of  these  reasons  deal  with  the  interaction  between 
instrumentation  and  the  test  facility  characteristics.  Consider  the  following: 

1.  Model  temperatures  increase  as  the  test  duration  increases.  They  create  un¬ 
anticipated  and  un-measured  thermal  paths  in  the  instrumentation  due  to  conduction  along 
or  normal  to  the  measurement  surface  and  may  even  thermally  deform  or  melt  the  model. 

2.  Model  temperatures  increase  non-uni forraly  producing  surfaces  which  are  no  longer 
isothermal 

3.  There  are  several  instrumen tati on  techniques  which  are  invalidated  by  temperature 
increases  in  the  model.  These  are  based,  for  instance,  on  the  piezoelectric  effect. 
Extended  duration  tests  require  instrumentation  that  is  not  sensitive  to  temperature 
changes  within  the  model.  Local  skin  friction,  for  instance,  can  be  routinely  measured  in 
a  shock  tunnel  using  piezoelectric  gages  but  it  is  extremely  difficult  to  measure  in  a 
continuous  flow  test  facility. 

4.  Measurements  that  are  not  concurrently  made  may  not  be  consistent.  Heat  transfer 
measurements  are  made  within  2  seconds  of  injection.  Pressure  measurements  require 
somewhat  longer  time  and  traditionally  force  and  moment  measurements  are  made  with  the 
mode1  held  in  the  tunnel  for  extended  periods  of  time  with  surface  temperatures 
approaching  recovery  conditions.  For  a  heated  test  facility,  the  surface  temperature  of 
the  model  can  vary  by  hundreds  of  degrees  between  these  measurements .  The  ratio  of  wall 
to  total  temperature,  which  is  varied,  is  a  sensitive  indicator  of  phenomena  like 
separation.  It  is  possible  that  under  this  test  scenario  one  se+  of  measurements  would  be 
conducted  under  conditions  of  control  separation  (the  pressures  and  force  and  moment 
data)  while  another  set  of  data  would  be  conducted  with  no  separation  because  of  the 
gross  differences  in  the  ratio  of  the  wall  to  total  temperature  between  the  two  sets  of 
data . 
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TEST  ECONOMICS 

Perhaps  a  decade  ago  the  entire  subject  of  test  economics  would  never  have  been 
considered.  Certainly  the  question  presupposes  an  ability  to  make  measurements  at  all. 
The  newer  test  facilities  exemplified  by  the  development  of  Tunnel  9  at  the  Naval  Surface 
Weapons  Center  are  very  expensive;  typically  *20,000  per  one  second  run,  and  require 
attention  to  test  efficiency.  How  much  can  be  accomplished  in  a  one  second  run7 

The  large  aerodynamic  test  facilities  at  the  Arnold  Engineering  Development  Center,  AEDC , 
represent  another  "opportunity*  for  creative  instrumentation  based  upon  the  existing  test 
economics.  These  facilities  operate  continuously  for  an  entire  test  shift.  Much  of  the 
airflow  time  is  wasted  during  the  aerothermodynamic  testa  because  there  is  no  model  in 
the  teat  section.  At  *10,000  per  hour,  these  testing  inefficiencies  must  be  addressed  in 
the  instrumentation.  A  substantial  contributor  to  wasted  airflow  time  in  these 
facilities  is  the  physical  manipulation  of  the  model  during  the  test  process.  Gaining 
access  to  the  model  can  use  10  minutes  of  airflow  time  each  time.  During  one  typical 
test  entry  under  the  Space  Shuttle  program  *40,000  was  consumed  manually  changing  the 
model  control  deflections.  Newer  instrumentation  and  model  design  concepts  can 
dramatically  reduce  that  cost.  There  are  direct  implications  here  for  automated  model 
changes;  the  use  of  motor  driven  control  surfaces  and  alternative  test  techniques;  the 
use  of  reversible  temperature  indicating  coatings  rather  than  irreversible  coatings. 
These  newer  techniques  are  driven  by  economic  rather  than  technical  considerations.  They 
are  replacement  techniques  which  reduce  the  overall  coat  of  test  operations  and  increase 
test  efficiency. 

NON- ISOTHERMAL  WALL  EFFECTS 

The  successful  measurement  of  aerodynamic  heating  in  either  a  ground  test  facility  or  in 
flight  requires  that  the  experimenter  (1)  properly  locate  thermal  sensors  in  the 
structure  of  the  model  such  that  heat  flux  may  be  deduced  through  the  application  of 
simplified  thermal  models  and  (2)  that  these  measurements  be  made  so  that  the  material 
does  not  know  there  is  a  thermal  sensor  installed.  The  second  criterion  implies,  in 
part,  that  the  model  under  consideration  have  no  local  disruption  of  the  thermal  boundary 
layer  due  to  the  presence  of  a  gage;  the  model  must  be  isothermal.  Figure  0  from  Schultz, 


1965.  indicates  graphically  the 
tunne 1  models . 
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criterion  is  violated  and  poor  data  are  the  result.  Non- i sothermal  surfaces  can  be 
caused  either  by  poorly  integrated  instrumentation  (normally  the  use  of  off  the  shelf 
gages  that  are  thermally  far  different  from  the  model  in  which  they  are  placed)  or  by 
models  fabricated  of  dissimilar  materials  or  having  dissimilar  physical  characteristics 
in  the  same  material.  Consider  for  example  the  fabrication  of  a  model  from  insulative 
materials  except  in  the  nose  where,  for  thermal  reasons,  the  model  has  a  steel  nosecap. 
Similarly,  a  model  fabricated  entirely  of  stainless  steel  where  the  nose  is  solid  but  aft 
of  the  nose  thin  skin  construction  is  used  for  heat  transfer  measurements  will  cause 
analysis  difficulties. 

Non- isothermal  gages  generate  incorrect  heat  flux  for  two  reasons.  First,  the  installed 
gage  creates  either  a  heat  sink  or  hot  spot  on  the  surface  of  the  model  which  distorts 
the  boundary  layer  and  generates  a  different  heating  rate  over  the  gage.  Second,  the 
installed  gage  exchanges  heat  with  the  surrounding  model,  either  drawing  in  heat  or 
giving  it  up  in  a  manner  not  considered  by  the  thermal  model  forming  the  basis  of  the 
instrument . 

The  classic  example  of  this  is  the  installation  of  heat  sink  instrumentation  in  the 
insulative  structure  of  the  Space  Shuttle  external  tank.  The  resultant  error  in  the 
measured  heating  rate  caused  by  this  mismatch  in  surface  temperatures  was  a  factor  of  21 
Similarly,  poorly  matched  gages  have  been  routinely  installed  in  insulative  wind  tunnel 
models  to  aid  in  the  calibration  of  some  survey  technique  for  measuring  heat  flux.  These 
data  were  grossly  in  error  as  the  temperature  difference  between  the  insulator  and  the 
gage  increased. 

There  are  techniques  available  for  the  evaluation  of  heat  flux  under  non- isothermal 
conditions.  All  of  these  techniques  require  knowledge  of  the  streamline  history  of  the 
flow  which,  for  a  general  body,  may  be  difficult  to  accurately  determine. 
Correspondingly,  these  effects  increase  in  severity  with  test  time  and  locally  imposed 
heating  rates.  Rapid  data  acquisition  can  reduce  non- isothermal  effects.  The  reader  is 
ancouraged  to  carefully  design  the  model  and  integrate  the  instrumentation  so  that 
problems  of  this  type  do  not  occur  in  the  first  place. 

The  problem  occurs  because  off  the  shelf  instrumentation  is  applied  without  an 
understanding  of  integration  problems.  Instrument  manufacturers  are  not  concerned  with 
the  installed  performance  of  their  device;  their  concern  is  with  the  design  of  a  seif 
contained  and  properly  sensed  thermal  model  that  can  be  screwed  or  potted  into  whatever 
model  is  being  tested.  It  is  the  experimenter  who  must  beware  of  the  integration  problem. 
A  wide  variety  of  validated  instrumentation  exists  which  integrates  well  into  the 
structure  of  the  wind  tunnel  model  contemplated.  Proper  selection  of  that 
instrumentation  will  reduce  the  difficulties  of  non- isothermal  wall  effects. 
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Figure  1  The  Interaction  of  Numeric* 
and  Experimentation  in  Data  Development 


Figure  2  The  Difference  Between 
Thermocouple*  and  Thin  Film  Resistance 
Thermometer* 


Figure  3  Thermocouple  Configuration* 
which  Affect  Thermal  Losses 


Figure  4  Thermocouple  Installations 
which  Affect  Thermal  Losses 
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Figure  3  Generic  Heat  Flux  Gage 


Figure  0  Surface  Temperature  Pertubations 
Caused  by  Thin  Film  and  Slug  Calorimeter 
Heat  Transfer  Gages 
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Section  IZ 
Thermal  Models 


Thermal  models  are  mathematical  representations  of  the  flow  of  heat  within  media.  In  the 
present  context,  thermal  models  define  the  response  of  the  physical  wind  tunnel  model  and 
its  instrumentation  to  an  imposed  heat  transfer.  Figure  7  shows  schematically  that  heat 
transferred  to  the  surface  by  forced  convection  is  dissipated  in  all  directions  by  a 
combination  of  conduction,  radiation  and  internal  convection.  While  these  heat  transfer 
mechanisms  can  include  the  effects  of  thermal  radiation  from  the  surface  of  the  model 
either  inward  or  outward  toward  the  walls  of  the  facility,  radiation  may  be  ignored  for 
the  majority  of  wind  tunnel  applications.  What  remains  is  a  balance  between  the  imposed 
convective  heating  caused  by  the  test  stream  and  the  conductive  dissipation  of  that  heat 
throughout  the  structure. 

Thermal  models  may  either  be  formulated  as  closed  form  solutions  for  restrictive  cases  or 
numerical  in  nature.  Numerical  applications  divide  the  modeled  structure  into  small 
elements  of  geometry  that  are  free  to  communicate  with  one  another  in  accordance  with  the 
laws  of  heat  flow.  Thermal  models  may  also  be  direct  in  that  the  thermal  dissipation  of  a 
known  heat  input  is  desired  or  inverse  in  that,  given  a  description  of  the  temperature 
profile  within  a  structure  with  time,  the  heating  rate  that  caused  that  dissipation  is 
described.  Those  interested  in  the  thermal  analysis  of  structures  apply  the  direct  method 
to  problems  while  those  interested  in  the  design  of  aerodynamic  heating  instrumentation 
apply  the  inverse  techniques. 

The  goal  of  aerothermal  instrumentation  is  to  reduce  the  general  problem  of  three  modes 
of  aerodynamic  heating  operative  in  three  dimensions  to  a  far  simpler  system  in  which  one 
dimensional  flow  of  a  single  mode  of  heating  is  allowed  and  that  mode  of  heating  is 
conduction  within  the  model  and  instrument  structure.  Every  successful  heat  gage  is  based 
on  a  design  that  accomplishes  that  single  task.  These  notes  will  discuss  simple  thermal 
models  and  the  gages  that  try  to  mimic  them. 

For  long  time  period  tests,  including  flight  testing,  it  is  not  always  possible  to  create 
and  install  a  gage  that  fully  mimics  a  simple  thermal  model.  In  these  cases,  the  heating 
inference  from  imbedded  thermal  sensors  will  require  the  application  of  a  more  complete 
thermal  model  in  which  the  complexities  of  multi-dimensional  flow  of  all  modes  of  heat 
will  be  modeled.  Structural  aerothermal  testing  is  an  example  which  requires  this 
approach . 

It  was  shown  in  figure  7  that  several  modes  of  heat  transfer  occur  simultaneously  on  any 
surface  exposed  to  aerodynamic  heating.  These  general  problems  of  heat  dissipation  can  be 
solved  by  finite  element  numerical  techniques.  The  method  of  solution  begins  by  dividing 
the  structure  into  a  set  of  small  elements  among  which  heat  can  be  exchanged.  It  is 
assumed  that  the  mass  of  each  element  is  concentrated  at  a  node  in  the  center  of  that 
element.  This  node  is  connected  to  each  of  its  neighboring  nodes  by  a  conductor.  The 
thermal  properties  of  the  conductor  depend  on  the  properties  of  the  adjoining  elements 
and  its  cross-sectional  area  is  equal  to  the  surface  area  between  the  elements. 

The  thermodynamics  of  each  element  can  be  written  as: 

q  net  =  q  in  ♦  q  ext  -  q  out 


q  net  is  the  heat  absorbed  by  a  node 
q  in  is  the  heat  conducted  into  a  node  from 

surrounding  nodes 

q  ext  is  the  net  heat  transferred  into  a  node 
from  external  sources 

q  out  is  the  heat  conducted  into  the  surrounding  nodes 


In  a  typical  case,  q  ext  is  the  net  difference  between  the  heat  convected  into  and 
radiating  away  from  a  surface  node.  This  value  is  usually  zero  for  sub-surface  elements. 

Since  q  net  is  absorbed  by  the  node,  the  rate  of  heat  transfer  can  be  written: 

q  net  =  m  Cp  (dT/dt) 

If  a  forward  difference  method  is  applied  to  this  equation  and  it  is  assumed  that  the 
heat  transfer  at  the  beginning  of  a  time  interval  is  constant  during  that  interval  of 
time,  then  the  temperature  change  can  be  written  as: 

T  s  (q  net  /m  Cp)  t 

In  calculating  the  terras  in  q  net  the  various  paths  joining  the  nodes  are  treated  as 
thermal  conductors.  The  quantity  'thermal  conductance'  has  been  used  to  define  the  term 
which  makes  the  following  relation  valid: 


K  T 
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where  T  la  the  temperature  difference  between  adjacent  nodaa  and  q  la  the  haat  transfer 
between  than.  Tha  thermal  conductance  for  conduction  problems  is  defined  aa : 

K  *  (k  A/x) 


where: 

k  is  tha  affective  thermal  conductivity  of  tha  conductor 
A  la  tha  cross-sectional  area  of  tha  conductor 
x  is  tha  length  of  tha  conductor 

In  most  caaes,  tha  affective  conductivity  is  that  of  tha  nodal  material.  However,  in 
special  cases  of  a  conductor  connecting  nodes  of  different  materials,  tha  effective 
properties  must  be  determined.  Tha  thermal  conductance  is  tha  reciprocal  of  the  thermal 
resistance  which  can  be  linearly  aummed  across  a  series  of  resistors. 

As  an  example,  the  effective  thermal  conductance  for  two  dissimilar  nodes  shown  below  is 
found  to  be: 


'»arb' 
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With  these  relations  defined,  the  heat  transmitted  between  each  element  and  its  neighbors 
is  computed  for  small  time  Increments.  The  resulting  change  in  temperature  of  each  node 
is  then  computed  and  the  process  is  repeated.  In  this  way  the  internal  temperature 
history  of  a  structure  can  be  determined  from  a  known  and  externally  applied  heat 
transfer  distribution.  The  same  method  can  be  applied  in  reverse.  If  the  temperature 
history  o.'  a  set  of  internal  nodes  is  known  through  measurements  then  the  external 
heating  rate  causing  these  internal  temperatures  can  be  computed. 

A  contemporary  example  of  thermal  model  analysis  is  found  in  figure  8  where  the  influence 
of  edge  effects  on  a  recessed  thin  skin  surface  is  evaluated. 


LOCAL  INVISCID  FLOW 
PROPERTIES 


<=$> 


^ INTERNAL  STRUCTURE  j 

Figure  7  Possible  Modes  of  Heat  Transfer 
Into  a  Model  Structure 


Figure  8  Example  of  a  Numerical  Thermal 
Model  Used  to  Define  Instrumentation 
Accuracy 
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Section  III 

SEMI -INFINITE  SLAB  THERMAL  MODEL 
INTRODUCTION: 


The  semi -inf  Ini te  slab  thermal  model  referred  to  by  Thompson,  1001,  as  a  gage  which 
‘captures'  heat  within  the  thermal  mass  is  the  most  widely  used  thermal  model  for  the 
inference  of  aerodynamic  heating.  Notwithstanding  the  pervasive  use  of  the  thin  skin 
model  in  continuous  and  blowdown  wind  tunnels,  the  semi - in f ini te  slab  thermal  model  is 
the  basis  of  many  flight  measurements,  all  of  the  survey  techniques  involving  paint, 
reversible  coatings  and  IR  radiation  as  well  as  the  thin  film  gages  used  in  impulse 
tunnels.  This  same  thermal  model  is  adaptable  to  instrumentation  requirements  in 
millisecond  shock  tunnels,  in  continuous  facilities  operating  for  seconds  and  in  flight 
with  vehicles  operating  for  a  1000  seconds  such  as  in  the  flight  of  the  Rockwell  Space 
Shuttle . 

The  basis  of  this  thermal  model  is  a  set  of  assumptions  that  define  the  heat  flow  within 
the  model  material.  These  assumptions  and  the  boundary  conditions  for  both  the  heated 
and  isothermal  backface  are  shown  in  figure  9.  The  heat  pulse  is  captured  for  test 
durations  less  than  the  thermal  diffusion  time,  tD.  Test  times  for  various  materials  are 
shown  in  figure  10. 

This  section  will  discuss  both  the  application  of  the  semi - inf  ini te  slab  thermal  model 
analysis  to  survey  techniques  as  well  as  point  measurements  in  both  impulse  and 
continuous  flow  test  facilities.  Survey  techniques  are  defined  as  those  in  which  an 
overall  view  of  the  model  is  generated  in  a  continuous  manner  using  a  ‘massless* 
temperature  indicator  attached  to  the  surface.  Point  measurements  are  made  with  distinct 
instruments  attached  at  point  locations  on  a  surface  of  a  model . 

There  are  three  forms  of  temperature  indicators  employed  in  survey  techniques:  (lJ 

irreversible  temperature  sensitive  coatings  such  as  Detecto-Temp (R)  and  Tempilaq(R)  which 
can  be  sprayed  on  and  cleaned  off  after  a  single  test  injection,  (2)  reversible  thermo- 
phosphers  or  liquid  crystal  coatings  which  remain  active  on  the  model  for  extended  cycles 
of  test  time  and  (3)  stabilized  emittance  surfaces  used  with  remotely  located  Infrared 
detectors  to  define  a  surface  temperature  field.  In  ail  of  these  various  ♦.e-h-iquw* 
well  as  the  point  measurement  techniques  to  follow,  the  overriding  feature  is  that  the 
surface  indicator  be  a  material  whose  presence  does  not  affect  the  basic  thermal 
performance  of  the  thick  substrate,  backing  materials.  In  addition,  the  materials  upon 
which  the  indicator  is  applied  must  not  violate  the  semi - i nf in i te  slab  model  (that  is, 
the  thermal  pulse  must  not  reach  and  affect  the  backface  of  the  material  during  the 
period  of  data  acquisition) .  This  feature  may  be  relaxed  through  corrections  to  the 
thermal  model  which  will  be  discussed  later. 

There  are  several  forms  of  temperature  indicators  used  for  point  measurements  with  the 
semi-infinite  slab  thermal  model.  Those  using  the  basic  model  material  as  a  semi¬ 
infinite  slab  (1)  thin  wire  ‘iso-thermal  staple  gages'  either  applied  on  the  surface  or 
imbedded  in  the  surface  and  either  used  singly  or  in  groups.  (2)  thin  film  resistance 
thermometers  commonly  constructed  of  Platinum  material.  Apart  from  these  sensors  which 
rely  on  the  model  material  itself  to  form  the  gage,  there  are  several  self  contained 
gages  which  create  point  measurements.  These  are  (1)  Coax  gages,  and  (2)  Schmidt-Boe 1  ter 
gages.  These  gages  will  be  discussed  later  in  section  VI. 

A  Review  of  Survey  Test  Techniques 

There  are  essentially  four  types  of  survey  test  techniques  in  use  today.  These  are:  (1) 
temperature  sensitive  coating  techniques,  (2)  thermographic  phosphor  techniques,  (3) 
liquid  crystal  techniques  and  (4)  IR  radiation  techniques.  Each  of  these  will  be 
discussed  in  turn. 

Temperature  Sensitive  Paint  Techniques 

Two  types  of  temperature  sensitive  paints  have  been  used  in  the  United  States  over  the 
past  quarter  of  a  century.  These  are  a  paint  known  by  the  trade  name  of  Detecto-Temp  (R) 
and  a  coating  known  as  Temilaq  (R) .  Although  both  techniques  have  been  used,  earlier 
studies  were  conducted  with  a  Detecto-Temp  paint.  This  technology  was  eliminated  by  a 
landmark  paper  by  Jones  and  Hunt,  1965,  which  cast  doubt  on  the  Detecto-Temp  (R) 
technique,  supported  the  alternate  Tempilaq  material  and  quantified  the  entire  procedure 
of  data  acquisition  and  analysis.  The  Tempilaq  material  is  a  fusible  temperature  coating 
which  undergoes  a  phase  change  from  a  opaque  solid  to  a  clear  liquid  at  a  known  and 
repeatable  temperature.  There  is  a  single  line  of  transformation  and  the  technique  is  not 
reversible.  The  coating  is  applied  to  low  conductivity  models  constructed  of  insulative 
materials  which  satisfy  the  serai-infinite  slab  thermal  model.  The  test  sequence  starts 
with  a  model  injection  and  ends  with  either  a  complete  phase  change  or  with  the  imposed 
heat  pulse  soaking  through  the  model  materials.  This  time  depends  upon  the  material 
selected  and  its  thicknesses.  Test  durations  vary  from  10  to  30  seconds .  Figure  11  shows 
the  results  of  a  French  Detecto-Temp  paint  test. 

Data  reduction  employs  the  standard,  one  dimensional  heat  flow  equation  with  surface  and 
Isothermal  backface  boundary  conditions  as  well  as  an  imposed  heating  rate  at  the  surface 
of  the  model.  This  equation  and  its  solution  is  shown  in  figure  9. 
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Ther mo graphic  Phosphor  Technique 

Thermographic  phosphors  were  first  applied  to  wind  tunnel  models  by  Czyaz  end  Dixon, 
1000.  The  phosphor  coating  is  ssnsitivs  to  the  energy  of  the  activating  ultraviolat 
radiation  and  is  quanchad  by  incraasing  surface  temperature  as  shown  in  figure  12.  The 
phosphor  coating  is  reversible,  unlike  the  surface  temperature  coatings  previously 
discussed.  The  basic  data  reduction  equation  is  the  same  as  previously  described.  In  all 
applications  to  date  the  phosphor  coating  has  been  applied  to  an  insulatlve  material. 
The  phosphor  coating  response  must  be  calibrated  as  a  change  in  light  Intensity  vs  the 
surface  temperature.  Primary  data  are  photographic  or  videographic  data  of  the  model 
which  appears  as  shades  of  grey  as  in  figure  13.  These  grey  shades  correspond  to  the 
levels  of  aerodynamic  heating  imposed  on  the  configuration.  Tare  runs  are  also  made  in 
the  facility  without  air  in  order  to  subtract  grey  shadings  due  to  lighting  shadows. 
Unlike  the  temperature  paint  technique,  the  phosphor  data  reduction  can  readily  be 
automated  through  video  imaging  techniques  with  tare  pictures  subtracted  from  the  actual 
data  automatically.  The  resultant  shades  of  grey  can  then  be  assigned  artificial  colors 
as  in  figure  14  to  identify  various  heating  regions.  This  technique  was  initially 
developed  for  the  McDonnell  Hotshot  wind  tunnel  and  later  it  was  adapted  to  the 
continuous  flow  test  facilities  at  AEDC.  It  has  also  been  applied  in  shock  tunnel  test 
facilities  at  Calspan  Corporation  with  some  difficulty. 

Calibration  of  the  phosphors  during  tunnel  operation  is  accomplished  by  placing  thermal 
gages  within  the  field  of  view  of  each  picture.  These  gages  must  not  affect  the  flow  in 
which  the  data  is  being  taken.  Past  instruments  did  not  meet  this  goal.  Figure  17 
indicates  gages  used  in  the  past  which  yielded  poor  technical  results.  Figure  10 
indicates  the  newer  isothermal  staple  gage  which  has  been  quite  successful  in  this 
capacity . 

Liquid  Crystals: 

There  are  a  class  of  materials  available  that  selectively  reflect  light  as  they  are 
heated  and  their  temperature  changes.  Many  commercial  applications  are  available  for 
such  materials  including  that  of  a  throw  away  thermometer.  These  materials  have  been  used 
on  models  to  yield  a  temperature  indicating  surface  which  is  reversible  like  the 
thermographic  phosphors .  The  crystals  are  suitable  for  wind  tunnel  tests  at  lower 
temperatures  las,  for  instance,  for  supersonic  flows  or  flows  in  Helium  tunnels  or  in 
impulse  type  test  facilities).  They  have  not  been  extensively  used  in  supersonic  test 
facilities  in  the  U.S.  although  they  have  been  used  to  advantage  in  Ludwig  tube  testing 
in  Germany.  Figure  17  indicates  their  use  by  Scholar  in  a  shock  interaction  experiment. 
View  angles  are  critical  with  these  materials  and  it  is  reported  that  they  can  be 
pressure  as  well  as  temperature  sensitive. 

Infrared  Scanning 

Temperatures  can  be  measured  on  a  model  by  remotely  scanning  the  surface  of  the  model 
with  a  commercial  IR  scanning  camera.  The  surface  is  normally  coated  to  stabilize  the 
surface  emittance.  Very  fast  scanning  cameras  are  commercially  available  although 
equipment  of  this  type  is  expensive  to  purchase  and  develop.  Several  of  the  Space  Shuttle 
tests  were  run  in  hypersonic  test  facilities  with  IR  measurements  over  insulated 
surfaces.  Figure  IB  indicates  the  quality  of  the  produced  IR  data.  Figure  10  indicates 
problems  in  accurately  defining  small  regions  of  differing  heat  transfer  on  large  scale 
models.  The  data  were  generally  as  good  as  the  standard  thin  skin  thermocouple  data  with 
two  exceptions:  (1),  the  scanning  camera  has  a  finite  spot  diameter  that  may  observe  both 
the  aerodynamical ly  heated  surface  of  the  model  and  the  cool  tunnel  in  background 
simultaneously  (near  leading  edges  for  instance) .  The  signal  produced  integrates  both 
environments  and  the  resultant  data  cannot  be  used.  (2)  the  gage  has  a  large  minimum  spot 
size,  3/8  inch  in  diameter,  associated  with  large  scale  tunnel  applications  which  limits 
its  use  in  regions  of  high  heating  gradients  and  shock  Interaction  regions.  With  these 
exceptions,  the  pictures  produced  are  extremely  visual  and  the  data  acquisition  and 
analysis  process  can  be  automated  through  standard  videographic  techniques. 

Common  to  all  of  these  survey  techniques  is  a  series  of  possible  error  sources  shown 
graphically  in  figure  20.  Overall,  this  figure  indicates  that  error  sources  can  be 
substantial  and,  as  well,  an  optimum  test  time  is  defined  where  the  uncertainty  bucket  is 
a  minimum. 


CRITICISM  OF 

TEMPERATURE  SENSITIVE  PAINT  TECHNIQUES 

There  are  several  criticisms  of  the  use  of  temperature  sensitive  paint  techniques  that 
should  be  carefully  considered  by  the  exper imental 1st  before  their  selection  and  use. 

Economics : 

Temperature  sensitive  paint  applications  are  labor  intensive,  slow  and  mechanical 
operations.  For  continuous  flow  test  facilities,  the  amount  of  hand  labor  required  to 
‘turn  the  model  around*  is  nearly  prohibitive.  Considering  the  test  cycle  times  achieved 
at  the  AEDC,  only  one  run  every  13  minutes  can  be  made.  The  limiting  factor  is  the 
physical  effort  required  to  reach  the  model  through  the  model  injection  system.  This 
criticism  is  specific  to  continuous  flow  facilities  and  does  not  apply  to  transient  test 
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f ac 1 1 i  t  tea  where  large  energy  costa  connected  with  an  ’on-line*  test  facility  operation 
are  not  involved. 

Temperature  Peaks: 

Temperature  sensitive  paint  applications  are  relatively  poor  in  defining  either  the 
absolute  level  of  heating  in  regions  of  high  thermal  gradient  or,  conversely,  the  level 
of  heating  in  regions  of  very  low  thermal  gradient.  The  heating  rate  is  calculated  from 
the  observed  melt  time  referenced  to  the  beginning  of  the  heat  pulse.  This  definition  of 
zero  time  can  be  somewhat  vague  for  models  being  injected  through  the  tunnel  boundary 
layer.  For  regions  of  high  heating,  the  melt  time  can  also  be  quite  short  leading  to 
potentially  severe  errors  in  defining  this  incremental  time  from  the  start  of  heating  to 
a  clearly  defined  peak  heating  line.  Regions  of  Low  thermal  gradient  are  also  difficult 
to  observe  as  paint  contour  lines  are  not  distinct  and  are  affected  by  inaccuracies  in 
the  technique.  Such  data  is  of  lesser  value  and  will  appear  in  the  output  as  wavy  lines. 
There  is  a  relatively  small  window  of  opportunity  defined  previously  through  the  error 
bucket,  shown  in  ligure  20,  in  which  to  generate  high  quality  temperature  paint  data.  To 
operate  within  this  window  of  opportunity,  an  approximation  of  the  answer  sought 

experimentally  must  be  known  already,  namely  some  estimate  of  the  actual  heating  rate  in 

the  interaction  region.  Paint  techniques  are  excellent  for  defining  the  ‘region*  where 

high  and  localized  heating  will  occur.  They  are  far  less  accurate  in  defining  the  actual 
peak  within  the  region.  If  a  clear  estimate  of  the  level  of  heating  in  the  peak 

interaction  region  is  required,  paints  with  several  activation  temperatures  are  required 
to  ‘shift  the  event’  into  the  window  of  opportunity.  This  can  be  don#  but  it  is  quite 
expensive . 

Person-power  Intensive: 

The  generation  and  reduction  of  temperature  paint  data  is  labor  intensive  and  bad  on  the 
eyes.  Many  hours  are  required  to  trace  off  the  contour  lines  from  the  film  record. 

Physical  Model  Limitations: 

There  are  real  limits  to  what  can  be  observed  with  the  paint. 

The  paint  model  design  must  minimize  the  placement  of  load-distributing  steel  structure 
in  regions  near  where  measurements  are  to  be  made.  That  alone  is  f ruatratingly  difficult 
given  that  the  model  materials  most  useful  with  this  technique  are  not  structurally 
sound.  Thick  sections  of  insulative  material  are  required  to  assure  the  semi -inf  ini te 
slab  thermal  model  is  respected.  In  many  cases  that  is  not  possible.  Thin  sections  of 

the  model  will  limit  the  application  of  the  semi -inf ini te  slab  thermal  model  even  further 

reducing  the  window  of  opportunity  for  testing.  In  some  physically  simple  cases, 
corrections  may  be  applied  to  the  data  reduction  to  account  for  the  finite  slab  effects 
but  these  corrections  are  only  valid  for  limited  special  cases. 

A  usual  argument  for  the  use  of  temperature  sensitive  paint  techniques  is  that  such 

techniques  define  the  location  of  high  heating  regions  that  can  then  be  properly 

instrumented  to  define  the  magnitude  of  the  effect.  This  is  clearly  a  legitimate  need 
and  the  paint  is  satisfactory  as  a  technique  to  meet  this  need.  In  fact,  the  Space 
Shuttle  development  program  used  this  technique  effectively. 

While  this  CAN  be  done,  it  is  far  from  the  beat  technique  to  achieve  the  goal.  It  simply 

is  not  cost  effective.  In  time  alone,  this  technique  requires  an  entvy  into  the  test 

facility,  the  generation  of  film  data,  its  reduction  and  interpretation,  the  integration 
of  that  data  into  the  DESIGN  of  a  point  measurement  model  (since  model  structure  cannot 
be  defined  until  measurement  regions  are  understood)  and  then  the  secondary  test  of  the 
properly  instrumented  model.  From  the  standpoint  of  cost,  unique  models  must  be 
constructed,  engineering  time  invested  and  wind  tunnel  time  expended.  It  appears,  ail  in 
all,  that  this  technique  is  a  support  to  define  the  distribution  of  complex  flow 
phenomena.  Given  that  exists,  wouldn't  it  be  cheaper  and  faster  to  instrument  the  point 

measurement  model  to  cover  any  contingency;  activating  the  sensors  as  required  to  react 

to  the  heating  patterns  observed?  Paint  model  costa  can  easily  top  *100,000.00.  That  pays 
for  a  lot  of  Instrumentation < !  But  there  is  even  a  better  method  than  heavily 

instrumenting  a  point  sensor  model.  The  use  of  dynamic  test  techniques,  which  will  be 
discussed  later,  gives  us  the  option  to  use  a  FEW  integrating  sensors  in  such  regions  and 
observe  the  level  of  heating  as  the  model  orientation  sweeps  the  region  of  high  heating 
over  the  gage(s).  This  type  of  testing  is  an  order  of  magnitude  faster  than  thin  skin 
testing  and  100  times  faster  than  paint  techniques. 

tn  the  following  sections  of  the  notes  alternative  survey  testing  techniques  will  be 
discussed.  These  alternative  techniques  tend  to  increase  the  productivity  of  survey 
testing  and  may  be  more  useful  than  paint  techniques  if  that  form  of  testing  is  required. 


Introduction  to  Point  Gage  Designs 
Baaed  on  the  Semi- Inf  ini te  Slab  Thermal  Model 


There  are 
using  the 
type  of 

sensor  is 


several  possible  gage  configurations  for  the  point  measurement  of  heat  tranefer 
semi-infinite  slab  thermal  model.  These  various  gages  are  distinguished  by  the 
eurface  sensor  employed  and  the  type  of  backing  material  to  which  the  surface 
applied.  Figure  21  indicates  the  matrix  of  such  gages  as  well  as  combinations 
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of  ptrtMtira  for  which  no  gag**  are  known  to  exist.  Each  of  these  gagas  will  ba 
diacuasad  in  tha  notaa  that  follow. 

Of  tha  gaga  types  shown  in  figure  21,  tha  'thin  film'  and  'coax*  dasigns  ara  activaly 
usad  at  praaant.  Tha  *MIT  gaga'  ia  an  aarliar  daaign  of  Covert  and  Gollnick,  1908.  Tha 
* McDonnal 1  Oaga*  waa  also  an  aarliar  daaign  baaad  on  tha  intaraating  propartlaa  of  semi- 
conductors  as  tanparatura  tanaora,  aaa  Dixon,  1908.  Tha  aami -conductor  tamparatura 
aanaor  waa  latar  usad  by  Janka,  1978  and  termed  tha  'Tamp  Sansor  Gaga'  in  hia  AIAA  papar. 
Tha  instrument  is  a  commercial  product. 

Evan  this  matrix  is  not  strictly  confining  for  tha  spactrum  of  gagas  which  could  ba 
producad.  Tha  blank  squares  do  not  all  rapraaant  gaga  lmpoaaibilitiaa  but  rathar  a  lack 
of  gaga  applications .  In  aoma  caias,  tha  gagas  which  would  ba  raprasantad  in  thasa 
blocks  off ar  no  unique  advantaga  to  tha  axpar imantar .  In  othar  caaas ,  as  for  axampla  tha 
thin  film  raaiatanca  tharaomatar  attachad  to  a  conductor,  tha  combination  is  tachnically 
difficult.  Tha  thin  film  gaga  la  alactrically  powarad  raquiring  that  tha  film  ba 
alactrically  inaulatad  from  tha  substrata. 

Thin  film  gagas  ara  'powarad*  gagas  in  which  a  voltaga  ia  appliad  to  tha  raaiatanca  gaga. 
Figura  22  indicataa  tha  bridga  circuit  and  aquations  usad  to  obtain  haating  rataa .  Tha 
hast  flow  through  tha  film  which  ia  attachad  to  a  substrata  matarial  ia  analogous  to  tha 
currant  flow  through  an  R-C  circuit.  Figura  23  indicataa  that  analogy.  Through  this 
analogy  currant  flow  through  tha  thin  film  gaga  may  ba  convartad  diractly  into  haating 
rata  information  through  a  aariaa  of  R-C  circuits. 

CALIBRATIONS  REQUIRED  OF  THIN  FILM  GAGES  PRIOR  TO  USE 

Thara  ara  two  basic  calibrations  raquirad  for  thin  film  gagas  prior  to  thair  usa.  Thasa 

ara : 

1.  tha  calibration  of  tha  tamparatura  coefficient  of  resistance,  alpha,  which 
defines  tha  charactar 1st ics  of  the  resistanca  thermometer  composed  of,  nominally, 
platinum  film. 

2.  tha  substrate  charactar istics ,  beta,  defined  as  tha  square  root  of  tha  product  of 
thermal  conductivity,  density  and  specific  heat. 

Calibration  of  the  Temperature  Coefficient  of  Resistanca, 

Tha  resistance  of  tha  installed  platinum  film,  from  which  temperature  ia  deduced  during 
tha  test  as  an  out-of -balance  resistance  in  a  bridge  circuit,  requires  developing  the 
required  temperature/resistance  relationship  through  pre  and  post  test  calibrations.  A 
thermally  controlled  oil  bath  can  conveniently  be  used  to  produce  this  calibration. 
Miller  quotes  a  maximum  uncertainty  in  this  parameter  to  be  less  than  3%. 

Calibration  of  Thin  Film  Substrrte  Materials 

The  thermal  properties  of  any  substrate  are  not  known  to  sufficient  detail  for 
calibration  purposes.  Further,  there  is  some  indication  that  the  physical  properties  of 
the  substrate  immediately  behind  the  thin  film  are  affected  by  the  film  which  is  fused  to 
the  substrate  surface  (see  for  instance  Reddy,  1980).  There  are  several  techniques 
available  to  exper i mental ly  determine  the  parameter  beta  as  shown  below. 

Measurement  of  Stagnation  Point  Heating 
Use  of  a  Pulsed  External  Heat  Source 
Dissipation  of  Pulsed  Current  Through  the  Gage 
Application  of  the  "Relative  Calibration  Technique' 

One  straightforward  technique  is  to  use  the  fabricated  gage  at  the  stagnation  region  of  a 
sphere  in  a  calibration  shock  tube.  Knowing  the  stagnation  point  heating  from  the  Fay 
and  Riddell  theory  (model),  the  substrate  characteristics  of  the  material  can  be  deduced 
from  the  experiment. 

The  thin  film  gag#  itself  may  be  used  in  the  calibration  process  by  pulsing  a  current 
through  the  film  and  observing  the  dissipation  of  that  current  through  the  substrate 
material.  This  technique  requires  an  accurate  measurement  of  the  surface  area  covered  by 
the  film;  a  difficult  measurement  for  a  gage  of  irregular  shape  with  inexactly  defined 
surface  boundaries. 

The  relative  calibration  technique  has  been  used  in  several  forms  in  order  to  eliminate 
the  need  to  precisely  define  the  surface  area  covered  by  the  film.  In  this  technique 
either  an  external  energy  source  (see  Epstein,  1986)  or  an  internal  energy  source  such  as 
a  current  pulse  is  used.  The  heat  is  dissipated  through  the  resistance  gage  substrate 
material  with  the  gage  placed  in  air  and  through  both  the  resistance  gage  substrate 
material  AND  a  fluid  of  known  thermal  properties  when  the  gage  is  placed  in  that  fluid. 
The  assumption  is  made  that  the  heated  gage  in  the  designated  fluid  will  loose  heat 
evenly  to  both  gage  substrate  and  fluid.  Knowledge  of  the  surface  area  covered  by  the 
film  is  not  required  because  the  air  calibration  is  related  to  the  fluid  calibration. 
Figure  24  outlines  the  technique  from  a  paper  by  Epstein,  1986. 
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Several  fluid*  have  baan  u*ed  in  tha  ralativa  calibration  technique.  Distilled  watar  we* 
suggested  as  it*  lumpad  thermal  propartia*  approximate  those  for  Pyrex(R).  For  uncoated 
distilled  watar  has  been  replaced  by  a  Dow  Corning  Silicon  fluid.  Mora  recently. 
Epstein,  1986,  used  Dibutyl  Phthalate  a*  a  calibration  fluid. 

Tha  calibration  technique*  reviewed  have  in  common  the  observation  that  uncommon 
substrata  materials  (other  than  Pyrex(R))  present  calibration  data  quite  different  than 
handbook  published  value*.  Further,  these  calibration  data  contain  the  largest  potential 
source  of  error  -  both  in  the  substrate  being  calibrated  and  in  the  reference  calibration 
fluid. 


Thin  Film  Cages  -  Sources  of  Error 

There  are  several  sources  of  error  in  measurements  made  with  thin  film  gages.  These  have 
been  listed  by  Miller,  1961,  as  follows: 

1.  The  value  of  the  substrate  thermal  properties;  density,  specific  heat  and  thermal 
conductivity  which,  taken  collectively,  are  termed  'Beta*. 

2.  The  value  of  the  temperature  coefficient  of  resistance  which  is  termed  'Alpha* 

3.  The  measurement  of  the  voltage  output  of  the  circuit  Eo 

4.  Accounting  for  the  variation  of  substrate  thermal  properties  with  temperature. 

5.  Correction  for  current  variation  during  the  teat 

6.  Possible  loss  of  semi-inf  ini te  slab  behavior  for  the  substrate.  This  will  be 
discussed  shortly  in  these  notes. 

7.  Possible  measurement  of  an  integrated  beating  rate  in  regions  of  highly  variable 
surface  heating  rates. 

8.  Resistance  of  the  leads  as  a  non-negl igible  percentage  of  the  resistance  of  the 
sensing  element. 

Not  all  of  these  POTENTIAL  problems  will  be  important  in  any  given  application.  They  are 
listed  here  because  they  CAN  be  significant.  They  should  be  considered  because  routine 
use  of  this  instrumentation  will  tend  to  numb  the  experimenter  to  the  possibility  of 
errors  of  this  type. 


Thin  Film  Qages  -  Overall  Accuracy; 

Overall  accuracy  for  the  thin  film  technique  has  been  quoted  at  */-  5X  when  all  factors 
are  considered.  However,  since  these  gages  have  such  a  low  mass  (the  film  being  extremely 
thin),  they  respond  to  many  imposed  phenomena  Including  transition.  In  fact,  the  gage 
output  has  a  distinctive  ‘fingerprint"  ,  demonstrated  by  Schultz  et  al .  and  shown  in 
figure  25 ,  that  a  trained  analyst  can  use  to  determine  the  state  of  the  boundary  layer. 
When  the  gages  respond  to  transition,  they  will  sense  turbulent  'bursts*  convecting 
across  the  gage.  If  these  data  are  reduced  by  Integrating  the  signal  over  time, 
'apparent"  scatter  of  the  data  results.  This  is  strictly  NOT  error  but  it  may  be  observed 
as  error  following  the  comments  of  Stein  in  the  use  of  the  data. 

The  Application  of  Thin  Film  Qages  to  Extended  Duration  Testing 

Thin  film  gages  have  been  successfully  used  in  shock  tunnels  and  shock  tubes  for  the  past 
quarter  century.  Their  response  characteristics  uniquely  suited  them  to  these  facilities 
and  they  were  relatively  simple  to  construct  and  operate.  Their  application  to  extended 
duration  test  facilities  has  been  far  less  universal  but  none  the  less  accepted  for  many 

years . 

Idney,  1908,  produced  the  first  record  of  this  application.  H  is  use  of  thin  film  gages 
in  conjunction  with  shock  interaction  investigations  was  accepted  without  concern  for 
gage  suitability.  The  gage  concept  was  selected  because  thin  film  gages  could  be  applied 
in  the  detail  he  required. 

The  author  was  first  exposed  to  the  use  of  thin  film  gages  in  blowdown  tunnels  at  the  von 
Harman  Institute  in  1971.  Such  instrumentation  was  routinely  used  by  students  in  the  H-3 
test  facility. 

Miller.  1901,  applied  thin  film  instrumentation  technology  and  test  models  used  in 
impulse  type  Facilities  to  measure  heat  transfer  in  the  Langley  31  inch  hypersonic 
facility.  His  work  is  also  carefully  documented  together  with  several  facility  induced 
phenomena  which  were  considered  as  error  sources  in  data  analysis. 

Based  on  the  author's  experience  with  thin  film  gages  at  VKI  and  faced  with  the  need  to 
conduct  leading  edge  tests  on  the  8paee  Shuttle  at  AEDC.  thin  film  ins trusMntation  was 
developed  and  applied  to  these  facilities.  The  results  were  documented  by  Matthews,  1985. 
This  application  was  somewhat  different  than  others  in  that  the  fundamental  modeling 
assumption  implicit  in  the  semi-infinite  slab  analysis  were  violated  by  the  leading  edge 


dimensions  and  tha  tunnel  operating  times.  The  correct tona  that  ware  applied  involved  the 
use  of  a  finite  element  conduction  code  and  will  be  discussed  shortly. 

In  the  early  1080’s  Hayashi .  Sakural  and  Aao ,  1064.  developed  a  variant  of  the  thin  film 
technology  which  they  termed  the  *mul ti -layered  thin  film  heat  transfer  gage*.  This  gage 
uses  two  thin  film  resistance  thermometers  to  measure  temperatures  across  a  slab  of 
Insulator.  The  data  reduction  employs  the  finite  slab  thermal  model ,  not  a  semi -ini  Ini te 
slab. 

Finally ,  Hayes,  1062,  developed  a  thin  film  gage  for  use  in  a  Mach  3  facility  operating 
at  ambient  temperature.  Again,  this  is  a  variant  of  classical  thin  film  technology 
closely  allied  to  the  gage  of  Hayashi  et  al . 

CORRECT I 0M  OF  THIN  FILM  INSTRUMENTATION  FOR 
SMALL  LRADIHO  EDQE  MEASUREMENTS 

It  is  possible  to  generate  heat  transfer  data  on  smII  leading  edges  in  long  running  flow 
facilities  but  the  process  may  be  distasteful  to  purists  and  certainly  demonstrates  a  new 
equilibrium  between  those  who  conduct  experiments  and  those  who  compute  phenomena. 

In  shock  tunnels  the  test  times  are  sufficiently  short  that  the  resulting  heat 
penetration  into  the  substrate  materials  can  essentially  be  Ignored.  That  same  leading 
edge  geometry  tested  in  a  wind  tunnel  with  longer  model  exposure  time  will  cause  greater 
heat  penetration  into  the  substrate  and  violate  the  semi-infinite  slab  thermal  model 
causing  the  need  for  either  far  more  complex  data  reduction  procedures  or  some  data 
corrections . 

These  corrections  were  provided  through  the  use  of  a  finite  element.  transient  heat 
conduction  code  as  a  thermal  model .  Figure  20  schemat leal ly  demonstrates  this  correction 
process.  The  overall  intent  of  the  correction  process  is  to  relate  the  actual  thermal 
model  which  is  store  complex  than  the  semi- inf inite  slab  model  to  that  store  simple  model. 
This  is  accomplished  numerically  by  defining  a  heat  input,  H  INPUT  to  the  thermally 
modeled  leading  edge.  The  output  of  this  thermal  model  computation  is  a  matrix  of 
temperatures  on  the  surfaces  of  each  node  in  the  model.  The  temperature  vs  time  trace 
shown  in  the  figure  is  that  at  the  stagnation  point  of  the  stodel  on  the  outer  surface; 
essentially,  the  temperature  that  would  be  measured  by  a  thin  film  gage.  This  numerically 
derived  temperature  response  was  then  used  to  evaluate  a  corresponding  heating  rate 
through  a  semi - inf  ini te  slab  analysis  program  previously  discussed.  Comparing  the  input 
and  output  heating  rates;  that  is.  the  heating  rate  selected  to  initiate  the  computation 
and  the  heating  rate  reduced  from  the  measured  surface  node  BY  ASSUMINO  A  SEMI - INFINITE 
SLAB  THERMAL  MODEL,  a  numerically  derived  correction  factor  was  defined.  For  the  nose 
radii  of  interest,  this  correction  was  10  to  20X  of  the  actual  heating. 

It  is  clear  from  both  intuition  and  these  numerical  results  that  the  magnitude  of  the 
correction  factor  increase  with  decreasing  radius.  increasing  test  duration  and 
increasing  thermal  dlffuslvlty,  alpha.  While  the  correction  levels  are  not  trivial,  they 
are  manageable.  The  issue  with  which  the  reader  sjst  contend  is  whether  such  NUMERICALLY 
based  correction  factors  are  acceptable  in  an  experimental  application.  In  making  that 
judgement,  the  reader  must  understand  that  even  this  computer  code  is  a  model  in  some 
sense  of  the  physical  heat  flow  within  the  material  and,  as  such,  is  an  approximation  to 
real! ty . 


Advanced  Multi-Layered  Thin  Film  Oages 

There  exists  an  entirely  new  type  of  gage  based  on  the  thin  film  sensor  technology 
previously  discussed.  These  gages  were  an  outgrowth  of  international  studies  on  the  heat 
transfer  to  turbojet  engines  and  references  fro*  Doorly,  1087  of  the  Oxford  University 
group  and  Epstein,  1086  of  the  Massachusetts  Institute  of  Technology  group.  In  addition, 
Hayashi ,  1084  of  Kyushu  University  has  produced  such  a  gage  for  aerodynamic  heating 
studies.  This  section  will  begin  with  a  discussion  of  the  Japanese  gage  and  then  progress 
to  these  newer  and  more  extensive  applications  of  the  advanced  technology. 

In  the  last  several  years  the  Hayashi  and  coworkers,  1084  have  developed  a  hybrid  gage 
and  published  details  on  its  construction  and  application.  Figure  27  indicates  the 
structure  of  the  gage  which  Hayashi  et  ai  have  termed  a  ‘multi-layered  thin  film  gage*. 
The  Intent  of  the  gage  was  to  combine  the  rapid  response  characteristics  of  thin  film 
Instruments  with  the  long  term  application  of  a  sandwich  type  gage.  In  its  intended 
application,  the  gage  measures  the  temperature  difference  between  the  heated  face  and  the 
backface.  The  heat  resistant  layer  creates  a  thermal  choke  and  the  gage  is  placed  on  a 
heat  conductor  so  that  the  thermal  reservoir  ol  constant  temperature  is,  for  all 
practical  purposes .  Infinite.  In  this  respect,  the  operation  of  the  Hayashi  gage  acts  as 
a  Thompson  type  3  gage  where  the  heat  conductor  plays  the  part  of  the  active  source. 

The  gage  has  been  employed  by  Hayashi  to  generate  dynamic  test  data.  The  model  Including 
the  single  gage  was  placed  in  the  flow  and  the  shock  generator  drawn  across  the  gage  as 
shown  In  figure  28.  Continuous  data  are  then  taVan  fchrr*ugh  ►he  interaction  as  shown  in 
this  figure.  Comparison  pressure  data  are  also  taken  as  shown  in  that  figure. 

The  only  criticism  of  this  application  may  be  in  the  possible  development  of  a  non- 
1  so thermal  boundary  layer  pertubatlon  caused  by  the  'heat  resistant  layer*  in  a 
conducting  steel  model  although  the  assumption  made  by  the  authors  was  that  this  is  not 
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the  case.  Thia  non-isothermal  aurface  may  preaent  particular  difficulties  in  regions 
where  ahock  interaction  regions  are  pre8ent  aince  (1)  it  may  be  impoaaible  to  aeparate 
one  affect  from  the  other  and  (2)  temperature  pertubation8  may  cause  different  phenomena 
in  a  flow  aituation  near  separation. 

In  apite  of  these  difficulties,  the  gage  is  an  interesting  application  of  instrumentation 
technology  in  the  development  of  a  dynamic  teat  capability.  Such  a  capability  is  an 
important  productivity  aid  in  the  economical  development  of  large  amounts  of 
understandable  data  through  the  use  of  continuous  data  traces. 

More  recently.  Epstein  of  M.I.T.,  1986,  and  Doorly  of  Oxford  University,  1987,  have 
documented  very  interesting  gages  based  upon  dual  thin  films  deposited  on  a  thin, 
inaulative  sheet.  This  technology  ,  in  both  cases,  is  motivated  by  gas  turbine  research. 

Characteristics  of  thia  type  of  gage  are  shown  in  figure  29.  Epstein  states  that  this 
gage  is  useful  to  400  degrees  C  with  high  frequency  response  to  100  kHz.  The  gage 
operates  either  as  a  sandwich  gage  for  low  frequency  operations  or  as  a  semi - inf  ini te 
slab  gage  for  very  high  frequency  operations.  Intermediate  frequency  data  are  obtained 
through  numerical  signal  processing  reconstruction. 

The  Epstein  and  Doorly  papers  present  an  outstanding  and  comprehensive  review  of  this 
type  of  gage  and  its  application. 

The  McDonnell  Semiconductor  Gage 

Heat  transfer  gages  have  been  fashioned  of  semiconductor  materials.  One  example  of  this 
is  the  McDonnell  gage  shown  in  figure  30.  Although  non-linear,  the  gage  is  highly 
sensitive.  While  the  gage  concept  remains  viable  and  is  being  commercially  produced,  the 
gage  is  not  widely  used  to  measure  aerodynamic  heating. 

The  MIT  Heat  Transfer  Gage 

In  the  late  1960’a,  engineers  at  the  Massachusetts  Institute  of  Technology  designed  a 
unique  heat  transfer  gage  for  use  in  their  hyper-core  tunnel  at  Mach  3.7.  The  gage, 
shown  in  figure  31,  had  a  wire  sensor;  a  0.005  diameter  iron/cons tantan  thermocouple 
wrapped  around  a  lava  plug.  Essentially,  this  a  a  semi - inf  ini te  slab  thermal  model  with 
a  'massless*  thermal  sensor,  the  iron/constantan  thermocouple  attached  to  the  front 
surface  of  the  semi - inf  ini te  slab.  The  gage  was  used  at  MIT  for  several  test  programs  by 
Covert  and  Gollnick,  1968,  but  the  design  was  not  exported  to  other  test  installations. 
Mo  further  references  can  be  found  to  the  gage. 

In-Depth  Thermocouple  Qage 

Figure  32  presents  a  schematic  view  of  an  in-depth  thermocouple  gage;  a  gage  using  the 
natural  insulative  capabilities  of  the  wind  tunnel  model  together  with  one  or  a  series  of 
thin  wire  thermocouples  placed  at  different  depths  in  the  material. 

In  depth  thermocouple  gages  are  used  extensively  in  flight  test  applications.  They  are 
also  known  as  ’Isothermal  Thermocouple  Gages'  because  there  is  a  substantial  length  of 
wire  on  either  side  of  the  thermocouple  bead  at  the  same  temperature  as  the  bead.  This 
wire  length  acts  to  reduce  the  conduction  losses  away  from  the  thermocouple  as  the  result 
of  temperature  gradients  caused  by  the  routing  of  the  thermocouple  wires  into  insulative 
materials . 

These  gages  have  also  been  used  to  advantage  in  wind  tunnel  testing.  Years  ago,  they  were 
used  in  continuous  high  speed  tunnels  which  had  no  injection  capability.  By  using  the 
indepth  feature  of  the  gage;  long  term,  steady  state  heating  rates  could  be  measured 
without  the  need  for  rapid  Injection. 

The  Isothermal  Staple  Gage* 


A  variant  of  the  in-depth  thermocouple  gage  is  the  isothermal  staple  gage  shown  in  figure 
16.  This  gage  has  a  single  wire  thermocouple  laid  on  the  surface  of  the  insulator.  Like 
the  in-depth  gage,  the  staple  gage  uses  the  natural  insulation  material  as  the  backing 
material  of  the  gage  but,  the  staple  gage  is  a  true  analogue  to  the  thin  film  gage 
wherein  the  in-depth  gage  is  a  ‘sandwich*  type  gage. 

Becentiy.  this  gags  was  used  to  'calibrate*  heat  transfer  survey  technique  results  at 
AEDC.  The  gage  was  applied  to  an  insulative  survey  model  in  order  to  'calibrate* 
selective  points  along  the  model  aurface.  In  the  past,  disruptive  heat  gages,  such  as 
Gardon  gages,  were  Installed  in  the  insulative  model  as  shown  in  figure  15.  The  staple 
gages  were  cast  onto  the  Stycast  model  and  an  evaluation  of  the  results  indicated  that 
both  the  survey  technique  and  the  staple  gage  gave  the  same  result. 
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SEMI-INFINITE  SLAB  ANALYSIS 
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ASSUWTIONS : 


INITIALLY  ISOTHERMAL  MODEL 

HEAT  PENETRATION  SMALL  COMPARED  WITH  WALL  THICKNESS 
COATING  (THERMAL  SENSOR)  IS  MASSLESS 
HEATING  STEP  OF  CONSTANT  MAGNITUDE  APPLIED 
MATERIAL  PROPERTIES  ARE  KNOWN  AND  DO  NOT  VARY  WITH  TIME 


Figure  9  The  Boundary  Conditions  and 
Assumptions  forming  the  Semi -Inf  ini te 
Slab  Thermal  Model 


Figure  11  Temperature  Profiles  Defined 
through  De teoto-Temp (R)  Paint  from  the 
work  of  Ponteziere,  1907 


THERMOGRAPHIC  PHOSPHOR  COATED  MODEL  ACTIVATED 
BY  ULTRAVIOLET  RADIATION 


Figure  13  Thermographic  Phosphor 
Coated  Model  Activated  by  Ultraviolet 
Radiation 
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THERMAL  DIFFUSION  TIME  FOR  6  MM  OF  ... 

COPPER - -0.1  SECONDS 

17.4  PH  STAINLESS  STEEL _ -2  SECONDS 

MACOR  MACHINABLE  CUSS _ -8  SECONDS 

PYREX  GLASS - -1C  SECONDS 

STYCAST  INSULATOR _ -IB  SECONDS 

TEFLON  INSULATOR _ -70  SECONDS 


Figure  10  The  Thermal  Diffusion  Time  of 
Various  Materials 


Figure  12  Quenching  Characteristics  of 
Commercially  Available  Thermographic 
Phosphors  with  Temperature 


PHOTOGRAPH  OF  PHOSPHOR  DATA  WITH  VTI'AL  GRAY  SHADES 
REPLACED  BY  ARTIFICIAL  COLORS  THKOCGII  (OMITTER  IKOCESSINI. 


Figure  14  Phosphor  'Data*  with  Actual 
Gray  Shades  Replaced  by  Artificial 
Colors  through  Computer  Processing 


Co^it*d  Coefficient  Uncertainty. 


Figure  17  Example  of  Temperature 
Profile  using  Liquid  Crystals  from 
Scholer 
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Figure  20  Error  Buildup  for 
Temperature  Paint  Technique" 
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Figure  18  IR  Derived  Data  Compared  with 
Laminar  and  Turbulent  Theories 


Figure  10  Effect  of  Thermally  Distinct 
Spot  Size  on  IR  Derived  Temperature 
Output  from  AEDC  Test 


Figure  20  Numerical  Methodology  to  Correct  Thin  Film  Date  for 
Configurations  Violating  the  Semi-Inf lnite  Slab  Thermal  Model 
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Section  IV 

THIN  SKIN  THERMAL  MODEL 

THE  THIN  SKIM  TECHNIQUE  IN  HISTORICAL  PERSPECTIVE 

The  thin  akin  technique  ha*  baan  auccaaafully  uaad  for  tha  past  30  years  and  it  ia  atill 
conaidarad  to  ba  tha  atandard  technique  by  which  haat  tranafar  ia  infarrad  through  wind 
tunnal  uaaauramanta .  Whila  it  ia  hard  to  argua  tha  marlta  of  thia  tachniqua  (whila 
undara tanding  ita  limita  in  any  givan  application),  thara  hava  baan  tachnology  changaa 
ovar  thia  paat  30  yaara  that  argua  for  a  r«-avaluat ion  of  tha  thin  akin  tachniqua.  Thia 
ra-avaluation .  ia,  in  tha  viaw  of  tha  author,  painfully  alow  bacauaa  tunnal  oparatora  ara 
comfortabla  with  tha  tachniqua  and  wind  tunnal  uaara,  by  and  larga,  tand  to  accapt  thoaa 
tachniquaa  with  which  tha  wind  tunnal  oparatora  ara  comfortabla. 

Thara  ara  aavaral  raaaona  to  argua  for  tha  raplacament  of  tha  thin  akin  tachniqua.  Thaaa 

ara  : 


1.  Tha  tachniqua  ia  8low  and  coatly.  Each  run  ganarataa  ona  point  of  data  and  muat 
ba  followad  by  a  ralativaly  long  cool  down  pariod  in  which  tha  haat  anargy  tranafarrad  to 
tha  modal  ia  rajactad.  Fiva  aaconda  in  tha  flow  followad  by  50  to  120  aaconda  of  cooling, 
outaida  tha  flow. 

2.  Tha  modala  are  apacial  purpose  and  expensive.  Whereas  force  and  moment  or 
pressure  modala  ara  built  of  thick  stock,  thia  type  of  haat  transfer  modal  requires  the 
build-up  of  thin  sheets  and  tha  design  of  transfer  mechanisms  wherein  tha  loads  ara 
carried  by  a  hardback  structure.  Surface  buckling  or  wrinkling  is  common  in  regions  of 
non-uniform  heating  and  these  same  non-uniform  regions  ara  difficult  to  construct  for 
thia  technique  by  any  means. 

3.  Tha  schema  was  devised  years  ago  because  the  data  acquisition  and  reduction 
tachniquaa  (the  computer)  were  the  weak  link  in  tha  data  analysis.  Thin  skin  data  could 
be  reduced  by  rudimentary  computation  -  even  by  hand  or  using  a  hand  calculator  as  shown 
in  figure  33.  This  reason  is  no  longer  appropriate;  acquisition  and  analysis  computers 
ara  far  more  affective  and  much  cheaper  than  alr-on  wind  tunnal  time. 

4.  Tha  economics  hava  changed.  Teat  costa  ara  a  factor  of  100  times  higher  today 
than  30  yaara  ago  arguing  for  a  shift  from  wind  tunnal  costs  (minimize  the  air-on  teat 
time)  to  analysis  costa  (maximize  tha  exerciaa  of  computers)  in  tha  overall  acquisition 
of  data. 

5.  Tha  thin  skin  technique  simply  cannot  generate  the  amounts  or  quality  of  data 
required  today  for  a  reasonable  cost.  Tha  dynamics  of  the  boundary  layer  ara  lost  in  tha 
sluggish  response  of  a  thin  skin  gaga  but  those  same  dynamics  ara  clearly  defined  in  more 
responsive,  lower  inertia  instrumentation. 

HISTORICAL  NOTE: 

Durand  and  Rhudy ,  1959,  documented  tha  tachniquaa  of  the  day  for  the  generation  of  heat 
transfer  data  from  thin  skin  models.  Discussing  tha  generation  of  data  on  tha  X-15 
aircraft  in  tha  AEDC  Tunnal  'B*,  tha  model  was  exposed  to  tha  flow  for  about  fiva  minutes 
and  than  cooled  for  about  five  minutes.  Tha  technique  was  to  generate  high  speed 
temperature- time  data  using  recorders  for  30  seconds  and  then  to  continue  to  haat  tha 
modal  in  tha  tunnal  for  an  additional  four  minutes  to  generate  ‘equilibrium  temperature 
data'.  This  excessively  long  test  duration  was  followad  by  a  cooling  pariod  of  fiva 
minutes  in  which  tha  temperature  of  tha  model  was  reduced  to  100  degrees  F  prior  tc  the 
second  injection  in  the  series. 

Thin  skin  haat  transfer  tasting  has  changed  little  from  these  early  experiments  of  30 
years  ago.  Overall,  the  intent  is  to  expose  the  modal  to  tha  flow  as  a  step  function; 
generate  a  stream  of  temperature  vs  time  data  on  recorders  and  than  cool  tha  modal  back 
to  a  reference  temperature.  Tha  difference  is  that  tha  cycle  took  10  minutes  in  1959  and 
today  it  takas  ona  minute.  No  longer  is  equilibrium  temperature  data  generated  because 
such  data,  being  corrupted  by  tha  thin  skin  modal  design,  was  found  not  to  ba  equal  to 
tha  recovery  temperature  and  thus  of  no  value  in  the  overall  data  analysis.  Presently, 
the  Intent  Is  to  generate  temperature- time  data  as  fast  as  possible  (about  5  seconds)  and 
then  retract  and  cool  the  model  to  ambient  temperature  conditions,  about  540  degrees 
Rankins  (60  degrees  F) . 

The  thin  skin  technique  has  been  successfully  applied  to  the  generation  of  heat  transfer 
data  for  the  past  30  years.  The  technique,  is  straightforward  in  application  and  accurate 
in  results.  It  is  limited  in  applicability  by  the  appearance  of  non-uniform  surface 
temperatures  Introduced  by  extremes  in  curvature  or  regions  of  highly  localized 
interference  heating. 

BASIS  OF  THE  TECHNIQUE 


With  a  thin  skin  SM>del ,  heat  transfer  is  inferred  from  a  heat  balance  equation  written  as 
f ol lows : 
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q  =  p  C  b  j?- 
Mconv  ^  p  Q  t 


Because  of  the  operating  temperatures  of  current  day  hypersonic  teat  facilities, 
radiation  heat  transfer  can  be  ASSUMED  to  be  negligible.  Radiative  heat  transfer  is  a 
function  of  the  fourth  power  of  the  temperatures  difference  as  follows: 

^ad=  £  17  <T2-  T?> 


Conduction  losses,  while  conveniently  ASSUMED  to  be  negligible  may  have  an  important 
effect  on  the  measurement  and  must  be  considered  in  detail.  Conduction  losses  (or  gains) 
may  occur  in  three  areas:  (1)  conduction  through  the  skin  to  backing  material  behind  the 
thin  skin,  (2)  conduction  along  the  skin  caused  by  surface  temperature  distributions 
along  the  surface  of  the  model  and  (3)  conduction  losses  associated  with  the  temperature 
sensor  i tse 1 f ;  temperature  gradients  down  the  thermocouple  wires. 

CONDUCTION  EFFECTS  IN  THIN  SKIN  MODELS 
NORMAL  CONDUCTION  TO  BACKING  MATERIAL: 

The  thin  skin  material  can  be  either  structurally  sound  and  thus  open  to  the  internal 
surface  of  the  model  between  strengthening  stringers  or  it  can  be  less  structurally  sound 
and  thus  backed  by  some  insulative  material.  Heat  transfer  can  occur  between  the  thin 
skin  and  the  backing  material.  The  rate  of  loss  is  far  greater  if  the  backing  material 
is  conductive.  Even  the  use  of  air  as  a  backing  material  can  cause  some  heat  loss. 
Certainly,  stagnant  air  at  ambient  tunnel  conditions  causes  small  losses  which  can  be 
neglected.  However,  improper  model  design  can  cause  internal  airflow  which  will  produce 
forced  convection  on  the  backface  of  the  heated  surface  and  losses  which  are  measurable. 
While  no  one  would  knowingly  vent  the  internal  airflow  in  a  model,  lack  of  attention  to 
detail  can  produce  this  effect.  As  an  example,  a  Space  Shuttle  model  in  Tunnel  ‘9*  (test 
duration  of  less  than  2  seconds)  had  its  instrumentation  wires  'scoured*  by  an 
inadvertent  sub-mold-line  flow.  This  scouring  destroyed  the  wire  insulation. 

CONDUCTION  ALONG  THE  SURFACE  OF  THE  MODEL: 

Dramatic  errors  in  measured  heating  can  be  observed  as  a  result  of  conduction  of  heat 
along  the  skin.  These  errors  are  induced  by  non-uniform  heating  of  the  surface  creating, 
with  time,  non- isothermal  wall  temperatures.  Shock  interaction  regions  create  losses 
which  easily  obscure  the  measurement  to  be  made.  Corrections  can  be  made  to  these 
measurements  ...  but  with  great  difficulty.  At  a  given  time,  the  magnitude  of  conduction 
losses  along  the  skin  are  proportional  to  the  second  derivative  of  the  surface 
temperature  with  distance  along  the  surface.  Classically  simple  to  produce  through  curve 
fitting  techniques,  this  correction  requires  substantial  numbers  of  surface  measurements 
not  always  present  and  high  measurement  accuracy  in  order  to  generate  numerically 
meaningful  second  derivatives.  Because  of  measurement  inaccuracies,  this  technique  is 
rarely  used  in  practice. 

With  time,  each  measurement  location  is  subjected  to  increased  conduction  losses  as  the 
surface  temperature  levels  increase.  It  is  also  possible  to  extrapolate  data  from  a  given 
gage  back  to  low  time  where  conduction  effects  are  less  important.  Such  a  strategy 
requires  a  clear  understanding  that  the  measured  heat  flux  at  a  given  station  is  affected 
only  be  conduction  as  the  test  time  is  reduced.  Other  effects  can  occur.  Transient 
starting  shocks  must  be  considered. 

Kidd,  1963,  presented  a  significant  review  of  lateral  conduction  effects  which  are 
present  on  thin  skin  models.  Kidd  presented  several  recommendations  with  regard  to  the 
design  of  thin  skin  models  having  nominal  skin  thicknesses  of  0.030  inches.  These 
recommendations,  reproduced  from  his  paper,  are  as  follows: 

1.  If  the  model  is  to  be  designed  with  locally  thin  skin  cavities  which  are  machined 
into  a  relatively  thick  material,  these  should  be  at  least  1.1  inches  in  diameter. 

2.  If  two  dimensional  slots  are  machined  into  the  model,  the  width  of  these  slots 
should  be  at  least  1.0  inch. 

3.  If  the  airloads  are  distributed  within  thin  skin  models  through  the  use  of  a 
hardback  system  consisting  of  bulkheads,  thermocouples  should  be  located  at  least  0.45 
inches  from  these  structural  members. 

4.  The  local  radius  of  curvature  at  the  point  of  measurement  for  bodies  of 
revolution  should  be  at  least  1.5  inches. 


The  reader  should  note  that  these  recommendations  are  for  stainless  steel  models 
skin  thickness  of  0.030  inches  to  be  used  in  facilities  like  those  at  AEDC . 


with 
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The  recommendation  to  have  a  radius  of  curvature  greater  than  1.5  Inches  is  different 
than  AFWAL  experience  in  testing  slender  delta  wings.  Data  of  acceptable  quality  was 
generated  on  such  models  using  leading  edges  of  0.50  inches  radius.  Irrespective  of  such 
differences  in  detail,  the  basic  fact  is  that  there  are  limitations  in  the  use  of  thin 
skin  models  that  must  be  understood.  There  are  also  analysis  techniques  available  to 
accomplish  that  job. 

The  conduction  of  heat  into  and  away  from  the  thermocouple  will  cause  errors  in  the 
measurement  of  heat  transfer  into  the  model  surface.  Figures  34  and  35  demonstrate 
traces  that  indicate  surface  heating  with  conduction.  In  figure  34  a  natural  log  function 
is  formed  from  the  temperature  data  and  plotted  as  a  function  of  test  time.  This  function 
will  generate  a  straight  line  in  the  absence  of  conduction.  If  conduction  is  present,  the 
curves  will  not  be  linear.  Data  should  only  be  used  within  the  linear  portion  of  the 
curve.  Figure  35  demons trates  another  approach  toward  reducing  conduction  effects.  In 
this  technique,  the  reduced  heat  transfer  data  is  plotted  as  a  function  of  time  for  a 
single  gage  and  the  curve  fitted  to  the  reduced  data  is  driven  back  to  zero  time.  This 
figure  demonstrates  two  forms  of  conduction;  that  caused  by  temperature  gradients  along 
the  skin  caused  by  aerodynamic  heating  and  that  caused  by  any  initial  degree  of  model 
non-isothermal i ty  prior  to  test. 

CONDUCTION  OF  HEAT  DOWN  THE  THERMAL  SENSOR  WIRES: 

Kidd,  1965,  discussed  the  loss  of  heat  down  thermocouple  wires  attached  to  a  thin  skin 
surface.  Using  the  'TRAX'  thermal  model,  Kidd  developed  a  series  of  ground  rules 
relative  to  this  phenomena.  The  experimenter  is  caught  between  two  effects  in  the 
selection  of  thermocouple  wire  diameter.  On  the  one  hand,  small  diameter  wire  may  fail 
more  easily  during  test  and  is  certainly  harder  and  more  tedious  to  install.  On  the 
other  hand,  large  diameter  wire  drains  away  heat  due  to  conduction  effects. 

A  conclusion  figure  from  Kidd’s  paper  is  shown  as  figure  36  of  these  notes.  Based  upon 
his  analysis,  wire  diameters  of  0.005  inch  or  less  are  recommended  with  the  thermocouple 
material  as  low  in  thermal  conductivity  as  possible.  Chromel /Constantan  thermocouples 
are  noted  as  the  best  from  this  standpoint.  Highly  conductive  Copper  is  not  recommended. 

ATTACHMENT  OF  THIN  SKIN  THERMOCOUPLE  WIRES: 

Several  studies  have  been  conducted  concerning  the  best  technique  for  attaching 
thermocouple  wire  to  wind  tunnel  models.  In  general,  thermocouple  wire  can  be  attached 
either  normally  to  or  tangentially  to  the  surface  of  the  model.  The  application  of  wire 
normal  to  the  surface  maximizes  the  loss  of  heat  down  the  wires,  tangential  attachment 
creates  less  conduction  loss  by  having  more  of  the  thermocouple  length  at  the  same 
temperature  as  the  model  surface.  Figure  37  from  Kidd's  paper  indicates  the  preferred 
attachment  technique.  Apart  from  conduction  losses  down  the  wire,  there  are  several 
other  criteria  implicit  in  the  location  and  attachment  of  thermocouple  wires.  First,  the 
thermocouple  junction  formed  by  the  wires  must  occur  at  the  surface  of  the  model.  Care 
must  therefore  be  taken  not  to  create  a  Junction  below  the  surface  of  the  model. 
Twisting  the  wires  together...  and  it  has  been  done  ...  is  unacceptable.  Second.  the 
location  of  the  surface  thermocouple  junction  must  be  known  exactly.  The  tangential 
location  of  thermocouples  Introduces  some  difficulties  in  this  respect. 

ERRORS  IMPLICIT  IN  THE  THIN  SKIN  MEASUREMENT  TECHNIQUE 

The  several  errors  implied  in  the  evaluation  of  heat  through  the  thin  skin  technique  are 
(1)  an  error  in  the  measurement  of  skin  thickness  at  the  instrument  locations  ,  (2)  an 
error  in  the  material  properties  of  the  instrumented  surface  and  (3)  conduction  errors 
previously  discussed. 

SKIN  THICKNESS  MEASUREMENT. 

Careful  measurement  of  the  skin  thickness  at  each  gage  location  is  required.  The  heating 
rate  is  directly  related  to  the  accuracy  of  these  measurements .  An  accuracy  of 
measurement  of  ♦  /-  3%  is  required  to  match  the  overall  accuracy  of  the  instrumentation 
system.  Measurements  are  particularly  Important  when  electrof ormed  models  are  employed 
since  these  models  have,  traditionally,  poor  fabrication  quality  control  in  regions  of 
high  surface  curvature  where  they  are  employed 

MATERIAL  PROPERTIES: 

Over  the  years  it  has  become  clear  that  the  material  properties  quoted  for  a  particular 
class  of  stainless  steel  are  approximate  and  must  be  verified  through  a  batch  analysis  of 
the  material  to  be  used  for  the  model  in  question.  The  evaluation  of  material  properties, 
particularly  the  property  of  specific  heat  is  required. 

SPECIFY I HQ  THE  ADIABATIC  WALL  CONDITION: 

Figure  38  indicates  the  sensitivity  of  the  deduced  heat  transfer  coefficient  to  errors  in 
specifying  the  adiabatic  wall  temperature.  This  effect  will  be  discussed  in  Section  VIZ. 
It  is  sufficient  to  note  here  that  errors  in  specifying  the  adiabatic  wall  temperature 
can  translate  into  substantial  errors  in  the  resulting  heat  transfer  coefficient  as  the 
total  temperature  of  the  test  facility  approaches  the  wall  temperature  of  the  model.  This 


I 


normally  occurs  in  heat  transfer  tests  conducted  at  low  Mach  numbers 
designed  to  produce  only  enough  heat  to  avoid  liquefaction  effects. 


f ac i 1 i ties 


APPLICATION  OF  THE  THIN  SKIN  TECHNIQUE  TO  A 
HOTSHOT  TUNNEL 


In  1965  Harvey  discussed  the  application  of  thin  skin  techniques  to  models  tested  in 
impulse  facilities  operating  nominally  for  100  msec  duration.  In  Harvey's  application, 
the  measurement  surface  was  'clad"  to  the  stress  carrying  model  by  double  backed  t ape. 
The  cladding  was  very  thin,  0.002  inch  stainless  steel  stock  to  which  Chromel /Alumel 
thermocouples  0.001  inch  in  diameter  were  spot  welded.  The  stress  carrying  model  was 
locally  cut  away  at  the  measurement  stations  by  a  hole  0.25  inch  in  diameter  about  the 
thermocouple. 


E  q :  rhe  *  Cp  *  l  i  dl/dt 


Figure  33  Temperature  /  Time  Output 
from  Thin  Skin  Data 

Skin  Material:  Stainless  Steel 
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,  Note  All  data  were 
obtained  at  a  time 
point  ol  2  sec  trom 
initial  heating.  j 


Figure  35  Log  Difference  Temperature  / 
Time  Response  From  Thin  Skin  Data 
IMPRESSED 

40  f  CONDUCTION 

ERROR  7  ERROR  DUE  TO  IMPRESSED 
30 1-  \  /  CONDUCTION  ONIY^—-^ 


JO  i 


-TOTAl  MEASUREMENT  ERROR 


Marginally 
I  Acceptable  | 
i  <==£>! 


Recom- 
^  mended 


i  y  |  Not  Recommended^ 

i  ,  ss.  i  £5 

0  2  4  6  8  10  12  14  16  18  20  22  24  2 

Wire  Diameter  *  10^.  in. 

Figure  34  Errors  in  Thin  Skin  Measure¬ 
ments  Due  to  Conduction  Down  Gage  Wires 


Aerodynamic  Heating  (hi  Assumed  to  be  Applied 
to  Bottom  Surface  ol  fhtn-Skln  Section  Shown  Ab*e 

Figure  3?  Typical  Thin  Skin  Thermo¬ 
couple  Installation 
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Figure  36  Time  Wise  Heat  Conduction 
Correction  for  Thin  Skin  Thermocouples 
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Figure  38  Errors  in  Thin  Skin  Heating 
Data  due  to  Errors  in  Estimating  T 
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Section  V 
GARDON  GAGES 


Figure  39  from  an  excellent  basic  reference  by  Hornbaker  and  Rail,  1960.  indicates  the 
general  arrangement  of  the  heat  transfer  gage  known  as  a  Gardon  gage.  The  Gardon  gage 
was  developed  by  Robert  Gardon,  1956  as  a  radiation  gage.  The  gage  concept  and  the  design 
was  transferred  into  the  measurement  of  convective  heat  transfer  and  was  used  until 
recently  in  both  wind  tunnels  and  flight  research. 

The  gage  has  an  interesting  characteristic  in  that  heat  flux  is  proportional  to  the 
output  signal  of  the  sensor.  It  has  one  other  interesting  characteristic  for  the 
engineer;  it  is  dangerous  to  use  because  it  tends  to  create  a  non- iso thermal  spot  on  the 
model  which  may  well  produce  data  in  substantial  error.  The  use  of  this  gage  is  not 
recommended . 

In  Thompson’s  view,  this  would  be  considered  as  either  a  type  1  or  type  3  gage  depending 
upon  the  time  scale  of  the  application.  The  gage  design  sets  up  a  radial  temperature 
gradient  between  the  thin  foil  and  the  heat  sink  surrounding  it.  One  dimensional  heat 
flow  in  a  radial  direction  is  postulated.  The  heating  rate  is  proportional  to  the 
temperature  difference  between  the  hot  center  region  of  the  thin  foil  and  the  cold  edge 
junction  of  the  heat  sink.  Increased  gage  sensativity  can  be  introduced  by  replacing  the 
single  temperature  measurement  on  the  thin  foil  by  a  thermopile  design. 

The  problem  with  this  gage  is  that  it  can  never  be  well  Integrated  into  a  model  since  it 
presents  two  fundamentally  different  structures  to  the  flow;  a  thin  foil  that  heats 
quickly  and  a  heat  sink  that,  ideally,  does  not  change  in  temperature  during  the  run. 
These  different  structural  elements  heat  at  different  rates  and  cause  a  non- isothermal 
surface  temperature  which  perturbs  the  boundary  layer  flow  and  causes  errors  in  surface 
heating  rate  measurements.  This  class  of  gages  has  repeatedly  been  used  in  flight 
applications  -  each  time  with  bad  results. 


Section  VI 

STATIC  VS  DYNAMIC  MEASUREMENTS 


Historical ly ,  some  30  years  ago  when  heat  transfer  measurements  were  first  made  at  the 
Arnold  Engineering  Development  center;  back  when  the  X-15  was  being  tested,  a  single  teat 
point  of  heat  transfer  data  required  60  seconds  of  testing  during  which  the  model  was  in 
the  tunnel.  20  years  later  during  the  Space  Shuttle  development  program,  that  same  test 
point  required  5  seconds  in  the  tunnel.  Of  course,  in  addition  to  the  actual  test  time, 
there  was  a  substantial  time  required  to  cool  the  model  and  return  it  to  a  cooled,  test 
ready  state.  This  time  is  proportional  to  the  amount  of  heat  that  the  model  receives, 
( t i me  in  the  tunnel)  and  the  quality  of  the  cooling  system.  During  the  Space  Shuttle 
development,  the  time  between  test  points  was  of  the  order  of  3  minutes  but  more 
recently,  the  time  Interval  between  successive  injections  has  reduced  to  l  minute.  At 
this  point,  the  thin  skin  technique  appeared  to  have  reached  a  plateau  of  capability  in 
which  it  could  not  be  Improved  further.  Newer  instrumentation  techniques  that  allows  for 
'dynamic  testing*  have  reduced  the  test  intervals  even  further.  Today,  a  series  of  10 
data  points  that  at  one  time  required  600  seconds  can  now  be  accomplished  in  less  than 
200  seconds  -  Including  cooling  time.  That’s  equivalent  to  three  runs  per  minute. 

Dynamic  testing  as  a  heat  transfer  test  technique  refers  to  the  ability  to  generate 
multiple  points  of  test  data  during  a  single  injection  as  the  model  configuration  is 
maneuvered  through  the  test  section  or  modified  as  a  function  of  time.  Several  examples 
of  dynamic  testing  have  been  demonstrated  to  date.  This  technique  requires  the  use  of  an 
integrating  heat  gage  which  measures  the  variation  of  temperature  in  depth  as  a  function 
of  time  and  which,  through  data  reduction,  can  be  Interrogated  to  yield  the  level  of 
heating  at  the  instrument  point  as  a  function  of  time  and  hence  configuration 
orientation. 
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The  several  examples  of  'dynamic  testing"  explored  to  date  are  as  follows: 

1.  Space  Shuttle  with  Rapid  Pitch  Sweep 

2.  Dynamic  Shock  Impingement  Studies 

3.  Space  Shuttle  Remotely  Driven  Flap 

4.  Fully  Integrated  X-24C  Model 

5.  Slender  Cone  Rotating  and  Oscillating  in  Pitch 

The  particular  characteristics  of  these  model  applications  will  be  discussed  in  somewhat 
greater  detail  later  in  this  section  of  the  notes.  For  now,  it  is  important  to 
understand  why  dynamic  testing  would  be  required  in  a  wind  tunnel  model  and  under  what 
circumstances  it  would  be  used. 

There  are  two  basic  reasons  for  the  development  of  dynamic  measurement  techniques.  They 
are  (1)  the  generation  of  higher  quality  data  and  (2)  the  generation  of  higher  quality 
data  at  lesser  cost  and  in  shorter  periods  of  time.  Two  examples  are  worth  discussing 
here  . 

First,  shock  interaction  phenomena  create  highly  localized  regions  of  aerodynamic  heating 
with  large  thermal  gradients  about  the  peak.  Since  the  location  of  the  peak  is  not 
clearly  known,  some  initial  and  exploratory  measurements  are  required  to  locate  the  peak. 
Once  located,  instrumentation  is  strategically  placed  to  measure  peak  values.  The  process 
is  costly  in  both  development  time  and  wind  tunnel  time.  Dynamic  testing  allows  the 
placement  of  gages  in  the  approximate  location  of  the  heating  peak.  The  peak  is  then 
defined  by  observing  the  relative  output  of  this  gage  array  as  a  function  of  the  local 
motion  of  the  configuration  (such  as  the  angle  of  attack  of  the  model). 

Second,  a  slender  vehicle  with  a  deflected  control  surface  causing  local  separation  was 
tested  in  a  continuous  flow  wind  tunnel  facility.  Both  pressure  and  heat  transfer  were 
taken  by  conventional  techniques.  The  experimentally  defined  separation  characteristics 
of  that  deflected  flap  were  entirely  different  between  the  two  measurements.  The 
differences  were  due  to  a  difference  in  surface  temperature  at  which  the  measurements 
were  taken.  A  difference  that  is  directly  attributable  to  the  test  instrumentation;  a 
difference  that  disappears  with  dynamic  test  techniques. 

In  present  day  engineering,  cost  is  an  integral  factor  in  all  engineering  decisions. 
Dynamic  test  techniques  minimize  the  cost  of  test  facilities  by  maximizing  the  productive 
work  from  each  hour  of  testing.  In  most  cases,  this  process  requires  an  entire  systems 
evaluation  of  cost  factors  in  which  the  model  cost  and  the  data  reduction  and 
manipulation  costs  are  an  important  part. 

Dynamic  test  techniques  require  developments  both  in  the  area  of  advanced  sensors,  which 
I  have  termed  "integrating  sensors'  as  well  as  in  test  techniques  which  optimize  the 
dynamic  movement  of  the  model  within  the  test  section  environment. 

Integrating  sensors  are  those  which  respond  rapidly  to  changes  in  the  test  environment, 
which  absorb  and  retain  the  entire  heat  pulse  obtained  in  the  tunnel  and  which  can  be 
decoded  to  yield  data  from  continuously  changing  test  maneuvers.  Four  such  gage  designs 
are  ID  coax  gages,  (2)  Schmidt-Boel ter  gages,  (3)  isothermal  staple  gages  and  (4)  thin 
film  gages.  Only  the  first  two  have  been  used  in  a  dynamic  mode.  All  such  gages  are  based 
upon  the  semi - inf  in i te  slab  analysis  and  modifications  which  account  for  a  finite 
backface  temperature  rise. 

Dynamic  testing  involves  a  continuous  movement  of  the  model  within  the  test  section.  Such 
movement  can  be  classed  as  either  slow  or  fast  with  respect  to  the  response 
character is t ics  of  the  gage.  In  the  former  case  the  data  reduction  may  be  considered  as 
quas i -steady  state.  In  the  latter  case  the  data  reduction  requires  a  more  complex 
reconstruction  of  the  imposed  signal  through  fast  Fourier  transforms. 

TECHNIQUES  FOR  QUASI -STEADY  STATE  DATA  ACQUISITION 

This  application  of  instrumentation  began  in  the  early  1980’s  when  AFWAL  tested  a  Space 
Shuttle  model  in  the  NSWC  Tunnel  9.  The  facility  is  a  fast  blowdown  tunnel  operating  for 
less  than  2  seconds  at  substantial  cost.  Our  goal  was  to  make  maximum  use  of  the  test 
environment  by  driving  the  test  model  through  a  complete  pitch  cycle  in  one  second.  The 
model  shown  in  figure  40  was  pitched  at  rates  from  40  to  85  degrees  per  second  during 
which  time  valid  heating  data  were  acquired.  Figure  40  shows  the  quality  and  completeness 
of  the  data  as  a  function  of  the  vehicle  angle  of  attack  for  a  single  run. 

Building  on  this  success,  experiments  were  formulated  for  continuous  wind  tunnel 
facilities  at  AFWAL  and  at  AEDC .  Two  experiments  were  run  at  AFWAL ,  both  stressing 
complex  shock  interactions  in  a  Mach  6  facility.  In  the  firs*  experiment,  the  interaction 
region  ahead  of  a  cylinder  attached  to  a  flat  plate  was  instrumented  with  a  single  gage. 
The  model  was  pitched  during  a  single  rate  and  interaction  data  were  generated.  The 
interaction  data  were  unique  in  that  through  pitching  the  model,  the  interaction  process 
'swept*  across  the  limited  instrumentation  defining  the  true  peak  heating.  The  second 
experiment,  also  run  at  Mach  6,  evaluated  heating  to  deflected  control  surfaces  in  the 
same  manner  using  miniature  coax  gages.  That  model  is  shown  in  figure  41  with  the  flap 
and  instrumentation  detail  shown  in  figure  42. 
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A  larger  Space  Shuttle  model  was  tested  hypereoni cal ly  at  AEDC.  This  model,  shown  in 
figure  47,  was  modified  to  power  the  body  flap  during  test.  Data  during  a  single  run  were 
taken  as  the  flap  moved.  Phenomena,  such  as  flap  Induced  separation,  was  observed 
continuously  rather  than  at  discreet  flap  angles.  The  onboard  motor  eliminated  the  manual 
flap  adjustments  required  during  previous  tests.  This  saving  was  estimated  at 
430,000.00.  More  data  were  taken  during  a  single  shift  of  dynamic  testing  than  during  the 
entire  Space  Shuttle  development  program  ! 

DYNAMIC  TESTING;  THE  APPLICATION  OF  FAST  FOURIER  TRANSFORMS  IN 
THE  LIMIT  OF  RAPID  MODEL  MOVEMENT  RELATIVE  TO  GAGE  RESPONSE 

There  are  two  options  with  regard  to  data  acquisition  systems;  a  traditional  measurement 
system  in  which  the  response  is  related  to  the  measurement  by  a  simple  constant,  k,  or  an 
alternative  scheme  in  which  the  instrument  produces  a  distorted  response  which  can  be 
corrected  off  line  through  software.  In  dynamic  testing  where  the  measurement  signal  is 
distorted  by  the  rapid  model  motion  and  instrument  response  limits,  signal  reconstruction 
with  Fourier  transforms  has  been  successful. 

Fourier  transforms  have  been  discussed  by  several  authors  including  Harting,  1972. 
Essentially.  Fourier  established  a  unique  transform  between  the  time  and  frequency 
domains.  Because  of  their  assumed  LINEARITY,  systems  could  change  their  distributions 
only  in  amplitude  and  phase  between  the  input  and  output  data.  The  basis  of  the 
technique  is  the  Fourier  integral  (Fourier  transform).  Harting  describes  in  detail  the 
use  of  the  Fourier  transform  to  compensate  for  transient  data  distortion. 

The  technique  involves  generating  a  calibration  response  to  a  defined  input  signal  which, 
by  design,  contains  sufficient  information  over  the  bandwidth  of  interest.  See  figure 
44.  Both  calibration  input  and  response  are  digitalized.  These  signals  are  transformed 
from  the  physical  to  the  frequency  domain  and  then  ratloed,  output / input ,  to  produce  the 
transfer  function  for  the  gage,  H.  The  transfer  function  is  a  complex  number  having  both 
a  magnitude  and  phase  angle.  Favour,  1966,  details  the  mathematical  method  and  its 
1 lmi tatlons . 

Distorted  data  from  a  test  program  are  then  corrected  through  the  application  of  the 
previously  defined  transfer  function  in  the  frequency  domain.  Distorted  data  transformed 
into  the  frequency  domain  can  be  divided  by  the  transfer  function  to  provide  correction 
and  then  transformed  back  into  the  physical  domain.  This  corrected  signal  provides  an 
excellent  simulation  of  the  true  signal  that  would  be  observed  by  an  infinitely 
responsive  gage. 

In  practice,  an  application  of  this  technique  has  been  reported  by  Jenke  and  Strike,  1978 
and  Strike.  1979.  In  their  application  to  an  oscillating  sharp  cone  which  is  graphically 
described  in  figures  45  through  47.  The  Gardon  gage  used  in  the  Jenke  experiment  was 
calibrated  with  a  square  pulse  signal  which  ,  because  of  the  frequency  limitations  of  the 
Gardon  gage,  creates  a  distorted  response  in  time  as  shown  in  figure  45.  Both  the  input 
and  output  signals  are  transformed  into  the  frequency  domain  as  shown  on  the  right  side 
of  the  figure.  60  Hz  carrier  noise  is  clearly  visible  in  the  transformed  gage  output. 
The  components  of  the  transfer  function,  the  magnitude  and  phase  angle,  are  shown  in 
figure  46  produced  by  ratioing  the  input  to  output  of  the  transformed  signal.  Figure  47 
then  indicates  both  the  distorted  test  signal  and  its  transform  as  well  as  the  corrected 
teat  signal  transformed  back  from  the  frequency  to  the  time  domain. 

Limitations  of  this  techniques  were  outlined  by  Favour,  1966,  as  follows: 

1.  The  transformation  only  works  with  systems  where  the  input  and  output  are  simply 
related  by  a  linear  relationship  in  the  time  domain. 

2.  The  limits  of  integration  of  the  transformation  function  with  respect  to  time  MUST 
contain  the  complete  transient  to  which  the  instrument  is  subjected. 

3.  The  limits  of  integration  for  the  re-transf ormation  process  must  contain  the  complete 
frequency  spectrum  of  the  transient 

4.  Since  all  time  functions  are  defined  by  discrete  samples,  the  sampling  rate  must 

satisfy  the  inequality  ^ 

&t  <  2 ~ 

m 

to  assure  an  accurate  representation  of  the  Fourier  transform  in  the  range  of  frequencies 
which  define  the  complete  frequency  spectrum  of  the  transient.  In  this  inequality  omega  m 
is  the  highest  frequency  component  in  radians  per  second  of  the  time  function. 

5.  Since  each  Fourier  transform  is  defined  at  discrete  frequencies  over  the  range  of 
interest  in  the  transient,  the  resolution  of  the  Fourier  transform  must  satisfy  the 
inequal i ty 

Aw  <  (jt/T) 

where  T  is  the  length  of  the  transient  in  time.  In  other  words,  the  minimum  frequency  of 
interest  must  be  greater  than  the  delta  omega  described  by  the  inequality. 

w_  . 
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6.  In  the  calibration  process,  the  input  calibration  transient  selected  must  represent 
significantly  all  frequencies  of  interest  in  the  test  transient. 

There  are  also  requirements  with  respect  to  the  character  of  the  calibration  pulse 
generator  which  must  be  considered.  These  are  given  in  the  reference  by  Favour,  1066. 

THE  SCHMIDT- BOELTER  GAGE 


HISTORICAL  NOTE: 

Heat  flux  can  be  deduced  under  steady  state  conditions  by  measuring  the  temperature  drop 
across  a  surface  of  known  material  properties  and  known  thickness.  This  is  a  Thompson 
type  l  gage.  E.  Schmidt  appears  to  have  designed  the  firs:,  instrument  making  use  of  this 
observation.  His  instrument  consisted  of  a  rubber  strip  around  which  was  wound  a  ‘pile* 
of  100  thermocouples  wound  is  such  a  way  that  the  junctions  are  alternately  in  the  middle 
of  one  surface  and  then  the  other  surface  of  the  rubber  strip  as  shown  in  figure  48. 

Boelter  (L.M.K.  Boelter)  introduced  an  ingenious  modification  to  this  gage  by  wrapping 
the  rubber  strip  Cpiastic  in  the  case  of  Boelter)  with  Constantan  wire  and  then  silver 
plating  half  of  the  wires  to  lorm  a  si 1 ver-cons tantan  thermopile. 

Hence,  the  Schmi dt-Boel ter  gage  is  intrinsically  a  thermopile  gage  using  the  temperature 
drop  across  a  material  of  known  thermal  and  physical  properties.  The  thermopile  being 
cleverly  formed  by  wrapping  the  material  with  a  single  thermocouple  material  and  then 
plating  the  second  material  over  half  of  the  wires  to  form  the  series  of  junctions  needed 
to  form  the  thermopile. 

Because  of  the  thermopile  design,  the  output  signal  from  the  gage  is  substantial  and  that 
feature  may  well  be  important  in  its  practical  application  in  wind  tunnel  testing. 

The  drawing  on  the  right  side  of  figure  48  indicates  the  current  gage  design  based  on  the 
Schmidt-Boel ter  principle.  This  gage  is  ' semi-contourable '  in  that  normal  to  the  strip  of 
anodized  Aluminum,  the  gage  can  be  contoured. 

CURRENT  USE: 


The  Arnold  Engineering  Development  Center  is  a  large  and  enthusiastic  user  of  the 
Schmidt-Boel ter  gage.  Matthews,  1987,  lists  several  advantages  of  the  gage  including 
durability.  sensitivity  (by  virtue  of  the  thermopile  feature),  semicontourabi 1 i ty  and  a 
sel f -generating  output  signal  proportional  to  the  incident  heat  flux  imposed  upon  it.  One 
disadvantage  noted  is  ’...some  concern  about  hot-spot  effect...*;  in  effect,  non- 
isothermal  wall  effects.  This  may  limit  its  long  duration  applicability  in  tests.  The 
commercial  'Micro-Foil*  heat  gage,  shown  in  figure  49.  is  an  outgrowth  of  the  Schmidt- 
Boelter  gage. 


THE  COAX  GAGE 


The  coax  gage  created  an  instrument  based  on  a  one  dimensional  thermal  model  with  heat 
flow  INTO  the  structure.  The  coax  gage  is  a  THICK  wall  gage  based  upon  the  capture  of 
heat  within  the  thermal  mass  of  the  instrument.  In  its  most  simple  form,  the  coax  gage  is 
a  semi- inf inlte  slab  gage  as  is  the  thin  film  gage.  It  is  a  Thompson  class  2  gage. 
Modified  versions  of  this  gage  eliminate  the  requirement  that  the  gage  have  an  isothermal 
back  face  temperature  and,  in  so  doing,  change  the  character  of  the  gage  making  it  closer 
to  a  Thompson  class  1  gage;  a  sandwich  gage. 

The  gage,  which  we  call  today  a  coax  gage,  has  been  used  to  measure  heat  transfer  for 
nearly  a  half  century.  Early  use  of  the  gage  was  the  instrumentation  of  gun  barrels. 
Ferri  used  such  a  gage  in  the  1950’s  as  shown  in  figure  50.  Fabrication  technology  has 
improved  over  the  past  30  years  but  the  concept  has  remained  the  same. 


Semi - inf  ini te  slab  gages  respond  to  imposed  heating  as  their  substrate  responds.  If  the 
substrate  is  an  insulator  (as  in  the  case  of  a  thin  film  gage  described  earlier).  the 
response  is  strong  and  the  temperature  increases  rapidly.  If  the  substrate  is  a 
conductor  (as  in  the  case  of  the  coax  gage) ,  the  response  is  moderated  by  conductive  heat 
dissipation  through  the  substrate  and  the  temperature  rise  is  lower.  If  the  temperature 
rise  of  the  gage  is  low,  vhe  measurement  of  temperature  is  difficult  and  can  produce 
error.  The  amount  of  this  error  depends  upon  the  level  of  imposed  heating  rate. 
Statements  to  the  effect  that  the  gage  has  a  ...'  limited  use  in  continuous  tunnels...* 
are  incomplete.  They  presuppose  a  level  of  heating  which  varies  widely  among  continuous 
tunnels.  It  is  the  Imposed  heating  rate  that  determines  usefulness  of  the  gage  together 
with  the  interest  of  the  experimenter  in  post  test  data  smoothing. 

THE  EXTENDED  DURATION  COAX  GAGE 


Coax  gages  are  limited  in  test  duration  not 
suggested  in  the  literature  but  by  the  limitations 
conditions.  Certainly,  within  a  short  time,  the 
gage  will  diffuse  to  the  rear  surface  of  the  gage, 
modified  somewhat  by  changing  the  thickness  of  the 


by  the  diffusion  time  of  materials  as 
of  the  thermal  model  and  its  bounding 
heat  pulse  from  the  heated  face  of  the 
This  thsrmal  diffusion  time  can  be 
8M* 
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When  the  diffusion  tiros  is  exceeded,  ths  backface  temperature  of  the  gage  will  increase 
and  the  semi - inf  ini te  slab  thermal  model  is  no  longer  useful.  This  does  not  limit  the 
usefulness  of  gage.  Use  of  the  gage  for  times  exceeding  the  diffusion  time  however 
requires  more  sophistication  in  formulating  the  thermal  model,  additional  measurements 
and,  perhaps,  another  example  of  the  integration  of  numerics  and  experimentation. 

There  are  available  so  called  'three  wire  Coax  gages'  shown  schematically  in  figure  51. 
These  gages  measure  both  the  heated  surface  and  backface  temperature  and  thus  eliminate, 
for  a  time,  the  limitations  imposed  by  the  semi -inf  ini te  slab  thermal  model.  Three  wire 
gages  are  commercially  available  and  have  been  used  in  -wind  tunnel  tests  to  generate 
valid  test  data  for  up  to  30  seconds.  This  upper  time  limit  is  caused  not  by  the  fact 
that  there  no  longer  exists  a  temperature  difference  between  the  front  and  backface  of 
the  gage  but  because  the  minor  differences  in  the  thermal  properties  between  the  gage  and 
the  model  cause  extraneous  heating  through  the  sides  of  the  gage  leading  to  inaccuracies 
in  the  measurement.  Of  course,  three-wire  Coax  gages  require  additional  data  acquisition 
capacity  and  fewer  gages  can  be  sensed  during  any  one  entry  into  the  tunnel. 

Another  solution  to  this  problem  is  the  use  of  the  two-wire  gages  together  with  a  finite 
slab  numerical  thermal  model.  The  numerical  computation  of  the  backface  temperature 
would  replace  its  measurement  in  the  three  wire  gage  by  a  liner  extrapolation  of  inner 
node  temperatures.  Since  the  backface  temperature  is  not  extremely  sensitive  to  test 
motions  in  the  wind  tunnel,  the  computational  estimate  of  the  backface  temperature  will 
generate  data  of  acceptable  quality,  -his  technique  again  opens  some  questions  about 
'pure  experiments*  that,  in  the  last  analysis,  must  be  answered  by  the  experimenter. 

Data  Reduction  of  Coax  Gages 

Figure  52  outlines  two  techniques  for  the  reduction  of  coax  gage  data.  Each  begins  from 
an  exact  formulation  of  the  semi - inf  ini te  slab  thermal  model.  Both  techniques,  termed  the 
direct  method  and  the  Indirect  method,  have  been  reduced  to  a  finite  difference 
representation  in  this  figure. 

The  DIRECT  METHOD  computes  the  rate  of  heat  transfer  directly  from  temperature  data  on 
the  surface,  T(t).  The  INDIRECT  METHOD  first  computes  the  integral  of  the  heating  rate 
with  time.  Q(t),  and  then  differentiates  this  quantity  to  generate  the  rate  of  heat 
transfer.  Neither  technique  has  an  obvious  advantage  over  the  other.  The  indirect  method 
results  in  smoother  data  because  of  the  implicit  smoothing  in  the  intermediate  step  of 
computing  the  integral  of  heating  rate.  Both  techniques  are  slow  as  they  integrate  from 
an  initial  time  to  generate  results  at  each  computational  step. 

Figure  53  indicates  both  surface  and  backface  temperatures  generated  during  an  example 
case  which  simulates  model  heating  of  10  Btu/ft2  sec  in  a  wind  tunnel.  Note  the 
parabolic  nature  of  the  surface  temperature;  a  characteristic  of  this  type  of  gage.  The 
surface  temperature  demonstrates  two  tunnel  induced  features.  Early  in  the  test  there  is 
a  'blip'  in  the  surface  temperature  caused  by  the  model  traversing  the  tunnel  shear  layer 
upon  injection.  At  times  greater  than  8  seconds  the  model  is  withdrawn  and  the  surface 
temperature  decreases.  The  backface  temperature  is  isothermal  until  the  model  has  been 
in  the  tunnel  for  2  seconds. 

Figure  54  indicates  the  reduction  of  this  example  data  using  a  semi - in f l n l te  slab  thermal 
model.  Deviation  of  the  reduced  data  from  the  input  heating  level  of  10  Btu/ft2  sec  is 
observed  for  times  greater  than  5  seconds.  Reduction  of  these  same  sample  data  with  a 
finite  slab  thermal  model  is  shown  in  figure  55.  Accounting  for  the  backface  temperature 
rise  results  in  properly  reduced  data.  Figure  56  demonstrates  a  reduction  of  the  same 
example  data  by  the  same  techniques.  In  this  figure,  the  resultant  heat  transfer  is  not 
10  Btu/ft2  sec  but  11.  The  reason  for  this  is  that  the  recorded  temperature  data,  the 
basis  of  the  data. reduct ion ,  was  numerically  affected  by  random  timing  errors.  The  result 
of  such  errors  which  can  be  common  in  data  acquisition  is  the  generation  of  incorrect 
heat  flux  data.  The  reader  is  cautioned  that  successful  application  of  this  integrating 
technique  requires  numerically  smooth  input  temperature  data. 


Figure  40  Example  of  Coax  Gage  Data 
Taken  on  a  Space  Shuttle  Model 


Figure  41  Very  Small  Scale  Space  Shuttle 
Model  Used  to  Acquire  Coax  Heat  Flux  Data 
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Figure  54  Reduced  Surface  Heat  Flux 
Data  from  Example  Case  According  to 
the  Semi-Infinite  Slab  Thermal  Model 


FINITE  SIM  REDUCTION 


Figure  55  Reduced  Surface  Heat  Flux 
Data  from  Example  Case  According  to 
the  Finite  Slab  Thermal  Model 
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An  expression  for  dif f erentisting  the  deserste  function  Q(t)  is 
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Figure  56  Reduced  Surface  Heat  Flux 
Data  using  the  Finite  Slab  Thermal 
Model  with  Random  Timing  Errors  Imposed 


Section  VII 

ADIABATIC  WALL  TEMPERATURES 


Understanding  aerodynamic  heating  requires  a  knowledge  of  the  heating  rates  to  the 
surface  as  well  as  the  adiabatic  temperature  available  to  the  surface.  Supersonically, 
both  terms  are  important  with  the  relative  sensitivity  of  the  adiabatic  wall  temperature 
diminishing  as  the  Mach  number  increases.  Hypersonical ly ,  although  an  accurate 
definition  of  the  adiabatic  wall  temperature  is  significant,  it  is  difficult  to  measure 
and  therefore  normally  neglected  in  experimentation.  Numerical  approximations  or  an 
accepted  convention  are  generally  used  in  its  place. 

Classically,  from  the  definition  of  an  adiabatic  surface,  the  adiabatic  wall  temperature 
can  be  found  by  holding  a  model  in  the  tunnel  until  the  rate  of  heat  transfer  to  the 
surface  goes  to  zero.  The  resultant  surface  temperatures  are  ideally  the  adiabatic  wall 
temperatures  (plural  because  they  are  a  function  of  surface  orientation  among  other 
factors) .  Early  tests  employed  this  technique  both  at  supersonic  and  later  hypersonic 
speeds.  The  major  problem  with  this  'classical'  technique  was  that  a  special  model  was 
required  which  was  perfectly  insulated  so  that  conduction  effects  were  negligible. 
Another  problem  was  that  radiation  to  the  tunnel  walls  becomes  significant  at  hypersonic 
test  conditions  when  the  surface  temperature  approaches  the  adiabatic  wall  temperature. 
This  factor  cannot  be  adequately  accounted  for  in  practical  data  reduction  and  is  not 
considered  in  the  definition  of  the  recovery  temperature (s ) .  Finally,  in  the  absence  of 
radiation,  inferred  heating  rates  approaching  zero  at  the  adiabatic  wall  condition  imply 
that  the  temperatures  within  the  model  material  approach  a  constant  value  (dT/dx  *  0)  and 
that  temperature  gradients  with  time,  dT/dt ,  within  the  model  material  at  strategic 
points  (those  required  to  define  a  thermal  model)  also  approach  zero.  Since  most  heat 
flux  inference  techniques  rely  on  one  of  these  gradient  of  temperature,  the  accuracy  of 
the  measurement  becomes  very  poor. 

Supersonically,  techniques  exist  to  measure  directly  the  adiabatic  wall  condition  and 
these  techniques  appear  accurate.  Hypersonical ly ,  several  techniques  have  been  attempted 
with  varying  degrees  of  success.  Two  hypersonic  techniques  attempted  in  the  recent  past 
are : 
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1.  modal  exposure  for  extended  teat  periods  monitoring  the  output  of  heat  gages  as 
the  surface  temperature  APPROACHES  i**e  adiabatic  cond.it ion.  The  adiabatic  temperature  (at 
the  gage)  being  defined  as  an  extrapolation  of  the  heating  rate  level  with  increasing 
surface  temperature. 

2.  successive  tests  made  at  discreet  and  increasing  surface  temperatures  approaching 
the  adiabatic  wall  condition.  In  this  case,  testing  and  instrumentation  is  conventional 
and  the  pre-test  model  conditioning  system  is  used  to  produce  an  isothermal  model  at  the 
desired  surface  temperature. 

The  first  technique  produces  questionable  results  because  of  non- isothermal  wall  effects. 
Success  (in  terms  of  accurate  determination  of  adiabatic  temperatures)  requires 
exceptional  integration  of  the  instrumentation  into  the  model.  Few  thermal  instruments 
can  achieve  that  level  of  integration.  The  second  technique  is  straightforward  and  has 
been  used  by  AFWAL  in  a  demons tration  project  to  generate  detailed  information.  It  is 
expensive  data  to  generate  because  the  model  temperature  must  be  stabilized  and  uniform 
at  several  elevated  temperatures  outside  of  the  tunnel.  Instrument  integration,  while 
still  a  problem,  is  less  demanding  because  testing  begins  from  a  uniform  model 
temperature  with  heating  data  taken  rapidly  before  non- isothermal  wall  effects  are 
present . 

The  presence  of  non-isothermal  model  surface  temperatures  creates  a  severe  problem  in  the 
conduct  of  these  and  all  heat  transfer  measurements.  A  classic  paper  on  the  subject  was 
written  by  Gates  and  Allen,  1974.  Figure  5/  from  that  paper  indicates  that  the  level  of 
the  recovery  factor  is  directly  proportional  to  the  difference  between  the  supply 
temperature,  To.  and  the  throat  temperature.  Further,  Gates  and  Allen  have  demonstrated 
that  the  effects  of  a  non-isothermal  wall  at  the  leading  edge  of  the  model  are  both 
substantial  and  enduring  far  downstream  of  the  non-isothermal  wall  juncture.  The  paper 
is  an  excellent  reference  and  should  serve  as  a  warning  that  these  measurements  of 
recovery  factor  are  difficult  to  generate  and  prone  to  measurement  errors. 

Similar  results  were  obtained  by  AFWAL .  Using  a  successive  test  injection  technique, 
adiabatic  temperatures  were  inferred  on  a  shock  interference  model  as  shown  in  figure  56. 
These  data  as  well  as  the  more  conventional  forcing  temperature  based  on  total 

temperature  were  used  to  compute  the  heat  transfer  coefficients  as  shown  in  figure  59. 

Use  of  the  measured  adiabatic  wall  temperatures  increases  the  heat  transfer  coefficient 
substantially  in  the  interaction  region. 

For  these  data  it  appears  that  the  level  of  adiabatic  wall  temperature  is  sensitive  to 

the  features  of  the  shock  interaction  process  and  by  inference  to  many  other  local  flow 

phenomena  including.  perhaps,  vortical  phenomena.  To  the  extent  that  these  details  of 
the  adiabatic  wall  are  not  measured,  uncertainties  will  persist  in  the  data.  It  is 
possible  that  vortical  flow  on  the  fuselage  of  the  Space  Shuttle  extrapolated  poorly  to 
flight  for  this  reason. 
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Figure  57  Effects  of  Mon- Isothermal 
Wail  Effects  on  Recovery  Factor  Data 


Figure  56  Recovery  Factor  Determination 
for  Complex  Model  Using  Transient  Technique 
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Figure  59  Effect  of  Recovery  Factor 
on  Reduced  Heat  Transfer  Data 
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Section  VIII 

THE  FABRICATION  OF  WIND  TUNNEL  MODELS 
INTRODUCTION 

Wind  tunnel  models  used  to  generate  aeromechanic  teat  data  are  fabricated  either  by  (1) 
building  up  the  model  of  metallic  sub-elements,  (2)  electroforming  the  model  of  metallic 
materials  or  (3)  casting  or  forming  the  model  of  insulative  materials.  Each  of  these 
techniques  will  be  discussed. 

More  recently,  there  has  been  interest  in  the  ground  test  evaluation  of  structural 
elements  of  the  configuration.  These  tests  are  uniquely  different  from  the  classical 

generation  of  aeromechanic  data  and  present  significant  challenges  to  those  who  would 

design  and  fabricate  the  model  and  to  those  who  would  install  instrumentation  in  the  test 
model  designed  for  these  appl ications . 

The  practical  evaluation  of  heat  transfer  data  to  three  dimensional  hypersonic 

configurations  has  been  conducted  for  the  past  25  years  using  the  'thin-skin'  technique. 

Models  to  support  this  technique  are  built  up  of  metallic  sub-elements;  normally.  formed 
stainless  steel  sheet.  In  the  build  up  process,  the  ins trumented  thin  skin  surface  of 
the  model  is  supported  by  a  structural  hard  back  which  accommodate  the  loads  imposed  on 
the  configuration  by  the  test  environment.  The  instrumented  portion  of  the  model  is 
relatively  thin,  0.030  inches  (7  to  8  mm) . 

Extremely  complex  configurations  involving  compound  curvature  are  difficult  to  fabricate 
with  the  thin  skin  technique  using  material  sheet  construction.  Although  recently  CAM 
(computer  aided  manufacturing)  techniques  have  improved  our  capabi 1 i t ies ,  many  of  these 
extremely  complex  shapes  are  fabricated  by  electroforming  a  thin  skin  section  and 
attaching  that  section  to  the  structural  hardback.  Electroforming  limits  the  selection  of 
materials  available  to  the  designer;  materials  which,  generally,  have  higher  thermal 
conductivity  and  are  thus  more  susceptible  to  measurement  losses  caused  by  heat  flow 
along  the  surface. 

Insulative  models  have  been  used  for  the  past  quarter  century  to  generate  survey  data  as 
discussed  in  section  HI.  Several  materials  and  corresponding  fabrication  techniques 
have  been  used.  In  general,  these  insulative  materials  are  not  structurally  sound  and 
require  a  structural  hardback  of  metallic  materials.  Insulative  materials  selected  and 
used  in  the  past  include,  typically,  castable  Stycast  (R)  and  machinable  Teflon  (R) . 

ELECTROLESS  PLATING 

The  use  of  electroless  plating  techniques  allow  for  the  fabrication  of  extremely  complex 
aerodynamic  shapes  and/or  the  highly  detailed  instrumentation  of  aerodynamic  shapes  of 
interest.  A  recent  paper  by  Avery,  1984,  presented  an  extremely  detailed  and  informative 
picture  of  the  capabilities  and  difficulties  of  this  technique.  Figure  60 
is  a  composite  from  that  reference. 

Avery’s  model,  while  not  complex  aerodynamical ly  was  instrumented  with  256  thermocouples 
in  an  extremely  dense  array.  Two  features  from  this  experiment  deserve  consideration. 
First,  the  plating  techniques  and  the  ability  to  plate  the  model  to  a  thickness  of  0.025 
inches  are  somewhat  unique  and  second,  instrumentation  of  this  model  using  a  single 
Constantan  wire  with  the  junction  formed  between  the  Constantan  and  the  e lectrof orraed 
nickel,  Niculoy  22  is  unique.  This  technique  has  been  conducted  in  much  the  same  manner 
as  the  Soviet  microthermocouples.  Several  problems  were  uncovered  and  discussed  in  the 
report.  They  included  the  tolerance  on  plating  thickness,  cleaning  of  and  activating  the 
plating  surface,  pitting  and  surface  roughness  and  delaminations  in  the  plating  process 
and  during  testing.  Similar  but  earlier  results  were  reported  by  Stalmach , 1975 


Figure  60  Electroless-Plating  Technique  for  Fabricating  Thin 
Wall  Convective  Heat-Transfer  Models  after  Avery,  1984 
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Section  IX 

INSTRUMENTATION  IN  SHOCK  INTERACTION  REGIONS 


Regions  of  shock  interaction  present  a  particularly  complex  problem  for  thermal 
instrumentation.  These  regions  have  high  localized  aerodynamic  heating  with  large 
surface  temperature  gradients  about  the  peak  heating.  Further,  the  location  and  extent  of 
these  critical  peak  heating  locations  are  not  precisely  known  (or  vary  with  time)  so  that 
instrumentation  is  placed  with  some  uncertainty.  Finally,  conventional  model  designs 
employ  metallic  surface  materials  which  create  conduction  losses  along  the  surface  of  the 
skin  and  away  from  the  peak  heating  locations.  Scale  is  also  an  important  consideration. 
Small  scale  shock  interaction  models  okay  not  be  instrumentable  because  of  the  small  size 
of  shock  interaction  features  and/or  losses  due  to  heat  conduction.  Those  who  manage  the 
development  of  flight  vehicles  seem  fixated  on  the  evaluation  of  all  such  phenomena  using 
scaled  model  configurations.  With  shock  interaction  phenomena,  this  strategy  is  rarely 
acceptable.  The  results  of  its  use,  which  are  all  too  often  seen,  produce  biased,  low 
heating  rates.  As  an  example,  the  leading  edge  region  of  the  Rockwell  Space  Shuttle  was 
instrumented  to  obtain  shock  interaction  data.  The  instrumentation,  thermocouples 
attached  to  a  thin  skin  model,  was  improper  for  shock  interactions  on  a  model  of  this 
small  scale  in  a  continuous  flow  wind  tunnel.  The  result  was  that  the  measured  heating 
values  were  1/3  the  actual  value  of  the  heating  rate  impressed  on  the  model  by  the  test 
facility. 

The  Rockwell  Space  Shuttle,  as  well  as  several  other  development  programs,  have  used 
survey  teat  techniques  (discussed  in  section  3)  to  determine  the  location  of  such  peak 
regions.  Unfortunately,  as  has  been  discussed,  these  highly  localized  regions  are  not 
clearly  observed  with  such  survey  instrumentation.  The  result  is  that  highly  approximate 
locations  of  the  interference  peak  are  observed  with  the  resultant  level  of  the  peak 
heating  poorly  defined. 

Point  measurements  of  interference  heating  peaks  require  either  the  use  of  metallic 
models  or  the  use  of  insulative  models  with  either  thin  film  gages  or  isothermal 
thermocouple  staple  gages.  The  metallic  models  generate  substantial  conduction  losses 
a'ong  the  surface  and  the  corresponding  insulated  material  models  can  crack  due  to 
thermal  shock  caused  by  the  severe  thermal  gradients  in  the  small  interaction  regions  (as 
in  the  case  of  Macor  (R)  models).  Both  the  thin  film  and  staple  gages  may  span  the 
entire  shock  interaction  region  (depending  on  its  dimensions  and  the  orientation  of  the 
gage  in  the  flow  along  the  gage  sensing  element).  These  effects  require  corrections  for 
non-constant  surface  heating  in  the  data  reduction  and  analysis  phase. 

With  this  brief  introduction  to  the  problem,  let  us  consider  several  gages  with  which  to 
evaluate  shock  Interaction  phenomena. 

THE  COAX  QAOE  WITH  UNIFORM  HEATING 

A  thermal  model  was  used  to  evaluate  the  response  of  a  coax  gage  installed  in  a  block  of 
17-4  PH  stainless  steel  which  was  subjected  to  uniform  external  heating.  The  gage  and 
the  surrounding  stainless  steel  were  the  same  thickness  to  minimize  the  thermal 
differences  between  the  two  materials.  Figure  61  indicates  the  response  of  the  gage  for 
(a)  the  gage  in  intimate  thermal  contact  with  the  surrounding  material  but  used  in  the 
classical  mode  wherein  only  the  heated  surface  is  measured  and  the  backface  is  assumed  to 
be  isothermal;  (b)  the  gage  in  intimate  thermal  contact  with  the  surrounding  material  but 
with  both  the  heated  and  backface  temperature  measured  or  inferred  through  computations 
and  (c)  the  gage  insulated  from  the  surrounding  stainless  steel  with  a  Teflon  (R) 
insulating  ring. 

The  classic  operation  of  the  coax  gage  assumes  that  the  backface  is  isothermal  limiting 
the  application  of  the  gage  to  times  less  than  that  required  for  the  thermal  pulse  from 
the  test  to  reach  the  backface  of  the  gage.  This  is  clearly  seen  in  the  response  of  the 
gage  as  shown  in  the  figure.  Good  data  is  generated  for  a  few  seconds  and  then  the  gage 
drifts  off  and  is  not  useful.  This  shortcoming  of  the  coax  gage  can  be  overcome  by 
either  measuring  the  backface  temperature  or  computing  that  temperature  through  the 
thermal  model  employed.  With  these  improvements,  the  gage  is  useful  for  extended  periods 
of  test  time.  Here,  the  output  to  30  seconds  is  shown.  Installing  a  Teflon(R)  cylinder 
about  the  gage  was  a  t tempted  to  enforce  the  one  dimensionality  of  the  assumed  thermal 
model.  We  were  surprised  at  the  response  of  the  gage  in  this  configuration.  The 
increase  in  heating  observed  in  this  figure  is  due  to  the  fact  that  the  insulation 
material,  for  the  same  constant  heating  rate,  creates  a  differential  temperature  history 
with  respect  to  the  coax  gage  and  feeds  heat  into  the  sides  of  the  gage.  The  result,  as 
shown  in  the  figure,  invalidated  the  gage  and  is  a  dramatic  example  of  how  difficult 
measurements  are  in  even  a  uniform  heating  environment. 

THE  COAX  GAGE  WITH  NON-UNIFORM  HEATING 

Figure  6 2  Indicates  a  further  complication  to  the  idealized  case  of  a  uniform  heating 
pulse.  In  this  figure  a  heating  pulse  of  magnitude  equal  to  the  uniform  case  was  imposed 
over  only  a  1/4  inch  interval  as  shown  in  figure  63.  Five  lines  are  shown  on  this  figure 
representing  the  Mp0ctrum  of  responses  caused  by  the  coax  gage  being  progressi vely 
wrapped  in  a  Teflon(R)  insulation  material.  In  this  non-uniform  heating  case,  the  gage 
installed  directly  into  the  17-4  PH  stainless  steel  creates  a  non  uniform  response  even 
though  both  the  heated  surface  and  backface  surface  is  measured.  The  reason  for  this  is 
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that  the  thermal  gradient  produced  across  the  heated  plate  draws  heat  from  the  gage.  At 
the  other  extreme,  the  Teflon(R)  insulated  gage,  as  before,  has  the  reverse  effect.  With 
the  non  uniform  heating  across  the  plate,  the  Teflon(R)  is  thermally  drained  both  into 
the  coax  gage  and  into  the  cold  surrounding  17-4  PH  stainless  steel  structure.  The  lines 
between  these  two  extremes  represent  different  configurations  of  the  Teflon(R)  insulator. 
The  line  closest  to  the  actual  5  Btu/ft2  sec  input  is  an  optimized  (and  perhaps 
idealized)  design. 

There  are  several  consequences  of  the  data  presented  in  this  figure.  First,  the  trends 
presented  in  this  figure  are  somewhat  idealized  although  illustrative  of  the  problem. 
The  design  of  an  experiment  will  require  a  more  detailed  analyses  using  the  thermal  model 
as  well  as  validation  of  such  a  model.  Secondly,  the  consequences  of  this  figure  are  the 
f  ol lowing : 

1.  It  is  necessary  to  use  not  only  intuition  but  also  numerical  modeling  techniques 
to  correctly  integrate  instrumentation  into  a  model  for  difficult  situations  such  as 
shock  interaction.  The  competing  consequences  of  complex  heat  flows  cannot  be  adequately 
deduced  by  ad-hoc  rules  of  thumb.  A  correlary  to  that  remark  is  that  the  details  of  this 
or  any  other  installation  will  change  with  regard  to  the  heating  imposed  and  the 
incidental  features  of  the  model  in  which  the  gage  is  placed. 

2.  The  figure  demonstrates  characteristic  curves  which  are  related  to  specific 
phenomena.  These  characteristic  curves  can  be  used  to  understand  the  results  of  the 
experiment  with  regard  to  the  instrumentation  and  the  corrections  that  must  be  applied 
after  the  experiment  to  correct  the  data  of  the  incidental  features  of  the  model. 
Certainly  is  is  best  to  design  the  experiment  correctly  but,  in  spite  of  best  efforts, 
these  features  may  still  be  present  and  require  correction. 

3.  The  characteristic  shape  of  the  curve  can,  itself,  be  used  to  understand  more 
about  the  experiment  and  extract  more  data  from  the  experiment.  This  is  an  area  called 
’Parameter  Estimation*  and  it  is  possible  that  an  experiment,  properly  strategized,  could 
generate  not  only  the  required  data  but  secondary  information  on  the  quality  of  the 
instrumentation  as  well. 

In  the  final  analysis,  this  type  of  'thick  wall*  STATIC  instrumentation  is  not  all  that 
useful  in  the  evaluation  of  interference  heat  pulses. 

Studies  were  also  conducted  on  the  DYNAMIC  case  of  a  heating  pulse  sweeping  past  a  coax 
instrument.  Figure  64  indicates  the  results  of  that  numerical  experiment.  Clearly, 
sweeping  the  heat  pulse  eliminates  many  of  the  conduction  loss  problems  observed  with  the 
static  instrumentation  by  distributing  the  temperature  rise  across  the  surface  of  the 
model.  The  results  again  support  the  need  to  consider  not  only  advanced  instrumentation 
but  also  advanced  instrumentation  strategies  in  the  acquisition  of  complex  data. 


Figure  61  Effect  of  Installation  Details 
on  the  response  of  a  Coax  Qage  to  a 
Uniform  Heating  Pulse 


Figure  62  Effect  of  Installation  Details 
on  the  respose  of  a  Coax  Gage  to  a 
Non-uniform  Heating  Pulse 


4-38 


5  BTiyTT*SEC  HEAT  PULSE 


Figure  64  Coax  Gage  Response  to  a  Swept 
Pulse  of  Heating 
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Although  extensive  progress  has  been  made  in  computational  fluid  mechanics,  reliable  flight  vehicle 
designs  and  modifications  still  cannot  be  made  without  recourse  to  extensive  wind  tunnel  testing.  Future 
progress  in  the  computation  of  hypersonic  flowfields  is  restricted  by  the  need  for  a  reliable  turbulence  modeling 
data  base  which  could  be  used  for  the  development  of  empirical  models  for  use  in  numerical  codes.  Currently, 
there  are  few  compressible  flow  measurements  which  could  be  used  for  this  putpose  and,  since  additional  shear 
stress  terms  may  be  significant  at  high  Mach  numbers,  models  based  on  incompressible  measurements  may  not  be 
realistic.  In  this  lecture,  techniques  for  mean,  transitional  and  turbulent  flow  measurements  will  be  reviewed  and 
the  status  of  transition  and  turbulence  research  in  support  of  turbulence  modeling  programs  discussed. 

Procedures  for  hot  wire  and  hot  film  measurements  in  hypersonic  flows  will  be  outlined  and  assessments  made  of 
the  potential  for  hot  wire  and  laser  velocimeter  measurements  of  turbulent  fluctuations  in  hypersonic  flowfields. 
The  results  of  recent  experiments  conducted  in  two  hypersonic  wind  tunnels  will  be  presented  and  comparisons 
made  with  previous  hot  wire  turbulence  measurements. 

1.  INTRODUCTION 

Current  hypersonic  flowfield  instrumentation  is  insufficient  to  meet  present  and  future  ground  test 
requirements.  Measurements  are  required  to  establish  the  basic  physical  mechanisms  and  turbulence  models 
required  for  reliable  prediction  of  transitional  and  turbulent  hypersonic  flowfields.  With  concepts  such  as 
orbiting  high  altitude,  high  drag  aerobraking  vehicle  configurations  such  as  aero-assisted  orbital  transfer  vehicles 
(AOTV's),  high  lift  trans-atmospheric  vehicles  (TAV's)  and  the  National  Aerospace  Plane  (NASP),  we  have 
embarked  upon  a  new  era  of  hypersonic  research  and  development  which  will  stretch  our  experimental  and 
design  capabilities  to  the  limit. 

To  put  possible  future  challenges  in  perspective,  consider,  for  example,  the  concepts  discussed  in  Ref.  1. 
Such  a  vehicle  would  attain  a  cruise  Mach  number  of  25  in  low  earth  orbit.  It  will  experience  skin  temperatures 
of  up  to  2,000°F  and  dynamic  loads  which  will  exceed  current  flight  vehicle  loading  by  an  order  of  magnitude. 
The  performance  of  such  a  vehicle  will  be  extremely  sensitive  to  the  characteristics  of  the  external  flowfield. 

For  example,  skin  friction  will  account  for  up  to  50  percent  of  the  total  cruise  drag  and  ram  thrust  will  exceed 
the  drag  by  less  than  10  percent.  Thus,  at  flight  vehicle  Reynolds  numbers  of  100  million,  transition  location 
will  be  critical.  It  will  determine  heating  rates,  overall  drag  and  ramjet/scramjer  engine  inlet  performance. 
Knowledge  of  transitional  and  turbulent  hypersonic  flows  will  be  a  key  area  in  the  design  and  development  of 
future  hypersonic  flight  vehicles.  Unfortunately,  in  the  post-Apollo  era,  a  time  of  reduced  space  effort  in  the 
United  States  and  Europe,  the  subject  of  hypersonic  aerodynamics  has  been  neglected  and  many  hypersonic 
simulation  facilities  have  either  been  scrapped  or  decommissioned.  Table  1,  taken  from  Ref.  2,  lists  the  number 
of  test  facilities  in  the  categories  of  continuous  flow,  intermittent  flow  (blowdown)  using  air,  nitrogen  or  helium, 
arc  discharge,  shock  tunnels  and  other  miscellaneous  types.  Gearly,  there  has  been  a  significant  decline  since  the 
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early  sixties.  However,  with  the  resurgence  of  planned  hypersonic  research,  facilities  and  experimental  methods 
for  hypersonics  are  once  again  in  strong  demand. 

During  this  period  of  hypersonic  neglect,  great  strides  have  been  made  in  our  capabilities  to  compute 
complex  fluid  flows.  But,  reliable  flight  vehicle  designs  and  modifications  still  cannot  be  made  without  recourse 
to  extensive  wind  tunnel  testing.  At  present,  progress  in  computational  fluid  dynamics  of  hypersonic  flows  is 
restricted  by  the  need  for  reliable  experimental  data  and  an  improved  understanding  of  both  the  physics  and 
structure  of  turbulence  in  high  speed  flows  which  can  be  used  for  the  development  of  empirical  turbulence 
models  and  to  validate  Navier-Stokes  codes.  Although  some  hot  wire  data  have  been  obtained  in  previous  years, 
they  are  of  questionable  reliability  due  to  the  assumptions  which  must  be  made  to  determine  thermodynamic 
fluctuation  levels  from  the  measured  hot  wire  variables.  Currently,  there  are  few  compressible  flow 
measurements  which  could  be  used  for  modeling  purposes,  and,  since  additional  shear  stress  terms  may  be 
significant  at  high  Mach  numbers,  models  based  on  incompressible  measurements  may  not  be  realistic. 
Experiments  designed  to  aid  turbulence  modeling  of  hypersonic  flows  and  verify  computer  codes  will  require 
extensive  flowfield  mean  flow  and  turbulence  measurements. 

In  recent  years,  experimental  methods  in  lower  speed  regimes  have  made  significant  advances  due 
primarily  to  the  availability  of  high  power  lasers.  Their  introduction  has  enabled  the  field  of  laser  velocimetry 
to  expand  from  low  speed,  small  scale,  closely  controlled  laboratory  applications  to  the  measurement  of 
compressible  flows  in  large  scale  wind  tunnels  (Ref.  3.)  The  advent  of  the  laser  velocimeter  allows  us  to 
measure  velocity  fluctuations  directly  in  a  linear,  non-intrusive  manner.  Of  particular  value  is  the  capability  it 
offers  to  measure  some  of  the  compressible  turbulent  shear  stresses,  since  this  is  an  impractical  task  with  hot 
wires.  The  challenge  now  is  to  apply  these  new  computational  and  experimental  capabilities  to  the  solution  of 
current  and  future  hypersonic  flow  problems. 

Flowfield  measurements  in  support  of  new  hypersonic  designs  can  be  classified  into  two  general 
categories.  In  one  category  of  experiments,  fundamental  experiments,  sometimes  referred  to  as  "benchmark" 
experiments,  are  selected  to  provide  a  reliable  mean  flow  and  turbulence  modeling  data  base  to  guide 
computational  designs.  These  experiments  are  usually  selected  to  simulate  a  simplified  element  of  a  more 
complex  flowfield.  In  die  second  category,  less  detailed  measurements  of  complex  flows  of  a  more  immediate 
practical  interest  are  required  which  will  provide  details  for  initial  vehicle  design  formulations.  At  present, 
there  are  two  fundamental  questions  to  be  answered,  namely:  where  do  we  stand  now  and  what  are  the  prospects 
of  achieving  these  measurement  goals  in  a  timely  and  cost  effective  manner?  The  purpose  of  this  paper  is  to 
address  these  questions  and  to  discuss  the  pitfalls  and  prospects  for  flowfield  measurements  of  hypersonic  flows. 

2.  BACKGROUND 

Since  transition  from  laminar  to  turbulent  flow  can  account  for  significant  changes  in  such  important 
parameters  as  skin  friction,  heat  transfer,  and  flight  vehicle  performance,  it  is  important  that  the  variation  of 
transition  Reynolds  number  with  Mach  number  be  accurately  determined.  However,  there  is  much  speculation  at 
present  regarding  the  effects  of  Mach  number  and  unit  Reynolds  number  on  transition  location  at  hypersonic 
speeds.  The  collection  of  transition  data  shown  in  Fig.  1  shows  that  the  measurements,  at  fixed  Mach  numbers, 
vary  by  factors  of  twenty  or  more  and,  although  there  is  a  trend  of  increasing  transition  Reynolds  number  with 
increasing  Mach  number,  the  data  base  is  clearly  insufficient  for  design  purposes.  Transition  location 
uncertainties  of  these  magnitudes  could  lead  to  serious  beating,  drag  and  performance  consequences.  Although  at 
first  glance  Fig.  1  seems  to  suggest  a  lost  cause,  consistent  and  careful  measurements  can  alleviate  die  situation. 
Apart  from  the  complex  coupling  of  the  usually  unknown  frees tream  turbulence  levels  and  spectra  and  model 
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boundary  layer  transition  a  major  source  of  scatter  in  transition  data  can  be  attributed  to  inconsistent  choice  of 
transition  "point"  indicated  by  different  techniques.  This  will  be  discussed  in  more  detail  later  in  the  paper. 

A  large  quantity  of  mean  flow  compressible  turbulent  boundary  layer  data  are  also  available  in  the  open 
literature.  A  significant  number  of  these  studies  have  been  critically  reviewed  in  Ref.  4.  Boundary  layer 
measurements  are  generally  used  in  the  prediction  of  skin  friction  and  heat  transfer.  However,  although  mean 
profile  data  are  reasonably  reliable  outside  the  sub-layer,  due  to  probe  resolution  they  are  generally  insufficient 
near  the  wall  to  infer  surface  quantities.  Thus,  the  principal  areas  of  difficulty  in  mean  flow  measurements 
remain  in  the  determination  of  the  wall  shear  stress  and  heat  transfer.  Estimates  of  wall  values  from  flowfield 
studies  should  be  regarded  with  caution.  Even  direct  wall  measurements  can  be  subject  to  significant  errots, 
especially  in  pressure  gradient  flows  (see  Ref.  4.) 

At  present,  the  principal  research  tools  for  turbulence  measurement  in  low  speed  flows  are  hot  wire  and 
laser  anemometers.  In  hypersonic  flows,  hot  wires  can  be  used  reliably  to  measure  frees tream  mass  flux  and 
total  temperature  fluctuations  but  cannot  be  used  in  flows  which  involve  high  levels  of  turbulence,  separation  or 
time-dependent  flow  reversal  which  are  often  associated  with  shock/boundary  layer  interactions  (Ref.  5).  On  the 
other  hand,  due  to  resolution  limitations,  the  laser  anemometer  is  not  suitable  for  low  turbulence,  ffeestream 
measurements.  But,  with  its  linear  and  directional  sensitivity  it  probably  represents  the  instrument  of  last  resort 
for  the  non-intrusive  measurement  of  large  scale,  unsteady  turbulent  flows.  Thus,  it  is  important  that  the 
practical  problems  associated  with  both  hot  wire  and  laser  anemometry  are  addressed  and  that  redundant  hot 
wire  and  laser  velocimeter  experiments  and  comparisons  be  carried  out  to  determine  their  reliable  ranges  of 
application.  Measurements  to  support  turbulence  modeling  could  then  be  chosen  so  that  the  attributes  of  both 
techniques  could  be  applied  with  care. 

A  hot  wire  anemometer  senses  any  changes  in  the  variables  which  affect  the  rate  of  heat-transfer  between 
the  wire  and  the  fluid.  Variations  in  heat  transfer  coefficient  can  change  both  wire  temperature  and  resistance. 

If  the  wire  is  made  part  of  a  suitable  electrical  circuit,  these  changes  can  be  used  to  generate  a  signal  which  is 
related  to  the  instantaneous  heat  transfer.  Thus,  as  Morkovin  (Ref.  6)  points  out,  for  the  correct  interpretation 
of  the  electrical  signal  we  need  to  know:  1)  the  identity  of  possible  fluid  flow  variations  (eg.  turbulence  or 
sound),  2)  the  laws  of  heat  transfer  between  the  wire  and  fluid,  3)  the  variation  of  wire  resistance  with 
temperature  and  the  effects  of  conduction  to  the  supports,  and  4)  the  response  of  the  associated  electrical  system 
which  produces  the  measured  current  or  voltage  variations.  Unfortunately,  our  knowledge  in  each  of  these 
categories  is  far  from  complete  and  could  well  be  responsible  for  the  current  lack  of  reliable  data.  A  recent 
review  (Ref.  7)  of  supersonic  and  hypersonic  hot  wire  data  taken  in  zero  pressure  gradient,  adiabatic  or 
isothermal  wall  boundary  layers  illustrates  the  problem.  Fig.  2,  taken  from  Ref.  7,  shows  data  from  several 
sources  for  the  fluemating  axial  velocity  component.  The  scatter  is  so  large  that  it  is  impossible  to  construe  that 
any  form  of  similarity  with  Reynolds  or  Mach  number  exists.  The  picture  is  even  more  confusing  when  the 
distributions  of  the  other  two  normal  stresses  are  reviewed.  The  measured  shear  stress  distributions  (Fig.  3) 
once  again  show  that  no  pattern  of  similarity  can  be  observed.  Indeed,  only  Klebanoffs  incompressible 
measurements  (shown  for  comparison)  approach  the  anticipated  limiting  value  of  unity  in  the  wall  region. 

These  results  give  some  indication  of  the  deficiencies  in  the  measurement  techniques  and  data  reduction 
assumptions. 

The  problem  is  further  compounded  by  the  fact  that  a  significant  portion  of  the  available  studies  were 
conducted  in  wind  tunnel  nozzle  wall  boundary  layers  in  which  unknown  upstream  influences  could  have  affected 
the  turbulent  structure.  Also,  many  measurements  have  been  made  with  thin  film  gages  which  have  doubtful 
validity  for  quantitative  turbulence  measurements,  since  substrate  thermal  feedback  causes  probe  sensitivities  to 
vary  with  frequency.  It  is  particularly  serious  and  complex  for  multiple  films  mounted  on  the  same  substrate 
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which  are  the  type  of  probes  used  for  shear  stress  measurement  Even  with  crossed-wire  probes,  data 
interpretation  is  involved  and  can  be  unreliable.  For  instance,  the  time-averaged  expression  for  one  component 
of  the  compressible  turbulent  shear  stress  is  (pv)'u'  whereas  the  hot  wire,  after  questionable  assumptions  (Ref. 

8),  measures  (pu)V  which  differs  by  a  fust-order  term.  Thus,  it  is  clear  that  systematic  investigations  of 
fluctuating  velocities  are  still  needed,  even  in  zero-pressure  gradient  compressible  boundary  layers  to  establish  a 
reliable  data  base  for  turbulence  modeling.  Clearly,  hot  wire  turbulence  measurements  in  compressible  shear 
flows  still  present  a  formit’able  scientific  challenge.  Most  flows  of  practical  interest  can  be  extremely  sensitive  to 
probe  interference.  Local  turbulence  levels  also  normally  exceed  those  for  which  reliable  hot  wire 
measurements  can  be  expected.  Directional  intermittency  can  give  rise  to  substantial  hot  wire  errors  (Ref.  9). 

There  are  other  factors  which  affect  the  reliability  of  hot  wire  measurements  in  flows  where  more  than 
one  mode  fluctuation  is  significant.  In  these  flows,  a  fundamental  hot  wire  anemometer  requirement  for 
meaningful  quantitative  measurements  is  one  of  high-frequency  response  over  a  wide  range  of  wire  overheat 
ratios.  This  requirement  is  needed  to  separate  mass  flux  and  total  temperature  fluctuations  in  compressible, 
non-isothermal  flows.  But  it  brings  out  a  basic  flaw  in  the  most  widely  used  tool  for  current  turbulence 
research,  namely,  the  constant  temperature  anemometer  (CTA).  This  weakness  is  illustrated  by  the  following 
equation  for  the  CTA  frequency  response 

Mcta  =  M^l  +  2rRwG)  2.1 

where  Mcta  and  Mw  are  the  time  constants  of  the  anemometer  system  and  the  wire  alone,  respectively,  r  is  the 
wire  overheat,  R  is  the  wire  resistance  and  G  is  the  anemometer  transconductance.  It  can  be  seen  that  the  CTA 
frequency  response  is  directly  proportional  to  the  wire  overheat  ratio  and  at  low  overheat  ratios  (r->0)  the 
anemometer  system  time  constant  approaches  the  wire  time  constant.  Since  Mw  can  range  from  1  to  5  ms 
(frequency  response  from  32  to  160  Hz),  low-overheat,  constant  temperature  anemometer  measurements  are 
clearly  open  to  question.  Unfortunately,  low  overheat  measurements  are  required  to  determine  the  total 
temperature  fluctuations  and  the  mass  flux-total  temperature  cross  correlations.  But,  with  the  use  of 
compensating  amplifiers,  adequate  constant  current  anemometer  response  can  be  maintained  even  at  the  lowest 
overheat  ratios.  Comparisons  of  the  two  basic  hot  wire  systems  have  been  made  in  Ref.  10.  These  measurements 
clearly  show  that  there  will  be  a  need  for  alternate  constant  current  anemometer  measurements  in  many 
hypersonic  flow  situations. 

Other  sources  of  hot  wire  turbulence  measurement  uncertainty  are  the  assumptions  involved  in  reducing 
the  hot  wire  measurements  of  mass  flux  and  total  temperature  fluctuations  to  terms  which  appear  directly  in  the 
momentum  and  energy  equations.  For  example,  to  obtain  the  axial  velocity  fluctuation  levels,  we  assume  that  the 
flowfield  is  isentropic.  Using  conventional  variables  permits  us  to  write  the  energy  equation  in  its  differential 
formas 


1  3Tt 
a  T« 


where  o  =  l/{  1  +(y- 1)/2  M2)) 
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Then  we  consider  the  equation  for  the  mass  flow  per  unit  area  and  time  in  its  differential  form 

ra  u  p 
gives 


Substituting  for  dp/p  in  equation  2.2 
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or,  collecting  terms,  we  obtain 

3u  m _ 1_ 

a  ( 1  +  (v  - 


i  iu,t3u  3p  3m  3u 
(y  -  dm 


_ ajn 

DM2]  Tt 


1  [3p 

11  ♦  (v  -  1)M2]  1  P 


which,  defining  (5  =  a(y  -  1)M2,  can  be  written  as 
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In  past  shear  layer  studies,  the  effect  of  pressure  fluctuations  has  been  negelected  so  that,  with  p'/p  «  1 .0, 
equation  2.6  may  be  written  as 


Squaring  both  sides  of  this  equation  leads  to  an  expression  for  the  streamwise  turbulence  intensity  in  the 

form 

u72  /  1  \*  Tt2  2a  (pu)'Tt'  |  /  a  \2  (pu)'2 
5j2  la*  5'  It2  (a  +  B)2(pu?t)  '•a+gJ  (pu)2 

Clearly  the  measurement  accuracy  is  governed  by  a  pressure  fluctuation  assumption  which  is  probably  not 
valid  in  hypersonic  flows,  and  questionable,  low-overtieat  determinations  of  the  first  two  terms  in  equation  2.8. 
The  procedures  used  to  evaluate  other  terms  which  appear  in  the  momentum  and  energy  equations  are  reviewed 
in  Ref.  8  These  analyses  show  that  previous  hypersonic  hot  wire  measurements  could  be  subject  to  substantial 
errors.  In  more  complex  flows  which  involve  separation  or  rime-dependent  flow  reversals,  additional  problems 
occur  due  to  directional  ambiguity  effects  (Ref.  9.) 


3.  MEAN  FLOW  MEASUREMENTS 


Mean  flow  properties  are  generally  deduced  from  measured  pitot  profiles  and  measured  or  assumed  total 
temperature  and  static  pressure  profiles.  Using  standard  nomenclature,  local  Mach  numbers  within  the  flowfield 
are  determined,  by  iteration,  from  the  Rayleigh  pitot  formula 

/JLm2 

p  Vy+l  Mi  y+1/ 
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using  a  measured  wall  static  pressure  and  assuming  a  constant  static  pressure  distribution  across  the  flow.  The 
Mach  number  may  then  be  converted  into  an  appropriate  dimensionless  speed  ratio  using 


Ca*)2  = 


=  M*2  = 
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then 


(tt)2  = 
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If  the  flow  is  adiabatic  up  to  the  point  of  measurement,  a,  is  equal  to  the  reservoir  value  a^,.  It  may  be  obtained 
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from  a  measurement  of  the  reservoir  temperature  T0,  using  the  perfect  gas  relation  at2=7RT0. 

In  a  non-equilibrium  region  such  as  a  boundary  layer,  it  is  necessary  to  make  a  local  estimate  of  the  total 
temperature  distribution.  In  turbulent  adiabatic  flows,  the  model  surface  temperature  is  assumed  to  be  equal  to 
the  adiabatic  wall  temperature  for  turbulent  flow  calculated  using  a  recovery  factor  equal  to  the  cube  root  of  the 
Prandtl  number.  The  temperature  distribution  across  the  boundary  layer  is  then  found  by  assuming  the  Crocco 
or  linear  total  temperature-velocity  relationship 

(Tt-Tw)/(T0-Tw)  =  uA.e  3.5 

The  above  equations  can  then  be  used  to  determine  the  velocity  profile.  The  density  profile  can  be  determined 
from  the  static  temperature  profile  and  the  equation  of  state.  However,  when  heat  transfer,  adverse  pressure 
gradient  and  flow  curvature  are  present,  both  the  total  temperature  and  static  pressure  profiles  must  be 
experimentally  determined.  At  high  Mach  numbers,  the  effective  radii  of  curvature  required  to  produce 
significant  normal  pressure  gradients  may  be  as  large  as  5005.  Thus,  curvature  due  to  displacement  thickness 
variations  even  on  flat  model  surfaces  can  be  significant,  as  shown  in  Fig.  4  taken  from  Ref.  11. 

The  geometries  and  construction  of  typical  pitot  and  static  pressure  probes  used  for  hypersonic  boundary 
layer  studies  reported  in  Refs.  10  and  12  are  shown  in  Figs.  5  and  6.  In  this  work,  pitot  pressure  probes  were 
calibrated  in  a  free  jet  facility,  matching  Mach  number,  velocity  and  density  with  the  anticipated  test  conditions. 
These  calibrations  were  used  to  assess  the  potential  errors  due  to  rarefaction  effects  (Ref.  13).  The  static 
pressure  probes  were  geometrically  similar  to  those  used  previously  in  Ref.  13.  Independent  calibrations  to 
account  for  viscous  interaction  effects  agreed  with  the  Behren's  calibration.  Total  temperatures  in  the  flowfield 
were  measured  with  the  probes  shown  in  Fig.  7.  These  probes  were  designed  using  a  concept  suggested  by  Vas 
(Ref.  14)  and  consisted  of  an  unshielded,  butt-welded  chromel-alumel  thermocouple  0.3  cm  long  by  0.007  cm 
thick  supported  by  tapered  chromel  and  alumel  posts.  A  second  chromel-alumel  thermocouple  was  formed  at  the 
end  of  the  alumel  support.  This  provides  a  simultaneous  measurement  of  the  bun  welded  thermocouple  junction 
and  the  probe  support.  Corrections  for  radiation,  conduction  and  recovery  factor  can  then  be  made  following 
the  method  described  in  Ref.  14.  To  make  these  corrections,  the  local  Mach  number  and  Reynolds  number  must 
be  known,  thus  requiring  an  iterative  procedure  using  the  pitot  a"d  static  pressure  data.  Different  designs  have 
been  used  by  other  workers  (see  for  eg.  Refs.  15and  16).  Flowfield  surveys  were  obtained  using  traverse 
mechanisms  such  as  the  one  shown  in  Fig.  8.  Here,  a  precision  power  screw  was  driven  by  a  stepping  motor, 
whose  shaft  was  capable  of  turning  in  controlled  increments  as  small  as  1 .8  deg.  or  any  multiple.  The  vertical 
resolution  of  this  mechanism  was  0.0003  cm.  The  rotary  motion  of  the  motor  shaft  is  coupled  to  the  precision 
screw  with  antibacklash  bevel  gears  and  the  vertical  position  was  obtained  from  a  three-tum  precision 
potentiometer  driven  by  an  anti-backlash  worm  gear. 

Surface  heat  transfer  is  usually  measured  by  the  transient  thin-skin  technique  in  which  thermocouples 
measure  the  rate  of  change  of  skin  temperature  with  thermocouples  which  are  spot  welded  to  the  interior 
surface.  The  data  are  reduced  by  obtaining  a  least  squares  linear  fit  of  In  ( (T,  -  TW)/(T,  -  Twi) }  versus  time. 

Any  variation  of  the  wind-tunnel  total  temperature  (Tt)  with  time  is  included.  Estimates  of  longitudinal 
conduction  errors  can  be  made  following  procedures  outlined  by  Ref.  17.  Short  duration  facilities  offer  great 
advantages  in  the  ability  to  measure  heat  transfer  rate  using  proven  transient  techniques  (Ref.  18.) 

Skin  friction  measurement  presents  a  more  difficult  problem.  The  most  common  methods  of  measurement 
are  the  floating  element  balance,  surface  pitot  tube  and  surface  hot  film.  In  Ref.  '9,  the  local  skin  friction  was 
measured  directly  by  means  of  the  skin  friction  element  shown  in  Fig.  9.  The  element  consisted  of  a  disc.  0.312 
inches  in  diameter  suspended  from  two  flexures.  The  streamwise  force  on  the  disc  was  measured  by  means  of  a 


5-7 


difterential  transformer.  The  transformer  itself  maintained  a  fixed  position  while  the  core,  attached  to  the 
floating  element,  completed  the  magnetic  circuit.  In  the  neutral  position,  the  gap  between  the  element  and  the 
housing  was  0.003  inch  at  the  front  and  0.007  inch  at  the  back.  The  element  had  no  nulling  device  and  simply 
deflected  under  the  load  and  had  a  sensitivity  of  0.6  volts  per  gram.  An  electrolevel  was  mounted  close  to  the 
balance  to  measure  changes  in  plate  incidence  and  deflection  du  dng  each  test  and  the  zero  reading  of  the  balance 
was  then  adjusted  accordingly. 

Surface  pitot  probes  generally  consist  of  circular  or  flattened  impact-pressure  tubes  similar  to  those 
suggested  and  used  by  Preston  (Ref.  20)  as  indirect  sensors  of  skin  friction.  The  tubes  are  mounted  so  that  the 
tube  leading  edge  rests  firmly  on  the  surface  of  the  model.  In  1952,  Cope  (Ref.  21)  used  a  surface  pitot  tube  to 
make  the  first  supersonic  measurements  at  a  Mach  number  of  2.5  and  concluded  that  the  device  was  reliable  for 
making  skin  friction  measurements.  Hakkinen  (Ref.  22)  found  that  although  his  subsonic  calibration  agreed 
reasonably  well  with  those  obtained  previously,  at  supersonic  speeds  the  calibration  had  an  apparent  Mach 
number  effect  when  based  on  the  usual  calibration  factors.  This  phenomenon  was  further  examined  by  Trilling 
and  Hakkinen  (Ref.  23)  and  it  was  concluded  that  there  was  a  genuine  Mach  number  effect  on  the  surface  pitot 
calibration.  Later,  Abarbanel  et  al  (Ref.  24)  found  that,  with  the  usual  calibration  factors  based  on  the  wall 
temperature,  the  calibration  for  a  laminar  boundary  layer  was  not  affected  by  Mach  number,  but  that  the 
turbulent  boundary  layer  calibration  was  still  Mach  number  dependent.  In  1957,  Fenter  and  Stalmach  (Ref.  25) 
developed  calibration  factors  based  on  the  Von  Karman  mixing-length  theory,  following  the  compressible  skin 
friction  theory  of  Wilson  (Ref.  26),  which  collapsed  their  supersonic  Preston  tube  data  onto  a  single  curve 
between  Mach  numbers  of  1.7  and  3.7.  However,  Smith  et  al  (Ref.  27)  obtained  a  turbulent  boundary  layer 
calibration  curve,  based  on  wall  temperature,  which  was  independent  of  Mach  number  but  which  was  different 
from  the  subsonic  turbulent  calibration,  there  being  a  transitional  region  for  Mach  numbers  between  0.8  and  1 .5. 
Sigalla  (Ref.  28)  was  the  first  to  show  that  the  hypothesis  of  a  reference  temperature  or  enthalpy  can  be  used  to 
obtain  a  calibration  formula  for  Preston  tubes  that  may  be  applied  to  both  incompressible  and  compressible 
turbulent  boundary  layers. 

A  comparison  of  Preston  surface  pitot  and  Stanton  tubes  (a  modified  static  pressure  orifice)  by  Hopkins 
and  Keener  (Ref.  29)  has  shown  that,  with  the  flow  properties  based  on  the  Sommer  and  Short  reference 
temperature  (see  Ref.  30),  the  supersonic  data  obtained  between  M  =  2.4  and  3.4  fall  on  the  Preston 
incompressible  calibration  curve  provided  that  the  measured  dynamic  pressure  is  replaced  by  an  equivalent 
incompressible  pressure  coefficient.  But  it  was  also  found  in  Ref.  29  that  the  Stanton  tube  calibration  was  greatly 
affected  by  the  streamwise  location  of  the  tube  leading  edge  relative  to  the  static  orifice  over  which  it  was 
mounted.  For  these  reasons  it  was  concluded  that  a  Preston  tube,  which  is  geometrically  easier  to  duplicate  than 
a  Stanton  tube,  is  a  superior  device  for  measuring  local  skin  friction.  The  calibration  proposed  by  Hopkins  and 
Keener  was  used  to  estimate  the  local  skin  friction  coefficient  from  the  dynamic  pressure  readings.  However, 
they  found  that  the  supersonic  Preston  tube  calibration  was  not  linear  on  a  log-log  plot  and  differed  from  the 
incompressible  calibration  below  a  value  of 

(JfT)2  —  Redcf  3  l0‘  3  6 
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so  that  only  surface  pitot  readings  above  this  value  should  be  used  to  estimate  the  local  skin  friction. 

It  has  been  shown  (ref  31)  that  the  wall  shearing  stress  of  a  laminar  or  tutbulent  boundary  layer  in 
incompressible  flow  can  also  be  determined  from  heat  transfer  measurements  at  the  surface.  In  this  case  it  is 
possible  to  restrict  the  temperature  difference  AT,  to  values  small  enough  to  neglect  variations  of  p,  p  and  k. 
However,  in  order  to  extend  the  previous  equations  to  high  speed  flow,  variations  of  fluid  properties  due  to 
temperature  variations  in  the  boundary  layer  must  be  considered.  In  this  case  the  quantity  AT  denotes  the 
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temperature  difference  from  the  recovery  value,  except  where  heat  transfer  is  present  initially. 

In  incompressible  flow,  the  heat  transfer  from  a  heated  film  of  stieamwise  length  L  is  related  to  the  mass 
flow  rate  by  the  equation 
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where  all  symbols  have  their  usual  significance  and  all  properties  are  evaluated  at  freestream  conditions. 
However,  the  thermal  boundary  layer  produced  by  a  heated  film  is  confined  to  a  region  close  to  the  wall  so  that 
in  compressible  flow  it  might  by  expected  that  the  average  fluid  properties  across  the  thermal  boundary  layer 
produced  by  the  heated  film  would  be  close  to  the  wall  values  as  proposed  by  Bellhouse  and  Schultz  in  Ref.  32. 
So  that  if  the  specific  heat  Cp  and  the  Prandtl  number  a  are  taken  to  be  constant,  equation  3.7  may  be  written 
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In  a  continuous  running  tunnel,  the  right  hand  side  of  equation  3.8  will  depend  on  the  wall  temperature  and 
pressure.  Thus  for  a  heated  film 
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where  B  represents  the  heat  loss  to  the  substrate.  Calibration  and  test  results  obtained  in  high  speed  compressible 
boundary  layers  are  reported  in  Ref.  33. 

Measurements  of  mean  velocity,  Mach  number  and  density,  taken  from  Ref.  10,  are  presented  in  Fig.  10. 
For  this  compressible  non-adiabatic  boundary  layer,  the  boundary-layer  edge  defined  by  ute  velocity  profile 
(U/Ue  =  0.995)  was  located  at  y/0  =  22  and  does  not  include  the  entire  "density"  boundary  layer.  For  the 
experiment  the  boundary  layer  edge  y  =  8  was  defined  as  the  height  in  the  boundary  layer  where  the  measured 
pitot  pressure  reached  99%  of  the  local  free  stream  value  (y /6  =  25.8).  Important  methods  used  to  predict 
compressible  turbulent  boundary-layer  flowfields  are  compressible-incompressible  transformation  techniques. 
These  techniques  mathematically  transform  the  compressible  layer  into  an  equivalent  incompressible  form  which 
can  be  predicted  with  greater  confidence.  Stretching  functions  are  used  to  relate  the  two  stream  functions,  the 
density  ratio  and  the  differential  distances.  Several  transformation  techniques  have  been  previously  evaluated  for 
this  flow  (Ref.  35).  It  was  concluded  that  the  Van  Driest  (Ref,  36)  transformation  was  superior  to  the  other 
methods.  The  present  data  have  been  transformed  to  incompressible  law-of-the-wall  coordinates  (Fig.  1  la)  and 
velocity-defect  coordinates  (Fig.  1  lb)  using  the  Van  Driest  transformation  with  a  wall  friction  velocity 
determined  from  direct  skin-friction  measurements.  A  comparison  with  the  incompressible  correlation  curve  of 
Coles  (Ref.  37)  indicates  the  adequacy  of  the  transformation.  Near  the  wall  (Fig.  1  la),  the  data  are  in  good 
agreement  with  the  incompressible  law-of-the-wall  correlation  with  the  sublayer  data  (y+  <  15),  closely 
approaching  the  linear  relationship  u+  =  y+.  In  the  outer  or  wake  portion  of  the  boundary  layer  (Fig.  12)  the 
data  are  in  good  agreement  with  the  incompressible  velocity-defect  correlation. 

The  experimentally  determined  temperature  and  Mach  number  profiles  present  an  opportunity  to  test 
available  semi-empirical  relationships  between  temperature  and  velocity  at  high  Mach  number  and  with  heat 
transfer.  The  two  most  popular  being  the  linear  and  quadratic  relationships.  The  linear  relationship  is  strictly 
valid  for  adiabatic,  zero  pressure  gradient  boundary  layers  and  Prandtl  numbers  of  unity.  It  can  be  extended  to 
turbulent  flow  if  both  the  laminar  and  turbulent  Prandtl  numbers  are  assumed  to  be  unity.  Differences  in 
temperature  profiles  between  laminar  and  turbulent  flows  with  the  same  boundary  conditions  are  due  then  to 
differences  in  the  velocity  profiles.  The  quadratic  form  results  from  attempts  to  account  for  pressure  gradient 
and  to  allow  for  variable  Prandtl  number.  This  modification  which  becomes  more  important  at  higher  Mach 


5-9 


numbers  is  plotted  in  Fig.  12.  Also  shown  are  the  linear  (Crocco)  and  the  experimental  temperature-velocity 
relationship.  Except  in  the  region  close  to  the  wall,  where  the  Prandtl  number  deviates  from  unity,  the  data  are 
approximated  by  the  linear  relationship.  This  is  in  contrast  to  previous  non-equilibrium  data  (e.g.  Laderman  & 
Demetriades  (ref.34)),  which  follow  the  quadratic  relationship  through  most  of  the  boundary  layer. 

With  the  recent  advances  of  finite-difference  calculation  methods  for  computing  the  compressible  turbulent 
boundary-layer,  the  need  for  accurate  models  for  the  turbulent  shear  (Reynolds  stress)  term  and  the  turbulent 
Prandtl  number  which  appear  in  the  "time-averaged"  momentum  and  energy  equations  for  the  mean  flow  are 
clearly  evident.  However,  despite  the  extensive  experimental  and  analytical  work  which  has  been  conducted  in 
supersonic  and  hypersonic  turbulent  boundary-layers,  very  few  measurements  are  of  a  quality  high  enough  to 
serve  as  a  guide  for  the  various  calculation  schemes  and  even  fewer  are  of  the  type  that  could  give  more  insight 
into  the  turbulent  motion  itself.  Consequently,  very  little  is  known  about  the  structure  of  compressible  turbulent 
boundary-layers.  However,  one  can  either  compute  the  flow  using  various  models  for  the  turbulent  shear  stress 
and  heal  flux  terms  and  compare  these  with  experimental  profiles,  or  one  can  calculate  the  turbulent  shear-stress 
and  heat-flux  distributions  using  experimental  mean-flow  data  and  the  "time-averaged"  conservation  equations 
and  compare  the  results  with  the  assumed  models.  This  last  method  has  been  used  by  several  investigators  (Refs. 
38-42)  for  both  incompressible  and  compressible  flows.  For  incompressible  and  adiabatic  supersonic  flows,  this 
calculation  technique  has  resulted  in  correlations  which  are  suitable  for  finite  difference  calculations.  In 
addition,  Maise  and  McDonald  (Ref.  43)  have  used  experimental  velocity  profile  correlations  which  provide 
mixing-length  and  eddy-viscosity  correlations  across  the  boundary-layer  valid  for  adiabatic  compressible  flows 
up  to  M  =  5.  However,  this  calculation  technique  also  has  the  inherent  disadvantage  that  the  major  portion  of  the 
experimental  studies  of  nonadiabatic  supersonic  and  hypersonic  turbulent  boundary-layers  are  mostly  incomplete 
in  that  limited  measurements  were  obtained  for  each  flow.  In  addition,  a  significant  portion  of  the  available 
studies  are  for  wind  tunnel  nozzle  wall  boundary-layers  where  unknown  upstream  influences,  including 
non-equilibrium  effects,  have  yielded  unexplained  differences  between  flat  plate  and  nozzle-wall  flows.  Bushnell 
and  Morris  (Ref.  42)  have  examined  several  such  hypersonic  boundary-layer  flows  with  only  limited  success  in 
obtaining  a  general  correlation  for  the  shear-stress  model.  The  turbulent  Prandtl  number  could  not  be  evaluated 
for  these  flows  due  to  insufficient  data. 

In  Ref.  44,  both  the  turbulent  shear  stress  and  heat  flux  have  been  evaluated  at  several  streamwise  locations 
on  an  axisymmetric  cone-ogive-cylinder  test  model  at  M  =  7  (Ref.  44).  In  this  experiment,  extra  care  was  taken 
to  measure  all  the  mean  properties  of  a  fully  developed  compressible  turbulent  boundary-layer  with  known  and 
documented  edge  conditions  so  that  accurate  and  reliable  mean-flow  profiles  were  obtained.  The  data  have  been 
demonstrated  to  be  representative  of  a  "fully-developed"  turbulent  boundary-layer  by  comparisons  with  existing 
law-of-the-wall,  defect  law  and  skin  friction  correlations.  In  addition,  these  present  axisymmetric  data  gave 
excellent  agreement  with  previous  flat  plate  results  (Ref.  45)  obtained  at  similar  test  conditions.  The  experiment 
also  provided  an  accurate  measurement  of  the  streamwise  variation  of  boundary-layer  edge  properties  which 
were  used  in  the  calculations.  The  resulting  eddy-viscosity,  mixing-length  and  turbulent  Prandtl  number 
distributions  across  the  boundary-layer  were  then  compared  with  previous  data  and  other  assumed  models. 

A  solution  procedure  similar  to  that  outlined  in  Ref.  42  was  used  to  compute  the  eddy-viscosity,  mixing 
length  and  turbulent  Prandtl  number  distributions.  Two  representative  models  for  the  turbulent  flow  properties 
were  chosen  to  compare  with  the  calculated  results.  Cebecci's  model  (Ref.  46)  is  derived  from  incompressible 
flow  measurements  and  is  typical  of  many  distributions  currently  used  in  prediction  methods.  Maise  and 
McDonald  (Ref.  43)  have  correlated  two-dimensional  adiabatic  supersonic  flow  measurements  resulting  in 
expressions  for  the  eddy-viscosity  and  mixing-length  distributions  across  the  boundary-layer.  These  predictions, 
when  suitably  normalized,  did  not  vary  appreciably  (less  than  10%)  for  103  <  Reg  <  105  and  0  <  M  <  5. 
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Although  the  Maise  and  McDonald  correlation  was  obtained  for  flow  conditions  far  removed  from  the  present 
conditions,  a  comparison  was  made  since  this  model  is  at  least  based  on  compressible  data  whereas  Cebecci's 
model  is  not  Of  course,  any  disagreement  between  the  present  results  and  these  models  could  be  attributed  to 
compressibility,  heat  transfer  or  transverse  curvature  effects.  Comparisons  are  shown  in  Figs.  13  and  14.  The 
static  Prandtl  number  results  (Fig.  15)  appear  to  be  invariant  with  distance  except  for  y/8  =  0.75  where  the 
results  are  subject  to  uncertainty  since  accurate  normal  enthalpy  derivatives  could  not  be  determined  at  the  outer 
edge  of  the  boundary  layer.  In  general,  these  results  are  in  excellent  quantitative  and  qualitative  agreement  with 
previous  incompressible  and  adiabatic  compressible  results  (Refs.  38  and  39). 

4.  TRANSITION  MEASUREMENTS 

It  is  a  well-established  fact  that  in  incompressible  flows  transition  to  turbulence  is  the  result  of  not  one  but 
several  instability  mechanisms  and  there  are  many  indications  that  in  compressible  flows  the  transition 
phenomenon  is  basically  the  same.  In  the  absence  of  large  disturbances  in  the  freestream  transition  involves  a 
sequence  of  processes  occurring  in  the  following  order  die  amplification  of  weak  disturbances;  the  non-linear 
development  of  disturbances;  the  development  of  high-shear  layer  and  high  frequency  disturbances;  and  the 
development  of  turbulent  randomness. 

Early  records  of  the  velocity  fluctuations  in  a  transition  region  measured  using  sensitive  hot  wire  methods 
have  shown  intermittent  regions  of  laminar  and  then  turbulent  flow.  This  was  interpreted  as  transition  being  an 
abrupt  process,  the  gradual  change  in  measured  mean  flow  in  this  region  being  caused  by  the  abrupt  spanwise 
line  of  transition  fluctuating  rapidly  in  the  stream  wise  direction.  Emmons  (Ref.  47)  introduced  the  idea  of 
turbulent  spots  which  originate  in  more  or  less  random  fashion  and  increasingly  overlap  as  they  enlarge  during 
their  transit  downstream,  finally  covering  the  entire  flowfield  and  resulting  in  fully  turbulent  motion.  The 
passage  of  these  spots  over  points  on  the  surface  results  in  alternations  of  laminar  and  turbulent  flow.  These 
alternations  can  be  quantitatively  described  by  an  intertnittency  factor  y  which  represents  the  fraction  of  time  any 
point  spends  in  turbulent  flow.  More  recent  experiments,  including  those  of  Schubauer  and  Klebanoff  (Ref.  48) 
and  Elder  (Ref.  49)  verified  Emmons'  observations,  and  added  much  detailed  information.  It  was  shown  that 
spot  formation  is  essentially  "point-like"  in  the  sense  that  the  size  of  the  spot  is  initially  of  the  order  of  the 
boundary  layer  thickness,  and  it  was  also  found  that  there  are  essentially  no  interaction  effects  between  spots. 
This  latter  characteristic  ensures  that  the  interim ttency  factor  at  any  point  can  be  calculated  by  adding  the  effects 
of  individual  spots.  This  gave  justification  to  the  good  correlation  of  Dhawan  and  Narasimha's  theory  with 
experiment  (Ref.  50)  in  which  it  was  shown  that  the  intertnittency  factor  could  be  used  to  predict  the  velocity 
profile  and  skin  friction  variation  through  transition  when  tire  spots  were  assumed  to  originate  within  a  small 
stream  wise  region.  The  Schubauer-Klebanoff  studies  of  isolated  turbulent  spots  growing  in  time,  linked  the 
temporal  rate  of  growth  with  the  lateral  rate  of  propagation  downstream  of  a  fixed  strong  disturbance.  At  low 
subsonic  speeds  the  angle  of  propagation  of  this  transverse  contamination  appears  to  be  constant,  8.5  to  11.5 
degrees,  despite  the  fact  that  the  laminar  layer  is  getting  increasingly  more  unstable  with  distance  downstream. 
Schubauer  and  Klebanoff  (Ref.  48)  generated  their  artificial  turbulent  spots  by  spark  discharge  in  the  boundary 
layer.  The  sparks  were  always  strong  enough  to  create  turbulence  locally,  no  matter  what  the  Reynolds  number. 
However,  there  was  no  lateral  propagation  of  this  turbulence  to  the  surrounding  laminar  shear  layer  until  the 
Reynolds  number  exceeded  the  critical  minimum  for  amplification  of  the  Tollmien-Schlichting  waves. 

The  optical  properties  of  the  turbulent  spots  at  supersonic  speeds  make  them  more  readily  observable  than 
at  low  speeds,  especially  on  bodies  of  revolution.  However,  the  variety  of  observed  patterns  of  seeding  and 
growth  reported  in  the  literature  is  considerable.  Many  shadowgraphs  showing  bursts  at  Math  numbers  from 


about  3.7  to  7  are  presented  by  James  in  Ref.  51 .  In  all  cases,  the  turbulent  spots  appear  to  travel  downsream  at 
a  uniform  speed,  and  to  grow  laterally  at  a  constant  rate.  James  also  found  that  the  shape  of  the  turbulent  spots 
was  very  similar  to  those  observed  in  subsonic  flow.  The  angle  defining  the  zone  of  influence  appears  to  be 
nearly  independent  of  Mach  number  since  it  was  found  to  be  about  the  same  in  James'  observations  at  Mach  3.7 
as  at  subsonic  speeds-about  10  degrees.  However,  there  is  some  suggestion  in  James'  data  that  this  angle  may 
decrease  at  higher  Mach  numbers.  There  is  also  some  evidence  that  the  frequency  of  spot  production  increases 
with  increasing  unit  Reynolds  number  and  increasing  surface  roughness.  Spangenberg  and  Rowland  (Ref.  52) 
also  found  that  the  spot  production  rate  increased  with  roughness  and  unit  Reynolds  number  and  that  the  growth 
rate  of  the  spots  noimal  to  the  model  surface  was  precipitous  at  the  time  of  birth.  The  spots  grew  to  about  three 
laminar  layer  thicknesses  while  they  travelled  a  distance  equal  to  their  spacing.  However,  the 
Spangenbeig-Rowland  view  of  turbulent  burst  breakdown  far  from  the  leading  edge  is  somewhat  contradictory 
to  the  data  of  James  (Ref.  51)  and  Jedlicka  et  al  (Ref.  53)  who  report  a  substantial  proportion  of  cases  where 
spots  originate  at  or  very  close  to  the  leading  edge.  Whereas,  Evvard  et  al  (Ref.  54)  reported  that  only  3  per 
cent  of  their  Schlieren  pictures  on  a  5  degree  half  angle  cone  at  M  =  3.12  showed  any  bursts  separated  from  the 
main  body  of  turbulence.  Jedlicka  et  al  also  reported  that  seemingly  identical  models  often  produced  decidedly 
different  numbers  of  bursts  from  which  they  inferred  that  the  bursts  were  produced  by  surface  roughness 
especially  near  the  leading  edge. 

In  spite  of  the  extensive  experimental  and  analytical  work  which  has  been  conducted  in  supersonic  and 
hypersonic  transitional  boundary  layers,  there  is  still  much  speculation  regarding  the  detailed  structure  of  and 
mechanisms  influencing  boundary-layer  transition.  Morkovin  (Ref.  55)  and  Laufer  (Ref.  56)  have  pointed  out 
that,  at  high  fieestream  Mach  numbers,  the  sound  field  which  radiates  from  the  turbulent  boundary  layers  on  the 
wind  tunnel  walls  is  a  major  source  of  fieestream  disturbances  and  must  be  considered  in  all  transition 
experiments.  Pate  and  Schueler  (Ref.  57)  have  shown  that  the  effects  of  aerodynamic  noise  on  boundary-layer 
transition  may  be  related  to  a  number  of  wind-tunnel  parameters  including  Mach  number  and  unit  Reynolds 
number.  But  noise  cannot  explain  the  unit  Reynolds  number  effect  observed  in  the  ballistic  range  experiments  of 
Potter  (Ref.  58)  where,  in  the  absence  of  significant  freestream  disturbances,  the  variation  of  transition  Reynolds 
number  with  unit  Reynolds  number  was  comparable  to  those  observed  in  noise-contaminated  wind  tunnels.  It  is 
apparent  that  more  data  are  needed  to  determine  the  effect  of  freestream  disturbances  on  boundary-  layer 
transition.  A  better  understanding  of  the  transition  mechanism  could  be  obtained  if  experiments  were  designed 
to  obtain  a  more  complete  picture  of  the  structure  and  extent  of  die  transition  region,  together  with  fluctuation 
measurements  in  the  freestream  rather  than  the  mere  determination  of  a  single  transition  "point"  from  mean 
surface  measurements,  which  has  usually  been  the  case.  Indeed,  many  transition  anomalies  could  well  be 
explained  by  consistent  and  detailed  measurements. 

For  example,  one  of  the  activities  of  the  NASA  Transition  Study  Group  (Ref.  17)  was  undertaken  to 
resolve  previously  reported  differences  between  boundary-layer  transition  Reynolds  number  data  measured  at 
similar  test  conditions  in  two  different  wind  tunnels.  These  data  (see  Fig.  16)  were  obtained  on  two  similar  5 
deg.  half-angle  cones  in  the  Ames  3.5-Foot  Hypersonic  Wind  Tunnel  using  thermocouples  and  in  the  Langley 
18-in.  Variable  Density  Wind  Tunnel  using  thermal  paint  and  thermocouples.  To  investigate  these  transition 
Reynolds  number  differences,  new  boundary-layer  transition  measurements  were  obtained  in  both  facilities  on 
two  different  5  degree  half-angle  cone  models.  One  was  a  thin-skin  thermocouple  model,  instrumented  with 
iron-constantan  thermocouples.  The  second  model  was  instrumented  with  platinum  th in-film  gages  which  were 
operated  at  constant  temperature  and  installed  flush  with  the  model  surface.  The  variation  of  the  RMS  thin-film 
voltage  fluctuations  of  a  single  gage  over  a  range  of  unit  Reynolds  numbers  is  shown  in  Fig.  1 7.  The  curves 
clearly  show  a  rise  from  the  laminar  to  the  turbulent  level,  with  an  intermediate  peak.  These  curves  enable  three 
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distinct  points  in  the  transition  region  to  be  accurately  and  consistently  detetrained:  namely,  the  onset  of 
transition,  defined  as  the  point  where  the  mis  signal  begins  to  increase  from  its  laminar  value  (this  onset  of 
intennittency  can  be  clearly  seen  on  the  oscillosscope  traces);  the  peak  rms  signal,  which  coincides  with  the  point 
of  maximum  turbulent  burst  frequency  (Ref.  59)  and  the  end  of  transition.  Examples  of  the  characteristics  of  the 
film  voltage  fluctuations  through  the  transition  region  are  shown  on  Fig.  17. 

Variations  in  Stanton  number  through  the  transition  region  as  measured  in  the  Langley  facility  using  the 
thermocouple  technique  are  shown  in  Fig.  18.  In  this  case,  four  values  of  transition  Reynolds  number  could  be 
determined:  namely,  the  onset  of  transition,  defined  as  the  point  where  the  Stanton  numbers  first  consistently 
exceed  the  laminar  value;  the  "beginning,”  obtained  by  fairing  straight  lines  through  the  laminar  and  transitional 
data;  the  "end,"  obtained  by  fairing  straight  lines  through  the  turbulent  and  transitional  data;  and  finally  the  peak 
Stanton  number.  However,  at  the  lower  unit  Reynolds  numbers,  anomalous  heat-transfer  data  were  observed 
only  in  die  Langley  facility  and  can  be  clearly  seen  in  Fig.  18.  That  is,  apart  from  the  scatter  in  the  laminar  data, 
an  initial  unexplained  deviation  from  the  laminar  value  occurs  before  what  appears  to  be  the  "true"  onset  of 
transition.  This  region  of  anomalous  heating  decreased  with  increasing  Reynolds  number. 

The  influence  of  unit  Reynolds  number  on  the  magnitude  of  the  transition  Reynolds  numbers  and  the 
extent  of  the  transition  region  as  measured  in  both  facilities  with  the  thin-film  gage  model  is  shown  in  Fig.  19. 
Contrary  to  the  previous  measurements,  there  is  excellent  agreement  between  the  two  sets  of  data  obtained  in  the 
two  facilities.  However,  comparison  of  the  thermocouple  transition  data  obtained  in  die  two  wind  tunnels  still 
shows  some  differences  when  the  conventional  beginning  and  end  of  transition  points  are  used  (Fig.  20).  The 
beginning  data  clearly  show  that  the  thermocouple  technique  does  not  provide  consistent  transition  point  data. 
This  is  probably  caused  by  the  anomalous  heating  data  discussed  earlier  since  this  causes  the  beginning  of 
transition  to  be  determined  at  different  values  of  turbulent  intermittency  depending  on  the  unit  Reynolds  number 
and  test  facility.  Differences  between  transition  detection  methods  have  also  been  observed  in  Ref.  59  where  it 
was  concluded  that  heated  thin  film  gages  operated  at  constant  temperature  provide  a  ready  means  of  detecting 
the  onset  and  length  of  transition  in  subsonic  and  supersonic  flows,  thus  enabling  the  effects  of  Mach  number  and 
unit  Reynolds  number  on  transition  "point"  data  to  be  more  accurately  determined.  Much  of  the  scatter  in 
transition  data  can  be  attributed  to  the  inconsistent  choice  of  transition  "point"  indicated  by  different  techniques, 
mostly  locating  positions  near  the  end  of  transition,  which  have  a  strong  Mach  number  and  unit  Reynolds  number 
dependence. 

A  more  complete  picture  of  transition  dependence  on  the  various  parameters  can  only  be  obtained  from 
experiments  in  which  the  positions  of  the  beginning  and  end  of  transition  are  accurately  determined.  It  is  of 
interest  to  note  that  transition  data  reported  for  supersonic  and  hypersonic  flows  are  not  generally  based  on 
observations  of  turbulent  spots  but  rather  some  macroscopic  quantity  such  as  skin  friction,  heat  transfer,  or 
surface  pitot  pressure,  whose  departure  from  laminar  values  can  be  detected  only  when  the  intermittency  is 
appreciably  greater  than  zero.  Intermittency  measurements  in  the  transition  region,  obtained  by  passing  the  ac 
components  of  the  hot  film  signals  through  a  Schmidt  trigger  circuit,  are  shown  in  Fig.  21 .  There  is  a  close 
similarity  between  the  intennittency  variations  in  subsonic  and  hypersonic  transitional  boundary  layers  as  shown 
by  the  good  agreement  between  the  present  data  and  the  incompressible  data  of  Dhawan  and  Narashima  (Ref. 

50).  The  extent  of  transitional  flow  at  hypersnic  speeds  leads  to  problems  in  the  prediction  of  turbulent  skin 
friction  and  heat  transfer.  The  prediction  of  transition  sensitive  data  such  as  turbulent  skin  friction  at  supersonic 
speeds  is  not  yet  at  an  advanced  state  and  there  are  large  differences  between  available  theories.  Since  skin 
friction  drag  forms  such  a  large  part  of  the  total  drag  of  proposed  hypersonic  transports,  and  since  most  of  the 
methods  used  to  estimate  the  beat  transfer  to  hypersonic  vehicles  require  a  knowledge  of  the  wall  shear  stress,  it 
is  essential  that  it  is  accurately  determined  at  the  design  stage. 
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Peterson,  Ref.  60,  has  reviewed  a  number  of  experimental  and  theoretical  results  for  compressible 
turbulent  boundary  layer  skin  friction  over  a  wide  range  of  conditions  up  to  M  =  10.  Of  the  seven  theories 
reviewed,  the  reference  temperature  method  of  Sommer  and  Short  (Ref.  30),  gave  the  best  agreement  with 
experiment  over  the  whole  range.  In  this  method,  the  fluid  properties  are  evaluated  at  some  intermediate 
temperature  in  the  boundary  layer.  This  reference  temperature  T*.  is  a  function  of  freestream  Mach  number 
and  of  the  wall  to  freestream  temperature  ratio.  These  properties  are  then  used  with  incompressible  turbulent 
skin  friction  forlumae  to  obtain  compressible  skin  friction.  Since  1963,  a  new  method  for  the  prediction  of 
compressible  turbulent  skin  friction  has  been  developed  by  Spalding  and  Chi  (Ref.  61).  Also,  additional 
experimental  data  for  supersonic  skin  friction  at  high  Reynolds  numbers  (e.g..  Refs.  62  and  63)  have  extended 
the  range  over  which  experimental  results  are  available.  A  comparison  has  been  made  between  experimental 
data  and  the  predictions  obtained  from  the  Sommer  and  Short  and  Spalding  and  Chi  methods  in  Ref.  64  in  which 
it  is  shown  that  neither  method  gives  completely  satisfactory  results  over  the  entire  range  of  Reynolds  numbers. 
The  Sommer  and  Short  method  provides  the  better  predictions  in  supersonic  flow,  and  the  Spalding  and  Chi 
method  is  more  accurate  in  hypersonic  flow.  The  authors  concluded  that  the  comparison  between  theory  and  the 
latest  experimental  results  for  compressible  turbulent  skin  friction  had  shown  that  more  data  are  needed  to 
increase  confidence  in  the  prediction  of  skin  friction  at  hypersonic  speeds  and  high  Reynolds  numbers. 

However,  in  all  empirical  analyses  of  turbulent  skin  friction,  a  basic  parameter  is  the  Reynolds  number 
based  on  the  length  of  turbulent  flow,  where  it  is  generally  assumed  that  a  fully  developed  turbulent  boundary 
layer  originates  at  the  leading  edge.  But  in  practice,  extensive  laminar  flow  always  exists  near  the  leading  edge, 
followed  by  a  transition  region  and  then  by  fully  developed  turbulent  flow.  Therefore,  in  analyses  of 
experimental  results,  the  conditions  and  rate  of  growth  of  the  turbulent  boundary  layer  at  a  given  position  are 
assumed  to  be  equivalent  to  the  conditions  in  a  fully  turbulent  boundary  layer  originating  at  a  point  somewhere 
behind  the  leading  edge.  This  fictitious  origin  of  the  turbulent  boundary  layer  is  known  as  the  virtual  origin  and 
the  Reynolds  number  based  on  the  length  from  the  virtual  origin  as  the  effective  Reynolds  number.  Since  at  high 
supersonic  speeds  the  length  of  the  transition  region  is  often  as  long  as  the  length  of  laminar  flow  proceeding  it, 
the  choice  of  the  virtual  origin  can  account  for  large  differences  between  theory  and  experiment,  especially  if  the 
properties  of  the  turbulent  boundary  layer  close  to  transition  are  required.  Far  downstream  the  choice  of  the 
virtual  origin  is  less  critical. 

The  method  most  commonly  used  to  determine  the  position  of  the  virtual  origin  is  by  extrapolation  of  the 
boundary  layer  momentum  thickness  to  zero.  The  virtual  origin  is  then  taken  as  the  point  where  the  momentum 
thickness  would  have  been  zero  if  the  boundary  layer  had  always  been  turbulent.  Various  methods  of 
determining  this  origin  are  outlined  in  Ref.  60,  but  their  application  requires  previous  selection  of  a 
compressible  boundary  layer  theory.  Alternatively,  the  virtual  origin  can  be  assumed  to  be  at  approximately  the 
same  location  as  the  point  of  minimum  shear,  or  minimum  heat  transfer,  which  is  assumed  to  be  at  the  end  of 
laminar  flow.  Although  these  methods  do  not  have  the  theoretical  basis  of  the  methods  of  extrapolating 
momentum  thickness,  they  are  more  convenient  experimentally.  They  do,  however,  rely  on  changes  in  average 
velocity  profile  through  the  transition  region  which  will  be  different  from  the  true  time  mean. 

At  subsonic  speeds,  Dwahan  and  Narasimha  (Ref.  50)  showed  that  the  intermittency  factor  can  be  used  to 
predict  the  velocity  profile  and  skin  friction  variations  within  the  transition  region  and  that  the  origin  of  the 
turbulent  boundary  layer  is  approximately  coincident  with  the  onset  of  intermittency.  But,  at  supersonic  speeds, 
an  analysis  of  a  large  body  of  heat  transfer  data  by  Bertram  and  Neal  (Ref.  65)  has  shown  that  the  choice  of  the 
virtual  origin  at  the  point  of  peak  shear  or  peak  heating  gave  the  most  consistent  results.  However,  this  choice  of 
the  virtual  origin  close  to  the  end  of  transition  is  somewhat  unrealistic.  The  problem  of  choosing  a  consistent 
virtual  origin  is  far  from  resolved  as  evidenced  in  the  discussion  on  boundary  layer  transition  at  the  AGARD 
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meeting  in  May  1968  (Ref.  66).  Thus,  it  is  felt  that  the  more  accurate  location  of  onset,  peak  fluctuation  level, 
and  end  of  transition  provided  by  heated  thin  film  gages  should  help  to  resolve  the  difficulty  of  choosing 
consistent  transition  and  virtual  origin  positions. 

There  are  numerous  methods  for  predicting  compressible  skin  friction,  but  many  theories  have  been 
shown  to  be  at  large  variance  with  experimental  data.  Accordingly,  only  those  theories  which  are  generally 
accepted  will  be  considered.  In  incompressible  turbulent  flow,  the  use  of  the  mixing  length  law  of  either  Prandtl 
(ky)  or  Von  Kerman  ((du/dyVfdV/dy2))  leads  to  the  same  form  for  the  skin  friction  coefficient.  A  large  amount 
of  experimental  data  have  been  accumulated  at  subsonic  speeds,  and  by  adjusting  an  arbitrary  constant  to  fit  the 
data.  Von  Karman  obtained  the  following  equation  for  incompressible  turbulent  skin  friction,  namely, 

=  log  (CpRe)  4.1 

which  is  known  as  the  Karman-Schoenherr  equation  and  is  the  most  widely  accepted  formula  for  calculating 
incompressible  skin  friction. 

In  compressible  flow  however,  the  two  mixing  lengths  of  Von  Karman  and  Prandtl  do  not  give  the  same 
form  for  the  skin  friction  coefficient.  Results  obtained  by  Van  Driest  (Ref.  67)  with  the  Prandtl  mixing  length 
are  different  to  those  obtained  by  Wilson  (Ref.  26)  with  the  Von  Karman  mixing  length.  By  using  Prandtl's 
mixing  length  hypothesis  in  compressible  flow,  Van  Driest  obtained 

4=  *  =  *<*  (cF.w  Rew  4  2 
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where  <p  is  a  function  of  the  wall  and  freestream  temperatures.  But  the  use  of  the  Von  Karman  mixing  length 
leads  to  the  following  form 
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which  was  given  by  Wilson  for  zero  heat  transfer,  and  by  Van  Driest  (Ref.  68)  for  heat  transfer.  Among  the 
simplifications  used  by  Wilson  and  Van  Driest  was  the  assumption  that  the  mixing  length  hypothesis  applied  all 
the  way  through  the  boundary  layer  to  the  wall.  This  assumption  which  neglects  the  "laminar  sub-layer," 
resulted  in  a  simplified  expression  for  0.  However,  Monaghan  (Ref.  69)  gave  another  form  for  0  in  which  the 
laminar  sub-layer  was  included.  Originally  it  was  believed  that  taking  the  laminar  sub-layer  into  account  would 
improve  the  two  mixing  length  theories.  But  in  Ref.  60  it  was  shown  that  there  was  only  slight  improvement  in 
the  agreement  between  theory  and  experiment  at  zero  heat  transfer  and  reduced  agreement  under  conditions  of 
heat  transfer. 

The  remaining  theories  are  more  empirical  in  nature.  Cope  (Ref.  70)  assumed  that  the  equation  for  the 
non-dimensional  velocity  profile  was  the  same  in  compressible  flow  as  in  incompressible  flow  if  the  wall 
conditions  of  density  and  viscosity  were  used.  With  this  assumption,  the  compressible  skin  friction  formula  was 
found  to  be 
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The  intermediate  temperature  method  of  calculating  skin  friction  was  originally  used  by  Rubesin  and  Johnson 
(Ref.  71)  for  laminar  flows,  and  was  adapted  to  turbulent  flows  by  Eckert,  Sommer  and  Short  and  others.  The 
constants  used  by  Sommer  and  Short  (Ref.  30)  have  been  used  in  this  comparison  as  their  predictions  are 
generally  regarded  as  being  in  better  agreement  with  the  experiment  The  results  of  Sommer  and  Short  give 
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Spalding  and  Chi  (Ref.  61)  postulated  that  a  unique  relation  exists  between  CfFc  and  ReFR  where  Fc  and  FR 
depend  only  on  Mach  number  and  wall  to  freestream  temperature  ratio.  The  experimental  data  were  found  to  be 
too  scanty  for  both  Fc  and  FR  to  be  deduced  empirically,  so  that  Fc  was  calculated  by  means  of  the  mixing  length 
theory  and  FR  was  found  semi-empirically.  Tables  and  chans  for  Fc  and  FR  to  be  used  in  the  calculation  of  skin 
friction  were  presented. 

Since  the  correct  choice  of  the  virtual  origin  is  so  important  in  evaluating  empirical  predictions  which 
cover  a  large  range  of  conditions,  a  number  of  assumptions,  ranging  from  the  leading  edge  to  the  end  of 
transition,  have  been  made  in  Fig.  22  where  the  experimental  data  at  Mach  4.0  (Ref.  19)  have  been  compared 
with  various  predictions.  For  this  comparison,  the  virtual  origin  has  been  chosen  at  (a)  the  physical  leading 
edge,  (b)  onset  of  transition,  (c)  peak  fluctuation  level,  and  (d)  end  of  transition.  The  exact  positions  of  (b),  (c) 
and  (d)  were  determined  by  hot  film  measurements.  The  choice  of  the  virtual  origin  at  the  leading  edge  of  the 
flat  plate  gives  results  which  are  much  higher  than  predicted,  but  the  data  are  improved  somewhat  when  the 
virtual  origin  is  taken  to  be  at  the  onset  of  transition  although  the  experimental  data  are  still  too  high.  However, 
good  agreement  is  obtained  when  the  Reynolds  number  is  based  on  the  distance  from  the  peak  fluctuation  level. 
When  the  Reynolds  number  is  based  on  distance  from  the  end  of  transition,  the  data  fall  below  the  predicted  skin 
friction.  This  would  indicate  that  Reynolds  numbers  based  on  distance  from  peak  skin  friction  or  heat  transfer, 
which  are  close  to  the  end  of  transition,  would  also  underestimate  the  skin  friction.  The  data  in  Fig.  22  clearly 
show  the  importance  of  choosing  a  consistent  virtual  origin  location,  especially  at  low  Reynolds  numbers.  Since 
the  length  of  transition  increases  with  Mach  number,  the  choice  of  virtual  origin  becomes  much  more  important 
at  hypersonic  speeds.  As  mentioned  earlier,  this  choice  though  still  important,  is  less  critical  at  high  Reynolds 
numbers. 

The  measured  local  skin  friction  data  are  compared  in  Fig.  23  with  the  theoretical  predictions  over  a  range 
of  Mach  numbers,  at  a  constant  Reynolds  number  of  107.  In  calculating  the  ordinate  Cj/cr.,  the  cfl  value  was  in  all 
cases  taken  as  the  Karman-Schoenherr  value.  The  curves  and  data  shown  are  all  for  adiabatic  wall  temperatures. 
The  choice  of  a  Reynolds  number  of  107  was  an  arbitrary  one  and  it  should  be  noted  that  the  relation  between  the 
data  and  the  theories  may  alter  slightly  with  Reynolds  number,  but  any  Reynolds  number  effect  on  Cf/cfi  for  a 
given  Mach  number  is  small,  especially  above  6  x  106  (see  Ref.  65).  Experimental  data  obtained  by  other 
authors  are  also  plotted  in  Fig.  23.  A  comparison  between  the  two  mixing  length  theories  shows  that  the  Von 
Karman  mixing  length  gives  better  agreement  at  zero  heat  transfer  than  the  Prandtl  mixing  length.  At  the  lower 
Mach  numbers,  however,  the  Spalding  and  Chi  and  the  intermediate  temperature  methods  are  in  much  better 
agreement  with  the  data.  But  at  Mach  numbers  greater  that  4.5,  it  can  be  seen  that  the  data  casts  doubt  as  to 
which  theory  will  provide  reasonable  estimates  of  skin  friction.  This  apparent  scatter  in  the  data  could  be 
accounted  for  by  inconsistent  choice  of  the  virtual  origin  which  becomes  more  important  with  the  increasing 
length  of  transition  at  high  Mach  numbers.  Additional  experimental  research  on  turbulent  skin  friction  is, 
therefore,  required  at  hypersonic  speeds.  Methods  of  assessing  heat  transfer  distributions  are  more  complicated 
since  skin  friction  theories  can  be  used  to  predict  Stanton  number  only  if  a  Reynolds  analogy  factor  is  known  or 
assumed. 
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5.  THE  HOT  WIRE  IN  COMPRESSIBLE  FLOW 


Hot  wire  fluctuation  measurements  require  detailed  knowledge  of  the  steady-state  heat  loss  laws.  Wire 
response  to  mean  flow  is  well  defined  for  the  incompressible  case.  For  isothermal,  incompressible  flow,  a  hot 
wire  responds  only  to  velocity  changes  and  the  output  can  be  correlated  quite  well  over  a  wide  range  of  Reynolds 
numbers.  Fig.  24  is  a  summary  plot  of  heat  transfer  measurements  for  circular  cylinders  in  subsonic,  continuum 
flow.  However,  at  high  speeds,  wire  response  is  more  complex  since  wire  recovery  factor  (q)  is  a  function  of 
both  Mach  number  and  Knudsen  number.  Fig.  25  was  prepared  as  a  guide  to  the  experimental  variation  of 
Nusselt  number  as  a  function  of  Reynolds  number  and  Mach  number.  The  sensor  output  is  reasonably  well 
behaved  for  supersonic  Mach  numbers  as  indicated  by  the  lower  curve  of  Fig.  25.  However,  the  output  is  Mach 
number  dependent  in  the  transonic  range  particularly  at  low  Reynolds  number.  It  will  be  seen  that  the  slope  of 
the  Nu  vs.  Re  relationship  is  of  particular  concern  in  turbulence  measurements.  Fig.  26  shows  the  measured 
exponents  as  a  function  of  Reynolds  and  Mach  numbers  for  several  investigations.  At  high  Mach  numbers,  the 
exponent  is  seen  to  vary  monotonically  between  the  free  molecular  and  continuum  values.  For  an  insulated  wire, 
the  slope  begins  to  deviate  from  the  continuum  value  at  wire  Reynolds  numbers  below  200.  In  continuum  flow, 
wire  recovery  temperature  is  a  function  of  Mach  number  since  there  is  a  changing  relationship  between  frictional 
and  compression  effects.  But,  as  Mach  number  increases,  these  effects  cancel  so  that  the  recovery  temperature 
ratio  becomes  approximately  constant  at  supersonic  Mach  numbers  (Fig.  27).  In  the  transitional  regime, 
measurements  indicate  that  at  Knudsen  numbers  of  about  0.1  the  recovery  temperature  begins  to  rise  above  the 
high  Reynolds  number  value.  Thus  the  recovery  temperature  can  range  from  below  to  above  total  temperature. 
Measurements  have  been  made  over  the  complete  range  range  from  continuum  to  free  molecular  Knudsen 
numbers.  These  results  are  summarized  in  Fig.  28.  The  direct  effect  of  wire  Reynolds  number  on  wire 
recovery  temperature  in  supersonic  flow  can  be  determined  from  Fig.  29. 

The  derivation  of  the  general  fluctuation  sensitivities  of  a  hot  wire  anemometer  involves  the  perturbation 
of  the  steady-state  heat  transfer  law  and  expressing  the  result  in  measurable  electrical  and  fluid  flow  properties. 
Following  Morkovin  and  Phinney  (Ref.  72)  the  hot  wire  sensitivities  may  be  derived  and  written  as 
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where  E'  is  the  finite  circuit  parameter,  m,  =  d  log  p/d  log  Tw,  n, «  d  log  k/d  log  Tw,  0  is  the  overheat 
parameter  Tw/T,  and  %  is  die  temperature  loading  (Tw  -TrVTr  The  proportionality  constants  are  related  to 
die  particular  electrical  system  and  are  different  for  constant  current  and  constant  temperature  applications. 
However,  these  hot  wire  sensitivities  apply  to  all  flows  whether  subsonic,  supersonic,  incompressible  or 


5-17 


compressible  whether  continuum  or  free  molecular. 

Kovasznay  (Ref.  73),  suggested  that  the  basic  equation  for  a  hot  wire  inclined  to  the  flow  may  be  written 
as 
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where  the  sign  conventions  must  be  determined  separately  for  constant  current  and  constant  temperature 
operation  (Ref.  8.)  For  supersonic  Mach  numbers  ie.  M  sin  $  >  1.2  all  derivatives  with  respect  to  Mach  number 


are  negligible  so  that  Aep  =  Aeu.  So  that,  using  equation  2.3,  equation  5.5  may  be  rewritten  as 
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To  evaluate  various  fluctuating  terms  for  the  case  of  a  normal  hot  wire,  we  can  rewrite  equation  5.6  as 
o’  -  as,  *  a .e_-=r  5-7 
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Squaring  both  sides  of  equation  5.7  we  obtain 
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Dividing  through  by  (Ae^,)2  the  above  expression  becomes 
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Since  the  sensitivity  ratio  (r)  varies  with  wire  overheat,  in  principle,  only  three  overheat  settings  are 
required  to  solve  equation  5.10.  But,  in  practice,  at  least  three  times  that  number  should  be  made  in  order  to 
provide  consistency  checks  and  reduce  the  scatter.  The  results  can  also  be  determined  from  the  so-called 
Kovasznay  diagram  (Ref.  73)  or  by  regression.  The  Kovasznay  diagram  can  be  obtained  by  plotting  o  =  e'/AeTo 


against  the  sensitivity  ratio.  Typical  curves  showing  the  dependence  on  the  relative  magnitude  of  the  three 
unknown  quantities  are  presented  in  Fig.  30.  If  only  mass  flow  fluctuations  are  present  the  diagram  will  be  a 
straight  line  from  the  origin  with  the  slope  proportional  to  the  mass  flow  fluctuation  level.  If  only  total 
temperature  fluctuations  are  present,  the  diagram  is  a  horizonal  line  at  the  total  temperature  fluctuation  level.  If 
both  fluctuations  are  present,  the  plot  varies  according  to  the  correlation  coefficient  between  the  two  fluctuations 
For  perfectly  correlated  or  anti-correlated  fluctuations,  the  curve  becomes  a  straight  line,  and  when  there  is  zero 
correlation  it  is  a  hyperbola.  In  these  cases,  the  two  fluctuation  levels  can  be  determined  as  indicated  in  Fig.  30. 

For  a  yawed  wire  we  have 
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so  that,  when  we  difference  the  mean  square  of  two  readings  taken  180  deg.  apart,  we  obtain 
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If  we  plot  s*  against  r*  we  obtain  (pu)'v'  and  vTt'  from  the  intercept  and  slope  respectively.  In  order  to 
obtain  the  terms  which  appear  directly  in  the  turbulent  momentum  and  energy  equations,  we  must  assume  that  we 
have  an  isentropic  flowfield.  This  permits  us  to  determine  the  fluctuating  flow  variables  outlined  in  (Ref.  8.) 
Although  many  years  of  effort  have  been  expended  in  hot  wire  anemometry  research,  it  is  still  clearly  an  inexact 
science.  Numerous  assumptions  must  be  made  to  estimate  the  fluctuating  flow  variables  from  the  measured  hot 
wire  quantities. 

One  of  the  largest  sources  of  uncertainty  in  proposed  testing  of  hypersonic  flight  vehicles  will  be  consistent 
documentation  of  the  extern  of  transitional  flow  on  wind  tunnel  test  models.  However,  past  research  has  stressed 
the  dominant  role  that  freestream  fluctuations  have  on  model  boundary  layer  stability  at  supersonic  speeds.  Not 
only  do  the  external  fluctuation  amplitudes  influence  transition,  their  spectra  are  also  significant.  Unfortunately, 
freestream  turbulence  intensity  and  scale  vary  with  facility  so  that  a  reliable  model  transition  data  base  may  be 
difficult  to  establish.  This  problem  could  be  alleviated  if  assessments  were  made  of  flow  quality  in  facilities 
which  are  likely  to  be  used  in  future  hypersonic  flight  vehicle  development  These  documentations  would  allow 
judgements  to  be  made  as  to  the  meaningful  operational  range  of  adequate  flow  quality  in  each  facility  relative  to 
the  proposed  test  program. 

With  these  thoughts  in  mind,  freestream  hot  wire  measurements  have  been  made  in  the  AFWAL  M=6 
facility  (Ref.  74)  and  have  been  compared  with  data  obtained  previously  in  the  NASA  Ames  3.5ft.  Hypersonic 
Wind  Tunnel  and  the  Langley  VDT  (Ref.  17).  The  present  hot  wire  data,  plotted  in  mode  diagram  form,  are 
shown  in  Fig.  31.  Since  these  mode  diagrams  are  linear,  the  two  hot  wire  sensing  variables  namely  the  mass  flux 
and  total  temperature  fluctuation  levels  can  be  determined  from  the  slope  and  intercept  respectively.  The  total 
temperature  measurements  obtained  from  the  intercept  determinations  have  been  confirmed  by  independent 
constant  current  anemometer  measurements.  Disturbance  levels  obtained  over  the  entire  operating  range  are 
shown  in  Fig.  32.  It  can  be  seen  that  the  mass  flow  fluctuations  increase  with  tunnel  total  pressure  and  range 
from  0.6  to  1.6  per  cent  On  the  other  hand,  the  total  temperature  fluctuations  range  between  0.5  and  1 .0  per 
cent  Two  sets  of  data  obtained  in  the  Ames  3.5  ft.  facility  are  shown  for  comparison.  The  fust  set  was  taken  in 
the  original  test  configuration,  the  latter  after  the  tunnel  was  converted  to  a  free  jet  test  section.  The  lower  levels 
in  the  AFWAL  M=6  facility  could  be  due  in  part  to  the  favorable  influence  of  flow  treatment  screens  installed  in 
the  stagnation  chamber. 

But,  if  we  assume  that  the  disturbances  sensed  by  the  hot  wire  are  predominantly  sound  waves  radiated 
from  the  turbulent  nozzle  wall  boundary  layers,  the  pressure  fluctuation  levels  can  be  estimated  from  hot  wire 
data.  Hot  wire  theory  shows  this  assumption  to  be  consistent  with  linear  mode  diagrams  which  are  shown  in  Fig. 
31.  The  results  of  these  calculations  are  shown  in  Fig.  33  and  comparison  made  with  the  Ames  HWT  and 
Langley  VDT  facilities.  These  results  clearly  show  the  improved  flow  quality  in  the  M=6  facility.  But,  sound  is 
not  the  only  disturbance  mode,  temperature  spottiness  probably  due  to  non-uniform  heating  of  the  supply  gas  is 
not  negligible  (Fig.  31).  Thus,  the  pressure  level  estimates  from  the  hot  wire  data  should  be  viewed  as  upper 
bounds,  the  actual  levels  should  be  somewhat  lower.  Direct  pressure  measurements  should  confirm  this. 
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Turbulent  integral  length  scales  have  also  been  determined  from  the  hot  wire  time  histories.  The 
characteristics  of  two  hot  wire  signals  are  shown  in  Fig.  34.  One  for  a  pressure  of  930  psia,  the  other  for  a 
pressure  of  1860  psia.  These  traces  clearly  show  the  increased  high  frequency  (smaller  length  scale)  contribution 
at  the  high  tunnel  total  pressure.  Low  frequency  (large-scale)  contributions  are  also  apparent  in  both  hot  wire 
traces.  In  general,  most  of  the  energy  is  concentrated  at  low  frequencies.  Auto-correlation  measurements  show 
the  turbulent  integral  length  scales  to  be  of  the  order  of  the  jet  exit  diameter.  Assessments  must  be  made  to 
determine  if  wind  tunnel  turbulent  length  scales  affect  boundary  layer  stability. 

The  mass-flow  and  total-temperature  measurements  through  a  hypersonic  boundary  layer  (Ref.  10)  are 
compared  in  Figs.  35(a)  and  (b)  with  previous  adiabatic  compressible  measurements  of  Kistler  (Ref.  75)  and  with 
the  only  available  non-adiabatic  results,  of  Laderman  &  Demetriades  (Ref.  34).  Although  Kistler  found  that  the 
intensities  of  both  fluctuation  modes  increased  with  Mach  number,  the  mass-flow  fluctuations  do  appear  to  be 
independent  of  Mach  number  above  M  =  5.0,  while  the  total-temperature  fluctuations  appear  to  decrease  with 
increasing  Mach  number  in  the  non-adiabatic  hypersonic  regime.  This  implies  that  the  effect  of  heat  transfer  is 
to  reduce  the  total-temperature  fluctuations.  Assuming  zero  pressure  fluctuations,  the  hot  wire  signals  are 
interpreted  in  terms  of  velocity  and  density  fluctuations  in  Figs.  36, 37  and  38.  These  results  are  compared  with 
previous  compressible  data  (also  decomposed  assuming  zero  pressure  fluctuations)  and  with  the  incompressible 
zero-pressure-gradient  results  of  Klebanoff  (Ref.  76).  The  key  to  previous  data  is  given  in  Fig.  35.  The  present 
velocity  fluctuations  normalized  by  the  wall  friction  velocity  (calculated  using  a  direct  measurement  of  wall 
shear)  shown  in  Fig.  36,  agree  very  well  with  the  Mach  number  trend  set  by  previous  incompressible  and 
compressible  results.  However,  if  Morkovin's  coordinate  stretching  density  factor  is  applied  (Fig.  37),  neitl,.  - 
set  of  high  Mach  number  data  collapses  onto  the  Klebanoff-Kistler  curve.  The  data  in  Fig.  38  show  another 
instance  where  hypersonic  measurements  do  not  follow  the  trend  set  by  lower  Mach  number  results,  since  the 
density  fluctuations  seem  to  be  independent  of  Mach  number  above  M  =  5.0. 

From  the  turbulence  modeling  viewpoint,  information  on  the  turbulence  scales  and  lifeti-.ies  are  also  of 
crucial  importance.  Since  turbulent  flows  vary  not  only  in  time  but  also  in  space,  their  investigation  must 
involve  an  examination  of  both  the  spatial  and  temporal  statistical  structure.  Space-time  correlations  can  make  a 
contribution  to  this  study  since  they  give  evidence  of  the  heredity  and  structure  of  turbulence,  as  well  as  values  of 
the  convection  velocities  of  the  vorticity  and  entropy  modes  compared  with  the  average  mass  transport  velocities. 
Examples  of  both  auto  and  space-time  correlations  in  a  compressible  turbulent  boundary  layer  (Ref.  35)  are 
given  in  Figs.  39  and  40.  These  data  were  obtained  on  a  cone-ogive-cylinder  model  in  the  Ames  3.5-ft.  wind 
tunnel.  Fig.  39  shows  the  autocorrelation  of  the  fluctuating  signals  on  the  cylindrical  portion  of  the  model,  at 
two  positions  in  the  boundary  layer  and  in  the  far  field.  It  can  be  seen  that  there  is  a  marked  variation  of  energy 
distribution  with  frequency  across  the  boundary  layer  and  that,  as  expected,  the  far  field  contains  proportionately 
much  less  energy  in  the  high  wave  number  range  than  the  wall  region.  The  results  of  a  series  of  filtered  (4  kHz) 
cross-correlation  measurements  at  several  wire  separations  in  the  boundary  layer  are  shown  in  Fig.  40.  It  can  be 
seen  that  each  cross-correlation  curve  reaches  a  maximum  at  a  non-zero  value  of  the  time  delay,  clearly 
indicating  the  presence  of  convection.  Due  to  decay,  the  amplitude  of  this  maximum  is  a  function  of  the  wire 
separation  distance.  A  convection  velocity  of  these  disturbances  may  be  determined  from  the  time  delay  at  which 
the  maximum  of  a  particular  cross-correlation  occurs.  The  variation  of  the  convection  velocity  profiles  for  the 
total  and  filtered  turbulent  fields  are  compared  with  the  mean  velocity  profile  in  Fig.  41.  At  a  distance  from  the 
wall  y/8  =  0.15,  the  convection  velocity  corresponding  to  the  various  scales  is  equal  to  the  Iocai  fluid  velocity, 
i.e.Uc  »  0  78Ue,  where  Ue  is  the  velocity  at  the  edge  of  the  boundary  layer.  At  greater  values  of  y/8  the 
differences  increase  with  the  scale;  in  the  outer  portion  of  the  boundary  layer  the  large-scale  disturbances  are 
convected  more  slowly  than  the  mean  velocity  and  in  the  inner  region  more  rapidly  than  the  mean  velocity.  In 
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fact,  the  convection  velocity  of  the  large-scale  disturbances  varies  little  across  the  boundary  layer. 

The  values  of  the  cross-correlation  coefficient  were  also  determined  for  various  separation  distances 
normal  to  the  wall  as  a  function  of  the  time  delay.  These  space-tune  correlations  may  be  interpreted  in  terms  of 
a  disturbance  inclination  angle  to  the  wall.  This  time-averaged  angle  may  be  determined  by  dividing  the  normal 
wire  separation  distance  by  the  product  of  the  observed  time  delay  for  the  maximum  correlation  coefficient  and 
the  disturbance  convection  velocity  at  the  outer  wire  location.  The  results,  presented  in  Fig.  42,  show  that  the 
time-averaged  inclination  angle  is  smallest  in  the  wall  region  and  increases  with  increasing  distance  from  the 
wall.  Close  to  the  wall,  the  measured  disturbance  convection  velocities  increased  with  increasing  wire 
separation.  This  implies  an  outward  dispersion  of  the  turbulent  fluctuations  from  the  low  velocity  region  close 
to  the  wall.  It  is  suggested,  therefore,  that  in  hypersonic  turbulent  boundary  layers  the  turbulent  fluctuations 
originate  close  to  the  wall  and  propagate  outwards  as  they  are  convected  downstream.  The  time-averaged 
trajectory  of  such  a  disturbance  is  shown  in  Fig.  42.  The  propagation  angle  a  of  between  10  and  20  deg. 
measured  close  to  the  wall  is  in  surprisingly  good  agreement  with  the  incompressible  experiments  of  Kline  et  al. 
(Ref.  77)  in  which  ejected  streaks  were  observed  to  leave  the  wall  layer  at  an  angle  of  about  10  to  12  deg. 

Some  insight  into  the  three-dimensional  structure  of  these  turbulent  disturbances  may  be  obtained  from  the 
variation  in  the  optimum  lateral  correlation  across  the  boundary  layer.  These  results  indicate  that  the 
disturbances  are  very  narrow  close  to  the  wall  and  that  they  grow  laterally  as  they  propagate  away  from  the  wall. 
These  data,  together  with  those  discussed  previously,  suggest  that  turbulence  production  in  a  hypersonic  turbulent 
boundary  layer  is  created  by  highly  three-dimensional  disturbances  originating  close  to  the  wall.  The  form  of 
such  a  disturbance,  suggested  by  the  hot  wire  correlation  data,  is  shown  in  Fig.  43.  At  first  sight,  the  steep 
trajectories  in  the  outer  portion  of  the  boundary  layer  suggest  that  the  bursts  may  move  across  Mach  lines. 
However,  it  must  be  borne  in  mind  that  the  relative  velocity  between  the  disturbance  and  the  local  mean  velocity 
is  always  subsonic  so  that  the  bursts  are  as  free  to  propagate  as  they  would  be  in  an  incompressible  boundary 
layer.  The  qualitative  space-time  correlation  measurements  have  also  been  used  to  estimate  the  "lifetimes"  of  the 
fluctuations  as  they  are  swept  along  by  the  mean  flow.  Although  the  idea  of  a  "turbulent  lifetime"  should  not  be 
taken  too  literally,  the  measured  optimum  space-time  correlations  were  assumed  to  decay  exponentially  and  the 
appropriate  time  constants  were  then  determined  from  these  curves.  Previously  measured  disturbance 
convection  velocities  were  used  to  calculate  the  "decay  constants"  for  the  filtered  turbulent  field.  The  results  for 
various  turbulent  length  scales  are  shown  in  Fig.  44  where  X,Jb  ~  0.6  is  representative  of  the  total  turbulent 
field.  It  is  evident  that  these  decay  constants  are  strong  functions  of  both  scale  and  local  mean-flow  gradients 
(i.e.  y/8).  Since  the  duration  of  any  phenomenon  is  approximately  three  times  its  time  constant,  it  is  also  evident 
that  large  eddies  persist  for  extremely  long  distances  (i.e.  many  boundary-layer  thicknesses).  The  long 
turbulence  lifetimes  which  can  be  inferred  from  these  space-time  correlation  measurements  illustrate  a  major 
oojection  to  turbulence  models  based  on  local  flow  conditions.  It  cannot  be  assumed  that  turbulence  is  uniquely 
related  to  local  conditions,  and  flow  history  must  be  considered,  especially  when  attempting  to  calculate 
non-equilibrium  flows. 

Flows  of  more  practical  interest  often  involve  separation  or  time-dependent  flow  reversal.  These  features 
cause  additional  problems  due  to  directional  ambiguity  effects  which  if  not  realized  will  lead  to  wrong  or 
misleading  results.  For  example,  some  of  the  flow  features  involved  in  a  hypersonic  shock-boundary  layer 
interaction  can  be  determined  from  Ref  5.  Indications  of  the  unsteady  character  of  turbulent  boundary-layer 
separation  can  be  inferred  from  thin-film-gage  fluctuating  voltages,  which  are  related  to  the  flow  character 
above  the  film.  In  the  example,  two  typical  variations  of  the  rms  thin-film  voltage  fluctuations  through  a 
shock-wave  boundary-layer  interaction  region,  are  shown  in  Fig.  45.  Also  indicated  are  the  measured  pressure 
distributions  for  the  two  cases.  Data  are  shown  for  attached  and  separated  flow.  For  both  flows,  detailed 
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pitot-pressure  surveys,  floating  element  surface  skin-friction,  and  surface  oil-flow  data  were  obtained.  The 
region  of  measured  negative  wall  shear,  as  determined  from  a  floating  element  skin-friction  balance,  is  indicated 
on  Fig.  45.  The  thin-film  results  show  a  marked  difference  in  the  attached  and  separated  flows. 

Normalized  power  spectra  of  the  fluctuations  in  the  turbulent  separated  region  and  after  reattachment  are 
shown  in  Fig.  46.  It  can  be  seen  that  the  energy  increase  in  the  separated  region  is  confined  to  a  narrow  band 
around  14  kHz  while  the  increased  energy  due  to  the  pressure  rise  after  reattachment  is  broad  band.  It  is  felt  that 
this  peak  is  associated  with  turbulent  separation  unsteadiness.  The  scale  of  this  unsteadiness,  based  on  measured 
convection  velocities  and  frequency,  is  of  the  order  of  the  length  of  the  separated  region.  The  decrease  and 
subsequent  increase  in  rms  voltage  after  the  first  peak  for  the  separated  flow  (Fig.  45)  can  also  be  explained  by 
this  unsteadiness.  The  minimum  rms  corresponds  to  the  location  where  the  flow  remains  separated  most  of  the 
time  and  is  least  affected  by  the  increased  voltage  fluctuations  due  to  unsteady  flow  reversal  in  the  intermittent 
separation  onset  and  reattachment  regions.  These  large  scale,  directional  fluctuations  can  cause  substantial  and 
unknown  hot  wire  and  surface  film  measurement  errors.  The  problem  is  illustrated  in  Fig.  47  where  Gaussian 
probability  density  distributions  of  the  instantaneous  velocities  corresponding  to  local  turbulent  intensities  of 
30%  and  70%  are  presented.  With  directional  ambiguity,  negative  velocities  are  assigned  their  equivalent 
positive  values,  leading  to  errors  in  the  calculated  mean  value  and  standard  deviation.  The  resultant  errors  are 
seen  to  rise  sharply  for  local  turbulence  intensities  above  40%.  Large  scale  fluctuations  can  have  a  significant 
influence  on  turbulence  structure  and  modeling.  For  example  the  instantaneous  axial  velocity  may  be  written  as 
u  =  u  +  u'  +  u  5.15 

where  u  is  the  conventional  mean,  u'  is  the  random  fluctuation  and  u  is  the  unsteady  contribution.  Using  a 
similar  expression  for  the  vertical  velocity  and  assuming  that  the  random  large  and  small  fluctuations  are 
uncorrelated,  the  streamwise  momentum  equation  may  be  written  as 
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Thus,  the  large  scale  fluctuations  introduce  an  additional  stress  term  which  will  not  be  necessarily  related  to  the 
local  mean  gradient. 


6.  THE  LASER  VELOCIMETER 

Although  much  more  costly,  laborious  and  tedious  to  operate,  the  laser  velocimeter  probably  represents 
the  instrument  of  last  resort  for  the  measurement  of  flow  in  compression  comers,  shock  boundary-layer 
interactions  and  other  large-scale  unsteady  turbulent  flows.  Once  in  operation,  linear,  non-intrusive 
unambiguous  turbulent  velocity  and  shear  stresses  can  be  obtained  once  seeding  problems  have  been  overcome. 
Flows  of  most  practical  interest  and  importance  often  involve  high  turbulence,  flow  separation  and  large-scale 
unsteadiness.  It  is  in  these  flow  regimes  where  caution  must  be  exercised  before  applying  our  research  tools. 

For  example,  even  at  low-speed,  separated  flows  are  extremely  sensitive  to  local  geometry  and  probe 
interference  and  as  seen,  directional  intermittency  can  render  both  hot  wire  and  surface-film  gage  quantitative 
measurements  subject  to  large  inaccuracies.  Here  the  inherent  linearity,  non-perturbing,  directionally  sensitive 
properties  of  the  laser  velocimeter  come  to  bear.  Recent  developments  in  laser  velocimetry  facilitate  the 
non-intrusive,  linear  measurement  of  complex  high  speed  turbulent  flows  and  the  direct  measurement  of  some 
shear  stress  terms.  But,  before  laser  velocimetry  can  be  extended  to  hypersonic  flow,  some  basic  questions  must 
be  addressed.  The  primary  question  is  that  of  particle  size  requirement  for  reliable  response  combined  with 
adequate  Mie  scattering. 
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The  motion  of  a  spherical  particle  in  a  fluid  flow  has  been  reviewed  and  summarized  by  Hinze  (Ref.  78). 
The  results  show  that,  given  die  particle  diameter,  specific  gravity  and  the  local  flow  conditions,  the  particle 
response  to  sinusoidal  velocity  fluctuations  of  the  surrounding  fluid  can  be  estimated  from 
(d^p/lSmfXdVp/dt)  =  (VrVp)  =  0  6.1 

The  analysis,  which  assumes  Stoke's  drag  with  the  Cunningham  correction,  gives  the  particle  response  to 
turbulent  fluctuations  in  die  moving  frame  of  reference  of  the  particle.  Equation  6.1  may  be  transformed  to 
Vp(S)/Vf(S)  =  l/(TpS  +  1)  6.2 

where  S  is  the  Laplace  operator  and  Tp  is  the  time  constant  defined  as 

Tp  =  d^Pp/18pf  6.3 

By  substituting  ito  for  S  in  equadon  6.2,  the  particle  response  in  the  frequency  domain  may  be  written  as 
Vp/Vf=  l/Oyto2  +  l)0-5  6.4 

where  to  is  the  frequency  of  the  fluid  flow  fluctuations  in  radians/sec.  However,  in  the  low  density  and  static 
temperature  environments  associated  with  hypersonics,  corrections  are  required  to  the  Stoke's  drag  coefficient 
which  extend  its  range  of  application  to  flows  where  the  Knudsen  number  is  significant.  The  form  used  in  Ref. 
79  results  in  a  modified  time  constant  which  may  be  written  as 

Tp  =  (Pp  dp2/18pf)(l  +  k  L/dp)  6.5 

where  k  is  the  Cunningham  constant  and  L  is  the  mean  free  path.  Clearly,  the  effect  of  increasing  Knudsen 
number  is  to  degrade  particle  response.  However,  when  the  Knudsen  number  is  large,  equation  6.5  shows  that 
relative  seed  particle  response  is  proportional  to  the  product  of  the  diameter  and  specific  gravity  rather  than  the 
square  of  the  diameter.  In  hypersonic  flow,  low  static  density  and  gas  viscosity  associated  with  low  static 
temperature  result  in  relatively  large  Knudsen  numbers.  Therefore,  the  use  of  large  diameter,  low  specific 
gravity  particles  becomes  a  possibility.  As  an  example.  Fig.  48  shows  some  calculated  particle  response  curves 
for  the  two  operational  extremes  of  the  AFWAL  20  inch  Hypersonic  Wind  Tunnel.  The  curves  are  for  M=12 
assuming  particle  densities  of  1  gm/cc.  Also  shown  is  the  response  of  a  0. 1  gm/cc,  5  micron  particle  of  the  type 
used  previously  in  combustion  studies  (Ref.  80).  It  can  be  seen  that,  when  the  mean  free  path  is  large,  Knudsen 
number  effects  dominate  the  seed  particle  response  to  such  an  extent  that  the  lighter  5  micron  particle  response 
can  exceed  that  of  a  1  micron  water  droplet.  Indeed,  when  the  Knudsen  number  is  large,  the  lighter  seed 
material  can  have  essentially  the  same  response  as  that  of  a  0.5  micron  droplet.  Since  the  intensity  of  the 
scattered  light,  and  hence  signal  to  noise  ratio,  is  proportional  to  the  square  of  the  particle  diameter  and,  since 
the  number  of  photons  emitted  is  proportional  to  the  time  of  flight  through  the  focal  volume,  the  advantages  of 
using  large,  low  density  particles  in  some  hypersonic  flows  is  clearly  evident.  These  initial  calculations  indicate 
that  final  seed  particle  choice  will  be  governed  by  the  ratio  of  particle  size  to  mean  free  path  and  may  well  be 
different  in  other  test  facilities.  Fig.  49  shows  the  significance  of  this  effect.  Clearly,  the  flow  conditions  in  the 
20  inch  facility  and  other  hypersonic  test  facilities  will  be  in  the  Knudsen  number  range  where  careful  choice  of 
seed  material  must  be  exercised.  Mie  scattering  calculations  (Fig.  50)  which  show  the  effects  of  particle  size  and 
scattering  angle  on  light  collection  indicate  that  the  use  of  larger  particles  may  be  mandatory  in  most  back-scatter 
applications  where  the  scattered  light  intensity  can  be  reduced  by  several  orders  of  magnitude. 

Although,  at  first  glance,  particle  response  appears  to  be  generally  pocr  in  hypersonic  flows,  we  must 
remember  that  the  seed  material  is  convected  in  the  Lagrangian  frame  so  that  frequency  response  requirements 
are  relaxed  by  a  factor  porportional  to  the  difference  between  the  turbulence  convection  and  the  local  mean 
velocities.  To  compare  with  hot  wire  turbulence  spectra  observations,  we  must  convert  the  frequencies  to  their 
equivalent  counterparts  in  a  fixed  (Eulerian)  frame  of  reference.  To  do  this,  we  assume  that  the  turbulent 
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fluctuations  relative  to  the  moving  particle  approximate  those  observed  in  a  frame  of  reference  moving  with  the 
local  mean  velocity.  Thus  the  turbulent  frequencies  in  the  two  cases  are  related  by  a  velocity  ratio  UCA-1-UC 
where  Uc  is  the  turbulence  convection  velocity.  Previous  hot  wire  work  in  the  Ames  3.5  ft.  Hypersonic  Wind 
Tunnel  (refs.  10  and  35)  has  shown  that  the  broad-band  disturbance  convection  velocity  is  close  to  0.8  of  the 
freestream  value  over  most  of  the  boundary  layer.  Thus,  the  particle  response  estimates  could  well  be  increased 
by  a  factor  of  five.  However,  close  to  the  wall,  where  the  turbulence  levels  are  highest,  filtered  space-time 
cross-correlation  measurements  (Ref.  35)  show  that  the  high  frequency,  small  scale  turbulence  is  convected  at 
velocities  within  5  per  cent  of  the  local  mean.  This  indicates  that  the  particle  response  calculations  could 
underestimate  the  actual  response  by  a  factor  of  twenty.  Thus,  practical  particle  response  may  well  be  adequate 
for  some,  if  not  all,  hypersonic  flows.  Particle  trajectory  calculations  also  suggest  that  adequate  particle  response 
and  recovery  across  shock  waves  may  be  possible  in  some  flow  situations.  Fig.  48(b)  shows  the  effect  of  a 
normal  shock  on  particle  response  in  the  AFWAL  20  inch  facility.  In  these  calculations,  the  particles  are 
assumed  to  be  moving  with  the  gas  flow  ahead  of  the  shock  in  a  nominal,  0.1  ft.  thick  boundary  layer.  It  can  be 
seen  that  3db  (AUp/Auf  =  .707)  response  could  be  achieved  in  distances  comparable  to  or  smaller  than  those  of  the 
model  boundary  layer  thickness  in  many  flow  situations.  This  arises  since  the  density  and  temperature  increases 
which  occur  across  shock  waves  dramatically  improve  particle  trackability  (see  Fig.  51).  Clearly,  extensive 
particle  research  will  be  required  to  optimize  the  seed  materials  for  hypersonic  flows. 

Laser  velocimeter  measurements  have  been  made  in  two  hypersonic  test  facilities  (Refs.  74  and  82.) 
Measurements  reported  in  Ref.  74  were  made  in  the  AFWAL  M=6  High  Reynolds  Number  Wind  Tunnel,  which 
is  an  open  jet,  blow  down  facility.  It  was  designed  to  produce  a  maximum  free  stream  unit  Reynolds  number  of 
3xl07  per  foot  and  operates  over  a  stagnation  pressure  range  from  700  to  2100  psia  at  a  fixed  stagnation 
temperature  of  1 100  R.  The  supply  air  is  heated  in  a  pebble  bed  storage  heater  which  allows  run  times  of  up  to 
100  seconds  at  the  maximum  mass  flow  rate  of  90  pounds  per  second.  The  measurements  were  obtained  in  this 
facility  on  two  model  configurations  namely,  on  a  zero  pressure  gradient  smooth  flat  plate  and  in  a  pressure 
gradient  flow  imposed  by  the  introduction  of  a  30  deg.  ramp.  The  most  recent  laser  velocimeter  investigation 
(Ref.  81)  was  conducted  in  the  Ames  3.5-ft.  Hypersonic  Wind  Tunnel.  In  this  facility,  high-pressure  air,  which 
can  be  heated  up  to  3400°K  in  a  pebble-bed  heater,  flows  through  an  open  jet  test  section  to  lower  pressure 
spheres.  The  useful  test  time  was  approximately  two  minutes.  The  test  model  used  for  this  turbulent  boundary 
layer  study  was  a  10°  cone-ogive-cylinder  79  inches  long  and  8  inches  in  diameter.  The  cone-ogive  section, 
which  was  27  inches  long,  was  designed  to  produce  a  zero  pressure  gradient  flow  over  the  cylindrical  portion. 
Measurements  were  also  made  across  oblique  shock  waves  generated  by  the  introduction  of  20  and  30  deg.  flares 
installed  55  inches  from  the  nose. 

The  laser  velocimeter  systems,  which  were  used  for  the  flowfield  measurements,  utilized  the  4880  and 
5145  Angstrom  lines  of  an  argon-ion  laser.  The  laser  and  most  of  the  optical  components  were  fixed  on  a  table 
outside  the  tunnel  where  color  separation,  Bragg-cell  frequency  shifting  and  the  establishment  of  the  four-beam 
matrix  were  accomplished.  Only  the  transmitting  and  collecting  optics  moved.  In  the  AFWAL  tests  all 
components  were  located  outside  the  tunnel.  But  as  shown  in  Fig.  52  the  Ames  3.5  ft.  wind  tunnel  test 
configuration  was  more  complex.  To  help  alleviate  potential  optical  and  electronic  problems  due  to  the  harsh 
test  section  environment,  only  the  transmitting  and  receiving  optics  and  the  fioer  optic  probe  were  mounted 
inside  the  pressure  vessel.  The  traversing  system  on  the  laser  side  of  the  test  section  supported  the  transmitting 
mirrors  and  lens.  The  traverse  system  on  the  opposite  side  of  the  test  section  from  the  laser  held  the  collecting 
lens  and  fiber  optic  probe  for  forward  scatter  light  collection.  The  collection  optics  were  used  to  focus  the 
scattered  light  onto  the  face  of  the  fiber  optic  probe  which  was  used  to  transmit  the  signal  to  photo  multiplier 
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tubes  located  outside  the  tunnel. 

Mean  boundary  layer  flow  results  obtained  in  the  Ames  facility  (Fig.  S3)  are  shown  along  with  the  mean 
profile  measurements  which  were  obtained  from  previous  conventional  probe  measurements  (Ref.  35.)  The 
good  agreement  between  the  two  measurement  methods  confirms  the  seed  particle  response  for  mean  velocity 
measurements  in  the  zero  pressure  gradient  boundary  layer.  As  we  have  seen,  important  methods  used  to  predict 
compressible  turbulent  boundary  layer  flowfields  are  compressible-incompressible  transformation  techniques. 
Their  appeal  is  the  desire  to  employ  their  simplicity  and  accuracy  for  simple  zero  pressure  gradient  flows.  Fig. 

54  shows  the  results  of  the  law-of-the-wall  transformation  when  the  data  are  compared  with  the  incompressible 
correlation  of  Coles.  This  transformation,  made  using  a  wall  friction  velocity,  based  on  the  previously 
measured  local  skin  friction,  confirms  the  validity  of  the  laser  velocimeter  mean  velocity  measurements.  In  the 
law-of-the-wall  region,  the  data  have  the  correct  incompressible  slope  and  show  a  wake-like  region  near  the 
outer  edge  of  the  boundary  layer  similar  to  the  incompressible  observations. 

The  results  of  a  more  stringent  test  of  the  particle  response  and  the  laser  velocimeter  measurements  are 
shown  in  Fig.  55  where  the  zero  pressure  gradient  axial  and  vertical  turbulence  measurements  are  presented. 
These  data  show  similarities  in  levels  and  trends  to  previous  incompressible  test  results.  The  stream  wise 
turbulence  component  has  a  pronounced  maximum  close  to  the  wall  whereas  the  vertical  component,  which  is 
approximately  half  the  axial  value,  is  relatively  flat  in  the  wall  region.  These  similarities  are  not  altogether 
surprising  since  previous  hot  wire  turbulence  convection  velocity  measurements  showed  that  the  relative  velocity 
between  the  disturbances  and  the  local  mean  flow  was  always  subsonic  which  allows  the  turbulent  bursts  to 
propagate  as  they  would  in  an  incompressible  flow.  The  axial  component  measurements  are  also  compared  with 
Klebanoff s  incompressible  results  and  previous  hot  wire  hypersonic  measurements  in  Fig.  55.  There  is 
reasonably  good  agreement  between  the  hypersonic  laser  velocimeter  and  incompressible  hot  wire  data  when 
normalized  by  the  wall  friction  velocity.  This  is  in  contrast  to  previous  hot  wire  compressible  flow  results, 
reviewed  in  Ref.  10,  which  show  a  monotonic  decrease  with  increasing  Mach  number.  However,  all  these  past 
hot  wire  results  have  been  evaluated  assuming  zero  pressure  fluctuations  which  we  would  expect  to  become  more 
important  with  increasing  Mach  number.  It  can  be  seen  from  equation  2.8  and  by  comparison  with  the  data  from 
Ref.  10,  that  this  assumption  can  have  a  significant  influence  on  the  calculated  hot  wire  velocity  fluctuations  at 
high  Mach  numbers.  The  turbulent  velocity  cross  correlations  are  presented  in  Fig.  56,  which  shows  the 
variation  of  the  turbulent  velocity  correlation  coefficient  across  the  boundary  layer.  The  maximum  value  of 
aproximately  -0.4  is  in  close  agreement  with  incompressible  shear  layer  observations. 

Adverse  pressure  gradient  effects  on  the  mean  and  turbulent  flowfields  can  be  seen  from  measurements 
obtained  at  the  same  stream  wise  station  on  the  flat  plate  model  with  and  without  the  ramp  (Figs.  57  and  58). 
These  measurements  obtained  at  a  station  0.3  boundary  layer  thicknesses  ahead  of  the  ramp  clearly  show 
retardation  of  the  flow  due  to  the  imposed  adverse  pressure  gradient  and  a  significant  increase  in  turbulence  level 
over  a  wide  region.  Local  flow  angularity  profiles  across  the  boundary  layer  have  been  calculated  from  the  two 
component  laser  measurements.  These  results,  show  that  particle  response  is  sufficient  to  produce  local  flow 
angles  close  to  the  flare  deflection  angle  in  the  shear  layer  just  upstream  of  the  interaction.  A  comparison  (Fig. 
58)  of  the  zero  pressure  gradient  and  ramp  induced  turbulence  level  profiles  shows  that  the  stream  wise  turbulent 
kinetic  energy  for  the  ramp  flow  is  more  than  three  times  that  for  the  flat-plate  boundary  layer.  Turbulent 
mixing  length  scales,  calculated  using  local  tms  levels  and  mean  flow  gradients,  are  an  order  of  magnitude 
larger,  an  indication  of  the  large  scale,  unsteady  character  of  the  flowfield  ahead  of  the  interaction.  Turbulence 
levels  based  on  local  mean  flow  values  exceed  30  per  cent  in  the  wall  region  so  that  significant  hot-wire 
measurement  errors  and  flow  interference  would  arise.  At  this  high  intensity,  large-scale  turbulence  results  in 
directional  intermittency  of  up  to  15  per  cent  ahead  of  the  time -averaged  recirculation  zone.  Clearly,  hot-wire 
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measurement  errors  associated  with  directional  intermittency  would  be  considerable. 

The  most  stringent  test  of  particle  response  was  made  by  perturbing  the  flow  and  measuring  the  particle 
velocity  variation  across  an  oblique  shock  wave  and  shear  layer  generated  by  the  introduction  of  20  and  30  deg. 
flares.  Unfortunately,  these  attempts  to  determine  particle  response  were  complicated  by  the  proximity  of  the 
shock  to  die  shear  layer  on  the  flare  and  by  shock  boundary/layer  interaction  instabilities.  The  results  of  a  scan 
taken  2  inches  above  the  model  surface  are  presented  in  Fig.  59  which  shows  the  measured  mean  streamwise 
velocity  and  flow  angularity  distributions  through  the  shock  and  shear  layer  region  compared  with  conical  flow 
theory  and  shadowgraph  measurements  of  the  shock  location.  The  location  of  the  measured  mean  velocity 
gradient  is  in  good  agreement  with  the  shadowgraph  shock  location  and  the  velocity  change  across  the  shock  is 
comparable  to  conical  flow  predictions  until  the  shear  layer  is  encountered.  The  flow  angularity  measurements 
are  consistent  with  conical  flow  predictions  and  the  experimental  flare  angle.  These  comparisons  indicate 
adequate  particle  response  since  some  of  the  velocity  and  flow  angularity  gradient  discrepancies  across  the  shock 
are  probably  caused  by  small  scale,  time  dependent  oscillations  of  the  shock  wave  about  its  mean  location. 
Indeed,  attempts  to  measure  particle  response  across  the  30  deg.  shock  wave  were  unsuccessful  as  the  increased 
tunnel  blockage  led  to  excessive  flowfield  instabilities  and  extensive  shock  motions. 

Although  these  preliminary  test  results  confirm  the  feasibility  of  obtaining  flowfield  data,  efficient  laser 
velocimeter  measurements  of  more  complex  flows  will  require  prior  flowfield  visualization  to  determine  the 
regions  of  primary  interest.  With  this  in  mind,  minor  modifications  were  made  to  the  sending  optics  which 
enabled  laser  light  to  pass  through  a  plane-cylindrical  lens  system.  The  lens  assembly  was  designed  so  that  a 
sheet  of  laser  light  was  generated  and  optimized  to  provide  vapor-screen  flow  visualization  by  illuminating 
liquefied  vapor  in  the  cross  flow  plane.  The  model  selected  was  the  Ames  Ail-Body  Hypersonic  Aircraft  which 
was  tested  at  15  deg.  angle  of  attack.  Fig.  60  shows  the  laser  light  sheet  visualization  of  the  cross  flow  plane  24 
inches  from  the  nose  where  the  shock  layer  location  and  symmetric  lee-side  vortex  structures  are  clearly  visible. 
Streamwise  scans  of  such  flowfields  will  enable  shock  envelope  and  vortex  trajectories  to  be  determined  and  the 
characteristics  of  their  interactions  with  control  surfaces  to  be  documented.  Grid  shot  overlays  will  then  enable 
an  a  priori  determination  of  the  extent  and  location  of  laser  velocimeter  flowfield  documentation. 

Unfortunately,  measurement  requirements  for  hypersonic  flows  are  further  compounded  by  the  presence 
of  fluctuations  in  the  static  themodynamic  quantities.  Density  and  temperature  fluctuations,  which  are  generally 
small  enough  to  be  neglected  in  most  low  speed  flows,  increase  to  levels  where  they  can  become  the  most 
significant  varying  properties.  At  high  Mach  numbers,  other  turbulent  stress  and  heat  fluctuation  terms  may 
well  be  important  and  may  not  be  adequately  rej  resented  by  the  incompressible  terms  alone.  Integration  of 
mean  flow  data  obtained  in  hypersonic  shear  flows  (Ref.  44)  shows  that  the  turbulent  compressible  shear  stress 
and  heat  fluctuation  distributions  are  given  by 


(pv)'u’  =  p  uV  +  v  p'u'  +  p'u'v'  and  (pv)T  =  p  vT  +  v  pT  +  p'uT  6.6 

Generally,  the  last  two  terms  on  the  right-hand  side  of  each  equation  are  considered  to  be  negligible.  However, 
since  density  and  temperature  fluctuation  levels  scale  with  the  square  of  the  local  Mach  number  and  significant 
flowfield  angularity  can  be  induced  in  shock-boundary  layer  interactions,  the  latter  two  sets  of  terms  could 
become  important  in  high  speed  interacting  compressible  flows.  The  measurement  of  these  additional  terms  will 
require  new  experimental  approaches. 

Means  for  local  temperature  and  density  fluctuation  measurement  have  been  sought  for  many  years  with 
only  limited  success.  Electron  beam  fluorescence  approaches  have  been  reviewed  by  Muntz  (Ref.  82).  This 
technique  is  based  upon  excitation  of  fluorescence  from  electron  impact  with  gas  molecules  in  the  flow  and 
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analysis  of  the  resulting  fluorescence  for  its  temperature  and  density  dependent  features.  In  general,  for  constant 
electron  beam  operating  conditions,  the  emitted  light  intensity  is  related  to  the  local  gas  density  and  temperature 
by  the  relationship 

I  =  k,p/(l+k2pQ(T)TD)  6.7 

Most  uses  of  the  electron  beam  fluorescence  techniques  have  been  restricted  to  conditions  in  which  the  second 
term  in  the  denominator  is  negligible.  In  these  cases  the  observed  intensity  is  ’inearly  related  to  the  gas  density. 
But,  it  is  unlikely  that  the  quenching  term  will  be  negligible  at  the  number  densities  associated  with  hypersonic 
turbulent  flows.  Indeed,  at  high  number  densities,  the  intensity  is  solely  a  function  of  temperature.  This 
sensitivity  to  more  than  a  single  gas  property  is  analogous  to  the  problems  associated  with  the  hot  wire  in 
compressible  flow.  But,  if  two  line  intensities  with  different  values  of  k2  and  Q(T)  are  measured  simultaneously, 
density  and  temperature  can  he  determined.  In  Ref.  83,  this  approach  was  used  to  obtain  density  and  temperature 
fluctuations  across  an  adiabatic  wall  boundary  in  a  hypersonic  helium  tunnel.  More  recently,  the  electron  beam 
fluorescence  technique  has  been  extended  to  flows  with  number  densities  of  up  to  3.7  x  1018  molecules/cc  which 
is  equivalent  to  an  altitude  of  150,000  fit.  (Ref.  84.) 

Rayleigh  and  Raman  scattering  have  also  been  considered  for  flowfield  measurements.  Rayleigh  scattering 
is  the  strongest  of  the  molecular  scattering  processes.  But,  this  process  occurs  without  energy  exchange  with  the 
internal  states  of  the  molecule  and  so  the  scattered  light  has  almost  the  same  wavelength  as  the  incident  beam. 
Thus,  it  is  difficult  to  separate  the  Rayleigh  scattered  light  from  background  light  caused  by  particle  or  surface 
scattering.  On  the  other  hand,  the  Raman  effect  is  an  inelastic  light  scattering  process  where  the  frequency  of  the 
scattered  light  is  shifted  from  that  of  the  incident  light  by  an  amount  which  depends  on  the  structure  of  the 
scattering  gas  molecules.  The  intensity  and  intensity  variations  in  the  scattered  light  spectrum  can  be  directly 
related  to  the  gas  molecular  density  and  temperature.  In  Ref.  85,  the  static  temperature  was  determined  by 
taking  the  ratio  of  the  intensities  of  two  pure  rotational  Raman  lines  of  nitrogen.  The  relationship  for  the 
temperature  T  is  given  by 

T  =  H/ln(R/G)  6.8 

H  and  G  are  constants  which  are  determined  by  the  specified  transitions  used  and  R  is  the  intensity  ratio.  The 
density  measurements  were  obtained  in  two  ways.  By  monitoring  the  intensity  of  the  vibrational  Q-branch  of 
nitrogen  and  by  using  the  intensity  of  the  anti-Stokes  transition.  The  density  measurement  based  on  vibrational 
Raman  scattering  is  almost  completely  independent  of  temperature,  and  the  temperature  measurement  technique 
involving  the  ratio  of  rotational  to  vibrational  Raman  scattering  is  entirely  independent  of  density.  Laser 
induced  fluorescence  methods  have  also  been  developed  by  introducing  trace  elements.  A  method  developed  to 
measure  temperature  and  density  fluctuations  in  turbulent,  unheated  compressible  flows  is  described  in  Ref.  86. 
The  technique  which  relies  on  nitric  oxide  fluorescence  is  restricted  to  nitrogen  flows  to  avoid  excessive 
collisional  quenching  by  atmospheric  oxygen. 

7.  CONCLUDING  REMARKS 

Diagnostic  tools  are  available  to  attempt  the  measurement  of  transitional  and  turbulent  hypersonic  flows, 
an  area  where  comprehensive  studies  are  lacking.  However,  measurement  techniques  must  be  used  with 
understanding  and  care  in  appropriate  test  situations.  Comparisons  of  new  laser  velocimeter  turbulence 
measurements  with  previous  hot  wire  results  indicates  that  past  data  reduction  assumptions  can  result  in 
significant  measurement  errors  in  hypersonic  flows.  Extensive  work  is  needed  to  establish  a  reliable  data  base 
for  turbulence  modeling  and  to  define  the  reliable  ranges  of  hot  wire  and  laser  anemometer  application.  At 
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present  our  transition  data  base  is  inadequate  for  design  purposes  although  some  of  the  scatter  could  be  resolved 
by  using  detection  schemes  which  accurately  and  consistently  resolve  the  extent  of  transitional  flow  on  test 
models.  Turbulent  shear  stress  and  heat  transfer  cannot  be  accurately  predicted  especially  close  to  transition. 
Since  proposed  hypersonic  test  vehicles  are  expected  to  have  extensive  regions  of  transitional  flow,  further 
studies  of  transitional  and  turbulent  boundary  layers  are  required.  Unfortunately,  complete  hypersonic  ground 
based  simulation  and  measurement  will  not  be  possible.  Accordingly,  selective  experiments  must  be  defined 
which  most  closely  simulate  specific  flow  features.  These  experiments  should  then  be  conducted  in  facilities 
which  are  suited  for  advanced  flowfield  diagnostics. 
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Table  1  (Ref.  2) 

SUMMARY  OF  HYPERSONIC  WIND  TUNNELS  -  NORTH  AMERICA 


Continuous 

1963  1971  1985 

14  7  3 

1987 

2 

Intermittent  (Air/N2> 

31 

32 

10 

15 

Intermittent  (He) 

6 

4 

3 

3 

Hotshot 

14 

6 

0 

0 

Shock  Tunnel 

16 

14 

2 

2 

Other 

1 

12 

1 

2 

Total 

82 

75 

19 

24 

Fig.  15  Static  turbulent  Prandtl  number 
distributions. 
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Fig.  18  Thermocouple  technique  for 

determination  of  transition  location. 
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Pig-  19  Comparison  of  thin-film  transition  data 
in  two  wind  tunnels,  M„  =  7.5, 

=  5°,  Tw/T0  «  0.4 


Fig.  20  Comparison  of  thermocouple  transition 

data  in  two  wind  tunnels,  =  7.5, 

9C  =  5°,  Tw/T0  =  0.4. 
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Fig.  21  Intermittency  distribution  through  the 
transitional  region  on  a  sharp  5°  cone. 
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Fig.  22  Effect  of  virtual  origin  location  on 
skin  friction  data. 
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Fig.  23  Variation  of  various  theoretical  and 
experimental  local  skin-friction 
coefficients  with  Mach  number, 

Re,=  107 
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Fig.  24  Summary  of  heat  loss  from  circular 
cylinders  in  cross-flow. 
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Fig.  25  Empirical  correlations  of  hot-wire  heat 
transfer  at  low  Reynolds  number. 


Fig.  29  Variations  of  recovery  temperature  in 
supersonic  flow  (ref.  6). 
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b)  temperature  fluctuation  alone 


Fig.  30  Typical  mode  fluctuation  diagrams. 


Fig.  28  Normalized  variation  of  recovery 
temperature  with  Knudsen  number. 
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Fig.  36  Distribution  of  the  normalized  velocity 
fluctuations  across  the  boundary  layer. 

- ,  Klebanoff  (1954).  (Other 

notation  as  in  Fig.  35.) 


stretching  density  factor  applied  to  the 
velocity  fluctuations.  (Other  notation 
as  in  Fig.  35.) 


Fig.  38  Distribution  of  the  density  fluctuations 
across  the  boundary  layer.  (Other 
notation  as  in  Fig.  35.) 
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Fig.  40  Examples  of  the  filtered  space-time 
correlation  coefficients  (4  kHz) 
obtained  for  various  longitudinal  wire 
separations  Ax/S  at  three  locations  in 
the  boundary  layer,  (a)  y/8  =  0.08, 

(b)  y/8  =  0.16,  (c)  y/5  =  0.33. 


Rg.  39  Auto-correlation  measurements  at 
three  positions  in  the  flow. 

(a)  x  »  176  cm.  (b)  x  =  237  cm. 


5-39 
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Fig.  41  The  distribution  of  disturbance 

convection  velocities  Uc  for  various 
disturbance  scales. 


Fig.  42  Variation  of  the  measu.  cd  disturbance 
inclination  angles  across  the  boundary 
layer. 


Fig.  43  Proposed  model  of  turbulence 
generation. 


Fig.  44  Turbulence  lifetime  distributions  for  various 
turbulent  scales  of  the  mass-flow  fluctuations 
across  the  boundary  layer. 


Fig.  45  Normalized  rms  voltage  and  surface 
static  pressure  distributions  for  an 
attached  and  separated  flow. 


Fig.  46  Normalized  energy  spectra  in  the 
separated  region  (187  cm)  and  after 
reu.tachment  (195  cm). 
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Fig.  47  Errors  m  measured  mean  and  rms 

quantities  due  to  directional  ambiguity. 
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Fig.  48a  Particle  trackability  in  the  AFW A L  20 
inch  Hypersonic  Wind  Tunnel. 
Frequency  response 


Fig.  49  The  influence  of  mean  free  path  on 
particle  response. 


Trackability 

ratio 


0.0  0.5  1.0  1.5  2  0 

Particle  Diameter,  pm 

Fig.  SO  Light  scattered  relative  to  forward 
scatter  of  a  1  pm  particle. 
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Fig.  48b  Particle  trackability  in  the  AFWAL  20 
inch  Hypersonic  Wind  Tunnel. 

Particle  trajectories. 
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Fig.  SI  Particle  trackability  variation. 
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Fig.  54b  Laser  velocimeter  velocity 
transformations. 
Velocity-defect 
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Fig-  56  Turbulent  velocity  cross-conelation 
coefficient 
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Fig.  57  Mean  velocity  profiles. 
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SPECIES  COMPOSITION  MEASUREMENTS  IN 
NONEQUILIBRIUM  HIGH-SPEED  FLOWS 

by 

Donald  W.  Boyer 
Calspan  Corporation 
P.O.B.  400 
Buffalo,  NY  14225 
USA 

1.  INTRODUCTION 

The  early  development  of  the  wind  tunnel  for  aerodynamic  research  basically  assumed  an  essential  reciprocity 
between  flight  through  the  ambient  atmosphere,  and  phenomena  generated  about  a  stationary  test  vehicle  in  a  moving 
airstream.  At  modest  velocity  requirements,  such  test  facilities  could  be  continuous  in  their  operation. 

As  research  interests  encompassed  higher  velocity  regimes,  requirements  on  the  total  enthalpy  level  of  the 
fluid  test  medium  also  increased,  rendering  the  continuous-flow  facility  less  viable  as  its  steady-state  operational 
limits  were  approached. 

Short-duration  test  facilities  such  as  the  hypersonic  shock  tunnel,  however,  have  afforded  a  means  for  extending 
research  study  capabilities  into  the  hypervelocity  flight  regime.  The  development  of  ground  test  facilities  to  simulate 
the  flow  about  hypersonic  vehicles  is  nevertheless  very  challenging  because  of  the  high  total  enthalpies  required. 
The  stagnation  enthalpies  encountered  in  flight  at  hypersonic  speeds  result  in  flowfield  temperatures  high  enough  to 
dissociate  and  even  ionize  the  chemical  species  in  air.  The  reservoir  state  in  a  short-duration  test  facility,  which 
then  undergoes  expansion  to  high  velocity  is,  of  course,  at  comparable  enthalpies  to  the  flight  case.  The  test  gas  in 
the  reservoir  is  therefore  also  dissociated  and  ionized.  In  the  subsequent  expansion  to  hypersonic  speeds,  the  flow 
can  depart  from  thermal  and  chemical  equilibrium. 

It  is  in  these  test  flow  environments  that  "perfect-gas"  reciprocity  is  lost  since,  at  comparable  velocities,  the 
freestream  in  the  high-enthalpy  facility  test  section  differs  from  that  existing  for  flight  in  the  atmosphere.  The 
static  pressures  and  temperatures  (and  hence  Mach  numbers)  differ  and  the  composition  of  the  air  in  the  nozzle 
contains  oxygen  atoms  and  nitric  oxide,  in  addition  to  the  molecular  O2  and  N2.  At  higher  enthalpies,  nitrogen  is 
also  appreciably  dissociated  and  ionized  species  begin  to  appear  in  significant  concentration.  The  ionization  introduces 
plasma  properties  into  the  flow  environment  which  r-^ 1  give  rise  to  additional  interaction  phenomena  associated  with 
the  presence  of  a  free  electron  concentration  in  the  flowfield.  The  effect  of  a  nonequilibrium  freestream  composition 
on  flowfield  measurements  around  a  test  vehicle  must  then  be  understood  in  order  to  relate  to  the  flight  case. 
Numerical  codes  exist,  of  course,  for  the  calculation  of  nonequilibrium  flow  expansions,  and  for  flows  about 
hypervelocity  vehicles.  The  important  questions  are  then: 

•  is  the  chemistry  fully  specified? 

•  are  the  reaction  rates  reliable? 

In  high  enthalpy  facility  operations,  therefore,  it  is  necessary  that  consideration  be  given  to  the  diagnostic 
methods  and  techniques  available  for  independent  measurement  of  species  compositions.  A  description  of  such 
complementary  techniques  will  comprise  the  substance  of  the  lecture  discussions.  The  methods  to  be  discussed  have 
all  appeared,  in  various  forms,  in  the  archival  literature  on  research  studies  covering  a  range  of  different  flow 
environments  and  gas  mixtures.  The  techniques  involve  laser,  optical,  and  electron-beam  "probes"  to  interrogate  the 
flow,  all  of  which  are  classed  as  non-intrusive  diagnostics. 

The  methods  will  involve  laser  interrogation  of  the  flow  via  such  techniques  as  spontaneous  Raman  spectroscopy 
(SRS),  coherent  anti-Stokes  Raman  spectroscopy  (CARS)  and  laser-induced  flue--  :sce nee  (LIF).  These  methods  provide 
for  good  spatial  resolution,  either  via  the  use  of  crossed  beams  (CARS)  or  by  monitoring  a  small  elemental  length  of 
the  laser  beam  (SRS,  LIF). 

Other  optical  methods  to  be  discussed  involve  emission  or  absorption  phenomena  which  exploit  the  fact  that 
critical  air  species  in  real-gas  flows  are  optically  active  and  permit  emission  or  absorption  spectrometric  techniques 
to  be  used.  These  latter  approaches  are  integrated  line-of-sight  measurements  which  are  appropriate,  for  example, 
for  the  quasi  one-dimensional  flows  in  a  nozzle  expansion.  As  with  all  such  measurements  which  are  a  function  of 
species  composition,  they  allow  for  critical  comparison  with  calculated  values. 

Point  measurements  of  number  density  may  also  be  made  by  means  of  an  electron  beam.  Beam  electrons 
injected  into  the  flow  collisionally  excite  a  selected  species  whose  specific  fluorescent  emission  is  monitored  via 
well-focussed  collection  optics,  interference  filters  and,  most  usually,  photomultipliers.  The  choice  of  band  system 
monitored  depends  upon  the  density  levels  anticipated.  For  complementary  calibration  data  obtained  under  static 
conditions,  species  number  densities  in  a  flow  system  can  be  directly  inferred  from  a  single  radiometer  measurement 
of  the  beam  fluorescence. 

For  higher-enthalpy  flow  situations  in  which  the  flow  may  be  partially  ionized,  reference  will  also  be  made  to 
the  use  of  swept-voltage  electrostatic  probes  fo»  the  point  measurement  of  electron  temperature  and  number  density. 
This  is  an  intrusive-probe  measurement,  and  one  applicable  to  both  the  freestream  and  vehicle  flowfields.  In  the 
uniform  freestream,  integrated  line-of-sight  diagnostic  measurements  of  the  plasma*  state  are  afforded,  as  well,  by 
microwave  interferometry. 

The  implementation  of  these  techniques  for  species  composition  measurements  in  nonequilibrium  flow  systems 
will  be  described  in  subsequent  sections.  A  brief  review  is  first  given,  however,  of  the  flight  regimes  wherein  changes 
in  the  gas  composition  begin  to  take  place  as  a  result  of  dissociation  processes,  and  of  the  consequences  of  these 
processes  in  the  expansion  flows  simulating  flight  velocities  in  a  test  facility. 

The  note,  perhaps  trivial,  is  also  made  that  the  gas,  though  dissociated  or  ionized,  may  still  be  in  thermochemical 
equilibrium  in  some  regions,  as  in  the  vicinity  of  the  stagnation  point  on  a  large  nose  radius  vehicle,  or  in  the 
reservoir  region  of  a  reflected-shock  tunnel.  Nonequilibrium  phenomena  appear  when  the  fact  that  chemical  adjustment 


6-2 


ra  j  are  not  infinitely  fast  becomes  manifest.  These  appear,  for  example,  in  the  rapid  expansion  of  high-enthalpy 
flows  such  as  those  into  the  afterbody  region  around  a  blunt  vehicle,  or  in  the  flow  in  a  hypersonic  nozzle. 

2.  FLIGHT  SIMULATION  AND  NONEQUILIBRIUM  PHENOMENA 

The  gasdynamic  parameters  and  composition  of  equilibrium  air  behind  a  normal  shock  wave  have  appeared  in 
tabular  or  graphical  form  in  many  pub'ications.  Such  computations  have  also  been  performed  at  this  laboratory  for 
a  range  of  velocities  (2000-50000  ft/ sec)  and  altitudes  (sea  level-300,000  ft)  from  which  the  data  shown  in  Figure  1 
were  obtained. 

Figure  1  shows  the  regimes  corresponding  to  10%  a"d  90%  dissociation  behind  a  normal  shock  wave  for  both 
O2  and  N2  as  a  function  of  velocity  and  altitude.  The  ti.  eshold  for  10%  ionization  is  also  included.  It  is  seen  that 
O2  dissociation  is  essentially  complete  before  N2  dissociation  begins.  This  is  due  to  the  weaker  valence  bond  of 
O2  compared  with  N2.  Profiles  of  normal  shock  temperatures  of  4,000,  6,000,  8,000  and  !0,000°K  have  also  been 
included  in  the  figure.  The  stagnation  temperature  would  only  be  about  1%  higher  than  the  normal  shock  value  for  any 
of  the  velocity-altitude  conditions  shown.  Also  included,  as  appropriate,  is  the  hypersonic  flight  trajectory  of  the 
shuttle  vehicle. 

In  order  to  relate  the  flight  regimes  shown  in  Figure  1  to  hypersonic  facility  test  requirements,  the 
thermodynamic  state  of  the  atmosphere  at  a  given  altitude  and  flight  velocity  condition  can  be  used  to  define  a 
reservoir  condition  from  which  expansion  would  produce  a  test  flow  providing  the  required  flight  condition.  At  high 
enthalpy  levels,  however,  full  duplication  of  a  selected  flight  condition  cannot  be  achieved  in  any  test  facility  because 
of  pressure  limitations  and  nonequilibrium  phenomena^). 

Full  duplication  is  necessarily  relaxed  in  order  to  duplicate  the  flow  velocity  and  one  of  the  thermodynamic 
state  variables  corresponding  to  conditions  at  the  selected  altitude.  Usually  the  density  corresponding  to  a  given 
altitude  is  matched.  If  the  test  airflow  is  then  expanded  from  an  equilibrium  reservoir  to  the  desired  velocity  and 
density  at  the  given  altitude,  the  static  temperature  will,  in  general,  be  higher  than  the  static  temperature  at  that 
altitude.  The  freestream  Mach  number  will  therefore  be  lower  than  the  flight  Mach  number.  For  hypersonic  flows, 
however,  the  duplication  of  the  velocity  and  density-altitude  afford  a  match  in  the  total  enthalpy,  or  stagnation 
temperature,  and  in  the  dynamic  pressure.  For  blunt  bodies,  therefore,  real  gas  flowfields  can  be  simulated  to  good 
approximation  in  hypersonic  flow  facilities^) 

As  noted  earlier,  however,  airflow  expansion  from  a  high  enthalpy  reservoir  state  undergoes  a  departure  from 
chemical  equilibrium.  Computer  codes  have  been  written  for  the  calculation  of  nonequilibrium  expansions  of  air 
with  coupled  chemical  reactions^)  and  employed  in  numerical  calculations  for  a  wide  range  of  high-enthalpy  reservoir 
expansions  W.  The  results  of  an  illustrative  calculation  are  shown  in  Figure  2.  The  calculated  species  distributions 
correspond  to  the  expansion  from  an  equilibrium  reservoir  or  reflected  shock  condition  at  a  temperature  of  6,000°K 
and  a  pressure  of  600  atmos.,  in  one  of  the  nozzles  of  the  96-inch  hypersonic  shock  tunnel  at  this  laboratory.  The 
expansion  in  this  case  will  produce  a  test  flow  velocity  of  about  14,000  ft/sec,  at  a  density  altitude  of  about  130  kft. 

The  figure  illustrates  the  considerable  departure  from  composition  equilibrium  for  some  species,  including 
electrons,  which  occur  in  the  nozzle  freestream  at  these  conditions,  which  are  typical  of  high  enthalpy  shock  tunnel 
operation.  The  species  concentrations  are  shown  in  mass  concentration  units  (Yj  ,  moles/gm).  This  removes  the 
density  dependence  from  the  distributions  and  highlights  the  freezing  process,  i.e.,  when  frozen,  Yj  =  constant.  It  is 
seen  that  O  and  NO  freeze  out  in  the  early  portion  of  the  nozzle  expansion  so  that  the  test  freestream  composition 
is  about  5%  NO,  which  exceeds  the  O-atom  concentration.  On  the  other  hand  the  dissociation  energy  of  N2  is 
essentially  completely  recovered  in  the  expansion  due  to  the  efficient  binary  paths  provided  by  the  so-called  shuffle 
reactions. 


NO  ♦  O  N  4  O2 
N  +•  NO  — ►  O  +  N2 

These  reactions  have  been  written  in  their  operative  direction  during  the  expansion  process.  The  binary  path 
for  the  return  of  N  to  N2  is  evident.  The  dominant  mechanism  for  the  control  of  the  electron  concentration  in 
airflows  at  these  conditions  is  the  dissociative  recombination  process  NO  +  e  ^  N  +  O.  This  process  also  rapidly 
loses  effectiveness  as  the  density  decreases  in  the  expansion  hence  a  free  electron  concentration  is  present  in  the 
hypervelocity  freestream  flow. 

The  depa> ture  from  equilibrium  in  species  composition  also  effects  associated  departures  from  equilibrium 
behavior  in  other  gasdynamic  properties.  The  static  temperature  in  the  expansion  is  lower  than  for  equilibrium 
because  of  the  chemical  energy  frozen  out  in  nonequilibrium  species  concentrations.  The  static  pressure  and  the 
local  flow  velocity  a.*e  also  slightly  lower  than  in  an  equilibrium  expansion,  whereas  the  gas  density  is  essentially 
unaffected  by  nonequilibrium  effects. 

It  is  important,  however,  that  the  effects  of  the  nonequilibrium  state  of  the  test  flow,  as  illustrated  in  Figure 
2  foi  example,  be  thoroughly  understood  in  the  interpretation  of  experiments  in  a  hypersonic  test  facility.  While  this 
can  be  done  by  computation,  the  reliability  of  numerical  calculations  in  the  description  of  the  nonequilibrium  state 
must  be  well  validated.  The  independent  measurement  of  species  concentrations  in  such  facility- generated  flows 
constitutes  a  logical  data  base  in  the  corroborative  process. 

3.  NON1NTRUS1VE  DIAGNOSTICS  FOR  SPECIES  CONCENTRATION  MEASUREMENTS 

Several  diagnostic  methods  will  be  discussed  which  can  be  employed  for  the  measurement  of  species 
concentrations  in  nonequiiibrium  flows.  The  laser  optical  methods,  in  particular,  have  demonstrated  their  applicability 
for  the  measurement  of  temperatures  and  species  concentrations  in  such  hostile  environments  as  flames  and  combustors. 

The  methods  to  be  described  are  nonintrusive  techniques  which  employ  the  remote  focusing  of  optical  radiation 
into  the  region  of  diagnostic  interest.  Physical  probes  do,  and  will  continue  to,  provide  for  unique  and  specific 
gasdynamic  measurements  in  high  speed  flows.  However,  depending  upon  the  flow  situation  or  the  measureme.it 
requirements,  physical  probes  may  perturb  the  flow  properties  they  seek  to  measure.  They  may  also  be  limited  in 
their  spatial  resolution  or  temporal  response,  and  may  not  survive  at  the  high  temperature  and  pressure  conditions 
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associated  with  high-enthalpy  flow  simulations.  Species  concentration  measurements,  however,  can  be  performed  via 
remote,  non- perturbing  techniques,  mainly  optical,  provided  line  of  sight  access  to  the  measurement  region  of  interest 
can  be  made  available.  In  most  cases,  provision  for  such  access  can  be  factored  into  the  design  of  the  particular 
experiment. 

The  optical  method  may  involve  either  the  traditional  incoherent  radiation  sources  such  as  lamps  or  arcs  for 
absorption  measurements,  or  the  highly  collimated,  coherent  radiations  provided  by  lasers.  Prior  to  more  detailed 
discussions  concerning  these  optical  methods,  a  few  introductory  comments  should  be  made  concerning  the  spectrorcopy 
associated  with  the  passage  of  optical  radiation  through  gases.  This  will  serve  to  introduce  some  of  the  phenomena, 
such  as  scattering,  Raman  spectra,  fluorescence,  etc.,  that  are  fundamental  to  the  diagnostic  measurement  techniques 
to  be  discussed.  The  presentation  of  the  theory  underlying  the  several  processes  to  be  presented  will,  by  intent,  be 
quite  brief  so  as  to  maintain  focus  on  the  measurement  methods.  The  corresponding  theoretical  backgrounds  are 
fully  covered  in  the  literature  to  be  cited. 

3.1  Induced  Polarization  Phenomena  in  Gases 


When  radiation  passes  through  a  gas,  the  electric  field  of  the  incident  electromagnetic  radiation  induces  a 
polarization  in  the  molecules.  The  electric  polarization  may  be  written  as  a  power  series  of  the  form 

P  =  *<1)E  +  *X(2)e2  .tcOJeJ...  (1) 

where  P  is  the  induced  polarization,  *Xis  the  dielectric  susceptibility  and  E  is  the  electric  field  strength.  The  linear 
susceptibility  term,^^!  is  responsible  for  Rayleigh  and  Raman  scattering  phenomena,  whereas  the  nonlinear  terms 
lead  to  resonant  phenomena  at  new  frequencies.  In  isotropic  media  such  as  gases,  there  are  no  second-order  effects 
and  the  second-order  nonlinear  susceptibility,  %(2)f  i$  zero.  The  lowest  order  nonlinear  term  for  gases  is  therefore 
the  third-order  term,X(3).  This  latter  term  will  be  referred  to  subsequently  as  it  is  responsible  for  the  CARS  process. 

The  oscillating  polarization  induced  via  the  linear  susceptibility  term,?Cil),  produces  electromagnetic  radiation 
and  Rayleigh  scattering'*)  results  from  the  induced  polarization  oscillating  at  the  same  frequency  as  the  incident 
radiation.  That  is,  the  photon  is  elastically  scattered  without  change  of  energy.  !n  addition,  the  induced  polarization 
changes  slightly  as  a  result  of  the  vibrational  and  rotational  motions  of  the  molecule.  This  results  in  inelastic  or 
Raman  scattering  where  the  frequency  of  the  scattered  light  is  shifted  by  the  vibrational  or  rotational  frequency  of 
the  molecular  motions.  The  incident  light  photon  may  cause  the  molecule  to  undergo  a  quantum  transition  to  a 
higher  level,  so  that  the  incident  photon  loses  energy  and  is  scattered  at  a  lower  frequency.  If  the  molecule  is  already 
in  an  energy  level  above  its  ground  state,  the  photon  may  cause  the  molecule  to  return  to  its  lowest  level  with  the 
photon  scattered  at  increased  frequency.  These  frequency  changes  are  the  Raman  shifts  which  are  characteristic  of 
the  particular  molecule'*).  If  a  different  incident  frequency  is  used,  other  Raman  spectra  are  obtained  for  the  same 
molecule.  However,  the  Raman  shifts  from  the  exciting  frequency  remain  the  same. 

The  frequency  shifts  to  lower  energy  (or  longer  wavelengths)  are  called  Stokes  lines,  and  those  displaced  to 
higher  frequencies  (shorter  wavelengths)  are  called  anti-Stokes  lines.  At  ordinary  temperatures,  both  Stokes  and 
anti-Stokes  lines  are  evident  in  the  rotational  Raman  spectra  of  diatomic  molecules,  with  which  molecules  these 
discussions  will  be  primarily  concerned.  However,  most  diatomic  molecules  are  in  the  lowest  .ibrational  state  at 
ordinary  temperatures,  the  fraction  of  molecules  in  a  higher  vibrational  i  .  - 1  being  extremely  small.  For  example, 
at  300®K,  the  ratio  of  nitrogen  molecules  in  the  first  vibrational  level  to  tho-*  in  the  ground  state  is  1.4  x  10”5  for 
a  Boltzmann  distribution^*).  Accordingly,  only  the  Stokes  lines  are  observed  in  the  vibrational  Raman  spectrum  of 
diatomic  gases.  The  intensities  of  the  anti-Stokes  lines  at  shorter  wavelengths  are  so  weak  that  they  are  not  observed. 

In  this  context,  the  comment  should  be  included  that  infrared  spectra  derive  from  a  permanent  dipole  moment 
in  the  molecule,  not  present  in  homonuclear  molecules  like  N2  or  O2,  whereas  Raman  spectra  result  from  polarization 
effects  which  are  independent  of  the  presence  of  a  permanent  dipole  moment  in  the  molecule.  Thus  Raman  spectra 
exist  for  homonuclear  diatomic  molecules  like  H2,  62  or  N2,  which  have  no  infrared  spectrum. 

Finally,  it  should  also  be  noted  that  fluorescence  is  a  phenomenon  entirely  separate  from  the  Raman  effect, 
even  though  the  use  of  the  terms  Stokes  and  anti-Stokes  lines  have  as  their  origin  reference  to  fluorescent  spectra. 
In  fluorescence,  the  incident  photon  is  absorbed,  the  molecule  elevated  to  an  excited  state  with  re-emission  of  the 
photon  after  a  certain  lifetime,  to  return  the  molecule  to  a  lower  energy  state.  The  fluorescence,  therefore,  is 
always  emitted  at  a  lower  frequency  than  that  of  the  incident  radiation  in  accordance  with  Stokes  law,  i.e.,  the 
fluorescence  corresponds  to  Stokes  lines.* 

3.2  Spontaneous  Raman  Spectroscopy 

One  of  the  early  spectroscopic  techniques  employed  for  species  concentration  and  temperature  measurements 
is  spontaneous  Raman  spectroscopy  (SRS).  A  schematic  of  an  experimental  arrangement  for  SRS  Is  shown  in  Figure 
3.  Only  a  single  radiation  source  is  required  for  this  measurement  technique,  which  can  operate  at  any  wavelength. 
However,  since  the  intensity  of  the  Raman  signal  is  proportional  to  the  fourth  power  of  the  incident  radiation 
frequency,  visible  wavelength  sources  are  usually  employed. 

Early  sources  emploved  the  435$A  line  of  mercury,  which  is  the  most  intense.  Current  sources  are  usually 
lasers  (e.g.,  NdrYAG,  3320a,  Argon  ion,  4880A).  The  incident  radiation  is  brought  to  a  focus  in  the  measurement 
volume,  and  the  radiation  scattered  at  right  angles  is  collected  via  large-solid-angle  optics  and  passed  into  an 
appropriate  detector  (monochrometer,  spectrometer)  for  analysis.  The  recorded  spectrum  of  the  Interrogated  species 
may  be  a  pure  rotational  Raman  spectrum  (low  temperatures)  wherein  no  change  in  vibrational  energy  is  involved,  or 
it  can  be  a  vibrational  Raman  spectrum  in  which  both  vibrational  and  rotational  transitions  are  involved.  The  type 
of  spectra  recorded  will  depend  upon  the  source  frequency,  as  well  as  the  identity  and  temperature  of  the  targeted 
molecule. 


•A*  noted  In  Ref.  (4),  lines  which  would  contradict  Stokes  law  for  fluorescence  were  referred  to  as  anti-Stokes  lines. 
This  terminology  was  carried  over  to  the  Raman  effect  to  denote  those  lines  which  are  emitted  at  frequencies  higher 
than  that  of  the  Incident  radiation. 
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The  Raman  transitions  are  described  in  terms  of  the  selection  rules  for  the  changes  allowed  in  the  vibrational 
quantum  number,  v,  and  the  rotational  quantum  number,  7.  For  the  rotational  Raman  spectrum  of  a  diatomic 
molecule,  v  =  0  and  AT  =  +2,  giving  the  S  branch  lines  equidistant  either  side  of  the  exciting  line  (  AT  =  0).  For 
the  vibrational  spectrum,  Av  =  +1,  i.e.,  transition  can  occur  only  to  the  adjacent  vibrational  state,  and  three  branches 
corresponding  to  AT  =  +2  {S  branch),  AT  =  -2  (O  branch)  and  AT  =  0  (Q  branch). 

In  a  given  environment,  the  distribution  of  populations  among  the  different  energy  levels  will  vary  with  the 

temperature.  The  recorded  Raman  spectrum  will  therefore  be  a  sensitive  function  of  the  temperature  of  the 

scattering  molecule.  A  smoothed  representation  of  the  measured  Raman  spectrum  recorded  for  N2  by  Lapp  et  al.15)  jn 
a  lean  H2"air  flame  is  shown  by  the  solid  line  in  Figure  4.  The  source  in  these  experiments  was  an  Argon-ion  laser 
at  4880A  (20492  cm-1).  The  Raman  shift  for  N2  is  2331  cm-K4)  hence  the  fundamental  (v  =  0)  Stokes  line  is  centered 
at  20492  -  2331  =  18161  cirri,  0r  5506a.  The  peaks  labeled  G,  1,  and  2  correspond  to,  respectively,  the  ground 
state  Stokes  vibrational  Q-branch,  the  Q-branch  for  v  s  1  to  v  ;  2,  and  the  upper  state  Q-branch  for  v  =  2  to  v  =  3.  The 

G  profile  is  the  fundamental  and  the  v  =  1,  v  =  2  profiles  correspond  to  the  "hot"  bands. 

The  intensity  and  the  width  of  each  particular  band  depends  upon  the  rotational  temperature  and  can  be 
calculated  (5-7)  hence  a  fit  to  the  measured  profile  will  determine  the  rotational  temperature.  The  bandwidth  and 
successive  band  ratios  are  temperature-dependent.  If  the  gas  is  in  equilibrium,  i.e.,  equilibrium  populations  of  the 
vibrational  and  rotational  energy  levels,  then  the  vibrational  and  rotational  temperatures  are  equal.  The  illustrative 
flame  data  for  N2  in  Figure  4  correspond  to  the  equilibrium  situation.  The  calculated  Raman  spectral  profiles  for 
several  different  ‘•emperatures  are  also  included  on  the  measured  profile,  indicating  quite  satisfactory  correlation  for 
an  N2  temperature  of  1600°K.  The  calculated  relative  intensity  profiles  were  performed  on  a  computer  via  convolution 
with  the  measured  slit  fimction  of  the  monochrometer.  This  will  improve  the  match  between  the  computed  and 
measured  spectra. 

If  nonequilibrium  population  conditions  exist,  separate  fits  to  the  shape  of  each  band  can  be  iteratively 
performed  for  different  rotational  and  vibrational  temperatures^).  Vibrational  temperatures  can  also  be  obtained 
from  the  band  peak  height  ratios^),  or  from  the  ratio  of  Stokes  to  anti-Stokes  Iinesl9-U). 


In  this  technique,  the  intensity  of  the  scattered  radiation  depends  upon  the  number  of  molecular  scatterers  in 
the  probed  volume.  The  species  concentration  is  then  readily  obtained  from  the  ratio  of  the  scattered  to  incident 
radiation  intensity  which  is  a  linear  function  of  the  number  density.  Quenching  effects  are  not  involved.  In  a 
general  form,  the  intensity  ratio  can  be  writtenWM^) 

§  * w 

where  Ir  and  I0  are  the  collected  scattered  intensity  and  incident  radiation  intensity,  N  is  the  number  density  of 
the  specific  molecular  scatterers,  dOfySl  is  the  Raman  scattering  cross  section,  XI  is  the  collection  solid  angle,  JL  is 
the  sampled  length  (Figure  3)  and  t  represents  the  overall  optical  collection  efficiency.  Values  of  the  Raman  cross 
sections  are  available  in  the  literature. 


Many  applications  of  spontaneous  Raman  spectroscopy  have  been  reported  for  species  concentration  and 
temperature  measurements.  The  references  cited  herein  comprise  such  measurements  on  species  that  include  N2, 
O2,  OH,  CO,  H2O,  and  CO2.  Some  of  the  measurements  were  performed  in  nozzle  expansion  flows  although 
the  majority  have  been  applied  to  the  quantitative  diagnosis  of  flames  and  post-combustion  processes. 

The  SRS  method  has,  as  its  advantages,  the  comparative  simplicity  of  experimental  setup,  the  capability  for 
fine  spatial  resolution,  the  need  for  only  a  single  source,  freedom  from  collision  quenching  effects  (since  it  is  a 
scattering  process),  and  freedom  from  interference  radiation  due  to  the  simultaneous  scattering  from  other  species. 
The  latter  is  due  to  the  fact  that  at  the  same  incident  frequency,  the  Raman  spectra  of  other  species  will  occur 
at  different  wavelengths.  This  also  means  that  the  determination  of  the  concentration  of  a  particular  species  in  a 
gas  mixture  is  independent  of  the  other  components  of  the  gas  mixture.  The  shoreless  of  laser-source  pulses  also 
enables  the  technique  to  be  applied  for  in-si tu  concentration  measurements  in  high  speed  flows. 

The  prime  disadvantage  of  the  technique,  however,  is  the  low  value  of  the  Raman  scattering  cross  sections. 
For  example,  typical  spontaneous  Raman  cross  sections  for  rotational  and  vibrational  transitions  are  of  order  10"^® 
cm^/sr,  which  are  about  3  orders  of  magnitude  smaller  than  Rayleigh  scattering  and  about  10  orders  of  magnitude 
smaller  than  those  for  molecular  absorptions^  5).  The  scattered  radiation  is  also  incoherent,  being  distributed  over 
417  sr,  hence  the  need,  as  noted  earlier,  for  large  solid-angle  collection  optics.  These  factors  lead,  overall,  to  a 
weak  process,  which  is  limited  to  the  measurement  of  species  in  reasonably  large  concentration  (  ~  1%)  and  in 
essentially  clean  flows.  The  latter  requirement  is  to  avoid  other  interferences  arising  from  background  luminosity 
or  particulates,  which  can  mask  the  Raman  signals. 

In  nonequilibrium  airflows,  however,  using  high-power  pulsed  lasers,  the  method  can  be  appropriate.  As  noted 
in  Figure  2,  N2  is  essentially  equilibrated  in  a  high-enthalpy  nonequitibrium  air  expansion,  but  SRS  could  usefully 
monitor  N2  for  thermometry.  The  measurement  of  O2  and  NO  concentrations,  furthermore,  is  important  as  a  ..leans 
of  verification  of  the  kinetics  description  of  the  nonequilibrium  state. 

3.3  Coherent  Anti -Stokes  Raman  Spectroscopy 

Owing  to  the  deficiencies  in  the  strength  of  signals  associated  with  spontaneous  Raman  spectroscopy,  recent 
years  have  witnessed  a  most  significant  growth  in  the  application  of  the  technique  of  Coherent  anti-Stokes  Raman 
Spectroscopy  (CARS).  This  is,  however,  a  technique  of  considerable  complexity  in  its  experimental  configuration, 
its  theoretical  foundation,  and  in  data  reduction.  At  the  same  time,  the  method  is  a  powerful  one  because  of  the 
coherence  of  the  generated  signal  and  the  orders  of  magnitude  improvement  in  signal  response  over  spontaneous 
Raman  scattering,  and  hence  in  the  ratio  of  signal  to  interference  levels. 

The  nonlinear  optical  effects  responsible  for  the  CARS  process  were  first  reported  by  Maker  and  Terhuned*) 
in  1965.  There  the  feasibility  was  shown  for  the  creation  of  a  new  frequency  component  at  oJ  ♦  A  due  to  the  presence 
of  frequencies  CJ  and  a?  -  A  ,  where  A  is  a  Raman  frequency.  The  process  was  referred  to  as  three- wave  mixing^*), 
and  depends  upon  the  third-order  nonlinear  susceptibility  term, *x(3)|  in  the  induced  polarization  equation  presented 
earlier  (Eqn.  (1),  Sec,  3.1).  Mixing  of  the  field  frequency  components  by  the  third-order  susceptibility  can  be  used, 
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for  example,  to  triple  a  fundamental  frequency  or  to  combine  two  or  three  different  frequencies  which  can  be 
resonantly  enhanced,  leading  to  the  generation  of  coherent  radiation  at  a  new  frequency. 

High  electric  fields  are  necessary,  however,  for  the  generation  of  the  nonlinear  optical  effects  in  media,  hence 
it  was  not  until  the  development  of  high  peak  power  laser  sources  that  such  phenomena  could  be  observed 
experimentally.  The  method  was  first  employed  for  gas-phase  concentration  measurements  by  Regnier  and  Taran(15) 
in  1973. 

A  diagrammatic  representation  of  the  CARS  process  is  shown  in  the  sketch  below,  from  literature  on  the 
theory  and  application  of  CARS.'12,16-18) 


ENERGY  LEVEL  DIAGRAM 

Incident  laser  beams  at  frequencies  <0 j  and  cj ^  ,  termed  the  pump  and  Stokes  beams,  respectively,  interact  through 
the  third-order  nonlinear  susceptibility,  **3',  to  generate  a  polarization  field  which  produces  coherent  radiation  at  a 
frequency  CO3  =  2CUx~CJ2-  When  the  frequency  difference  (cOj-O^)  is  close  to  the  frequency  of  a  Raman-active 
resonance,  cO^,  the  CARS  signal  at  frequency  CO3  will  then  be  resonantly  enhanced  and  emerge  as  a  laser-like  signal 
whose  spectral  properties  are  unique  to  the  molecule  being  probed.  It  can  be  seen  from  the  above  sketch  that  the 
CARS  signal  lies  on  the  anti-Stokes  side  of  CO*  ,  hence  the  name  of  the  effect. 

Only  a  brief  overview  of  the  theory  of  CARS  is  included  here,  as  the  process  is  thoroughly  described  in  the 
cited  literature  and  in  the  references  noted  therein.  The  third-order  nonlinear  susceptibility  which  governs  the  effect 
is  complex  and  can  be  written(19-23)> 

*0)  =  *R  ♦  XNR  .  *R  +  i-XR  ♦  *NR  (3) 

where  Xr  =  Xr  +  I^Xr  is  the  resonant  part  of  the  susceptibility,  due  to  the  closest  vibrational-rotational  resonances 
(Raman-active  transitions)  in  the  species  of  interest,  and  £nr  Is  a  slowly  varying  nonresonant  term  which  is  a 
background  contribution  due  to  electrons  and  remote  resonances  from  the  other  species  present. 

The  susceptibility  is  a  fourth-rank  tensor  characterized  by  four  distinct  frequencies  with  the  full  expression 
consisting  of  some  80  independent  tensor  elements '23).  Considerable  simplification  exists,  however,  for  the  case  of 
an  isotropic  medium  when  the  number  of  tensor  elements  is  reduced  to  three.  A  further  reduction  to  two  elements 
exists  for  frequency-degenerate  CARS  wherein  two  of  the  four  frequencies  are  equal.  It  is  this  situation,  with 
frequencies  CJj  ,  and  U )$,  that  is  involved  in  current  diagnostic  applications  of  CARS.  There  are,  nonetheless,  still 
a  large  number  of  resonant  denominator  terms  in  the  nonlinear  susceptibility  expression  which,  apart  from  the 
vibrationally  resonant  terms,  can  become  large  when  one  or  more  of  the  field  frequencies  6),  ,  u) ^  or  the  CARS 
frequency  C0$  become  resonant  with  an  electronic  transition  in  the  probed  molecule  leading  to  electronically-resonant 
CARS.  However,  the  normal  CARS  process  Is  vibrationally  resonant  for  For  these  situations,  when  far 

from  electronic  resonances,  the  susceptibility  can  be  written  in  the  general  forms 

to  2C<  _  ^  (jzlr,T 


where  N  is  the  total  number  density  of  the  probed  molecule,  A  (vjj)  is  the  population  difference  between  the  upper 
and  lower  vibration-rotation  states,  &  O'  / diL  is  the  Raman-scattering  cross  section  and  P  (v",j)  is  the  line  width  of 
the  Raman  transition.  As  vibrational  modes  of  molecules  are  mainly  symmetric,  only  Q-branch  transitions  are 
important.  It  is  evident  that  for  a  given  pump  frequency  C Of,  the  selection  of  a  particular  frequency  COg  020  pick  out 
a  resonance  condition  for  a  given  C J#  via  the  detuning  denominator  factor  All  other  remote  resonances 

are  lumped  under  the  background  nonresonant  term,  %nR  • 

The  susceptibility  is  seen  to  be  number  density  dependent,  and  because  of  the  Boltzmann  population  factor 
A  (v,Jy,  the  CARS  spectra  will  also  be  temperature  dependent.  This  is  the  basis  of  the  diagnostic.  The  nonresonant 
part,  of  the  susceptibility  is  real  and  independent  of  COj  and  CO  2  and  for  gases  is  of  order  10~*  -  10_*  of  Xr05). 
Also,  near  resonance,  the  real  part  of  the  resonant  susceptibility  Measurements  of  the  third-order  nonlinear 

susceptibilities  for  a  number  of  different  gases  have  been  reported  by  Radov24). 
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The  intensity  of  the  CARS  signal  is  given  by:^5, 19,25) 

✓  \2 


where  I  is  the  power  density  at  frequency  Cj  ,  X  the  third-order  susceptibility,  and  L  is  the  distance  over  which 
the  laser  beam  interaction  occurs.  The  magnitude  of  the  CARS  signal  is  thus  dependent  on  the  intensities  of  the 
mixing  pump  and  Stokes  laser  beams.  For  focused  beams,  the  power  in  the  CARS  signal  is  then 


From  these  expressions,  it  is  seen  that  the  resonant  part  of  the  CARS  signal  is  proportional  to  the  square  of  the 
probed  molecule  number  density,  via  |X|  • 

A  schematic  of  the  laser  system  geometry  for  the  generation  of  the  CARS  signal  is  shown  in  the  sketch  below: 


OPTICAL  ARRANGEMENT  FOR  CARS 

The  two  beams  from  the  pump  laser  at  and  the  Stokes  beam  at  CJ^are  focused  into  the  probe  volume  and  generate 
the  CARS  signal  at  Co  -5  . 

Phase  matching  is  extremely  important  in  this  process.  The  incident  laser  beams  must  be  aligned  so  that 
the  three-wave  mixing  process  is  properly  phased  to  ensure  that  the  CARS  signal  generated  at  one  location  in  the 
probed  volume  will  be  in  phase  with  that  generated  at  another  location  so  that  the  signal  builds  up  constructively. 
If  proper  phase  matching  is  not  realized,  the  CARS  signals  generated  at  different  spatial  Locations  will  destructively 
:nterfere  and  no  CARS  signal  will  build  up.  Phase  matching  in  gases  occurs  when  the  incident  laser  beams  are 
collinearly  mixed.  Such  phase  matching  is  shown  by  the  wave  vector  diagram  of  sketch  A  below,  k  is  the  wave  vector 
at  frequency  c o  and  has  the  magnitude  (Jyyfc where  /rj  is  the  refractive  index  at  frequency  CO  and  c  is  the  speed  of  light. 


A.  Collinear  Phase  Matching  B.  BOXCARS  Phase  Matchif* 

However,  there  are  disadvantages  to  collinear  mixing*2*).  Collinear  phase  matching  can  result  in  poor  spatial 
resolution  particularly  if  the  diagnostic  situation  requires  the  use  of  long  focal  length  lenses,  which  can  then  result 
in  long  probe-volume  lengths.  Resolution  can  be  degraded  further  if  density  gradients  are  present  because,  as  shown 
previously,  the  CARS  power  is  proportional  to  the  square  of  the  species  density.  With  a  collinear  system,  there  is 
also  the  possibility  of  CARS  signal  generation  from  elements  in  the  optical  train  that  pass  the  collinear  beams.  A 
method  yrtuch  ensures  phase  matching,  yet  permits  large  angular  separation  of  the  input  beams,  was  described  by 
Eckbreth'2*).  The  wave  vector  diagram  for  this  approach  is  shown  above  in  sketch  B.  The  system  is  referred  to 
as  BOXCARS  because  of  the  shape  of  the  phase-matching  diagram.  In  the  BOXCARS  or  crossed- beam  approach, 
the  pump  beam,GJ|  ,  is  split  into  two  components  which  are  crossed  at  a  half-angle  ct  prescribed  by  the  spatial 
resolution  desired.  The  Stokes  beam,GJ2 ,  is  introduced  at  an  angle  9  ,  to  generate  the  phase-matched  CARS  signal 
at  angle  #  from  the  region  of  beam  intersection.  The  angles  (e>oc>$  )  are  not  independent  but  are  related  to  one 
another  through  simple  geometric  equations^*). 

The  BOXCARS  configuration  is  that  shown  above  in  the  schematic  of  the  CARS  optical  arrangement.  It  is 
seen  that  this  system  avoids  overlap  in  all  regions  except  the  desired  measurement  location.  Spatial  resolution  can 
therefore  be  very  precise  1  mm*).  The  crossed  beam  geometry  also  need  not  be  coplanar.  The  plane  containing 
the  Stokes  beam  at  angle  O  can  be  at  right  angles  to  the  plane  of  the  pump  beams  at  angle  *,  a  configuration  referred 
to  as  folded  BOXCARS'22'. 

A  schematic  diagram  of  a  typical  CARS  experimental  arrangement,  in  the  BOXCARS  configuration,  is  shown 
in  Figure  5,(28,29)  The  pump  laser  most  commonly  employed  in  CARS  systems  is  a  neodymlumsYAG  (vttrium 
aluminum  garnet)  whose  1.06  mi<xon  output  is  frequency  doubled  (2  x  Nd)  to  provide  a  pump  beam  CO,  at  5320a.  The 
ruby  laser  has  also  been  employed  in  CARS,  but  it  does  not  have  the  repetition  rate  capability  (10  Hz)  of  the  2xNd,  nor 
is  It  as  well  located  spectrally.  The  Stokes  beam,  CO  2,  is  usually  provided  by  a  tunable  dye  laser  which  is  pumped  by 
a  portion  of  the  pump  laser.  The  dye  laser  can  be  operated  in  either  a  narrowband  or  broadband  mode,  determined  by 
the  spectral  resolution  required.  This  will  be  discussed  firther  below.  Several  of  the  adjustable  telescope  lenses 
have  been  omitted  from  the  optical  trains  to  simplify  the  figure  and  include  only  the  general  elements. 
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The  Nd  laser  produces  two  beams  at  5320&,  labeled  primary  and  secondary  in  Figure  5.  A  portion  ol  the 
primary  beam  is  split  off  via  a  beam  splitter  (BS)  to  pump,  slightly  off  axis,  a  flowing  dye  cell  (DC)  laser.  By  proper 
dye  selection  and  dye  concentration  the  laser  can  be  made  to  lase  at  any  desired  center  wavelength. 

The  secondary  5320X  beam  optically  pumps  a  second  dye  cell  which  serves  to  amplify  the  Stokes  laser 
component  at  <02  .  The  dye  is  circulated  through  the  dye  laser  and  amplifier  in  series.  The  transmitted  primary  u>j 
beam  from  the  first  beam  splitter  is  divided  at  a  second  beam  splitter  into  equal  parts  which  are  sent  to  the  beam 
crossing  lens  (L)  by  means  of  a  mirror  (M)  and  a  dichroic  mirror  (D)  through  which  also  passes  the  Stokes  00  z  beam 
from  the  dye  laser/amplifier.  The  proper  phase- matching  angles  of  the  three  beams  used  for  BOXCARS  are  obtained 
by  the  appropriate  beam  displacements  on  the  crossing  lens  (L).  All  three  beams  incident  on  the  crossing  lens  are 
parallel  to  each  other  and  in  the  same  plane.  Adjustable  telescopes  in  the  cot  and  c02optical  trains  (not  shown)  are  used 
to  ensure  that  the  beam  waists  occur  at  the  crossing  point.  The  rotatable  optical  flat  (OF)  in  the  Stokes  beam 
permits  the  displacement  of  the  60  2.  beam  on  the  crossing  lens  should  it  be  necessary  to  change  the  phase- matching 
angle  0  . 

After  passing  through  the  crossing  point,  the  four  beams  OJt  ,  ,  CJ2  and  CARS  at  are  recollimated  by  a 

second  lens,  similar  to  the  first.  Two  of  the  components,  cO, and  c*)gt  are  passed  to  a  beam  dump  (BD)  or  to  a  reference 
•'g.  if  necessary.  The  CARS  signal  is  then  separated  from  the  others,  component  by  dispersion  through  a  prism  and 
sent  to  the  detector  (photomultiplier,  optical  multichannel  analyzer,  etc.). 

It  was  noted  previously  that  the  CARS  signal  levels  may  be  several  orders  of  magnitude  stronger  than  those 
produced  by  spontaneous  Raman  scattering.  Furthermore,  because  the  signal  is  coherent  and  laserlike,  it  emerges  as 
a  narrow  beam  so  that  all  of  the  signal  can  be  collected.  Recall  that  the  spontaneous  Raman  signal  is  incoherent 
and  distributed  over  4TT  sr. 

The  CARS  spectrum  can  be  generated  in  two  ways.  For  high  spectral  resolution,  a  tunable  narrowband  dye  laser 
is  scanned  through  the  Raman  resonances  to  generate  the  CARS  spectrum  over  a  period  of  time.  However,  in  short 
duration  flow  diagnostics,  faster  time  resolution  is  necessary.  Also,  in  turbulent  environments,  frequency  scanning 
would  distort  the  spectral  signature  because  of  the  nonlinear  dependence  of  the  CARS  signal  on  density  and  temperature 
(Eqns.  (4)  and  (6)).  It  is  necessary  in  these  situations,  therefore,  to  generate  and  record  the  entire  CARS  spectrum  in 
a  single  laser  pulse.  This  is  accomplished  by  the  use  of  a  broadband  dye  laser  centered  at  the  desired  60z  and  with 
a  bandwidth  large  enough  (~  100-200  cm'*)  to  encompass  all  of  the  vibrational  or  rotational  resonances. 

Because  ail  of  the  Stokes  power  is  now  not  used  to  drive  each  Raman  resonance  as  it  is  in  narrowband  spectral 
scanning,  spectral  intensities  are  lower  in  the  broadband  mode.  The  use  of  a  single  laser  pulse  to  record  an  entire 
Q-branch*  (vibrational)  CARS  spectrum  was  first  reported  by  Roh  et  al.(30)#  The  entire  rotational  CARS  spectrum 
has  also  been  recorded  using  a  single  pulse  broadband  Stokes  laser  in  cold  N2  thermometry  measurements^!).  An 
optical  multichannel  analyzer  (OMA)  is  most  appropriately  used  for  the  single  pulse  recording  of  entire  CARS  spectra. 

The  computation  of  synthetic  spectra  plays  a  fundamental  role  in  the  interpretation  of  the  measured  CARS 
spectra  for  the  determination  of  the  temperature  and  species  number  density.  The  equations  presented  earlier  in  a 
brief  summary  of  the  theory  of  the  CARS  effect,  Equations  (3)-(6),  indicated  that  three  parameters  are  involved  in 
the  CARS  spectrum,  and  therefore  in  its  computer  generation,  namely,  the  temperature  T,  number  density  N  and 
the  nonresonant  susceptibility  nr*  In  many  instances,  the  temperature  is  determined  first,  and  then  used  in  a 
sub  sequent  determination  of  number  density. 

Temperature  measurement  is  most  reliably  performed  on  a  dominant  molecular  species.  N2  has  most  frequently 
been  employed  for  thermometry  in  CARS  as  it  is  a  dominant  species  not  only  in  airflows  but  in  air-fed  combustion 
processes.  In  such  major  species  Xnr  1s  very  much  smaller  than  'Xr  and  does  not  interfere  so  that  both  N  andTtfsjR 
are  relatively  unimportant  in  these  instances  and  the  temperature  can  be  determined  from  the  shape  of  the  CARS 
spectrum,  ie.,  by  comparison  of  the  measured  spectra  with  the  computer  generated  spectra,  in  a  similar  manner  to 
spontaneous  Raman  spectroscopy. 

Computer  programs  have  been  written  by  Hall(22,  23)  for  the  computation  of  spectra  in  N2,  CO,  H2,  O2  as  well 
as  for  the  triatomic  molecules  H2O  and  CO2.  Extension  of  such  programs  to  the  diatomic  NO,  which  is  an  important 
constituent  in  nonequilibrium  airflows  (Figure  2)  should  rx>t  Rose  any  problem.  The  equations  (*M6)  are  employed  for 
the  computation  of  the  third-order  susceptibility  term  I'Xv'l*'  which  for  non- monochromatic  sources  is  convolved  over 
the  pump  and  Stokes  laser  linewidths.  A  final  convolution  must  then  be  performed  over  the  slit  function  of  the 
detector  instrument  to  broaden  the  spectra  and  afford  a  better  match  \o  the  experimental  spectra.  In  broadband 
CARS,  the  Stokes  laser  bandwidth  is  large  $0  that  the  ultimate  resolution  of  the  spectrum  will  depend  upon  the 
pump  laser  linewidth  or  the  slit  function  of  the  instrument.  The  resolution  for  CARS  is  far  superior  to  that  for  SRS, 

An  example  of  the  sequences  in  the  computation  of  the  N2  spectra  in  a  flame  due  to  Hali(22)  is  shown  in  Figure 
6.  The  figure  shows,  first,  the  computed  \X\Z  for  monochromatic  CARS  generation  (Figure  6(a)),  its  subsequent 
convolution  for  the  finite  linewidths  of  the  pump  (1.2  cm'*)  and  Stokes  (175  cm'1)  lasers  (Figure  6(b))  and  the  final 
convolution  over  a  triangular  slit  function  of  resolution  l  cm-!  (Figure  6(c)).  These  calculations  were  performed  for 
a  constant  Raman  linewidth  P  of  0.1  cm'1. 

Figures  6  and  7  are  calculated  Q  branch  N2  spectra.  At  low  temperatures  (Figure  7(a))(17),  the  low  3  branches 
are  not  resolved  but  as  the  temperature  increases  the  fundamental  band  broadens,  individual  Q  branches  can  be 
resolved,  and  the  hot  band  (v  =  1-^-2)  peaks  appear.  It  is  evident  from  Figure  7,  however,  that  even  at  low 
spectral  resolution  when  detailed  spectral  definition  is  lost  (as  in  Figure  7(b)(22)  wftich  looks  like  an  SRS  spectra)  that 
the  calculated  spectra  provide  for  excellent  thermometry.  The  temperature  of  the  dominant  thermometric  species 
is  obtained  either  from  the  hot  band,  whose  intensity  relative  to  the  normalized  intensity  of  the  fundamental  band  is 
a  sensitive  fwction  of  temperature,  or  from  an  overlaid  comparison  of  the  measured  vs  calculated  spectra  as  shown 
in  the  illustrative  case  for  N2  CARS  spectra'22)  jn  Figure  8. 


#The  vibrational/rotational  selection  rules  for  CARS  are  essentially  the  same  as  for  spontaneous  Raman 
s  pectrosoopy  (23) , 
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The  thermometry  discussed  above  is  more  readily  performed  than  is  the  measurement  of  species  number  density 
N.  The  lAimber  density  may  be  obtained  in  two  ways*  for  a  major  species  component,  from  an  integration  of  the 
CARS  spectrum  and,  for  a  minor  species  in  certain  concentration  ranges,  from  the  shape  of  the  CARS  spectrum. 

Once  the  temperature  has  been  determined,  the  number  density  for  a  dominant  species,  i.e.,  no  nonresonant 
TCnR  background  interference,  may  be  calculated  from02,33) 

rt  -  n  /  RT  p900 

nt  -  njoo y  pt~ 

where  Nj  »*  the  probed  molecule  number  density  at  temperature  T,  N300  is  the  reference  gas  density  at  300°K, 
RT  =  5^300^  is  the  ratio  of  the  calculated  integrated  powers  of  the  CARS  signal  at  300°K  to  the  signal 

at  temperature  T,  Pj  is  the  experimentally  measured  integrated  CARS  power  at  temperature  T,  and  P300  is 
measured  integrated  CARS  power  at  300°K.  The  ratio  Rj  accounts  for  the  change  in  the  Raman  linewidths  and 
population  redistribution  with  temperature. 

The  values  at  300°K  are  obtained  from  a  reference  cell  which  must  be  incorporated  into  the  optical  trains  for 
the  primary  CARS.  Small  fractions  of  the  wave-mixing  beams  are  split  off  and  routed  so  as  to  generate  a  CARS 
spectrum  in  a  reference  cell  which  contains  a  resonant  gas  such  as  N2  at  known  temperature  and  pressure,  hence 
number  density,  and  whose  CARS  signal  magnitude  is  readily  calculable.  This  is  the  power  reference  (P300)  Ior  tJve 
number  density  measurements. 

Because  of  the  CARS  signal  dependence  on  N2  (via  Equation  (4)),  the  signal  decreases  rapidly  as  the 

number  density  decreases.  The  lower  limit  on  detectivity  occurs  when  the  CARS  signal  merges  into  the  nonresonant 
susceptibility,  %  nr,  signal  established  by  the  background  gas  concentration.  This  is  a  departure  from  the  normal 
situation,  such  as  in  spontaneous  Raman  spectroscopy,  where  detection  sensitivity  is  limited  by  low  signal  level.  It  is 
in  this  merging  regime,  however,  that  the  number  density  can  be  obtained  from  the  shape  of  the  CARS  spectrum.  This 
is  a  unique  feature  of  CARS,  applicable  over  a  limited  range  of  concentrations. 

The  calculation  of  the  CARS  signal  in  this  regime  of  minor  species  concentrations  involves  a  two-parameter 
fit  as,  for  a  given  temperature,  the  CARS  signal  depends  on  both  N  and  'XnR*  Contrast  this  with  Figure  8,  for 
example,  where  thermometry  is  essentially  a  one-parameter  fitting  of  measured  and  calculated  specrtra.  The  process 
for  the  determination  of  N  is  illustrated  by  the  representations  of  calculated  CO  spectra,  shown  in  Figure  9,  from 
Hall'22),  and  which  correspond  to  the  methane-air  flame  measurements  of  Eckbreth'2^).  In  this  illustration,  the 
temperature  was  known  (1700°K)  via  independent  CARS  thermometry.  The  spectra  in  Figure  9  were  calculated  for 
a  fixed  value  of  %NR  (~9  x  10"1?  cm^/erg).  It  is  seen  that  as  the  CO  concentration  increases,  its  spectrum 
emerges  from  the  nonresonant  background  and  the  hot  band  appears.  It  was  noted  previously  that  % ,  the  real  part  of 
the  resonant  susceptibility  (Eqn.  (3))  changes  sign  at  resonance.  The  destructive  interference  between  the  resonant 
and  background  contributions  at  this  point  causes  a  characteristic  dip  in  the  profile,  evident  in  Figure  9  at  20940  cm- 1. 
Comparison  of  the  calculated  CO  spectrum  with  the  measured  CARS  spectrum  of  the  flame  is  shown  in  Figure  10 
and  shows  the  excellent  agreement  for  a  CO  mole  fraction  of  0*04. 

The  calculations  corresponding  to  the  examples  shown  in  Figures  9  and  10  were  performed  for  a  fixed  value  of 
Xnr.  Since  the  calculations  are  a  two-parameter  fit  involving  both  N  and  %NR>  the  result  is  therefore  not  unique. 
A  slightly  different  value  for  X  nr  would  effect  agreement  with  the  measured  CARS  spectra  for  a  slightly  different 
value  of  N.  Hence  this  method  for  the  determination  of  number  density  from  the  shape  of  the  CARS  spectrum  is 
one  whose  accuracy  is  dependent  upon  the  knowledge  of  an  appropriate  value  for  Xnr» 

The  range  of  concentrations  over  which  a  spectral  shape  determination  of  number  density  can  be  performed 
will  vary  from  molecule  to  molecule,  and  with  background  gas  composition  and  temperature.  For  molecules  like  O2 
and  N2>  the  concentration  rnage  is  from  about  0.1  -  2096.  It  is  also  possible  to  extend  the  method  to  lower  number 
density  measurements  by  essentially  eliminating  the  background  nonresonant  susceptibility'^,  23).  This  is  accomplished 
by  appropriately  orienting  the  laser  field  and  CARS  polarizations.  However,  by  removing  the  nonresonant  contributions, 
a  significant  loss  in  the  resonant  signal  intensity  is  also  incurred.  Complementary  methods  are  available  however. 
The  measurement  of  minor  constituent  to  trace  species  is  appropriate  to  the  implementation  of  laser  induced 
fluorescence,  which  will  be  discussed  in  the  next  section. 

The  CARS  technique,  while  quite  complex,  is  a  powerful  one  for  unintrusive  diagnostics  in  the  measurement 
of  temperature  and  species  number  density.  Some  of  its  prime  advantages  are  the  orders  of  magnitude  increase  in 
signal  strength  over  other  methods  and  the  coherent  nature  of  the  output  signal.  This  affords  excellent  collection 
efficiency.  The  geometry  of  the  CARS-generating  beams  provides  for  very  fine  spatial  resolution  and,  because  of 
the  capability  to  generate  the  entire  CARS  spectrum  in  a  single  laser  pulse,  diagnostic  measurements  can  be  performed 
in  shoirt-duration  flows  as  well  as  in  regions  of  turbulent  flow.  Also,  because  the  CARS  signal  is  at  a  higher 
frequency  (anti-Stokes)  than  the  exciting  signal,  other  interferences  such  as  fluorescence  and  background  luminosity 
are  eliminated. 

3.4  Laser-Induced  Fluorescence 


Laser-induced  fluorescence  (LIF)  is  a  considerably  more  sensitive  method  than  one  based  on  scattering 
phenomena,  such  as  Raman  spectroscopy,  as  it  involves  the  absorption  of  laser  photons  and  the  creation  of  an 
electronically  excited  state  in  the  absorbing  species.  It  is  therefore  applicable  to  the  measurement  of  species  in 
very  small  concentrations,  including  trace  species.  The  major  application  of  laser-induced  fluorescence  to  date  has 
been  in  the  study  of  combustion  processes  for  the  measurement  of  concentrations  and  temperatures  of  radical  species, 
such  as  OH,  in  the  characterization  of  flame  chemistry.  The  objectives  for  nonequilibrium  airflow  diagnostics  are, 
of  course,  similar  to  such  laser  probe  applications  in  flames  in  that  similar  measurements  are  necessary  to  validate 
the  descriptive  kinetic  models  for  high-enthalpy  airflows. 

The  technique  has  some  similarity  to  SRS,  at  least  in  its  experimental  arrangement,  which  basically  would 
resemble  that  shown  in  Figure  3.  Unlike  SRS,  however,  wherein  any  laser  frequency  can  be  employed,  it  is  necessary 
to  use  a  tunable  laser  for  LIF.  For  a  selected  species,  the  laser  is  tuned  to  afford  resonance  with  an  allowed  transition 
in  the  molecule.  When  the  beam  is  directed  inti)  the  gas,  the  molecule  absorbs  a  laser  photon  and  undergoes 
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transition  from  the  ground  to  an  excited  electronic  level.  The  molecule  then  spontaneously  radiates  (fluoresces)  to 
a  lower  level  in  the  ground  state.  The  emitted  fluorescence  is  detected  using  either  photomultipliers  or  optical 
multichannel  analyzers.  As  with  SRS,  good  spatial  resolution  is  achieved  by  observing  the  fluorescence  from  a  short 
elemental  length  of  the  laser  beam,  from  a  direction  perpendicular  to  the  laser  beam.  The  depth  of  the  probed  volume 
is  then  essentially  only  the  thickness  of  the  laser  beam. 

Laser-induced  fluorescence  is,  in  principle,  applicable  to  both  atoms  and  molecules.  The  basis  of  the  metiiod 
is  that  the  observed  fluorescent  intensity  can  be  related  to  the  ground  state  number  density  of  the  atom  or  molecule 
prior  to  laser  irradiation.  However,  there  are  difficulties  associated  with  the  use  of  LIF  whose  severity  is  species 
dependent.  The  laser  must  be  tuned  to  a  resonance  transition.  For  most  molecules  of  interest,  such  as  O2,  N2, 
however,  the  resonance  lines  are  in  the  ultraviolet  (UV)  region,  where  tunable  laser  sources  are  still  being  developed 
or  improved.  Also,  the  spectroscopy  of  the  particular  molecule  must  be  understood;  its  spectrum  as  well  as  the 
transition  probabilities,  or  Einstein  coefficients,  must  be  known. 

The  primary  difficulties  associated  with  LIF,  however,  are  the  deexcitation  processes  that  will  affect  the 
fluorescent  yield,  and  whose  effects  must  be  properly  accounted  for,  or  circumvented,  in  the  diagnostic  interpretation 
of  the  fluorescence  signal.  Consider  the  illustrative  sketch  below  of  the  potential  energy  transfer  processes  that  can 
be  involved  in  laser-induced  fluorescence. 
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The  molecule  may  be  excited  from  the  ground  state  (state  1)  to  a  specific  rotational-vibrational  level  in  the 
excited  electronic  state  (state  2),  which  has  a  finite  radiative  lifetime.  The  excited  molecule  may  then  spontaneously 
decay,  emitting  a  fluorescence  photon.  These  direct  excitation,  deexcitation  processes  are  described  by  the 
appropriate  values  of  B12,  B21  and  A21,  the  Einstein  coefficients  for  induced  absorption,  stimulated  emission  (at 
laser  intensity  Iy )  and  spontaneous  emission.  The  molecule  may  also  undergo  a  radiationless  transition  back  to  the 
ground  state  by  collision  denoted  in  the  sketch  by  the  electronic  quenching  term  Q21.  In  addition,  the  molecule 
may  undergo  a  change  in  its  rotational  or  vibrational  level  in  the  excited  state  due  to  collisions.  The  rotational 
redistributions,  R,  to  other  rotational  levels  in  the  excited  vibrational  level  are  indicated  in  the  sketch^-37). 
Vibrational  level  transitions,  V,  could  similarly  have  been  indicated!3^3®!3*).  Similar  V,  R  transition  considerations 
may  also  be  appropriate  for  the  ground  state  (state  1)  as  well,  though  such  are  usually  slower  than  excited  state 
redistributions.  Finally,  spontaneous  emission,  Q,  may  also  occur  to  other  rotation-vibration  levels  in  the  ground 
electronic  state  whose  fluorescence  may  then  be  outside  the  spectral  bandwidth  of  the  detector,  i.e.,  undetected 
fluorescence'^0!^!).  The  fluorescence  yield  is  defined  as  the  ratio  of  the  radiative  rate,  A21,  to  the  total  deexcitation 
rate,  A21  ♦  Q21  +  Q  ♦  R  +  V. 

The  complexity  for  LIF  applications  arises  because  the  collisional  rates  can  be  very  much  faster  than  the 
radiative  decay  rates.  The  collisional  redistributions  among  excited  state  rotational  and  vibrational  levels,  for 
example,  will  then  serve  to  broaden  the  fluorescence  spectrum.  However,  in  spite  of  the  complications  due  to 
quenching  processes,  LIF  has  been  employed  in  diagnostic  investigations  involving  O,  N,  O2,  NO  and  N2,  which 
comprise  the  neutral  species  complement  of  nonequilibriun  airflows.  Triatomics  such  as  NO2  have  also  been 
investigated,  although  the  method  becomes  less  sensitive  in  larger  molecules  because  of  the  greater  effect  of  collisions 
due  to  the  increased  number  and  closer  spacing  of  the  energy  levels. 

For  applications  to  high  speed  flows,  or  to  tirbulent  environments,  pulsed  laser  sources  are  necessary.  High 
laser  intensities  are  therefore  required,  with  their  wavelengths  in  the  ultraviolet.  NdtYAG-harmonic  pumped  dye 
lasers  are  frequently  employed  as  well  as  excimer  and  nitrogen  laser  pumped  dye  lasers. 

Several  methods  have  been  employed  in  order  to  circumvent  the  effects  of  quenching  in  LIF  applications.  One 
is  to  employ  a  very  short  laser  pulse,  T^,  short  compared  to  a  time  scale  on  which  Q  and  A  can  become  operative, 
i.e.,  T l  <  1/(Q+A)  where  Q  and  A  represent  the  quenching  and  emission  rates  introduced  earlier.  Referring  to 
the  previous  energy  level  sketch  for  LIF  spectroscopy,  the  rate  equation  for  the  excited  level  population  can  be  written 

dNz  l  \ 

—  =  N,  3/2  I„  -  +BZI  Zyj  Nz  (7) 

where  all  terms  are  noted  on  the  sketch.  When  the  laser  is  shut  off,  the  exponential  decay  of  the  fluorescent 
intensity  affords  an  in-situ  determination  of  Q+A'*2,*3).  From  Equation  (7)  for  I,y  =  0, 

[-  (<»  +*)  *]  =  -f&  <s) 

as  fluorescent  intensity  is  proportional  to  the  excited  state  population  N2.  Here  t  =  0  denotes  the  value  at  the  instant 
of  laser  pulse  termination.  The  number  density  N2  at  pulse  shutoff  is  then 
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n*  (*  =  o)  =  7^7  f  I  (t)<Lt 


(9) 


where  l  is  the  fluorescence  intensity  arvd  L  the  length  of  the  beam  element.  Thus,  the  integration  of  the  fluorescent 
intensity  measured  as  a  function  of  time  yields  the  excited  state  number  density. 

The  concentration  N2  can  then  be  related  to  the  ground  state  number  density  prior  to  laser  irradiation  (N^ 
by  considering  the  steady  state  limit  for  Equation  (7),  for  which 


N  _  N°  BIZxu _ 

Q2I  +Al|  +  (b/2  +  0Zl)rA» 

and  with  +  N2  **  N  °  From  detaiied  balancing  (g j B J2  =  82^21)  and  l°r  large  incident  laser  intensity, 
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where  gj  and  g2  are  the  degeneracies  of  levels  1  and  2.  Substitution  for  N2  in  Equation  (9)  then  yields  the  ground 
state  number  density. 


For  a  representative  short  laser  pulse  of  10  ns  (Nd:YAG),  this  method  would  only  be  applicable  to  density 
levels  which  are  low  enough  to  satisfy  the  above  requirement  on  the  magnitude  of  (Q21  +  A2P  relative  to  T 


Another  approach  is  optical  saturation  of  the  excited  level,  in  which  the  observed  fluorescence  becomes 
independent  of  quenching  rates  and  laser  power'^i^,^).  From  Equation  (7)  in  the  steady  state,  and  for  large  laser 
intensity. 
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which  is  the  saturation  condition.  This  condition  therefore  requires  B2i^/>>Q2I  +  ^2Im  Then  from  an  observation  of 
the  laser  beam  at  a  selected  station,  the  collected  saturated  fluorescent  intensity  is  written 


I  =  AV  -g?- -iicV£  N,  (U) 

where  Cl  c  is  the  solid  angle  of  the  collection  optics  and  Vc  is  the  laser  volume  defined  by  the  collection  optics. 
The  relation  N]  +  N2  #  Nj  can  again  be  used  to  relate  Nj  under  laser  irradiation  conditions  to  the  ground  state 
number  density,  N[,  in  the  absence  of  the  laser.  Therefore,  when  the  transition  is  saturated  by  high  intensity, 
focussed  laser  irradiation,  the  observed  fluorescence  is  independent  of  quenching  rates,  lifetime,  fluorescence  yield 
and  laser  intensity. 

The  excitation  model  considered  above  is  essentially  a  two-level  system.  For  other  than  saturation  conditions, 
however,  this  model  is  not  expected  to  be  widely  applicable  for  diatomic  molecules  and  must  be  modified  to  account 
for  the  rapid  coupling  between  rotational  levels.  Three  and  four-level  molecular  models  have  been  developed  to 
account  for  the  rotational  energy  redistributions'35,36).  For  such  near-saturation  conditions,  the  fluorescent  intensity 
is  found  to  be  inversely  proportional  to  the  laser  intensity.  A  plot  of  the  measured  fluorescent  intensity  vs  ly  yields 
a  straight  tine  with  negative  slope  (linear  fluorescence  region),  whose  intercept  yields  Nj°,  and  whose  slope  gives 
<$21*  As  the  laser  intensity  increases,  such  curves  bend  over  and  approach  zero  slope,  i.e.,  the  saturation  condition  with 
I  independent  of  ly  . 

While  saturation  LIF  measurements  have  been  performed  on  diatomic  flame  species,  e.g.,  CH  and 

CNW',  from  a  practical  point  of  view  saturation  may  be  difficult  to  obtain  experimentally  for  some  molecules 
because  of  the  excitation  wavelengths  required.  Resort  has  been  made  to  two-photon  excitation  processes.  It  has 
been  noted  that  LIF-suitable  transitions  for  some  species  of  interest,  which  could  include  02,  N2  and  NO,  may 
require  far  UV  to  vacuum  UV  frequencies.  Higher  laser  harmonics  can  be  used,  for  example,  frequency-tripled 
NdsYAG  has  been  employed  for  the  excitation  of  NO^°).  However,  instead  of  frequency  doubling  or  tripling  into  the 
UV,  a  two-photon  excitation  process  can  be  employed  using  identical  laser  pulses  in  the  visible,  each  tuned  to  half 
the  transition  frequency.  The  two-photon  excitation  of  CO  and  N2  has  been  reported'^).  However,  although 
iluorescence  may  be  excited  by  the  two-photon  process,  the  problems  due  to  quenching  remain  the  same  as  for  the 
one-photon  process.  Another  problem  also  associated  with  the  implementation  of  high  laser  intensities  is  the  potential 
for  laser- induced  chemical  effects. 

The  LIF  techniques  discussed  so  far  have  accounted  for  the  quenching  either  by  in-situ  measurement  with 
short  laser  pulses,  or  by  rendering  it  uninfluential  by  optical  saturation  of  the  excited  level  via  high-intensity 
excitation.  Another  method  is  to  calculate  the  quenching  rates  for  the  deexcitation  paths.  This  requires  an 
information  base— measured,  estimated,  or  calculated— on  the  collision  rate  constants  with  other  species  colliders  in 
the  system.  This  approach  has  been  employed  for  OH^7)f  which  is  probably  the  most  extensively  studied  molecule  in 
LIF  spectroscopy.  The  quenching  cross  sections  for  other  molecules,  however,  are  not  well  known. 

Recent  studies  at  this  laboratory  have  been  concerned  with  the  detection  of  excited  metastable  species  using 
laser  induced  fluorescenceW).  The  species  of  interest  were  the  CO  (cnT)  and  N2  (A52  )  states.  An  objective  in 
the  further  development  of  these  studies  was  then  in  the  application  of  UF  to  the  measurement  of  NO  number 
density  and  temperature  in  the  short-duration,  high -enthalpy  flows  in  the  Cal  span  hypersonic  shock  tunnels.  The 
energy  level  diagrams  for  these  three  molecules  are  shown  in  Figure  it. 
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The  lowest  downward  electronic  transitions  for  CO  and  N2  are  forbidden  triplet  to  singlet  transitions  which 
therefore  cannot  be  detected  in  emission.  The  research  aim  was  to  employ  the  much  more  sensitive  method  of  LIF 
for  their  detection  and  measurement. .  The  purpose  of  this  discussion  is  simply  to  include  some  illustrative  LIF 
spectra.  The  procedure  here  was  to  use  a  CO  laser  to  optically  pump  a  flowing  CO  gas  mixture  to  high  ground 
state  vibrational  levels  (vM  2  40).  The  high  v"  states  can  then  transfer  energy  by  coilisional  vibrational-electronic 
processes  to  populate  other  electronic  states  or  other  molecules.  This  technique  was  used  to  populate  the  CO  {CltTT) 
and,  by  the  addition  of  N2»  the  N2  (A5Z)  excited  metastable  states  (Figure  11).  A  frequency  doubled  N2  laser/dye 
laser  was  used  and  the  c6  (A-X)  fourth  positive  spectrum  venerated  to  check  the  LIF  method.  The  LIF  spectra  of 
CO  (  A 1  TT-jcJ)  and  CO  (jtrTT-a’fT)  are  shown  in  Figure  12.^07  These  spectra  were  recorded  at  a  fixed  UV  wavelength 
by  scanning  the  wavelength  passed  by  the  monochrometer  detector  through  the  wavelength  range  of  the  vibrational 
band  emissions.  The  ability  to  record  a  single  pulse  (-20  ns)  CO  (A-X)  LIF  spectrum  was  also  demonstrated  in 
these  experiments. 

3.5  Emission  and  Absorption  Spectroscopy 

Emission  and  absorption  spectroscopy  are  well  established  in  the  analysis  of  the  radiation  associated  with 
transitions  between  excited  states  of  an  atom  or  molecule.  Historically,  of  course,  these  diagnostic  approaches 
considerably  pre-date  the  coherent-beam  probe  methods  discussed  thus  far. 

In  an  absorption  measurement,  a  radiation  source  of  intensity  I0  is  observed  through  the  gas  and  the  transmitted 
intensity,  I,  is  carefully  measured.  The  absorption  by  the  gas  depends  on  the  number  of  absorbers  available  to  make 
transitions  car  responding  to  the  particular  wavelength,  hence  a  measurement  of  the  relative  transmission  or 
transmittance,  T  =  1/1°,  of  the  gas  as  a  function  of  wavelength  can  be  used  to  determine  the  population  of  molecules 
in  the  lower  of  the  energy  levels  involved. 

These  optical  methods  exploit  the  fact  that  critical  air  species  in  real-gas  flows  are  optically  active.  O2  and 
NO  in  particular  are  well  suited  to  absorption  studies  These  molecules  both  strongly  absorb  in  the  ultraviolet  via 
excitation  transitions  which  are  well  known.  The  dominant  system  for  NO  is  the  NO  gamma  band,  from  about  2200- 
2700  A  in  the  UV.  The  NO  system  comprises  transitions  between  the  first  excited  electronic  level  and  the 
ground  state,  xzTT .  These  states  are  indicated  on  the  NO  potential  energy  diagram  included  in  Figure  II. 

The  absorption  for  O2  is  in  the  broad  Schumann-Runge  system  which  can  cover  the  spectral  range  from  about 
1300  -  3000  A  or  so,  depending  upon  the  temperature.  The  potential  energy  diagram  for  the  O2  molecule  is  shown 
in  Figure  13. 

It  is  seen  from  this  diagram  that  at  low  temperatures,  when  almost  all  of  the  O2  molecules  are  in  the  lowest 
vibrational  level  (v**  =  0)  of  the  ground  X3Z^  state,  absorption  of  radiation  is  confined  to  transitions  with  energies 
in  excess  of  about  60,000  cm“J,  i.e.,  to  high  vibrational  levels  (v')  in  the  excited  state.  This  results  from  the  large 
difference  in  the  equilibrium  internuciear  separation  distance  (R)  between  the  ground  and  excited  states  (Figure  13). 
These  transitions  correspond  to  wavelengths  from  about  1300-1800  A  in  the  vacuum  ultraviolet,  VUV,  as  indicated  in 
the  figure.  This  regime  is  so  called  because  of  the  requirement  that  the  optical  paths  in  spectrometers,  etc.,  be 
evacuated  in  order  to  avoid  complete  UV  absorption  by  the  O2  in  ambient  air.  It  is  seen  that  the  only  likely 
transitions  (by  the  Franck-Condon  principle)  in  VUV  absorption  are  those  that  go  to  the  dissociated  region  of  the 
excited  state.  The  absorption  transitions  in  the  v"  =  0  progression  then  effect  dissociation  in  the  molecule 

and  the  absorption  spectrum  is  a  photodissociation  continuum. 

At  higher  temperatures,  the  higher  vibrational  levels  of  the  ground  state  become  populated  and  absorption 
transitions  to  the  lower  v*  levels  of  the  excited  state  can  then  occur.  Such  transitions,  like  the  (0,13)  or  (0,14) 
indicated  in  Figure  13,  occur  at  longer  wavelengths  and,  since  they  are  between  discrete  vibrational  levels,  these 
absorptions  give  rise  to  the  Schumann-Runge  band  spectra. 

When  the  gas  is  of  uniform  density  along  the  optical  line  of  sight,  the  change  in  transmission  intensity  at  a 
given  wave  number  is  given  by  the  Brouguer-Beer  law  as(^) 


(14) 


where  ly  is  the  intensity  of  the  incident  beam  (i.e.,  no  flow),  kp  is  the  spectral  absorption  coefficient,  N*  is  the 
number  density  of  molecules  in  the  lower  state  of  the  absorption  transition,  L0  is  the  Loschmidt  number  (2.687  x  10*9 
cm*3)  and  4  is  the  path  length  through  the  gas.  If  not  in  the  lowest  ground  state  energy  level,  the  number  of 
molecules  N£  is  related  to  the  total  number  density  N0  of  the  species  molecules  by  the  Boltzmann  expression^ 

-Ej V/IT 


Nj,  =  N0 


zj  +  / 


(15) 


where  Q  is  the  total  internal  partition  function,  k  is  the  Boltzmann  constant,  T  the  temperature,  Ej"v"  is  the  energy 
of  the  lower  vibrational/rotational  level  from  which  the  transition  occurs,  and  v",J"  the  corresponding  quantum  numbers. 


The  spectral  absorption  coefficient  ky  may  be  a  rapidly  varying  function,  of V.  However,  in  the  case  of  air, 
ky  values  have  been  well  documented  for  the  Oj  Schumann-Runge  continuum151*52)  and  band  systems15 1"5*',  and 
also  for  NO  X  (55-57).  Sometimes  such  data  are  given  in  terms  of  electronic  oscillator  strengths  or  f-values,  as  well 
as  transition  probabilities.  All  of  these  parameters  are  related,  however111).  That  is,  over  the  spectra)  interval  of 
the  intensity  measurement, 
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where  e  and  m  are  the  charge  and  mass  of  the  electron,  f  is  the  oscillator  strength,  is  the  wave  number  of 

the  transition  and  Bit*,  is  the  electronic  transition  probability  for  absorption  from  the  lower  to  the  upper  state, 
introduced  earlier  in  Section  3.4  as  Bj2  (Eqn.  (7)).  Hence,  if  the  temperature  is  known,  by  independent  measurement, 
the  number  density  of  C>2  and  NO  can  be  obtained  directly  from  a  measurement  of  the  transmittance,  1/1°. 

Such  optical  methods  are  integrated  absorption  measurements  and  hence  require  that  the  number  density  be 
uniform  along  the  line  of  sight.  They  are  not  suitable  for  concentration  measurements  in  flows  with  arbitrary 
gradients.*  In  application,  such  a  UV  absorption  measurement  could  comprise  an  arrangement  like  that  shown  in 
Figure  14.  The  path  length,  i  ,  would  be  defined  by  sharp  leading  edge  splitter  plates  across  the  nozzle  exit  plane 
freestream.  Sapphire  windows  in  the  splitter  plates  would  transmit  down  to  1500  A,  and  the  radiation  source  could  be 
a  deuterium  or  hydrogen  gas  discharge  lamp.  With  such  a  source,  both  O2  and  NO  could  be  monitored  simultaneously, 
from  the  same  sample  of  test  flow,  by  means  of  an  interference  filter  selected  to  transmit  a  narrow  wavelength  band 
of  O2  radiation  to  one  detector  (e.g.,  high  sensitivity  photomultiplier  tube)  and  reflect  the  NO  If- monitored  wavelength 
region,  through  a  narrow  bandpass  filter,  to  another  photomultiplier. 

Depending  upon  operational  configurations  or  environments,  other  factors  may  also  be  taken  into  account,  such 
as  slit  width  to  spectral  line  width  ratio  considerations  and  collision  broadening  effects.  These  are  discussed  in  some 
of  the  literature  cited,  but  have  not  been  treated  here  in  order  to  focus  on  the  basic  methodology. 


Absorption  studies  are  inherently  better  suited  for  obtaining  quantitative  data  than  are  emission  studies,  as 
absolute  calibrations  are  required  for  the  latter.  The  emission  from  a  gas  at  high  temperature  must  be  determined 
in  absolute  rather  than  relative  terms.  The  detection  system  must  then  be  able  to  view  a  radiance  calibration 
source,  such  as  a  blackbody  cavity  or  a  calibrated  lamp,  through  the  same  optical  path  and  optical  elements  that  are 
used  to  monitor  the  radiant  emission  from  the  gas. 


To  outline  such  an  approach,  the  species  spectral  intensity  may  be  obtained  from  a  spectral  interval  scan  as 


Sv  68  > 
*■  86 


(17) 


where  (gas)  and  (BB)  are  the  measured  inband  detector  signal  voltages  from  the  gas  and  calibration  blackbody 
sources,  respectively,  and  Ibb  A  (TBB)  is  the  known  (Planck  function)  blackbody  spectral  intensity  at  the  blackbody 
temperature  Tbb*  Provided,  then,  the  temperature,  T,  of  the  gas  is  known  from  a  separate  measurement,  the 
spectral  emissivity  of  the  species  radiator  is  obtained  from 
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the  blackbody  (6=1)  radiance  being  evaluated  at  the  gas  temperature  T.  In  terms  of  the  absorption  coefficient 
terms  introduced  earlier,  the  species  emissivity  is  also  written  as 


£ 


(19) 


over  the  wavelength  interval  of  the  measurement.  Again,  if  ky  is  known  as  a  function  of  temperature  over  the 
wavelength  interval,  the  number  density  of  the  species  radiators  can  be  determined  for  a  defined  path  length  i.  . 
Under  equilibrium  temperature  conditions,  the  total  species  number  density  can  be  obtained  from  the  Boltzmann 
distribution,  Equation  (15). 

The  above  discussion,  which  has  assumed  knowledge  of  ky,  is  essentially  a  variation  of  a  method  of  measurement 
for  ky  itself,  or  of  the  molecular  oscillator  strengths,  fee  §  kydV.  In  such  measurements,  a  source  of  species  radiators 
at  known  equilibrium  conditions  of  pressure,  temperature  and  number  density  is  generated,  usually  in  a  shock  tube, 
wherein  similar  calibration  procedures  are  followed  to  convert  the  measured  1\  to  ky  as  a  function  of  wavenumber 
via  the  known  values  for  N,  T  and  jf  .  Quadrature  then  affords  the  f  values. 


3.6  Electron  Beam  Fluorescence  Techniques 

The  final  measurement  technique  to  be  reviewed  for  the  determination  of  neutral  species  concentrations  is 
the  use  of  electron  beam  fluorescence.  Although  the  probe  in  this  case  is  a  beam  of  electrons,  the  diagnostic  is  still 
an  optical  method  in  that  the  beam-stimulated  fluorescence  is  measured  using  conventional  optical  collection  methods. 

The  technique,  which  has  been  thoroughly  described  by  Muntz(60)f  has  been  employed  for  the  measurement  of 
both  density(6l"6^  and  temperature(62»64-65)  jn  high  speed  flows.  An  energetic  (20-50  keV)  beam  of  electrons  is 
directed  through  the  gas,  and  the  inelastic  collisions  of  the  beam  electrons  with  the  gas  species  effect  electronic 
excitation  and  produce  fluorescence  which  is  largely  confined  to  the  beam  region  itself.  In  essence,  the  vibrational 
and  the  rotational  fine  structure  details  of  the  emitted  fluorescence  can  be  used  to  determine  the  vibrational  and 
rotational  temperature  of  the  emitting  molecule,  and  the  fluorescence  intensity  can  be  related  directly  to  the  number 
density  of  the  radiating  molecule.  The  use  of  high  beam  energies  minimizes  the  effect  of  elastic  collisions  in 
causing  spreading  of  the  beam. 

♦ 

Most  studies  have  been  concerned  with  the  beam-induced  fluorescence  in  N2,  either  from  the  predominant  Nj 
first-negative  system  (~  3900-4800  A)  which  is  shown  in  the  sketch  below  (taken  from  Ref.  60),  or  from  the  second¬ 
positive  system  of  neutral  N2  (  ~  3300-3800  A),  the  latter  (which  is  the  C37T  B^TT  transition  shown  in  Figure 
II)  affording  measurements  up  to  somewhat  higher  density  leveis.  Beam  fluorescence  can  also  be  produced  in  other 


*An  exception  would  be  flows  with  radial  symmetry,  such  as  line  of  sight  traverses  across  an  entire  nozzle  exit 
plane.  Quantitative  determinations  of  local  temperature  and  number  density  can  then  also  be  extracted  by  standard 
Abe  1-inversion  methods 


6-13 


gases,  however,  including  O2,  NO,  CO,  CO2,  Ar  and  He^0*67).  The  requirement  is  that  the  excitation  process  be 
fast  and  direct,  and  the  emission  an  allowed  spontaneous  process. 


SCHEMATIC  ENERGY  LEVEL  DIAGRAM  FOR  N*  Nj 

The  narrow  electron  beam  can  afford  good  spatial  resolution  as,  like  SRS  and  LIF,  the  radiation  is  observed  from 
a  selected  incremental  length  of  the  beam  to  provide  a  "point"  measurement.  For  N2,  even  though  this  molecule 
is  essentially  equilibrated  in  nozzle  expansions  (Figure  2),  the  N2  number  density  is  density  dependent  and  its 
measurement  can  corroborate  the  magnitude  of  an  effective  inviscid  nozzle  area  ratio,  A/A*,  at  the  measurement 
station,  determined  from  boundary  layer  displacement  thickness  calculations.  The  electron  beam  technique  has  also 
been  used,  however,  to  measure  density  and  density  fluctuations  in  the  turbulent  boundary  layer  on  a  nozzle  wail. (68) 

An  experimental  configuration  for  the  electron  beam  would  take  a  form  similar  to  that  shown  in  Figure  14  for 
the  radiometer  except  that  the  electron  beam  would  be  oriented  vertically,  with  a  Faraday  cup  to  receive  the  beam, 
and  monitor  beam  current,  after  traversal  across  the  flow.  Observation  of  the  selected  incremental  length  of  beam 
fluorescence  would  then  be  performed  at  right  angles  to  the  beam.  The  beam-induced  fluorescence  is  monitored 
via  narrow-band  filter,  slit-optics  radiometers  using  photomultiplier  detectors  for  high-speed-flow  environments.  A 
calibration  for  the  N2  number  density  is  performed,  a  priori,  in  a  static  chamber.  The  intensity  measurement  may  be 
of  the  entire  band  system,  or  of  the  intensity  of  a  single  vibrational  band  such  as  the  intense  (0,0)  band  at  3914  K,  or 
of  the  intensity  of  a  particular  rotational  line  in  a  vibrational  band.  Ideally,  the  calibration  affords  a  linear  increase 
in  fluorescence  intensity  with  number  density.  Consideration  must  also  be  given  to  the  effects  of  collisional  quenching, 
which  become  manifest  by  a  departure  from  linearity  in  the  calibration. 

In  the  case  of  high-enthalpy  airflows,  f’ow  expansion  calculations  like  that  shown  in  Figure  2  can  provide  a 
good  prediction  of  the  freestream  test  flow  composition.  Other  than  O  atoms,  all  the  neutral  species  constituents  of 
the  nonequilibrium  freestream  are  stable  gases,  i.e.,  a  calibration  gas  either  of  the  calculated  freestream  molar 
composition,  or  of  O2,  N2,  Ar  and  a  range  of  NO  partial  pressures,  can  be  provided  for  static  calibration  purposes. 

The  electron  beam  fluorescence  technique  is  restricted  in  its  application  to  quite  low  densities.  It  is  limited 
at  very  low  density  by  low  fluorescence  yield,  and  at  higher  densities  by  collision  quenching  of  the  radiation  by  the 
ambient  gas  species.  The  number  of  radiationless  transitions  occurring  is  a  function  of  the  collision  cross  sections  of 
the  colliders  and  of  their  mean  speed.  Under  these  conditions  the  technique  becomes  temperature  dependent. 
Quenching  cross  sections  and  their  temperature  dependence  are  required  for  a  specific  flow  situation  in  order  that 
the  useful  upper  limit  of  the  fluorescence  measurement  technique  for  number  density  measurement  can  be  increased. 
Expressions  for  the  fluorescent  emission  intensity  from  the  excited  state  depend,  in  fact,  on  the  ratio  of  quenching 
collision  frequency  to  transition  probability  (A  coefficients)  in  similar  manner  to  the  intensity  relationships  discussed 
previously  with  respect  to  LIF. 

Consideration  also  needs  to  be  given  to  the  effects  of  secondary  electron  production.  While  most  secondaries 
are  of  very  low  energy,  some  are  of  sufficiently  high  energy  and,  scattered  in  the  forward  beam  direction,  can  add  to 
the  fluorescence. 

It  is  appropriate  to  add  here  that  a  recent  technique  has  been  described  by  Muntz  et  al.(69)  aimed  at  extending 
the  fluorescence  diagnostic  to  higher  densities.  The  approach,  which  is  currently  under  development,  is  to  use  a 
pulsed  electron  beam  (to  avoid  gas  motion  effects)  to  excite  the  neutral  N2  to  the  ground  state  of  the  ion 
(  Nj  K  ),  instead  of  the  ion  state.  Because  of  the  slow  recombination  for  ions,  the  ground  ion  state  is 

effectively  metastable  compared  with  collision  periods.  The  absorption  of  a  laser  photon  is  then  used  to  elevate  the 
ion  to  the  6  state,  which  then  undergoes  spontaneous  transition  back  to  the  ion  ground  state.  Because  of  the 
relative  magnitudes  of  the  ionization  cress  sections  involved,  this  pulsed  electron-photon  fluorescence  technique^) 
can  afford  signals  much  larger  than  the  corresponding  electron  beam  fluorescence  signal. 

Because  of  the  relatively  long  lifetime  of  the  ground  state  ions,  it  is  not  necessary  that  the  laser  pulse  be  in 
time  coincidence  with  the  electron  beam;  it  is,  in  fact,  preferable  that  the  laser  pulse  lag  the  electron  beyn  several 
collision  times  in  order  that  the  ion  rotational  distribution  has  time  to  equilibrate  with  thermal  motions.^?) 

For  room  temperature  pressures  in  air,  the  number  density  is  gi^en  approximately  by  n»3  x  10 ^6  p  cm“3,  where 
p  is  the  gas  pressure  in  torr.  Electron  beam  measurements  via  N2  (1-)  fluorescence  have  been  performed  up  to 
equivalent  room  temperature  pressures  of  a  few  torr  (n  ~1017  cm-)).  Some  N2  (2+)  fluorescence  studies  have  been 
made  up  to  8-10  torr  (n  ~  3  x  lO*7  cm-3).  Muntz'69)  suggests  that  the  electron/laser  beam  method  may  permit 
measurements  to  be  extended  up  to  about  3  x  10**  cm~3. 

The  basic  electron  beam  fluorescence  method  has,  nevertheless,  been  well  utilized  now  for  several  decades 
in  quantitative  measurements  of  species  number  density  and  temperature  in  flow  systems,  including  profile 
measurements  through  regions  with  gradients  (boundary  layers,  shock  regions).  Method  applicability  considerations 
need  to  be  addressed,  however,  which  are  specific  to  the  gas  composition  and  environment  conditions. 


i 
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4.  IONIZED  FLOW  DIAGNOSTICS 


The  emphasis  throughout  these  discussions  has  been  on  the  measurement  of  neutral  species  concentrations.  This 
is  where  almost  all  of  the  energy  of  thr  system  resides.  For  example,  expansion  from  the  shock  tunnel  reservoir 
condition  corresponding  to  Figure  2  will  generate  a  freestream  velocity  of  about  4270  m/sec  (14000  ft/sec).  For  a 
blunt  body  immersed  in  this  test  flow,  the  entropy  layer  region  behind  the  bow  shock  will  be  ionized,  with  a  free 
electron  number  density  of  about  2  x  10^  cm'X  This  electron  concentration  is  above  critical  for  microwave 
frequencies  up  to  40  GHz,  yet  the  energy  contained  in  all  of  the  ionized  species  at  this  nose  region  condition  is 
about  0.25%  of  the  total  internal  energy  of  the  flow. 

Hypervelocity  flow  generation  in  test  facilities,  however,  encompasses  investigations  wherein  the  plasma 
properties  of  the  flow,  about  a  blunt  test  vehicle  for  example,  are  of  primary  research  interest.  It  is  appropriate  then 
to  conclude  with  a  brief  account  of  two  diagnostic  methods  for  the  determination  of  the  plasma  state  of  the  flow. 
The  first  is  microwave  interferometry,  which,  though  non-intrusive,  is  an  integrated  line  of  sight  measurement  for 
the  electron  number  density  over  a  'Xiiform  path  length.  The  second  method  is  the  use  ol  thin-wire,  swept-voltage 
electrostatic  probes  for  the  point  measurement  of  ion  number  densi  y  and  electron  temperature  in  a  flowing  plasma. 
The  latter  is  the  equivalent  of  the  Langmuir  probe  in  stationary  plasmas  and  is  an  intrusive  technique,  although  one 
affording  a  point  measurement  of  plasma  properties, 

4.1  Microwave  Inteferometry 

Omitting  any  circuitry  considerations,  the  microwave  interferometer  consists  of  a  pair  of  microwave  horns, 
transmitter  and  receiver,  placed  either  side  of  the  plasma  flow  region  to  be  interrogated.  The  basis  of  the 
measurement  is  to  record  the  change,  from  the  free  space  or  no-flow  value,  in  the  amplitude  and  phase  of  the 
signal  propagated  between  the  two  horns.  The  received  signal  is  actually  detected  in  terms  of  in-phase  and  quadrature 
components,  which  are  simply  related  to  signal  amplitude  and  phase. 

The  two  parameters  which  characterize  a  plasma  are  the  electron  number  density,  ne,  and  the  electron  collision 
frequency,  V  c.  It  15  assumed  that  the  plasma  is  neutral,  ijt.,  n^Eions.  For  high- temperature  air,  the  predominant  ion 
is  NO  ,  The  collision  frequency  is  given  by 


where  k  is  the  Boltzmann  constant,  mc  is  the  electron  mass  and  Te  is  the  electron  temperature.  The  number  density, 
n,  collision  cross  section,  Q,  product  is  summed  over  all  neutral  species.  The  Q  are  functions  of  electron  energy  and 
an  earlier  compilation  of  the  cross  section  data  for  the  neutral  air  species  from  various  determinations  has  been 
presented  in  graphical  form'70).  The  ion  contribution  to  the  collision  frequency  is  usually  negligible  compared  with 
the  neutrals. 

The  electron  number  density  is  obtained  quite  directly  from  the  interferometric  measurement  of  phase  shift  if 
the  plasma  is  underdense,  i.e.,  if  the  microwave  frequency  is  less  than  the  plasma  frequerncy.  The  plasma  frequency 
is  given  by 


where  e  is  the  electronic  charge  and  6  0  the  free  space  permittivity. 


The  phase  shift  per  unit  length  is  given  by 


T 


where,  neglecting  fourth  order  terms 


(22) 


%■ 


4 


the  real  part  of  the  refractive  index,  fc  is  the  collision  frequency  (yc/2TT)  and  f  is  the  microwave  interferometer 
operating  frequency.  The  collision  frequency  in  most  cases  is  small  compared  with  the  microwave  frequency;  hence, 
Equation  (22)  becomes 


(23) 


where  J  is  the  plasma  thickness  between  the  interferometer  horns.  The  electron  number  density  is  then  obtained  from 
fp  and  Equation  (2t). 
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An  example  of  interferometrically  measured  electron  number  density  distributions  in  expanding  N2  and  Ar 
plasmas  is  shown  in  Figure  15.  These  measurements  were  performed  in  hypersonic  nozzle  flows  at  this  laboratory^  1) 
utilizing  two  microwave  interferometers  operating  at  17  and  35  GHz. 

4.2  Thin-Wire  Swept-Voltage  Electrostatic  Probes 

Voltage-swept  thin-wire  electrostatic  probes  can  be  used  to  measure  the  electron  temperature  and  ion  number 
density  in  hypervelocity  ionized  ireestream  flows,  as  well  as  in  the  inviscid  shock  layer  and  viscous  boundary  layer 
plasma  flows  over  blunt  bodies. 

The  probe  consists  of  a  thin  tungsten  wire  (of  nominal  0.007  cm  diameter  and  length- to-diameter  ratios  of 
80-100),  which  protrudes  from  a  length  of  thin  Pyrex  tubing.  The  probes  may  be  installed  in  a  rake  so  that  multiple 
point  meastrements  may  be  recorded  simultaneously  at  different  positions  in  the  plasma  flowfield.  A  linear  voltage 
ramp  is  applied  to  the  probe  to  provide  a  voltage  excursion  from  negative  (ion  collecting)  to  positve  (electron 
collecting)  probe  voltages,  Vp,  e.gM  -5  to  +2  volts  in  air  plasma,  over  a  period  of  about  70-100  ,us.  The  current 
collected  by  the  probe  during  the  applied  voltage  excursion  comprises  the  probe  characteristic,  from  which,  under 
appropriate  conditions,  the  electron  temperature  and  ion  number  denisty  of  the  locally  sampled  plasma  may  be 
determined.  For  high  total  enthalpy,  shock-tunnel-facility  generated  airflows,  njgo*  =  ry. 

Essentially  all  of  the  electrons  are  repelled  when  the  probe  is  significantly  negative  with  respect  to  the  plasma 
potential  and  an  ion  sheath  surrounds  the  probe.  The  sheath  is  a  non-neutral  region  of  charge  separation  around 
the  probe  corresponding  to  the  extent  of  its  electric  field  into  the  plasma.  As  the  probe  voltage  becomes  less 
negative,  more  and  more  electrons  reach  the  probe,  resulting  in  a  rapidly  increasing  electron  current.  An  illustration 
of  this  ion-current  portion  of  the  probe  characteristic  is  shown  in  Figure  16  for  the  case  of  a  high-velocity  N2 
plasma.  The  potential  at  which  the  probe  current  is  zero  is  called  the  floating  potential,  Vp,  where  most  of  the 
electrons  are  repelled  by  the  probe  in  order  to  balance  ion  and  electron  currents.  At  the  plasma  potential,  Voo  , 
the  probe  collects  the  random  ion  and  electron  fluxes  as  no  electric  field  is  present.  The  current  is  predominantly 
an  electron  current  at  this  instant,  however,  because  of  the  higher  thermal  speed  of  the  electrons  compared  with  that 
for  the  ions  of  heavier  mass.  The  region  of  rapidly  increasing  electron  current  with  decreasing  negative  probe 
potential  is  called  the  retarding  field  region  because  only  those  electrons  of  sufficient  energy  can  overcome  the 
retarding  field  to  reach  the  probe. 

In  the  analysis  of  probe  data,  free-molecular  sheath  conditions  are  assumed  in  that  the  attracted  particle 
undergoes  a  collisionless  trajectory  upon  entering  the  sheath  to  annihilation  at  the  probe  surface. 

For  a  non-dimensional  probe  voltage,  Xjpt  defined  by 

%  ■  tot  (Vv«) 

the  collected  ion  and  electron  currents  at  negative  values  of  Xp  can  he  written(7V3) 


/Ate  ' 

H  =e*e 

\Z7T/fn^ 

) 

(25) 

(i.Tc  ' 

7e  =  e/ne 

\ZTT«tC/ 

)  e 

(26) 

where  i*  =  (Xp,  sv.fc/hD,T»^e)  is  a  normalization  factor  representing  the  increase  in  the  collected  ion  current  over 
the  random  kinetic  ion  flux  to'  the  probe  at  =  0  and  is  a  function  of  the  probe  potential, Xp,  the  ratio  of  probe  radius 
to  the  Debye  length,  A  p  ,  and  the  ratio  of  ion  to  electron  temper  at  urest7^).  By  differentiating  Equation  (26), 

-  € 

~<LVy  '*'Te 

which  is  the  basis  for  the  determination  of  the  electron  temperature.  The  slope  of  a  semi-log  plot  of  the  retarding- 
field  region  current  vs.  probe  voltage  is  a  straight  line  of  slope  e/kTe. 

The  ion  number  density  is  obtained  from  the  ion  current  portion  of  the  probe  characteristic  at  large  negative 
values  of  X^via  Equation  (25)  and  derived  values  for  i+'73).  Unlike  the  microwave  interferometer,  which  responds  to 
ne,  the  current  collected  by  the  electrostatic  probe  is  ion  dependent,  but  plasma  neutrality  ensures  nj  =  n*. 

Electrostatic  probe  measurements  of  the  electron  number  density  profiles  in  the  ionized  boundary  layer  over 
a  flat  plate  in  a  shock  tunnel  N2  plasma  flow^u  are  shown  in  Figure  17.  The  measured  n*  is  normalized  by  the 
boundary  layer  edge  value,  and  the  measured  profiles  are  shown  at  two  different  stations  from  the  plate  leading 
edge.  The  solid  curves  are  calculated  profiles  using  Blottner's™*'  nonequilibrium  boundary  layer  program  adapted  to 
flat  plate  flows.  It  Is  seen  that  the  electrostatic  probe  affords  an  excellent  technique  for  plasma  species  diagnostics. 

Empirical  studies  have  also  been  described^7*)  which  allow  for  the  effect  of  collisions  on  ion  current  collection 
to  be  calculated.  These  approximate  analyses  represent  a  bridging  function  between  the  continuum  and  free  molecular 
limits,  thereby  extending  probe  data  interpretation  into  the  transition  regime. 
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5.  SUMMARY 

The  discussions  in  the  preceding  sections  comprise  review  descriptions  of  some  diagnostic  methods  for  species 
concentration  measurements  which  are  applicable  to  high-speed  flows.  Some  of  the  theoretical  framework  has  been 
included  but  only  as  background  to  support  the  descriptions.  Referral  is  intended,  of  course,  to  the  literature  cited, 
and  references  therein,  for  greater  detail  concerning  analysis  and  implementation. 

The  summaries  here  can  help  to  apprise  as  well  as  guide  in  the  selection  of  a  method  most  suitable  for  a 
given  flow  situation.  Some  of  the  methods  are  not  new.  The  more  recent  and  yet-developing  laser  techniques  have 
singular  advantages  by  virtue  of  their  ability  to  interrogate  very  fast  flows,  and  to  be  applicable  to  reactive  and 
hostile  environments.  As  noted,  however,  they  can  be  quite  complex  both  analytically  and  in  their  optical  requirements 
and  configurations. 
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Figures  SCHEMATIC  OF  A  BOXCARS 
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Figure  6  CALCULATED  EVOLUTION  OF 
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Figure  7  CALCULATED  Nz  CARS  SPECTRA  FOR  RANGE  OF  TEMPERATURES 


Figure  8  COMPARISON  OF  EXPERIMENTAL  AND  CALCULATED  N2  CARS  SPECTRA 
FOR  DETERMINATION  OF  TEMPERATURE  (Rgf.  22) 
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Figure  9  CALCULATED  CO  CARS  SPECTRA  FOR  VARIATIONS  IN  CO  MOLE  FRACTION 
T  -  1700°K.X  NR  -  9  *  1019  em3/«rg  (R«f.  22) 


Figure  10  COMPARISON  OF  EXPERIMENTAL  AND  CALCULATED  CO  CARS  SPECTRA 

AT  KNOWN  TEMPERATURE  FOR  DETERMINATION  OF  CO  CONCENTRATION 
(R«f.  22) 


Figure  11  POTENTIAL  ENERQV  DIAGRAMS  OF  NO,  Nj  AND  CO 
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Figure  12  LASER  INDUCED  FLUORESCENCE  SPECTRA  OF  CO 


Figure  14  PRINCIPAL  ELEMENTS  OF  A  DUAL  WAVELENGTH  ABSORPTION  RADIOMETER 
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Figure  15  MICROWAVE  INTERFEROMETRIC  Figure  16  ION-PROBE  CHARACTERISTIC  RECORDED 

MEASUREMENTS  OF  ELECTRON  NUMBER  IN  HIGH  VELOCITY  N,  PLASMA 

DENSITIES  IN  EXPANDING  N2  AND  Ar 
PLASMAS 


Figure  17  ELECTROSTATIC  PROBE  MEASUREMENTS  OF  ELECTRON  NUMBER 
DENSITY  PROFILES  IN  N2  PLASMA  OVER  A  FLAT  PLATE 
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COMPUTATIONAL  TECHNIQUES  FOR  HYPERSONIC  FLOWS 
-  Selected  recently  applied  techniques  - 


by 

W.  Kordulla 

□FVLR-lnstltute  (or  Theoretical  Fluid  Mechanics 
Bunsenstr.  10,  D-3400  Gflttingen,  FRG 


SUMMARY 

This  paper  provides  some  Insight  Into  several  currently  used  numerical  techniques  to  simulate 
hypersonic  flows.  After  describing  the  particular  features  of  hypersonic  flows  occuring  e  g.  during 
reentry  of  vehicles  such  as  Hermes  the  necessary  Input  for  computational  methods  Is  discussed  includ¬ 
ing  the  simulation  of  viscous  flow  which  Is  emphasized  in  the  paper.  If  then  becomes  evident  that  dedi¬ 
cated  experimental  work  is  badly  needed  to  determine  thermo-physical  and  chemical  property  data  as 
well  as  to  provide  approprlete  tests  for  the  prediction  methods  needed  to  support  the  designer  in  his 
work.  Finally,  selected  recently  applied  numerical  methods  are  presented  for  high-speed  ("cold")  hyper¬ 
sonic  flows,  for  flows  In  equilibrium  and  In  non-equilibrium.  Thereby  weaknesses  and  strengths  are  being 
pointed  out 


t.  INTRODUCTION 

The  preflight  aerodynamic  predictions  for  the  US  Space  Shuttle  performance  were  based  on  27  000 
hours  of  wind  tunnel  occupancy  and  employed  semi-empirical  methods  for  correction  purpose  owing  to 
the  Incomplete  simulations  In  the  tunnels  [1].  The  experiences  gained  in  (tight  in  comparison  with  the 
experimental  and  theoretical  design  are  discussed  in  particular  in  [2],  see  also  e  g.  [3,4],  These  expe¬ 
riences  reveal,  in  part,  large  discrepancies  between  preflight  predictions  and  flight  results. 

In  contrast  to  the  design  of  the  Space  Shuttle  computational  fluid  dynamics  (CFO)  is  expected  to 
play  a  major  role  in  the  development  and  planning  of  new  spacecrafts.  This  is  true  for  HERMES  [5,6],  a 
smaller,  improved  version  of  the  US  Space  Shuttle,  bul  in  particular  in  the  case  of  the  development  of 
new  technologies  such  as  for  HOTOL  [7,8]  or  for  SANGER  [9,10]  or  the  planning  of  future  hypersonic 
airplanes  [11  to  17],  In  doing  so  the  gap  between  preflight  predictions  and  flight  results  will  not  be 
bridged  unless  the  corresponding  CFD  methods  are  validated  properly  requiring  new  activities  in 
experimental  techniques  and  investigations,  see  also  [19  to  22],  Note  that  the  design  of  reusable 
hypersonic  vehicles  such  as  HOTOL  or  SANGER  with  in-flight  changing  propulsion  systems  lead  to 
increased  requirements  for  the  computational  aerothermodynamicist  which  are  different  from  those 
present  in  the  design  of  vehicles  such  as  the  Space  Shuttle  or  Hermes  [13,15].  The  most  Important  dif¬ 
ference  is  that  the  shape  of  the  spacecraft  and  the  propulsion  system  form  a  unity.  Also  the  combustion 
problems  in  the  propulsion  system  for  hypersonic  flight  conditions  must  be  considered.  In  any  case  the 
use  of  CFD  is  expected  to  result  In  a  reduction  of  cost  and  time  requirements  associated  with  the 
experimental  design  phase.  This  attitude  spurs  the  development  of  new,  more  efficient  and  robust 
numerical  methods,  and  the  application  of  existing  methods  to  more  complicated  realistic  configurations. 
For  the  aerodynamic  simulations  with  Ideal  gases  a  high  standard  is  already  achieved  as  can  be  seen 
from  the  work  reported  e  g.  in  [23  to  25],  The  simulation  of  realistic  hypersonic  flows,  e  g.  past  reentry 
vehicles,  however,  requires  more  than  the  simulation  of  high-speed  flows  [18]. 

In  figure  1  the  flow  regimes  which  are  traversed  by  a  typical  spacecraft  are  sketched  as  a  function 
of  altitude  and  velocity  (and  also  of  the  Knudsen  number,  i.e.  the  ratio  of  the  average  mean  free  path  and 
a  characteristic  length  of  the  flow  field).  It  Is  evident  from  the  plot  that  the  ideal-gas  assumptions  made 
typically  In  high-speed  flow  simulations  are  only  of  Interest  In  a  very  narrow  band  width  of  the  lower 
speed  range.  Reactions  may  occur  within  the  flow  field  between  shock  wave  and  body  which  will  be 
discussed  briefly  later.  Depending  on  the  altitude  or  the  Knudsen  number  the  usual  assumption  of  con¬ 
tinuum  flow  Is  now  longer  valid  due  to  the  reduced  density,  and  a  gasklnetlc  approach  becomes  neces¬ 
sary,  see  e  g.  [26  to  31],  In  the  following,  only  the  continuum-flow  approach  will  be  discussed  based  In 
particular  on  the  numerical  integration  of  the  Navler-Stokes  equations.  It  would,  however,  be  of  special 
interest  to  know  the  overtapping  ranges  of  the  applicability  of  Navler-Stokes  and  gas-kinetic  approaches, 
see  figure  1,  but  -  to  the  author's  knowledge  -  there  are  only  a  few  Investigations  In  that  direction,  and 
never  for  multl-dimenslonal  real  flow.  At  the  author's  working  place  both  approaches  exist,  and  a  com¬ 
parison  is  Intended  to  be  carried  out  for  three  dimensions,  in  future  [32].  Information  on  flow  simulations 
based  on  the  integration  of  the  boundary-layer  equations,  can  be  obtained  for  realistic  hypersonic  con¬ 
ditions  e.g,  in  [33],  or  in  another  paper  contained  In  the  present  Proceedings  vo'ume. 

In  the  following,  first,  typical  features  of  realistic  hypersonic  flows  will  briefly  be  discussed,  see  also 
[34  to  48]  together  with  the  corresponding  critical  Issues  for  numerical  flow  simulations.  Then  an  over¬ 
view  over  some  of  the  numerical  approaches  for  high-speed  flow  simulations  are  presented,  see  e  g.  a 
few  examples  for  more  recent  work  [49  to  66],  The  remaining  chapters  will  deal  with  the  equilibrium  or 
non-equilibrium  approximation  of  reactive  flows,  see  e.g.  [67  to  132],  Therein  the  approximation  of  the 
necessary  set  of  reactions  and  of  the  transport  properties,  Including  the  verification  of  the  flow  simu¬ 
lations  remains  a  challenge,  see  e.g.  [42,43,133  to  143],  In  fact,  the  numerical  simulations  of  complex 
hypersonic  flows  will  not  be  of  too  much  help  unless  appropriately  designed  experiments  allow  for  a 
validation  of  the  codes  for  real-flight  conditions.  With  the  exception  of  tunnels  In  Australia  [21],  such 
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Fig.  1:  Sketch  or  the  range  of  flow  regimes  with  corresponding  speeds,  altitudes  and  Knudsen  number  ranges. 
Including  the  flight  envelope  of  a  typical  spacecraft. 

simulations  seem  not  to  be  possible  at  the  time  [19,20],  and  has  hence  created  tunnel  construction 
activities  everywhere,  see  e.g.  [135], 


2.  CHARACTERISTIC  FEATURES  OF  HYPERSONIC  FLOWS 

The  following  discussion  Is.  In  part,  based  on  references  28  to  28.  30,  34,  38,  41  and  42.  The  ma|or 
parameters  characterizing  the  classical  high-speed  continuum  (low  [e.g.  144  to  146]  are  Mach  number 
M  and  Reynolds  number  Re,  i.e.  the  ratio  of  the  local  fluid  speed  and  the  local  speed  of  sound,  and  the 
ratio  of  Inertia  forces  and  viscous  forces,  respectively: 

M  «  ulc  ;  Re  =  puUp,  (1) 

where  p  Is  the  density,  L  the  characteristic  length  and  p  the  dynamic  viscosity.  Note  that  Mach  and 
Reynolds  number  can  be  Interpreted  as  the  ratio  of  acoustic  signal  time  and  viscous  diffusion  time, 
respectively,  to  the  characteristic  flow  time.  In  continuum  flow  theory  the  bow  shocks  in  front  of  bodies 
are  considered  infinitely  thin  such  that  shock  fitting  procedures  can  be  applied  to  determine  their 
shapes.  The  free  stream  Mach  number  and  the  shape  of  the  body  determine  the  strength  of  the  shock 
wave.  The  Reynolds  number  allows  to  distinguish  between  laminar  and  turbulent  flow.  Having  In  mind 
that  the  density  p  decreases  roughly  exponentlonally  with  altitude,  with  p  at  100  km  being  about  10-' 
times  the  value  at  sea  level,  while  speed  and  characteristic  length  hardly  vary,  it  Is  clear  that  the  Rey¬ 
nolds  number  for  a  spacecraft  reflects  essentially  the  Influence  of  altitude. 

In  figure  2,  taken  from  [27],  the  variations  of  pressure,  density,  temperature  and  mean  free  path  X 
with  respect  to  altitude  are  displayed.  Of  current  Interest  for  reentry  vehicles  are  the  altitudes  up  to 
roughly  120  km,  see  figure  1.  Note  that  below  40  km  the  windward  boundary-layer  flow  on  the  space 
shuttle  can  be  considered  turbulent  near  the  nose,  with  the  onset  of  turbulent  flow  near  the  base  region 
being  reported  around  55  km.  The  peak  heat  transfer  on  the  windward  symmetry  line  occurs  In  the 
laminar  flow  regime  at  70  km  as  Is  shown  by  the  plot  of  data  of  different  origins  in  [27],  The  smaller  the 
Reynolds  number  is  the  thicker  the  boundary  layer  becomes,  and  the  inviscid-vlscous  coupling  proce¬ 
dure  which  is  also  known  as  the  two-layer  concept  [30]  becomes  Increasingly  impossible.  This  Is 
because  the  boundary  layer  is  covering  more  and  more  the  entire  space  between  body  and  bow  shock 
wave.  An  alternative  Is  then  to  consider  the  entire  region  as  viscous  [148],  in  passing  it  is  noted  that  for 
the  two-layer  approach  one  will  have  to  consider  the  entropy-swallowing  of  the  boundary  layer.  This 
essentially  means  that  along  the  edge  of  the  boundary  layer  the  entropy  varies  according  to  the 
oncoming  different  streamlines  which  pass  the  strong  bow  shock  at  different  locations,  and  thus  carry 
different  amounts  of  entropy  Into  the  boundary  layer  [27,149]. 

While  the  Reynolds  number  Is  in  some  sense  corresponding  to  the  density  of  the  atmosphere,  a 
parameter  which  characterizes  best  the  dlluteness  of  the  air  Is  the  Knudsen  number  Kn,  the  ratio  of  the 
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Fig.  2:  Distribution  of  pressure  p,  density  p,  temperature  T 
and  mean  free  path  A  versus  the  attitude  [26]. 
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Fig.  3:  Influence  of  the  altitude  on  the  characterization 
of  the  flow  domains  [27], 


mean  free  path  A  and  the  characteristic  length  L, 

Kn  =■  XIL  ,  (2) 

where  e  g.  free  stream  quantities  are  employed  to  obtain  for  the  atmosphere.  This  parameter  can 
also  be  viewed  as  the  ratio  of  acoustic  signal  to  viscous  diffusion  time.  Replacing  the  mean  free  path  by 
some  molecular  expression  [31,151]  the  following  relation  is  obtained. 

Assuming  the  relationship  tor  laminar  boundary  layers  H  ~  L  (Rel)'w  one  obtains  the  result  that  the 
Knudsen  number  based  on  the  'edge*  of  the  boundary  layer  is  proportional  to  the  hypersonic  similarity 
parameter  divided  by  M [144]  and  to  the  viscous  and  rarefaction  parameter  [29]: 

Kns  ~  Mon/(fleoot)''3  (4) 

In  terms  of  the  Knudsen  number  Kn„  the  following  distinctions  between  the  atmospheric  regions 
can  be  made  [26]: 


Kn^ 

H  [  km  ] 

Characterization 

<t  i 

£  60 

Continuum  flow 

~  0.01  -  ~  0.1 

~  80  -  ~  120 

Continuum  flow 
with  slip  conditions,  etc. 

~  0.1  -  ~  10. 

2  120 

Gas-kinetic  flow 

S  10 

>  120 

Free  molecular  flow 

Note  that  because  of  equation  (3)  continuum  flow  Is  equivalent  to  Re„  P  while  free  molecular  flow 
corresponds  to  i>  Re„.  Slip  flow  conditions  for  the  velocity  and  the  lump  in  temperature  change  the 
friction  drag  as  well  as  the  heat  transfer  to  the  wall,  and  influence  the  reactions  occurtng  In  the  boundary 
layer  and  at  the  wall.  The  exact  definition  of  the  boundaries  of  the  domains  is  rather  difficult,  In  figure  3 
e.g.  a  slightly  different  interpretation  Is  given  [27]. 

In  hypersonic  flows  with  large  Mach  numbers  one  can  observe  some  Mach  number  Independency 
properties,  see  figure  4  [27].  Thus  for  real  gas  flows  the  Mach  number  -  more  or  less  -  ceases  to  be  the 
essential  parameter,  and  the  speed  of  the  considered  vehicle,  or  the  kinetic  energy  of  the  flow  colliding 
with  the  vehicle  becomes  Important.  For  sufficiently  high  speeds  the  total  enthalpy  is  virtually  identical 
with  the  kinetic  energy,  h,  -  ft  +  0.5  •  u* «  0.5  ■  ir»,  and  near  stagnation  points  this  energy  Is  transformed 
Into  heat,  and  thus  Into  an  increase  In  temperature.  In  practice  this  occurs  by  way  of  the  shock  wave 
embedding  the  body  In  question.  When  passing  some  critical  values  real-gas  effects  are  Introduced  into 
the  air  flow  as  Is  indicated  In  figure  5  [27],  namely  vibration  and  dissociation  In  the  speed  range  of  main 
Interest  here,  up  to  s  8  km/s.  Once  chemical  effects  are  present  the  thermal  and  caloric  equations  of 
state  must  be  changed  accordingly,  as  well  as  the  transport  coefficients.  Also  the  influence  of  the  surface 
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Fig.  4:  Aerodynamic  coefficients  of  the  MBB-Lifting  Body  as  a  function  of  the  Mach  number  [30],  after  [155]. 

on  the  reactions  must  be  considered,  see  e  g.  [40,41].  If  the  surface  is  catalytic  recombination  effects 
will  lead  to  increased  heat  transfer  at  the  surface. 

In  terms  of  flight  speed  real-gas  and  non-equilibrium  effects  start  at  about  1  km/s,  see  figure  1. 
Parameters  which  characterize  the  real-gas  and  non-equilibrium  state  are  Damkohler  numbers  DAM1 
and  DAM2  [152].  These  numbers  can  apply  to  internal  degrees  of  freedom  of  the  molecules  or  to 
chemical  reactions  in  the  fluids.  DAM1  is  the  ratio  of  the  characteristic  time  of  particles  passing  a  region 
of  the  flow  tu  to  the  relaxation  time  r  in  question,  where  the  flow  time  is  usually  the  ratio  of  the  charac¬ 
teristic  dimension  L  and  the  free  stream  speed  u ^ 

DAM^  =  tjr  =  U(uM t)  .  (5) 

Thus  DAM1  =  0  indicates  frozen  flow,  if  it  varies  between  %  0.01  and  %  1000  the  flow  exhibits  non-e¬ 
quilibrium,  and  if  the  number  tends  to  infinity  the  fluid  is  in  equilibrium  [26].  The  second  DamkOhler 
number  relates  the  enthalpy  difference  q  for  a  single  reaction  between  reaction  products  and  reactants 
to  the  total  enthalpy  of  the  mixture  before  reaction  h0: 

DAM2  **  qlh0  .  (6) 

If  DAM2  tends  to  vanish  this  corresponds  to  equilibrium,  otherwise  a  non-equilibrium  or  frozen  flow  is 
present  if  the  number  is  small  the  corresponding  exact  simulation  may  be  neglected. 

A  major  role,  not  only  for  predictions  but  in  particular  for  experimental  simulations  of  flows  past 
spacecrafts,  play  the  reaction  lengths  involved.  In  figure  6  an  example  of  the  variation  of  the  speed  of 
hypersonic  flow  encountering  a  normal  shock  wave  is  sketched  with  the  typical  idealization  of  assuming 
the  translational  and  rotational  degrees  of  freedom  of  a  diatomic  gas  to  be  In  equilibrium  instantane¬ 
ously.  This  is  assumed  to  occur  within  the  few  mean  free  paths  across  which  the  shock  is  spread,  while 
the  vibrational  and  chemical  non-equilibrium  (if  the  free-stream  speed  is  high  enough,  see  figure  5) 
requires  some  finite  distance  to  relax.  In  [27]  it  is  shown  that  the  reaction  lengths  /„  are  much  larger  than 
the  mean  free  path  assuming  reactions  with  simple  binary  collisions,  and  therefore  vary  also  with  the 
altitude  (density): 

/p  ~  MX/z1  ,  Ip/L  ~  Muntz'  ,  (7) 

where  z'  Indicates  the  small  fraction  of  the  collisions  contributing  to  the  considered  reaction.  This 
becomes  evident  if  one  considers  that  the  number  of  particles  per  unit  volume  decreases  with  altitude, 
and  therefore  also  the  number  of  collisions  between  particles.  Hence  it  takes  longer  to  achieve  equilib¬ 
rium.  Stalker  (lecture  series  at  the  DFVLR,  GSttingen,  1987)  shows  for  binary  reactions  that  the  binary 
scaling  parameter 


Flfl.  5:  flo^d  resl^as  effects  as  a  function  of  the  speed  of  air.  Including  the  activation 
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Fig.  6:  Velocity  distribution  through  a  normal  shock  wave  with  the  assumption  of  the  flow  with  states  a  and  b 
being  In  equilibrium.  Left:  true  situation,  right:  idealized  [31]. 
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must  be  the  same  in  experiment  and  free  flight  to  produce  meaningful  results.  This  leads  to  the  require¬ 
ment  that  the  quantity  and  therefore  p^L  must  be  the  same. 

Other  important  parameters  In  hypersonic  flows  are  the  thermal  and  chemical  states  of  the  surface 
of  the  vehicle  in  question,  i.e.  the  wall  temperature  and  whether  the  surface  is  catalytic  or  not 

For  viscous  flow  simulations  many  of  the  above  parameters  vary  due  to  the  large  changes  of 
velocity  as  well  as  of  temperature  and  of  density  across  the  boundary  layer.  Therefore  the  corresponding 
viscous  flow  simulation  Is  rather  difficult.  The  main  Invlscld  effects  are  due  to  the  transformation  of 
kinetic  energy  across  the  bow  shock  wave.  Thereby  the  effective  temperature  Increases  with  the  tree- 
stream  speed  until  the  activation  energy  tor  vibration  and  dissociation  Is  reached.  Thus  quite  different 
length  and  time  scales  exist  simultaneously  which  need  to  be  resolved.  Note  that  Ionization  or  radiation 
are  not  specifically  mentioned,  hare,  these  topics  are  ot  large  interest  for  aero-assfsted  orbital  transfer 
vehicles  for  speeds  above  8  km/s,  see  e.g.  [35,36,112  to  115], 


3.  SOME  CLASSICAL  HYPERSONIC  FLOW  SIMULATION  APPROACHES 

This  paragraph  mentions  a  few  methods  which  have  evolved  over  the  years  starting  when  hyper¬ 
sonic  flow  research  was  popular  about  15-20  years  ago,  and  some  date  back  even  much  earlier.  Some 
of  these  methods  have  become  very  efficient  aerodynamical  tools,  and  are  discussed  In  more  detail 
elsewhere  in  the  present  proceedings:  boundary  layer  methods  by  Aupolx  and  Euler  simulations  by 
Anderson,  see  also  [30,4], 

The  most  simple  approach  to  predict  the  pressure  distributions  and  thus  forces  on  hypersonic 
bodies  is  based  on  the  Newtonian  flow  model,  see  e.g.  [30,132,144  to  146],  This  model  assumes  that  the 
shock  layer  Is  very  thin  and  that  the  bow  shock  wave  Is  practically  attached  to  the  surface.  The  speed 
and  direction  of  the  gas  particles  are  supposed  to  remain  unchanged  until  they  encounter  the  surface 
of  the  body.  Then  the  tangential  component  of  momentum  is  conserved  while  the  normal  component 
vanishes.  As  the  tree-stream  does  not  collide  with  the  leeward  side  ot  a  body  because  It  lies  In  the  sha¬ 
dow  of  the  tree-stream,  this  portion  does  not  contribute  to  the  pressure  coefficient  distribution.  The  sim¬ 
ple  version  of  this  concept  leads  to  a  pressure  coefficient  of  2  at  the  stagnation  point  which  is  not 
true,  in  order  to  correct  this  the  appropriate  value  ot  the  pressure  coefficient  at  the  stagnation  point 
(instead  of  2)  is  usad  as  the  coefficient  In  the  modified  Newtonian  now  model: 

-  Cptftg  sin2©,,  ,  (9) 

where  ©,  is  the  angle  between  the  free-stream  direction  and  the  surface.  Some  examples  of  applications, 
mainly  tor  the  Apollo  capsule,  are  given  In  [30].  Note  that  the  usefulness  of  the  above  formula  is  ques¬ 
tionable  If  the  flow  field  is  influenced  by  e.g.  shock-boundary  layer  or  vortex-houndary  layer  Interactions. 

Boundary  layer  theory  has  been  used  extensively  to  predict  the  heat  transfer  to  the  body  surface 
in  question,  see  e.g.  [147],  In  particular  in  similarity  form  In  the  stagnation  point  region,  and  also 
Including  chemical  effects.  In  general,  to  perform  boundary  layer  computations  an  invlscld-flow  solution 
it  required  to  prescribe  the  boundary  conditions  at  the  'edge'  of  the  boundary  layer,  see  e.g.  the  com¬ 
putations  I  t  [33,149,154], 

Classical  In  the  sense  that  the  approach  Is  around  (or  about  two  decades  are  viscous  shock  layer 
methods  used  to  predict  the  flow  between  bow  shock  wave  and  body  surface  based  on  a  set  of  parabolic 
equations  derived  tram  the  Navler-Stokes  equation,  see  e.g.  [148]  and  also  other  listed  references.  Since 


7-6 


the  domain  is  not  divided  into  inviscid  and  viscous  regions,  the  viscous  shock  layer  methods  are  -  to  a 
certain  extent  -  aiso  useful  for  low  density  and  hence  low  Reynolds  number  flows  where  the  boundary 
layer  extends  to  the  shock  surface.  The  equations  are  obtained  by  introducing  boundary  layer  coordi¬ 
nates  and  performing  an  order  of  magnitude  analysis  on  the  terms  in  the  Navier-Stokes  equations  in 
terms  of  the  inverse  square  root  of  the  Reynolds  number.  The  terms  up  to  second  order  are  then 
retained.  The  result  is  a  set  of  steady  state  equations.  The  solution  is  started  at  the  stagnation  point  and 
is  marched  downstream.  If  separation  occurs  the  computation  cannot  proceed  further.  The  shock  posi¬ 
tion  Is  obtained  as  a  result  of  the  solution  procedure.  It  is  not  clear  to  the  present  author  how  the  correct 
stagnation  point  location  can  be  obtained  in  general.  For  more  general  shapes,  in  particular  at  an  angle 
of  attack  the  stagnation  point  is  not  given  by  the  location  of  the  surface  tangential  which  Is  orthogonal  to 
the  free-stream  direction.  This  is  even  not  the  case  for  the  shock  tangential  because  it  is  well-known  that 
the  stagnation  streamline  does  not  necessarily  experience  the  largest  jump  In  entropy  owing  to  crossing 
the  shock  wave.  A  streamline  next  to  the  stagnation  streamline  may  encounter  the  shock  wave  in  an 
orthogonal  manner,  depending  on  the  shape  of  the  body  in  question  and  on  the  angle  of  incidence 
[145]. 

Another  solution  method  which  looks  similar  to  the  viscous  shock  layer  approach  is  the  concept  of 
"parabolized  Navier-Stokes*  (PNS)  which  is,  however,  quite  different,  because  the  boundary  layer 
assumptions  are  not  introduced  at  all.  In  order  to  reduce  the  Navier-Stokes  equations  to  a  set  of  "easily" 
solvable  steady-state  equations  the  viscous  terms  with  respect  to  a  chosen  direction  are  dropped,  and 
the  solution  can  be  obtained  by  marching  in  that  direction  until  inviscid  subsonic  or  reversed  flow  is 
encountered,  see  more  recent  textbooks  such  as  [159]  or  e  g  [30,62,68],  The  advantage  of  PNS-methods 
compared  with  full  Navier-Stokes  solutions  is  the  relatively  low  cost  to  run  the  codes  because  sequences 
of  two-dimensional  problems  have  to  be  solved.  In  this  sense  all  mentioned  viscous-flow  methods  (in  fact 
also  the  corresponding  inviscid  methods  not  mentioned  here  e  g  [90])  offer  the  opportunity  to  check  out 
the  physical  models  required  to  simulate  realistic  hypersonic  flows.  Note  that  PNS  methods  require  a 
starting  solution  near  the  stagnation  point  because  of  the  subsonic  flow  there.  The  initial  conditions  for 
the  marching  solution  must  not  contain  subsonic  inviscid  nor  reversed  flow. 


4.  SALIENT  INGREDIENTS  FOR  HYPERSONIC  FLOW  SIMULATIONS 

For  later  discussions  It  is  useful  to  have  a  common  basis  in  terms  of  a  set  of  equations  governing 
the  fluid  flow,  see  e  g.  [31,33,34,42,43.50,67,132,144  to  147,156],  It  was  mentioned  earlier  that  the  main 
interest  here  is  in  viscous  flows,  although  some  of  the  techniques  used  have  been  developed,  originally, 
for  Euler  equations  The  Navier-Stokes  equations  comprise  the  set  of  equations  due  to  conservation  of 
mass,  momentum  and  energy  for  viscous  flows.  Most  of  the  algorithms  are  based  on  the  conservation- 
law  form  This  choice  is  mainly  motivated  by  the  corresponding  ability  to  treat  flow  discontinuities  auto¬ 
matically  without  the  need  to  fit  them.  While  it  is  fairly  easy  to  fit  bow  shocks  by  using  them  as  a  boun¬ 
dary  of  the  computational  domain,  this  is  not  at  all  easy  for  embedded  shock  waves.  Conservation-law 
forms  for  differential  equations  are  discussed  in  [157,158]  The  more  fundamental  integral  formulation 
is  naturally  conservative.  The  difference  between  finite-difference  methods,  based  on  differential  forms, 
and  finite-volume  formulations  appear  to  result  mainly  In  different  formulations  of  the  metric  terms  in  the 
equations  in  the  case  of  non-Cartesian  grids,  or  in  the  manner  the  field  grid  is  being  used 

Realistic  hypersonic  flows  experience  a  large  increase  in  temperature  due  to  the  bow  shock  wave 
which  excites  internal  modes  of  the  molecules  of  the  air  and  may  cause  dissociation  and  even  ionization 
depending  on  the  magnitude  of  the  free-stream,  see  the  figures  1  and  5.  Therefore,  in  general,  the  above 
equations  have  to  be  complemented  with  a  set  of  equations  for  the  masses  of  the  single  species  includ¬ 
ing  terms  describing  the  creation  and  consumption  of  them.  The  sum  of  all  species  must,  of  course, 
result  In  the  total  mass.  This  fact  can  be  used  to  eliminate  one  equation  or  else  to  obtain  a  check  for  the 
accuracy  of  the  solution  procedure,  see  also  [111].  If  the  vibrational  modes  are  in  non -equilibrium,  i.e. 
if  one  distinguishes  between  translational  and  vibrational  temperatures  (note  that  the  rotational  temper¬ 
atures  are  usually  assumed  to  be  equal  to  the  translational  ones  because  of  the  short  relaxation  times 
in  comparison  with  vibration)  additional  equations  have  to  be  solved  for  the  vibrational  energies  of  the 
different  molecules,  see  e.g.  [36,96,97].  If  ionization  effects  must  be  considered,  these  equations  are 
further  complicated  due  to  the  presence  of  electrons  [36]. 

The  conservation  equations  are  not  complete  without  relations  for  the  thermal  equation  of  state,  for 
the  caloric  equation  of  state  as  well  as  for  the  vibrational  energies.  For  a  multi-component  mixture  such 
as  air  in  non -equilibrium  the  assumption  of  a  mixture  of  ideal  gases  is  generally  advocated  and 
accepted,  see  e.g.  [30,42,43].  Thus  the  relation  between  specific  heats  and  the  general  gas  constant 
holds  for  each  species.  And  the  problem  bolls  down  to  the  determination  of  e.g.  the  specific  heat  at 
constant  volume  for  pure  gases.  The  vibrational  contribution  is  the  result  of  statistical  and  quantum 
mechanics,  see  e.g.  [31,43]: 

which  hat  to  be  added  to  t  .5  to  obtain  the  value  tor  a  diatomic  species  (6,  Is  the  activation  energy  for 
the  vibrational  mode  of  the  species  In  question).  In  the  case  of  non-negliglble  Ionization  effects  another 
contribution  mutt  be  considered. 
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Note  that  in  the  case  of  equilibrium  flows  the  air  Is  quite  often  considered  as  a  single  species  where 
the  real  gas  effects  are  introduced  via  tabulated  Mollter-diagrams  or  approximations  thereof,  see  e.g. 
[69  to  73,91],  This  has  the  advantage  that  the  code  employed  lor  Ideal-gas  simulations  need  not  be 
changed  dramatically,  it  would  be  Interesting  to  know  whether  there  is  a  difference  in  such  flow  simu¬ 
lations  compared  with  those  relying  on  the  assumption  of  a  mixture  of  Ideal  gases  and  a  set  of  non  linear 
algebraic  equations  to  determine  the  composition,  see  e  g.  [137,160]  for  a  mixture  with  tlve  components 
(OtNtNO,  N,  O).  Three  linearly  Independent  reactions  result  e.g.  from  the  system  (11)  and  two  compo¬ 
nents  (the  atoms  N  and  O)  thus  yielding  five  equations  as  a  (unction  o(  e.g.  the  pressure  of  the  mixture 
and  the  three  equilibrium  constants. 

The  composition  of  dissociating  air  Is  generally  computed  based  on  the  five-components  model  of 
air  just  mentioned  [31,137,160],  Here,  a  reduced  set  of  the  reactions  is  taken  [137]: 


Nj  +  M  •» 

N  +  N  +  Af  , 

9.8  eV , 

02  +  M 

O  +  O  +  M, 

5.1  eV, 

NO  +  M  •=» 

•  N  +  0  +  M  , 

6.5  eV, 

0  +  Af2 

NO  +  N, 

3.3  eV , 

Af  +  02 

NO  +  0  , 

1.4  elf, 

where  the  energies  involved  (1  eV  =  23,4  Kcal/g  mol  »  97.85  J/kmol)  are  taken  from  [31],  The  different 
characteristic  times  of  the  reaction  rates  of  the  single  reactions  cause  the  system  ot  the  equations  to 
become  'stiff*.  This  virtually  precludes  the  use  of  explicit  methods  for  the  Integration  of  the  species 
equations  with  the  source  terms.  A  major  cause  of  uncertainty  Is  given  by  the  forward  and  backward 
reaction  rate  coefficients  which  must  be  determined  from  experiments.  The  forward  or  backward  rate 
coefficient  which  is  the  coefficient  in  the  corresponding  law  of  mass  action  [43,67,137],  is  usually 
approximated  with  the  improved  Arrhenius  formula  with  a  temperature  dependent  coefficient: 

k  =  A  T*  exp  (  —  EJRT) .  (12) 

A,  b  and  the  activation  energy  E,  are  the  constants  to  be  determined  experimentally  (or  each  reaction. 
In  particular  the  constant  A  may  vary  by  many  orders  of  magnitude  The  ratio  of  forward  to  backward 
reaction  rate  coefficient  Is  the  equilibrium  constant  which  can  be  expressed  in  terms  ot  the  temperature 
[67],  The  chemical  reactions  may  be  influenced  considerably  by  vibrational  excitation  such  that  the 
characteristic  times  are  changed,  and  the  difficulty  of  the  simulation  is  increased  [137], 

The  above  brief  remarks  show  the  importance  of  theoretical  and  experimental  research  with  respect 
to  the  determination  of  thermo-physical  and  chemical  properly  data  In  the  context  of  the  simulation  of 
high  temperature  hypersonic  air  flow.  This  importance  Is  further  emphasized  when  considering  the 
boundary  conditions  at  solid  surfaces.  Molecules  are  adsorbed  on  or  by  surfaces  and  may  react  yielding 
products  which  leave  the  surface.  Such  heterogeneous  reaction  rates  may  be  much  larger  than  homo¬ 
geneous  rates  [43],  With  respect  to  the  rate  coefficients  and  the  corresponding  activation  energies  one 
has  to  rely  on  experimental  work  [43],  This  is  a  handicap  since  the  species  conservation  equations 
require  boundary  conditions  at  the  wall,  namely  the  surface  kinetics.  Therefore  often  the  surface  is  sim¬ 
ply  considered  either  fully  catalytic  or  non-catalytlc,  l.e.  the  limiting  states. 

Some  other  boundary  conditions  which  are  needed  in  flow  with  sufficiently  low  density  are  also 
dependent  on  experimental  research:  If  the  Knudsen  number  is  sufficiently  high  slip  flow  is  present  near 
surfaces,  and  a  jump  In  temperature  occurs  which  can  be  formulated  as  a  function  of  accommodation 
coefficients  for  the  transfer  of  momentum  and  energy  of  the  molecules  encountering  the  surface. 

Last  not  least,  the  formulation  of  transport  coefficients  needed  to  simulate  reacting  ideal  gas  mix¬ 
tures  are  not  entirely  understood  and  need  further  work,  in  particular  In  view  of  the  application  to  higher 
temperatures.  The  transport  coefficients  with  respect  to  mass,  momentum  and  energy  transfer  can  be 
determined  as  a  function  of  Inter  molecular  force  potentials  based  on  gaskinetlc  theory,  see  e.g. 
[42,43,151],  In  multicomponent  mixtures  with  thermodiffusion  due  to  the  large  temperature  gradients 
within  the  boundary  layer,  approximations  are  quite  useful  Involving  binary  diffusion  coefficients  in 
multicomponent  formulae,  see  also  the  paper  by  Aupolx  In  the  present  proceedings. 

Owing  to  the  fact  that  other  papers  In  these  proceedings  deal  In  more  detail  with  the  afore-men¬ 
tioned  topics  they  were  lust  mentioned,  and  they  will  be  discussed  in  the  presentation  ot  numerical 
approaches  whenever  suitable.  Note  also  that  the  problem  of  transition  and  turbulence  modelling  has 
not  bean  addressed  for  the  same  reason  although  those  play  an  Important  role  In  the  aerothermal  load 
predictions. 


5.  SELECTED  COMPUTATIONAL  PLOW  SIMULATION  TECHNIQUES 

tnvtfcld  flow,  boundary  layer,  viscous  shock  layer  and  PNS  methods  are  treated  elsewhere  in  the 
present  proceedings.  It  is  only  noted,  in  passing,  that  3-D  Invtsdd  flow  (Euler)  simulations  have  been 
carried  out,  Including  full  chemistry,  In  the  early  seventies,  e.g.  at  NASA,  Ames.  The  main  interest 
focusses  on  time-dependent  NaiHer-Stokes  solutions  here,  although  the  listed  references  cite  a  large 
body  of  work  and  reports  covering  all  types  of  applications,  carried  out  only  recently. 
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Let  us  summarize  the  features  of  a  simulation  code  required  to  ultimately  simulate  the  hypersonic 
flow  past  a  vehicle  such  as  HERMES  or  HOTOL.  Since  the  computational  methods  by  themselves  cannot 
produce  the  needed  better  physical  modelling  as  was  Indicated  earlier,  It  is  assumed  that  neither  that  Is 
a  problem  nor  the  generation  of  a  suitable  surface-fitted  grid  system.  Such  a  code  needs  to  be  robust 
and  accurate  at  the  same  time  as  is  the  wish  for  any  code.  From  the  preceding  two  paragraphs  It  It  dear 
that  the  code  must  be  able  to  treat  or  resolve  the  following  features:  extremely  strong  change  of  flow 
variables  across  the  bow  shock  wave,  excitation  and  relaxation  of  Internal  degrees  of  freedom  of  the 
molecules,  dissociation  of  molecules  and  recombination  of  atoms,  gas-surface  Interactions  with  possible 
heat  sources  due  to  recombination  near  the  wall,  slip  at  the  surface  and  a  corresponding  jump  In  tem¬ 
perature,  coping  with  the  stiffness  of  the  solution  of  the  equations  owing  to  the  multiple  time  scales 
because  of  the  different  reactions,  and  finally  resolving  properly  the  flow  phenomena  occurlng  within  the 
flow  field  such  as  e  g.  shock-on-shock,  shock-boundary  layer,  shock-vortex  or  vortex-boundary  layer 
interactions.  Also,  steep  gradients  need  to  be  resolved  near  curved  boundaries  not  only  with  respect  to 
velocity  but  also  with  respect  to  density  and  temperature  This  is  different  from  the  requirements  in  the 
usual  transonic  flow  regime  where,  already,  the  solution  of  the  energy  equation  seemed  to  converge 
worst.  The  simulation  of  hypersonic  flows  past  vehicles  such  as  SANGER  or  NASP  for  design  purpose 
would  require,  in  addition,  the  combustion  problem  imbedded  In  the  air  flow. 

The  state-of-the-art  is  viewed  by  the  author  to  be  transitional  going  from  purely  engineering  meth¬ 
ods  (see  e.g.  [2]  and  consecutive  papers)  to  more  advanced  techniques.  While  the  engineering  methods 
need  more  'overall  calibration*  by  means  of  wind  tunnel  testing,  the  newer  methods  seem  to  require 
more  subtle,  realistic  and  detailed  Investigations,  including  the  development  of  transport  and  reaction 
models,  and,  of  course,  transition  recognition  criteria  and  turbulence  modelling.  As  could  be  expected 
most  of  the  available  methods  consider  first  high-speed,  so-called  "cold*  hypersonic  flows  before  a  more 
realistic  and  more  costly  approach  Is  carried  out. 

Note  that  no  attempt  was  made  to  use  a  single  notation  for  all  discussions  which  follow  due  to  the 
Involved  complications.  For  details  of  the  numerical  schemes  the  reader  is  referred  to  the  literature,  in 
particular  In  the  case  of  reel  gases  where  the  equations  and  transport  processes  become  rather  compli¬ 
cated 


5  1  High-Speed  Hypersonic  Flows 

High-speed  hypersonic  flows  are  generally  encountered  In  wind  tunnel  environments  whenever  the 
temperature  In  the  stagnation  chamber  Is  sufficiently  low.  Thus  these  flows  can,  in  principle,  be 
employed  to  check  out  the  codes  for  accuracy  of  heat  transfer  and  skin  friction  prediction  for  non-react- 
Ing  fluids.  Two  examples  are  given  below,  which  are  both  based  on  a  thin-layer  formulation  of  the  vis¬ 
cous  terms,  and  on  the  unsteady  form  of  the  equations  to  arrive  at  a  steady  state  if  there  exists  one. 
Experience  shows  that  the  thin-layer  approximation  Is  a  very  reasonable  approximation  in  view  of  the 
presently  used  grids.  The  first  method  Is  using  local  time  stepping  to  accelerate  the  rate  of  convergence, 
while  the  second  approach  employs  a  constant  time  step  In  order  to  be  able  to  detect  unsteady  behavior. 

The  Navler-Stokes  equations  for  laminar,  thermally  and  calorically  perfect  gas  and  for  general  sur¬ 
face-fitted  coordinates  (using  the  free-stream  quantities  p„  .  u„  ,  ,  k„  and  L  as  reference  quantities, 

where  the  viscosity  coefficient  is  obtained  from  Sutherland's  law  and  where  the  heat  conduction  coeffi¬ 
cient  Is  computed  with  a  constant  Prandtl  number)  can  be  written  as  follows: 

A  A  A  A  _ ■  A 

<3,  +  £{  +  Ft  +  G?  -  Re  S{  (13) 


where  solution  and  the  flux  vectors  are 


P 

pu 

A  _  4 

pu 

A  _ , 

puU  +  {f 

Q  -J  ' 

pv 

6  -  «/ 

pvu  +  if 
pwU  +  if 

pw 

e 

U(e  +  p)-  if 

pV 

pW 

A  _ , 

puV  +  r\f 

A  _  i 

puW  +  if 

F  -  J  1 

pvV  +  r,f 
pwV  +  i\JP 

G  =  J 

pv  W  +  if 
pwW  +  if 

Vfe  +  p)  -  r\f 

W(e  +  p)  -  if 

with  the  contravarlant  velocity  components 


U  -  +  i/j  +  iyv  +  {,w 

V  “  lf|  +  w  +  nf  +  fl,w  (15) 

W  -  i,  +  l<u  +  if  +  O 


with  the  stress  flux  vector 
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A 


s 


0 

*"n,uc  +  0'/3)m2{, 

J'1  /"n,v{  + 

nm,w(  +  0'/3)mj{, 

/im,m3  +  (/i/3)mj(C,u  +  (yv  +  (,w) 


(16) 


where  the  following  abbreviations  are  used: 

m,=Cl  +  C2y  +  £ 

m2  »  C,«(  +  Cyv{  +  C,wf  (17) 

m3  »  (u2  +  v2  +  w2V2  +  Pr~’(y  -  iT'fa2^ 

The  equation  of  state  is  used  in  the  caloric  equation  of  state  to  obtain  the  pressure: 

p=(y-  1)(9-ip«/2  +  V2  +  W2)  (18) 

The  metric  terms  are  as  usual  and  are  given  e  g.  In  [163,  166]. 

Implicit  lip-wind  High  Resolution  Scheme  of  Hfinel  and  Schwane  [161  to  163] 

The  numerical  solution  Is  Implicit  and  based  on  an  upwind  formulation  of  the  convective  terms  and 
a  central  differencing  of  the  viscous  terms.  This  Is  the  usual  approach  for  upwind  Navler-Stokes  sol¬ 
utions.  The  inversion  of  the  implicit  coefficient  matrix  is  achieved  by  means  of  a  relaxation  procedure. 


In  order  to  apply  upwind  discretization  to  the  hyperbolic  part  of  equation  (13)  the  flux  vectors  f,  F 

and  G  are  split  into  forward-  and  backward  flux  vectors  f ±,  F*  and  G*.  The  splitting  proposed  by  van 
Leer  is  preferred  to  that  one  of  Steger/Warmlng  because  the  split  fluxes  do  not  exhibit  discontinuities 
when  an  eigenvalue  vanishes,  and  because  previous  experiences  have  shown  a  very  robust  and  effective 
behavior.  For  high  Mach  number  flows,  however,  the  non-preservation  of  total  enthalpy  of  the  original 
splitting  concept  leads  to  unphyslcal  results  tor  the  wall  temperature,  see  [161]  and  figure  7.  Therefore 

\  modified  splitting  concept  Is  used  [161,163]  resulting  In  the  following  general  flux  P*  (for  | 
W/c|Vcu||  <  1): 


|Vtu|P± 

Pj t[u|V<u|  -  W 


y|Vco| 
a  oi 
y|Vcu| 


±-T-<l 


A  i  A  IU  u 

PfrWV m\  -  W^r±-f-<Uy] 


Ax  A  Q)y  Or 

PHwWco\-W^±f<oJ 

IVwlP,*  .  H 


(19) 


with 


w  =»  uwx  +  vo)y  +  wa>2 , 


H-±(e  +  p). 

Substituting  at  =  {  one  recovers  E1  =  P1  with  U  =  W,  etc.  Thus  the  Navler-Stokes  equations  read 

A  A 

0,  +  Peso  “  0 


(21) 
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with 


A  _  A.  A  _ 

+  £{  +  Fy  +  Fy 


+  Gr  -  /?0 


(22) 


An  Implicit  finite  difference  method  Is  used  with  a  spatially  conservative  approximation  with  the  cell 
boundaries  T  determined  by  averaging  over  the  neighboring  grid  points.  A  first  order  accurate  Implicit 
backward  Euler  scheme  Is  employed  tor  the  time  linearization  such  that  equation  (21)  becomes 


[4,  +  }((A*+A  )  + 6,(B*  +  B~)  + SC{C*  +  C~  -  Re^'D)]"  \Q"  =  -  ResQ"  ,  (23) 


where  the  superscript  n  denotes  the  time  level,  A±,  S*.  C±  and  D  are  the  Jacoblans  of  the  fluxes  l.e. 
A*  =  dE*ldQ,&,  indicates  the  Inverse  of  the  time  Increment  f"'1  -  f",  and  A Q"  Is  the  usual  forward  dif¬ 
ference  A Q"  =  Q”*1  -  0". 

For  the  Euler  fluxes  the  van  Leer  MUSCL-type  differencing  Is  used  (Monotonic  Upstream  Centered 
Schemes  for  Conservation  Laws): 

E/± i/z  =  E*  M/±i n-  r*,*).  (24) 

where  the  variable  at  the  Interface  I~  Is  determined  according  to 

Qi+t/j  —  Q i  +  SQj ,  0/+ 1/2  =  Q/+ 1  -  4Q/+t  (25) 

Second-order  accuracy  is  obtained  by  assuming  a  piecewise  linear  distribution  of  the  variable  0: 


(26) 


In  order  to  avoid  over-  or  undershoots  near  points  of  extrema  or  discontinuities  the  term  40,  is  limited 
by  means  of  a  switching  function  <p,  which  is  zero  near  discontinuities  and  one  in  regions  with  smooth 
solutions.  The  arrows  in  equation  (26)  Indicate  forward  or  backward  differencing  and  the  corresponding 
differences  between  mesh  points  across  the  surface  in  question.  The  left-hand  Implicit  side  uses  a  first- 
order  approximation  of  the  fluxes  (40,  =  0, 40,. ,  =  0  in  (25))  in  the  case  of  steady  state  solutions  to 
reduce  the  computational  effort,  see  also  [164],  The  relaxation  scheme  is  based  on  a  collective  point  or 
collective  line  GauB-Seidel  relaxation  scheme  in  alternating  directions.  The  time  step  is  increasing  with 

decreasing  maximum  Residual  ResQ"  to  accelerate  further  convergence. 

Flux-spilt  schemes  exhibit  Inherent  numerical  diffusion  due  to  the  upwlnding  of  the  discretization. 
Note  that  it  seems  that  this  numerical  diffusion  is  not  sufficient  (combined  with  the  flux  limiter)  to  sup¬ 
press  oscillations  near  the  bow  shock  wave  beyond  certain  hypersonic  free-stream  Mach  numbers  If  the 
shock  is  captured  (private  communications:  D.  HSnel,  Aerodynamisches  Institut.  Aachen  and  M.Schmatz, 
MBB,  Munchen).  The  consequence  is  perhaps  to  apply  an  adaptive  grid  or  else  to  fit  the  bow  shock  wave 
the  shape  of  which  evolves  with  the  solution.  Initially  the  position  and  shape  of  the  shock  wave  must  be 
guessed.  A  particular  procedure  had  to  be  Introduced  to  treat  the  shock  wave  differently:  a  regularly 
trfangulized  mesh  on  the  shock  surface  was  used  to  obtain  a  solution  [162,163].  Note  that  HSnel  and 
Schwane  point  at  a  weakness  of  the  use  of  limiters  which  react  to  large  gradients  by  introducing  addi- 


Flg.  7:  Wall  temperature  distribution  related  to  the  inflow  stagnation  temperature  as  a  (unction  of  the  arc  length 
in  the  mid-plane  of  a  hemisphere-cylinder  body  predicted  with  the  original  and  the  Improved  van  Leer 
splitting  [161,  163]. 
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Fig.  8:  Simulation  of  the  flow  past  a  double  ellipsoid  at  M  =  8.15.  Rb  -  2  ■  10*.  ct  =  25°  (cold  hypersonic  flow 
[165]),  [163], 


tlonal  numerical  diffusion  (making  the  upwinding  tend  to  first-order  accuracy).  This  has  been  found  by 
studying  flat  plate  flows  [161],  and  may  result  In  errors  In  particular  far  hypersonic  flows  with  anticipated 
large  gradients  of  temperature  and  concentration.  Thus  further  investigations  are  needed  in  that  direc¬ 
tion  for  any  flux-spilt  scheme.  Figure  8  shows  a  sample  result  for  the  flow  past  a  double  ellipsoid  at  large 
angle  of  attack  for  cold  hypersonic  flow  conditions. 

Explicit-Implicit  Central  Finite-Difference  Solution  bv  Riedelbauch  and  MOIIer  [32,166,167] 

The  used  set  of  governing  equations  Is  practically  identical  with  that  one  in  the  preceding  para¬ 
graph.  This  holds  also  for  the  formulation  of  the  transport  coefficients.  Shock  fitting  Is  also  applied,  see 
the  sketch  in  figure  9.  No  special  treatment  of  the  shock  surface  Is,  however,  employed.  Instead  the 
pressure  behind  the  shock  is  calculated  based  on  the  energy  equation  In  non-conservative  form  as  is 
usually  done.  Then  the  shock  velocity  and  the  remaining  flow  variables  behind  the  bow  shock  are  eval¬ 
uated  from  the  Ranklne-Hygonlot  relations.  With  the  shock  velocity  known  the  shock  surface  Is  moved 
along  the  coordinate  lines  Intersecting  that  surface,  and  a  re-meshing  is  performed.  This  procedure 
leads  to  oscillations  In  the  shock  shape  If  a  strong  shock-on-shock  Interaction  occurs  as  is  the  cdse  for 
the  embedded  shock  In  a  M  -  8.15  flow  past  a  double-ellipsoid  at  zero  angle  of  attack  [165],  where  the 
Interaction  is  strongest.  There  Is  work  In  progress  to  Investigate  whether  an  implicit  treatment  of  the 
shock  boundary  conditions  ameliorates  these  conditions  considerably. 

The  numerical  scheme  Is  first-order  accurate  with  respect  to  time  and  second-order  accurate  in 
space  due  to  central  differencing.  The  temporal  scheme  is  actually  hybrid  because  only  the  wall-normal 
differentials  are  discretized  In  an  implicit  fashion  while  the  surface-tangential  ones  are  determined 
explicitly: 

<$r'  +  G( +1  -  Re-'sf  -  -  <E{  +  F/  .  (27) 

The  advantage  of  reducing  the  computational  effort  In  Inverting  the  implicit  terms  and  of  reducing  the 
storage  requirements  Is  at  the  expense  of  a  CFL-dependency  due  to  the  explicit  differencing  in  the  sur¬ 
face-tangential  directions.  Note  that  a  checker-board  type  relaxation  scheme  with  alternating  directions 
Is  used  to  efficiently  solve  the  linearized  and  discretized  equations  (27)  on  vector  computers.  The  sol¬ 
ution  Is  Implicit  In  the  direction  of  the  coordinates  between  body  and  shock  wave  since  in  that  direction 
the  largest  time  step  restriction  Is  expected  due  to  the  fine  m«sh  near  the  surface.  It  turns  out,  however, 
that  In  particular  the  fine  surface-tangential  grids  near  the  nose  of  practical  spacecrafts  with  small  radius 
of  curvature  result  In  too  small  time  steps  such  that  an  overall  Implicit  treatment  of  equation  (27)  seems 
to  become  advantageous.  Note  that  this  problem  does  not  arise  usually  tor  simple  body  shapes  such  as 
blunted  cones. 

8ince  central  differencing  Is  being  used  explicitly  added  numerical  diffusion  is  required  to  damp 
high-frequency  oscillations  and  those  near  captured  discontinuities.  While  previously  only  fourth-order 
damping  was  employed  [166]  with  the  coefficient  on  the  explicit  side  being  proportional  to  the  time  step, 
the  simulation  of  the  flow  past  the  double  ellipsoid  Is  much  Improved  by  Introducing  second-order  dif¬ 
fusion  with  a  flow-dependent  coefficient  (the  normalized  second  difference  of  pressure  known  to  be  used 
MacCormack  and  Jameson)  [167], 

The  coordinate  system  used  Is  singular  near  the  nose,  see  fig.  9,  and  the  conservative  variables 
are  determined  there  by  averaged  two-point  extrapolations  [166]: 

Jmm 

<hl  m  JmtM  X  +  *7^  ’ 

/-I 


(28) 
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Flfl-  9:  Sketch  of  the  computational  and  physical  domains. 


Flg.10:  Influence  of  the  coefficients  In  the  averaging  formula  for  the  flow  variables  at  the  singular  point  (nose) 
on  the  wall  temperature.  Hemisphere-Cylinder,  adiabatic,  U  «  2.94,  a  «  0”,  Re_  »  -  2.2 . 10». 

where  y  Is  the  azimuthal  direction  with  yw  being  the  maximum  number  of  points  In  that  direction.  The 
difference  of  the  stagnation  temperatures  Is  surprisingly  large,  see  figure  10,  influencing  also  the  down¬ 
stream  distribution  somewhat,  while  the  pressure  distribution  is  virtually  unaffected.  This  feature  needs 
to  be  kept  In  mind  when  tackling  the  simulation  of  reading  hypersonic  flows. 

After  the  validation  of  the  code  by  comparison  with  experimental  heat  transfer  and  pressure  data 
for  a  blunted  cone  and  sphere  [166],  it  Is  applied  to  a  more  complicated  flow  case,  namely  the  flow  past 
an  ellipsoid  and  a  double  ellipsoid  [165],  Figure  11  shows  results  for  the  simulation  of  the  flow  past  a 
single  ellipsoid  [167],  The  robustness  of  the  scheme  Is  Intended  to  be  Improved  by  implementing  the 
TVO  concept  advocated  e.g.  In  [52,81,66]  which  shows  promlsslng  results  also  tor  reading  air  flow,  see 
e.g.  [63],  As  a  first  step  towards  the  consideration  of  real-gas  effeds  the  air  flow  will  be  treated  as  one 
species  In  chemical  equilibrium  such  that  the  change  of  the  code  Is  minimum  If  the  approach  of  [69  to 
72]  Is  employed. 

While  computing  the  flow  past  the  single  or  double  ellipsoid  the  flow  at  the  downstream  exit  plane, 
where  extrapolation  boundary  conditions  are  used  In  the  entire  cross  sedlon,  reversed  at  a  certain  angle 
of  attack.  This  problem  was  overcome  by  simply  extending  the  body  further  downstream  since  there  are 
no  downstream  boundary  conditions  available  (although  the  length  of  the  experimentally  Investigated 
body  Is  smaller).  In  test  cases  as  such  there  may  thus  arise  the  need  to  consider  the  base  flow  as  well. 
Note  that  the  scheme  Is  used  with  constant  time  step  In  the  computational  domain  such  that  unsteady 
flow  behavior  can  In  fad  be  called  unsteady. 
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Fig.11:  Skin  friction  lines  on  an  ellipsoid  (top),  Mach  number  contours  (left;  +  +  +  :  sonic  line)  and  velocity 

vectors  at  x/L  w  1.3  (L  “  large  half  axis).  6.15.  ReM  L  =  960000.  a  =  25°,  Tw  -  296 K.  Tt„  “  600ft. 

mesh:  65x63x41. 


5.2  Real-Gas  Equilibrium  Flow  Simulations 

As  a  first  step  towards  .the  consideration  of  real  gas  effects  the  assumption  of  thermal  and  chemical 
equlibrtum  is  usually  made  to  consider  one  limiting  case.  In  addition,  to  facilitate  the  computational  effort 
the  air  is  not  considered  a  mixture  of  species  (see  e.g.  [31,137])  but  one  species.  The  caloric  relations 
and  the  transport  coefficients  are  then  determlnded  by  looking  at  tables  or  by  using  curve-fits,  see  e.g. 
[69-72].  From  the  titles  In  the  list  of  references  it  is  evident  that  there  exist  quite  a  few  approaches  for 
equilibrium  air  computations.  Here,  the  attention  is  focussed  on  flux-difference  or  flux-spilt  and  TVD 
(Total  Variation  Diminishing)  approaches  which  became  quite  popular  recently  because  they  allow  for  the 
use  of  relaxation  schemes  but  have  generally  been  used  for  transonic  or  supersonic  tree-stream  condi¬ 
tions  employing  directly  the  Ideal  gas  law  for  the  formulation  of  the  schemes,  in  [60]  different  numerical 
flux  formulations  for  the  convection  terms  In  the  ideal-gas  Euler  and  Navter-Stokes  equations  are  ana¬ 
lyzed  with  respect  to  their  accuracy  In  representing  steady  waves. 

The  most  commonly  used  upwind  formulations  of  the  Invlsdd  terms  In  the  numerical  solution  of 
conservation  laws  are  based  on  either  flux-vector  splittings  of  Steger-Warmlng  or  van  Leer,  or  on  the 
Roe  approximate  Rlemann  solver.  These  formulations  all  utilize  properties  of  the  Flux  Jacobian  matrix 
and  Involve  the  use'of  the  law  for  thermally  perfect  gases,  where  the  speed  of  sound  is  given  as 


For  an  equilibrium  gas  with  the  volume  averaged  enthalpy  h  =  (i  +  pyp,  with  i  being  the  Internal 
energy  per  unit  volume  and  p  ■  p(p  ,  I),  es  Is  however  given  by: 

Generalizations  for  such  flows  treating  air  as  one  species  are  reported  e.g.  in  [77,78],  and  results  for  1-D 
shock-tube  problems  are  compared  with  each  other  and  with  other  formulations  In  [81],  The  eigenvalues 

and  eigenvectors  of  the  Jacobian  matrices  A,  B  (e.g.  In  2-D)  are  usedjn  approximate  Rlemann  solvers. 
Given  two  states  whose  difference  Is  AU,  Roe  obtains  an  averags  A  in  e.g.  the  (-direction  satisfying 

A F  «  AMI  for  a  perfect  gas.  The  generalization  In  [78]  involves  the  pressure  derivatives  %  and  k,  see 
equation  (30).  Introducing  H  "  h  +  (u*  +  v')/2,  the  same  expressions  for  u,  v  and  ff  as  for  the  perfect 
gas  are  found  with  x  and  k  satisfying 

X  Ap  +  E  A  6  ■  Ap . 


(31) 
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The  values  for  %  and  k  do  not  seam  to  be  always  uniquely  defined  [81]  such  that  a  reasonable  choice 
must  be  made. 

The  formation  of  Roe's  Rlemann  solver  requires  the  use  of  the  derivatives  of  the  pressure,  see 
equation  (30),  while  the  others  just  need  the  speed  of  sound.  Thus  the  quality  of  the  curveflts  of  the 
thermodynamic  data  may  become  important  [69  to  72]  as  Is  noted  In  [81],  This  situation  may  become 
worse  In  viscous-flow  simulations  If  second  derivatives  are  needed,  and  the  approximations  exhibit 
kinks.  The  Steger-Warming  flux-vector  splitting,  which  Is  more  diffusive  than  the  other  solvers  (also 
shown  by  larger  robustness  In  Ideal  gas  simulations),  Is  reported  to  be  less  sensitive  to  a  lack  of  regu¬ 
larity  In  the  curve  fits. 

Flux-vector  splitting  methods  divide  the  flux  F  Into  several  parts  each  of  which  has  a  Jacobian 
matrix  whose  eigenvalues  are  all  of  one  sign.  The  approach  of  Steger  and  Warming  made  use  of  the 
relation  F  -  A  U  valid  for  thermally  perfect  gases.  Van  Leer  contructed  a  different  splitting  in  which  the 
eigenvalues  of  the  split-flux  Jacobians  are  continuous  and  one  of  them  vanishes  resulting  In  a  crisper 
simulation  of  captured  shocks.  In  [77]  the  expressions  of  both  of  these  splittings  can  be  generalized  to 
an  arbitrary  gas  by  using  the  variable  y  -  pcVp,  and  adding  to  the  split  energy  flux  a  term  equal  to  the 
product  of  the  split  mass  (lux  and  the  quantity  e  -  c’/[<5(y  -  !)]"  ’  with  e  -  e  Ip. 

The  recent  activities  In  using  TVD  methods  associated  with  H.  Yee  Is  e.g.  described  In  the  papers 
[52,61,66,82]  regarding  Ideal  as  well  as  equilibrium  gas  simulations.  The  applications  include  2-D  steady 
and  unsteady  viscous  flow  simulations  for  which  a  temporally  second-order  Implicit  algorithm  Is  reported 
to  be  slightly  more  stable  than  the  temporally  first-order  Implicit  algorithm.  A  variety  of  TVD  schemes  for 
equations  of  the  type  given  earlier  In  thin-layer  approximation  has  been  Investigated  [82],  where  the 
spatial  accuracy  depends  on  the  form  of  the  numerical  flux  functions.  There  exists  many  ways  to  achieve 
higher  order  spatial  accuracy  and  at  the  same  time  have  TVD-type  properties,  see  for  more  details 
[82],  For  general  fluids  Yee  concentrates  the  forthcoming  efforts  on  the  so-called  non-MUSCL  approach 
in  the  formulation  for  the  flux-vector,  e.g.  resulting  In: 

f!*\*  “  t[("7’)/+1/2  <F/-‘  +  F‘*'k)  +  +  (G/‘  +  S'+u)  + 

where  the  last  term  Is  some  numerical  diffusion  providing  the  TVD  properties  for  the  scheme.  The 
MUSCL  approach  would  replace  the  average  of  the  fluxes  at )  + 1/2  by  the  sum  of  the  fluxes  from  right 
and  left  hand  side  Information  at  1  +  1/2. 

For  hypersonic  flow  simulations  enhancements  of  stability  and  convergence  rates  are  necessary  In 
comparison  with  transonic  and  supersonic  flow  simulations,  see  [82]  for  details.  Figures  12  and  13  show 


Flg.12:  Mach  contours  (a),  density  contours  (b),  pressure  contours  (c)  and  k  (d)  computed  with  an  Implicit  TVD 
scheme  (0  ■*  1,o>  ”  0)  for  an  equilibrium  real  gas  at  M_  *■  25  [82].  (p„  *  1220 Wm*.  p„  “  0.0188Ag/m’, 
T»-  226K). 
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Fig. 15:  Results  for  the  ideal-gas  flow  simulation  for  the  X24C  body  [65].  Left:  body  surface,  right:  Pitot  pressure 

survey  in  front  of  the  fins,  o  Experiment  by  Carver.  =  5.95,  a  =  6°,  Re  —  16.4  •  10*/m. 


Fig. 16:  Results  for  the  non-equllilbrlum  Mow  past  a  sphere-cone  [96],  Mesh  (left),  contours  of  translational 

temperature  (top)  and  of  vibrational  temperature  of  N,  (bottom).  M_  =  25.9,  Re  =  6260,  H  =  7 Um. 


Considering  the  solution  of  the  combined  fluid  mechanical  and  chemical  problem  it  is  not  clear  whether 
It  is  more  suitable  to  solve  the  set  of  coupled  equations,  or  to  solve  the  fluid  dynamical  equations  and 
the  remaining  equations,  separately.  The  intuition  favors  the  coupled  solution  which  should  Improve  the 
convergence,  see  also  [83].  The  typical  equations  for  the  conservation  of  species  including  the  form  of 
the  stiff  source  terms,  and  the  equations  for  the  vibrational  energies  can  be  found  elsewhere  in  the  pro¬ 
ceedings.  This  holds  also  for  the  formulation  of  the  multicomponent  t.ansport  coefficients,  see  also 
[168].  It  Is  noted  that  according  to  [42,  43]  It  Is  possible  to  extend  the  range  of  validity  of  the  transport 
coefficients  by  determining  the  collision  integrals  and  other  statistical  quantities  new  with  more  accurate 
methods. 

In  [83]  and  [117]  a  seml-implicit  shock-capturing  algorithm  for  the  fully  coupled  governing 
equations  In  generalized  coordinates  Is  proposed  which  can  be  viewed  as  the  explicit  predictor-corrector 
MacCormack  scheme  with  a  more  appropriate  numerical  dissipation  for  the  computation  of  strong  shock 
waves  and  an  Implicit  source  term  treatment  for  stability.  In  the  formulation  of  the  problem  the  global 
mass  conservation  equation  is  replaced  by  all  species  contlnuty  equations.  The  shock-capturing  tech¬ 
nique  Is  a  second-order  accurate,  total  variation  demlnlshlng  (TVD)  method  which  considers  fully  and 
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directly  the  coupling  of  the  fluid  end  the  species  equetlons.  Note  that  the  diffusion  terms  are  central  dif¬ 
ferenced  without  Influence  from  the  TVO  terms,  as  Is  usual.  For  a  detailed  description  see  [117],  where 
e  more  efficient  procedure  than  anticipated  Is  given  as  well.  This  method  Is  applied  to  e  five  species 
oxidation  of  H ,  In  a  scramjet  related  test  case,  see  figure  14.  In  this  figure  the  Improved  shock  capturing 
capabilities  are  clearly  seen.  It  remains  to  be  shown  how  the  procedure  works  for  high  hypersonic 
speeds  with  stronger  shocks.  A  word  of  ceution  Is  expressed  In  [86]  where  this  method  is  said  to  prod¬ 
uce  Incorrect  numerical  propagation  speeds  of  discontinuities  for  a  model  problem.  This  is  shown  to  be 
associated  with  Insufficient  local  mesh  resolution  of  the  discontinuity  for  the  evaluation  of  the  TVD-pro- 
ducing  numerical  diffusion  terms.  One  alternative  Is  to  use  mesh  adaptation,  the  other  Is  to  reformulate 
the  diffusion  terms. 

Candler  and  MacCormack  [65]  have  developed  an  Implicit  numerical  method  to  Integrate  the 
three-dimensional  time-dependent  Navfer-Stokes  equations  using  flux-splitting  and  shock  fitting.  The 
flux-splitting  Is  due  to  Steger-Warmlng,  and  Is  used  In  a  second-order  formulation  In  all  spatial 
directions.  Although  the  origin  is  referred  to  the  reference  [189]  where  a  corresponding  predictor-cor¬ 
rector  version  is  described,  this  property  Is  not  obvious  from  reading  [65].  Shock-fitting  Is  employed  to 
prevent  oscillations  near  the  strong  bow  shock  and  to  capture  the  very  strong  gradients  In  the  flow  var¬ 
iables  near  the  bow  shock  wave.  A  compatibility  equation  Is  used  for  the  outward  running  characteristic 
to  obtain  a  relation  for  the  pressure  behind  the  shock.  The  method  Is  fully  Implicit  using  GauB-Seidel  line 
relaxation  to  Invert  the  Implicit  coefficient  matrix.  Note  that  explicitly  added  numerical  diffusion  Is  not 
needed  due  to  the  flux-splitting.  The  method  has  been  applied  to  the  hypersonic  Ideal-gas  flow  past  the 
X24C  body  [65],  see  figure  15. 

This  method  has  been  extended  In  two  dimensions  to  simulate  hypersonic  ionized  flows  In  chemical 
and  thermal  non-equilibrium.  The  chemical  and  thermal  source  terms  are  treated  In  an  implicit  fashion 
so  that  the  stiff  chemical  source  terms  do  not  degrade  convergence  to  steady  state.  Note  that  the  bow 
shock  wave  is  captured  with  the  help  of  the  diffusive  Steger-Warmlng  flux-splitting,  and  not  fitted.  For  the 
following  application  this  Is  probably  not  Important  because  the  show  wave  is  anyway  aligned  with  the 
surface-fitted  grid.  2-D  results  have  been  obtained  for  a  five-species  composition  of  air  (N,0,NO,  O,  N) 
and  three  vibrational  temperatures.  Further  results  are  obtained  with  NO  Ionized  thus  increasing  the 
number  of  species  by  two  and  the  temperatures  by  two  as  well  (NO*,  e~).  The  set  of  equations  used  has 
been  taken  and  modelled  following  [36],  Figure  16  shows  the  obtained  results  In  term  of  contours  of 
temperatures. 

An  Interesting  approach  Is  pursued  In  [100]  where  the  flow  field  In  chemical  non-equilibrium  Is 
computed  by  first  obtaining  solutions  for  approximate  (non-stiff)  chemical  source  terms. 


6.  CONCLUDING  REMARKS 

This  paper  points  out  the  difficulties  encountered  by  computational  fluid  dynamics  for  the  numerical 
simulation  of  hypersonic  flows  In  comparison  with  the  classical  Ideal-gas  simulations  e.g.  tor  transonic 
tree-stream.  Thereby  the  main  interest  is  focussed  on  the  numerical  integration  of  the  time-dependent 
Navfer-Stokes  equations  although  the  Involved  numerical  techniques  for  the  corresponding  convective 
terms  have,  originally,  been  developed  for  Invlscid  flow  simulations.  Such  solutions  are  expected  to  help 
to  minimize  the  efforts  of  the  designer  of  future  spacecrafts  There  seems  to  be  still  a  long  way  to  go. 
Several  reasons  are  responsible  for  this  regardless  of  the  ever  growing  computer  capabilities.  There  are, 
in  particular,  the  uncertainties  with  regard  to  the  thermo-physical  modelling  of  air  including  the  avail¬ 
ability  of  appropriate  transport  and  surface  property  and  chemical  kinetics  data  for  the  range  of  Interest, 
e.g.  for  reentry  vehicles.  Also  a  lack  of  transition  and  turbulence  modelling  has  to  be  noted  In  this  con¬ 
text.  The  capabilities  of  numerical  methods  to  simulate  high-speed  Ideal-gas  flows  in  three  dimensions 
shows  that  there  Is  a  largo  potential  to  do  realistic  hypersonic  flow  simulations  as  well.  However,  some 
of  the  new  developments,  involving  flux-split  relaxation  schemes,  have  profited  from  tha  gas  law  for 
(thermally)  perfect  gases,  and  need  generalizations  for  use  In  non-equilibrium  reacting  air  calculations. 
Therefore  It  is  not  surprising  to  see  the  old  explicit  2-step  MacCormack  scheme  survive  Improved  by 
combination  with  a  TVD  procedure  and  Implicit  treatment  of  the  species  source  terms.  A  question  of 
major  concern  Is  whether  the  methods  can  live  with  strong  shocks,  bow  shock  waves  as  well  as  embed¬ 
ded  ones.  This  is  shown  to  be  possible  for  some  methods  if  the  grid  system  Is  adapted  such  that  grid 
lines  are  roughly  aligned  with  the  shock  structure  locally.  It  Is  interesting  to  note  that  a  scheme  which 
uses  bow-shock-wave  fitting  for  Ideal  gases  gives  up  this  If  used  for  non-equilibrium  flow.  All  these 
technical  questions  will  undoubtedly  find  positive  answers,  sooner  or  later. 

The  author  believes,  however,  that  owing  to  the  uncertainties  In  physical  modelling  dedicated 
experiments  have  to  be  designed  to  systematically  validate  CFD-methods  In  order  to  avoid  again  dis¬ 
crepancies  between  preflight  analysis  based  on  advanced  numerical  techniques  and  flight  data.  First 
moves  are  made  In  this  direction  wherever  there  is  interest  in  space  vehicles  In  spite  of  the  Instrumental 
difficulties  to  simulate  real  flight  experimentally. 
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SUMMARY 


The  lecture  is  devoted  to  a  survey  of  theoretical  and  experimental  problems  related 
with  boundary  layer  transition  at  high  speeds.  On  the  theoretical  point  of  view,  emphasis 
is  given  on  the  linear  stability  theory,  which  describes  the  first  stages  of  the  transition 
process.  It  allows  to  explain  the  effects  of  various  factors  affecting  transition,  such  as 
wall  cooling  or  bluntness.  In  incompressible  flow,  it  is  often  associated  with  the  en  method 
for  predicting  transition  onset.  The  extension  of  this  method  to  compressible  flows  will 
be  discussed. 

As  far  as  the  experimental  results  are  concerned,  the  main  problem  is  that  free-f light 
conditions  are  very  difficult  to  simulate  in  conventional  wind  tunnels,  where  the  transition 
location  depends  on  the  noise  radiated  by  the  nozzle  walls.  Typical  experimental  results 
are  presented  in  order  to  illustrate  the  influence  of  unit  Reynolds  number,  wall  curvature, 
wall  roughness,  etc.  Three-dimensional  problems  are  also  considered. 


MAIN  NOTATIONS 

A 

f 

hi 

k 

M 

P 

P' 

R 


wave  amp 1 i t ude 

frequency 

total  enthalpy 

roughness-element  height 

Mach  number 

pressure 

pressure  fluctuation 
unit  Reynolds  number 


R6i 


Ueft 

ve 


Tu  *  (u'/u)e 
T 


u,  v,  w 
u' ,  v' ,  w' 
x 


y 

z 


U,  W 
X 

z 

a,  8 


Reynolds  numbers 


free-stream  turbulence  level 
mean  temperature 

mean  velocities  in  the  x,  y,  z  directions 
velocity  fluctuations 
longitudinal  direction 
direction  normal  to  the  wall 
spanwise  direction 

mean  velocities  in  the  X,  Z  directions 
direction  normal  to  the  leading  edge 
attachment  line  direction 
components  of  the  wave  number  vector 


two-dimensional  flows 


three-dimensional  flows 
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boundary  layer  thickness 


(1  -  — )  dy  displacement  thickness 
Meue 


(l-~)dy  momentum  thickness 


V.  viscosity 

v  kinematic  viscosity 

p  density 

$  angle  of  sweep 

wall  heat  flux 
wave  number  direction 
a)  circular  frequency 

Subscripts  and  superscript 
aw  adiabatic  wall 

c  cone 


fp 

i 

o 

r 

t 

T 


critical 

boundary  layer  edge  (equal  to  «  condition  for  flat  plate  case) 
flat  plate 
imaginary  part 

value  at  neutral  stability  point 

real  part 

turbulent 

transition  onset 

wall 

free-stream 

root-mean-square  value 


1.  INTRODUCTION 


Since  the  classical  experiments  performed  by  OSBORNE  REYNOLDS  (1883) ,  the  instability 
of  laminar  flow  and  the  transition  to  turbulence  have  maintained  a  constant  interest  in 
fluid  mechanics  problems  .  This  interest  results  from  the  fact  that  transition  controls 
important  aerodynamic  quantities  such  as  drag  or  heat  transfer.  For  example,  the  heating 
rates  generated  by  a  turbulent  boundary  layer  may  be  several  times  higher  than  those  for 
a  laminar  boundary  layer,  so  that  the  prediction  of  transition  is  of  great  importance  for 
hypersonic  reentry  spacecrafts,  because  the  thickness  of  the  thermal  protection  is  strongly 
dependent  upon  the  altitude  where  transition  occurs.  Drag  reduction  for  supersonic  aircrafts 
requires  also  a  good  knowledge  of  the  transition  mechanisms. 

The  present  paper  is  devoted  to  a  general  survey  of  transition  phenomena  in  supersonic 
and  hypersonic  flows.  The  subject  is  rather  wide,  and  several  review  papers  have  described 
the  state-of-the-art  in  the  last  years  ( MORKOVIN  /X/  /2/,  RESHOTKO  /3 /,  MACK  /4/,  PATE 
/ 5/  ...).  What  we  will  try  to  do  is  to  illustrate  the  two  completely  different  faces  of  the 
transition  problems  at  high  speeds.  On  one  side,  we  have  the  linear  stability  theory.  It  is 
based  on  the  linearized  NAVI ER- STOKES  equations  and  describes  the  behaviour  of  the  normal 
modes  which  constitute  the  first  appearance  of  boundary  layer  instability.  The  mathematical 
as  well  as  the  numerical  problems  involved  in  this  theory  become  increasingly  complex  as  the 
Mach  number  increases.  On  the  other  aide,  we  have  a  large  body  of  experimental  results  which 
are  often  difficult  to  analyze  or  to  correlate;  for  practical  purposes,  these  data  have  been 
used  for  developing  fully  empirical  criteria,  the  accuracy  of  which  is  rather  poor  in  many 
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circumstances. 

The  purpose  of  this  article  is  to  show  how  both  aspects  can  be  associated  for  a  better 
understanding  and  a  better  prediction  of  the  transition  processes.  For  instance,  the 
so-called  "en  method"  is  empirical  in  nature,  but  it  includes  results  of  the  linear  stabi¬ 
lity  theory.  From  the  experimental  point  of  view,  the  development  of  measurement  techniques 
and  the  improvement  of  the  flow  quality  in  wind  tunnels  make  possible  to  confirm  theoretical 
results.  The  first  part  of  the  paper  summarizes  the  main  elements  of  the  linear  stability 
theory  j  in  the  following  sections,  typical  experimental  results  are  described  in  order  to 
see  if  this  theory  is  able  (or  unable)  to  explain  the  observed  features  in  different  situa¬ 
tions  . 


2.  FORMULATION  OF  LINEAR  STABILITY  THEORY 


2.1.  Historical  background 

The  instability  leading  to  transition  starts  with  the  growth  of  sinusoidal  distur¬ 
bances,  the  existence  of  which  has  been  first  demonstrated  by  the  experiments  of  SCHUBAUER 
and  SKRAMSTAD  (1948,  /6/)  ,  in  incompressible  flow.  In  fact,  the  development  of  small, 
regular  oscillations  travelling  in  the  laminar  boundary  layer  was  postulated  by  RAYLEIGH 
(1887)  and  PRANDTL  (1921)  many  decades  ago.  Some  years  later,  TOLLMIEN  worked  out  a  complete 
theory  of  boundary  layer  instability  (1929)  and  SCHLICHTING  calculated  the  total  amplifi¬ 
cation  of  the  most  unstable  frequencies  (1933).  For  this  reason,  the  instability  waves 
are  often  referred  to  the  "TOLLMIEN-SCHLICHTING  waves".  A  complete  description  of  this  pio¬ 
neering  work  can  be  found  in  SCHLICHTING ’ s  book  /7/.  Nevertheless,  the  so-called  "linear 
stability  theory"  received  little  acceptance,  essentially  because  of  the  lack  of  experi¬ 
mental  results.  The  experiments  performed  by  SCHUBAUER  and  SKRAMSTAD  completely  revised  this 
opinion  by  demonstrating  that  T.S.  waves  constitute  the  first  stage  of  the  transition  process. 
In  the  last  forty  years,  a  large  amount  of  work  was  devoted  to  a  more  and  more  complete 
understanding  of  the  linear  mechanisms  occuring  at  low  speeds. 

In  compressible  flow,  the  problem  becomes  more^complex.  The  first  attempt  to  develop 
a  compressible  linear  stability  theory  was  made  by  KUCHEMANN  (19'38).  One  of  the  most 
important  theoretical  investigation  was  carried  out  by  LEES  and  LIN  (1946,  /8/) ,  who 
used  an  asymptotic  theory  and  deduced  from  the  inviscid  equations  some  fundamental  results 
related  with  the  "generalized  inflexion  point"  (see  below,  paragraph  2.3.).  Subsequent 
papers  by  LEES  /9 /,  DUNN  and  LIN  /10 /,  LEES  and  RESHOTKO  / 1 1 /  were  also  based  on  asymptotic 
theories.  However,  as  it  was  pointed  out  by  MACK,  "some  major  differences  between  the 
incompressible  and  compressible  theories  were  not  uncovered  until  extensive  calculations  had 
been  carried  out  on  the  basis  of  a  direct  numerical  solution  of  the  differential  equations". 
From  1960  to  the  present  time,  MACK  performed  a  thorough  numerical  investigation  of  the 
linear  stability  characteristics  of  compressible  laminar  boundary  layer  / 1 2 /  to  / 1 7 /  ; 
his  most  important  finding  is  the  discovery  of  the  higher  unstable  modes  at  supersonic 
speeds.  Compressible  stability  computations  were  recently  published  by  MALIK  / 1 8 / ,  /19/, 
GASPERAS  /20/ ,  /21/,  ARNAL  /22/,  among  others. 

2.2.  Stability  equations 

A  complete  account  of  the  linear  stability  theory  is  out  of  the  scope  of  this  paper 
(see  MACK's  review  papers  /4/,  / 1 3 /  for  complete  information).  However,  one  needs  to 
introduce  some  theoretical  elements  for  a  comprehensive  study  of  the  experimental  results. 

The  principle  is  to  introduce  sinusoidal  small  disturbances  into  the  linearized 
state,  continuity,  momentum  and  energy  equations,  in  order  to  compute  the  range  of 
unstable  frequencies.  It  is  assumed  that  any  fluctuation  r'  (velocity,  pressure, 
density  or  temperature)  is  expressed  by  : 

r'  -  r(y)  exp  [i(  ax  +  82  -  u>t)]  (1) 

The  amplitude  function  r  depends  on  y  only  :  it  is  the  so-called  parallel  flow 
approximation,  a.  Band  w  can  be  either  real  or  complex  quantities  ;  in  fact,  two  theories 
are  essentially  used  s 

-  in  the  temporal  theory,  a  and  8  are  real  and  ou  is  complex,  so  that  (1)  can  be 
written  : 


r'  =  r(y)  exp(uiit)  exp[i(ax  +  Bz  -  wrt)]  (2) 

u>i  represents  the  temporal  amplification  factor.  Depending  on  its  sign,  the  distur¬ 
bances  are  amplified  > 0) ,  neutral  (mi  *  0)  or  damped  (<ui < 0) .  wr  is  a  circular 
frequency,  a  and  B  are  the  components  of  the  wavenumber  vector  in  the  x  and  z  directions, 
respectively.  It  will  be  shown  that  the  wavenumber  direction  v  *  tan-1  (B/a)  is  a  very 
important  parameter. 

-  in  the  spatial  theory,  w  is  real,  a  and  0  are  complex.  It  follows  from  (1)  that 
r'  =  r(y)  exp  [-  (aj.x  +  6i.z)  j  exp  [i(arx  +  Brz  “  wt)]  (3) 

We  may  define  a  real  wavenumber  )c  with  an  amplitude  |k|  and  a  direction  ^  s 
|k|  *  (aj  +  8?)^  and  ♦  *  tan“ 1  (0r/otr) 


(4) 


The  spatial  amplification  rate  is  a  vector  with  magnitude  o  *  (aj[  +  ej)1^  and 
direction  ^  *  tan-1 (  8j./ai) .  If  6i  is  set  equal  to  zero,  the  waves  can  be  amplified 
(ai  <  0) ,  neutral  (a*  «  0)  or  damped  (ai  >  0) . 

As  a  general  rule,  GASTER's  relation  makes  possible  to  convert  a  temporal  to  a 
spatial  amplification  rate  by  using  the  group  velocity  concept  /23/. 


Introducing  (i)  into  the  linearized  equations  leads  to  a  system  of  6  ordinary 
differential  equations  in  y  for  the  amplitude  functions  r(y).  Due  to  the  homogeneous 
boundary  conditions  (all  fluctuations  must  vanish  at  the  wall  and  in  the  free-stream 
except  the  pressure  fluctuations  which  have  a  non-zero  amplitude  at  the  wall) ,  the 
problem  is  an  eigenvalue  one  :  when  the  mean  flow  is  specified,  a  non-zero  solution  exists 
only  for  peculiar  combinations  of  the  four  parameters  a,  6,  w  and  Re,  where  Re  is  the 
Reynolds  number.  In  fact,  there  are  five  real  parameters  in  temporal_theory  (a  ,  8,  wr » 

«i.  Re)  and  six  in  spatial  theory  (ar,aj.,  6r,  8i#  u>.  Re  or  k,  4»,  o,  w.  Re). 

From  a  numerical  point  of  view,  the  data  are  the  boundary  layer  mean  velocity  and 
temperature  profiles,  the  free-stream  Mach  number,  the  wall  temperature,  the  characteristics 
of  the  fluid  and  all  but  two  parameters.  The  computation  gives  the  two  remaining  parameters 
(eigenvalues)  as  well  as  the  disturbances  amplitude  profiles  (eigenfunctions) . 


2.3.  Inviscid  theory 

In  this  theory,  it  is  assumed  that  the  viscosity  acts  only  on  the  mean  profiles  t 
furthermore,  the  terms  of  the  order  1/Re  are  neglected  in  the  stability  equations.  The 
mathematical  study  of  the  inviscid  theory  shows  up  the  importance  of  two  parameters  : 

a  -  The  first  one  is  the  so-called  "generalized  inflexion  point",  which  corresponds 
to  the  altitude  y8  where  : 


where  p  and  u  are  the  mean  density  and  the  mean  velocity.  It  was  demonstrated  by  LEES  and 
LIN  /8/  that  the  presence  of  such  a  point  is  a  sufficient  condition  for  the  appearance 
of  unstable  disturbances  ;  it  is  also  a  necessary  and  sufficient  condition  for  the  exis¬ 
tence  of  a  neutral  subsonic  wave  (the  definition  of  a  subsonic  disturbance  will  be  given 
below)  ;  the  phase  velocity  of  this  wave  is  the  mean  velocity  at  yg.  However,  these 
results  are  valid  only  if  s 

£  (ys>  >  i  -  Si  «> 


Let  us  consider  the  flat  plate  case.  When  the  Mach  number  increases,  the  generalized 
inflexion  point  goes  from  the  wall  towards  the  outer  edge  of  the  boundary  layer,  and  the  nu¬ 
merical  results  indicate  that  the  range  of  unstable  freguencies  is  enlarged  at  high  Reynolds 
numbers.  It  is  clear  that  this  "inflexional  instability*  plays  a  crucial  role  for  insta¬ 
bility  and  transition  in  hypersomcs. 

b  -  The  second  parameter  is  the  "relative  Mach  number",  M,  which  is  defined  as  : 

M  *  M  -  c/a  (see  figure  1)  (7) 

M  is  the  local  Mach  number  ;  for  classical  boundary  layer  profiles,  it  increases 
from  O  to  Me  between  the  wall  and  the  free-stream.  c  is  the  phase  velocity  of  the  waves  ; 
it  does  not  depend  on  y  *  for  two-dimensional  waves  (8  *  0),  c  -  u>r/ot  in  temporal 
theory,  and  c  *  w/ar  in  spatial  theory,  a  represents  the  local  speed  of  sound,  which 
depends  on  the  mean  temperature  distribution  ;  gbviously,  it  takgs  a  non-zero  value 
$t  the  wall.  The  disturbances  are  subsonic  if  Ma  <  1,  sonic  if  Ma  *  1,  supersonic  if 
Ma  >  1. 


M  -  c/a  =  M 


Figure  1  -  Typical  evolution  of  the  relative  Mach  marker  H 
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If  a  wave  is  locally  supersonic,  say  between  y=0  and  y  =  yM  (figure  1),  the 
mathematical  nature  of  the  stability  equations  changes,  and  any  eigenvalue  problem  admits 
an  infinite  sequence  of  neutral  solutions  ;  for  instance,  in  the  temporal  theory  and  for 
two-dimensional  disturbances,  there  is  an  infinity  of  neutral  waves  (u»i  =  0)  having  the 
same  phase  velocity  wr/a  but  different  wavenumbers  a  .  These  multiple  solutions  (the 
higher  modes)  were  first  discovered  by  MACK  for  boundary  layer  flows  / 1 2 /  ;  in  the  case 
of  adiabatic  wall  conditions,  they  appear  when  the  free-stream  Mach  number  exceeds  2.2. 


3.  STABILITY  COMPUTATIONS  FOR  ZERO  PRESSURE  GRADIENT  FLOW  ON  ADIABATIC  WALLS 
3.1.  Basic  flow  and  assumptions 

The  stability  diagrams  which  will  be  presented  below  were  obtained  by  using  a 
computer  code  developed  at  ONERA/CERT  ,'22/ .  The  results  are  in  good  agreement  with  those 
published  by  other  authors  (at  least  for  the  neutral  curves) .  In  these  calculations,  the 
basic  profiles  are  two-dimensional  mean  velocity  profiles  and  the  corresponding  mean 
temperature  profiles  computed  for  the  flat  plate  case  by  solving  the  classical  compressible 
similarity  equations  : 
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are  not  taken  into  account, 
'  denotes  derivatives  with 

,  and  the  Prandtl  number  Pr  is 
respect  to  n. 

In  the  stability  computations,  the  spatial  theory  is  used,  and  it  is  assumed 
that  the  amplification  vector  is  aligned  with  the  mean  flow  direction  x,  i.e.  =  0 
or  **  0  .  Justifications  of  this  assumption  are  given  by  MACK  /17 /. 

3.2.  Stability  diagrams  for  two-dimensional  waves 

Figure  2  shows  examples  of  stability  diagrams  computed  for  two-dimensional  waves 
(4>  =  0°)  and  for  Mach  numbers  ranging  from  0  to  10.  For  the  sake  of  clearity,  only  some 
iso-amplification  curves  (- ai  >  0)  are  plotted  in  the  (Reynolds  number,  wavenumber) 
plane.  The  Reynolds  number  is  computed  from  the  displacement  thickness  6i  ,  the  free- 
stream  velocity  ue  and  the  kinematic  viscosity  ve  of  the  outer  flow.  ar  and  are  made 
dimensionless  with  this  displacement  thickness.  For  each  Mach  number,  there  is  a  critical 
Reynolds  number  (R6icr  )  below  which  all  disturbances  are  damped. 

The  first  observation  is  that  the  stability  diagrams  do  not  change  very  much  when 
the  Mach  number  increases  from  0  to  1.3.  (Figure  2a-b) .  This  can  be  explained  by  the 
fact  that  the  generalized  inflexion  point  remains  very  close  to  the  wall  in  this  Mach 
number  range,  and  the  boundary  layer  is  unstable  essentially  through  the  action  of 
viscosity  :  this  phenomenon,  whereby  the  maximum  amplification  rate  increases  with 
decreasing  Reynolds  number  at  a  fixed  value  of  u>  or  ar,  is  called  viscous  instability  ; 
stability  diagrams  where  viscous  instability  is  present  exhibit  a  local  maximum  of 
-  ai  at  finite  Reynolds  numbers,  and  the  curves  of  equal  amplification  rate  are  closed 
around  this  peak.  Another  important  observation  is  that  the  amplification  factors  of 
the  unstable  waves  are  clearly  smaller  in  the  transonic  range  than  in  incompressible 
flow,  even  if  the  critical  Reynolds  number  remains  of  the  same  order. 

At  higher  Mach  numbers,  the  altitude  of  the  generalized  inflexion  point  increases, 
and  the  inflexional  instability  plays  a  more  and  more  important  role  :  the  inviscid 
theory  shows  that  there  is  a  range  of  unstable  ar  or  w  at  infinite  Reynolds  number  and 
this  range  is  enlarged  with  increasing  Mach  numbers  ;  as  a  consequence,  at  large  but 
finite  Reynolds  numbers ,  the  curves  of  equal  amplification  rates  tend  to  be  parallel  with 
the  R6r~  axis.  For  Me  =  2.2  (figure  2c),  the  stability  diagram  clearly  shows  the  viscous 
instability  (below  R6i  a  7000)  and  the  inflexional  instability  (beyond  R6»  a  7000) .  The 
later  becomes  predominant  for  Me  *  3  (figure  2d) . 

It  has  been  noticed  previously  that  higher  modes  could  be  computed  as  soon  as  the 
free-stream  Mach  number  becomes  larger  than  2.2,  but  they  are  at  first  associated  with 
very  large  wavenumbers.  For  this  reason,  only  the  first  unstable  mode  is  plotted  in 
Figures  2c  and  2d  for  Me  ■  2.2  and  3.  However,  when  the  Mach  number  is  increased,  the 
second  unstable  mode  appears  at  lower  and  lower  wavenumbers.  This  is  illustrated  in  Figure  2e 
(Me  *  4.5),  where  the  first  and  the  second  modes  are  close  together.  Let  us  observe  that 
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the  second  mode  is  more  unstable  than  the  first  one  :  the  ratio  of  the  maximum  ampliri- 
cation  rates  is  of  the  order  of  four  or  five.  At  Me  *  4.8  (Figure  2f )  ,  the  two  unstable 
regions  join  each  other  and  there  is  only  one  neutral  curve  in  hypersonic  conditions 
(Figure  2g  to  2i) .  However,  when  the  phase  velocity  c  »  w/ar  is  plotted  as  a  function 
of  a*,  two  well  defined  regions  can  be  observed  j  as  an  example,  the  curve  c(ai)  is 
shown  in  Figure  3  for  Me  =  7  and  R<5i  =  10  s.  The  bump  between  points  A  and  B  corresponds 


t 


Figure  3  -  Phase  velocity  as  a  function 
of  the  amplification  rate . 
The  points  A,  B  and  B’  are 
reported  in  figure  2h.  The 
arrows  indicate  increasing 
frequencies 


to  the  first  mode,  and  the  loop  between  B  and  B'  corresponds  to  the  second  mode.  At  larger 
Reynolds  number,  the  growth  rate  at  point  B  will  tend  to  zero  ;  at  infinite  Reynolds 
number,  the  phase  velocity  at  points  B  and  B'  will  be  equal  to  the  mean  velocity  at  the 
generalized  inflexion  point.  Let  us  recall  that  the  concept  of  higher  modes  deals 
essentially  with  the  phase  velocity  of  some  particular  neutral  disturbances,  whatever 
the  number  of  separated  neutral  curves  is. 


3.3.  Stability  diagrams  for  oblique  waves 

The  previous  results  were  obtained  for  two-dimensional  waves.  However,  an  important 
aspect  of  instability  in  compressible  boundary  layer  is  the  effect  of  the  wave  direct1  ->n 
ty  on  the  amplification  rates.  In  incompressible  flow,  only  the  two-dimensional  waves  neeJ 
to  be  considered,  because  it  can  be  demonstrated  that  they  are  the  most  unstable  ones 
(SQUIRE’s  theorem).  This  is  no  longer  the  case  in  compressible  flow,  even  at  moderate 
Mach  numbers.  Figure  4  shows  the  evolution  of  the  maximum  amplification  rate  at  a  given 
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Figure  4  -  Effect  of  the  wave  orientation 
on  the  amplification  rate. 

I  transonic  flow). 


Reynolds  number,  as  a  function  of  the  wave  direction.  Three  Mach  numbers  in  the  transonic 

range  are  considered.  Up  to  Me  *  0.9,  the  maximum  value  of  -  a*  corresponds  to  (/  *  0#. 

But  at  higher  Mach  numbers,  it  is  clear  that  the  largest  amplification  rate  is  obtained 
for  a  non  zero  value  of  the  angle. 

In  supersonic  and  hypersonic  conditions,  the  evolution  becomes  more  and  more 
complex,  as  it  can  be  seen  in  Figure  5,  where  two  stability  diagrams  are  represented 
for  Me  »  4.5  and  two  values  of  (i  :  0°  and  60°.  Changing  the  wave  orientation  stabilizes 

the  second  mode,  but  increases  the  instability  of  the  first  one,  so  that  it  becomes 

difficult  to  define  the  "most  unstable  direction". 


0  10‘  _  RSi  210  0  10*  _^R6l  210 

Figure  5  -  Effect  of  the  wave  orientation  on  the  amplification  rate  (Me  =  4.5) 


3.4.  Examples  of  eigenfunctions 

Figure  6  shows  the  amplitude  profiles  u' ,  v‘,  ft*  computed  at  point  B|  in  Figure  3. 
The  velocity  fluctuations  and  the  temperature  fluctuations  are  made  dimensionless  with 
the  free-stream  velocity  ue  and  the  static  temperature  Te,  respectively.  As  the 
stability  equations  are  linear,  the  amplitude  profiles  are  known  with  an  arbitrary 
multiplicative  factor.  In  the  present  computations,  this  arbitrary  constant  was  chosen 
in  such  a  way  that  max(2f')  *  1.  The  crosses  indicate  the  location  of  the  generalized 
inflexion  point  yg  ,  and  the  disturbances  are  locally  supersonic  between  the  wall  and 
the  altitude  yM  indicated  by  the  square  symbol.  The  main  observation  is  that  the  ampli¬ 
tude  of  the  temperature  fluctuations  is  two  orders  of  magnitude  larger  than  that  of  the 
velocity  fluctuations.  In  addition,  the  narrow  peak  of  T'  is  located  around  the  altitude 
of  the  generalized  inflexion  point,  near  the  outer  edge  of  the  boundary  layer.  This 
remark  is  also  valid  at  lower  Mach  numbers  s  when  Me  increases,  the  generalized  inflexion 
point  moves  outwards,  the  peak  of  the  temperature  fluctuations  follows  its  movement 
and  becomes  sharper  and  sharper. 


Figure  6  -  Amplitude  profiles  of  the  velocity  and  temperature  fluctuations 
(Me  =  7,  point  B'  in  figure  3 ) 


Amplitude  profiles  of  the  pressure  fluctuations  are  plotted  in  Figure  7,  as  well 
as  the  corresponding  phase  distributions.  The  calculations  were  performed  at  points  B 
and  B‘  of  figure  3  and  illustrate  the  differences  between  eigenfunctions  of  the  first 
and  second  modes.  At  point  B  (first  mode  region) ,  the  sign  of  p*  does  not  change  between 
the  wall  and  the  free-stream.  At  point  B'  (second  mode  region) ,  a  sudden  phase  shift  of 
180°  is  observed  at  y/6  a  0.15  :  at  each  instant,  the  pressure  fluctuations  are  of 
opposite  sign  below  and  beyond  this  altitude.  A  complete  discussion  of  this  behaviour 
was  given  by  MACK  /4/  / 1 3/  in  the  light  of  the  inviscid  theory. 


Figure  7  -  Amplitude  and  phase  profiles  of  the  pressure  fluctuations  (Me  =  7) 


4.  ORIGIN  AND  THREE-DIMENSIONAL  EVOLUTION  OF  THE  T-S  WAVES 

4.1.  Receptivity 

Some  properties  of  the  laminar  boundary  layer  as  a  linear  oscillator  have  been 
reviewed.  But  how  are  the  TOLLMIEN-SCHLICHTING  waves  excited  by  the  available  distur¬ 
bance  environment  ?  This  question  is  a  part  of  the  problem  which  is  usually  addressed 
under  the  word  of  "receptivity",  introduced  by  MORKOVIN  / 1 /  (see  also  RESHOTKO  / 3 / ) . 

The  receptivity  describes  the  means  by  which  forced  disturbances  (free-stream  turbulence, 
sound  field,  surface  roughness,  etc.)  enter  the  laminar  boundary  layer  ;  it  describes 
also  their  signature  in  the  disturbed  flow.  At  this  point,  two  different  cases  need  to 
be  considered  : 

a  -  If  the  forced  disturbances  are  small,  they  will  tend  to  excite  the  TOLLMIEN- 
SCHLICHTING  waves,  which  constitute  free  responses  of  the  laminar  boundary  layer  to  the 
disturbance  environment.  The  problem  is  to  find  the  link  between  the  characteristics  of 
the  forced  disturbances  and  the  initial  properties  of  the  instability  waves  as  they 
start  to  grow.  In  fact,  each  class  of  disturbances  imposes  its  particular  signature  and 
there  is  no  general  receptivity  theory.  The  question  will  be  discussed  below  for  some 
factors  affecting  transition  :  free-stream  turbulence  (section  5.1.),  wind  tunnel  noise 
(section  9.1),  unit  Reynolds  number  (section  11),  sweep  angle  (section  16. 2)  . 

b  -  If  the  forced  disturbances  are  large,  transition  occurs  very  rapidly,  without 
resorting  to  linear  mechanisms  :  it  is  a  "bypass"  (MORKOVIN  ,  /24/)  .  The  transition 
Reynolds  number  can  be  lower  than  the  critical  Reynolds  number  computed  from  the  linear 
stability  theory.  A  typical  example  of  "bypass"  is  the  leading  edge  contamination,  which 
is  described  in  section  16. 

4.2.  Non  linear  evolution  and  breakdown 

Let  us  assume  now  that  there  is  no  bypass  and  that  TOLLMIEN-SCHLICHTING  waves 
were  generated  through  the  action  of  a  certain  receptivity  process.  These  waves  grow 
according  to  the  linear  theory  ;  when  they  reach  a  finite  amplitude,  the  quadratic 
terms  neglected  in  the  theory  become  appreciable  and  three-dimensional  effects  appear. 

The  problem  is  fairly  well  documented  at  low  speeds,  both  theoretically  and  experimentally 
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Figure  8  -  Smoke  visualisation  of  the  different  stages  leading  to  transition 
on  a  cylinder  (Knapp  et  al.) 
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(see  review  paper  by  HERBERT  / 2 5 / )  j  Figure  8  shows  an  example  of  smoke  visualization 
made  by  KNAPP  et  al.  /26/  on  an  ogive  nose  cylinder.  The  waves  are  initially  two- 
dimensional  and  look  like  smoke  rings  around  the  cylinder  ;  they  are  then  distorted 
into  a  series  of  "peaks"  and  "valleys".  As  the  flow  proceeds  downstream,  this  pattern 
becomes  more  and  more  pronounced.  A  high  concentration  of  vorticity  appears  at  the 
peak  positions  and  forms  a  high  shear  layer,  which  finally  breaks  down  into  small 
vortices.  These  vortices  in  their  turn  produce  smaller  vortices  ;  then,  a  turbulent 
spot  is  formed. 

Unfortunately,  very  little  is  known  about  the  non-linear  mechanisms  in  supersonic 
and  hypersonic  flows.  "The  non-linear  effects  responsible  for  transition  at  high  speeds 
are  still  very  much  a  mystery  /27/".  It  can  be  guessed  that  the  non-linearities  are 
created  by  the  temperature  or  density  f luctuations,  the  amplitude  of  which  is  several 
times  larger  than  the  velocity  or  pressure  fluctuations.  Experiments  on  cones  revealed 
the  existence  of  unstable  frequencies  which  are  not  predicted  by  the  linear  theory  ;  they 
are  probably  the  result  of  a  non  linear  behaviour  (see  section  9.2). 

To  our  knowledge,  the  only  direct  numerical  simulation  related  to  this  problem 
was  carried  out  by  ERLEBACHER  and  HUSSAINI  /27/.  They  studied  the  non  linear  interactions 
between  a  two-dimensional  wave  and  two  oblique  waves  at  Mach  4.5.  These  interactions 
trigger  a  secondary  instability,  with  the  appearance  of  a  peak-valley  system,  but,  by 
contrast  with  the  incompressible  case,  the  high  shear  layer  develops  in  both  the  peak 
and  valley  planes,  which  lose  their  characteristic  distinctions.  The  spatial  evolution 
of  the  secondary  instability  is  very  slow,  and  the  question  arises  of  the  length  of  the 
non  linear  zone  at  high  speeds.  In  incompressible  flows,  the  distance  between  the  end  of 
the  linear  region  and  the  breakdown  to  turbulence  is  rather  short  ;  this  explains  that 
calculation  methods  based  on  linear  theory  (such  as  en  method) provides  us  with  good  results 
for  predicting  the  transition  location.  Due  to  the  lack  of  information,  it  is  assumed 
that  similar  techniques  can  be  used  in  compressible  flows,  as  it  will  be  discussed  in  the 
following  section. 


5.  INSTABILITY  AND  TRANSITION 

5.1.  en  method 

The  problem  is  now  to  establish  a  link  between  the  instability  properties  and  the 
transition  onset.  So  far,  the  most  commonly  used  method  is  based  on  the  computation  of 
the  total  amplification  rate  of  unstable  waves. 

For  a  given  mean  flow,  it  is  possible  to  compute  a  stability  diagram  (Figure  9) 
showing  the  range  of  unstable  frequencies  f  as  a  function  of  the  streamwise  distance  x. 
Let  us  consider  now  a  wave  which  propagates  downstream  with  a  fixed  frequency  f.  This 
wave  passes  at  first  through  the  stable  region  ;  it  is  damped  up  to  xQ  ,  then  amplified  up 
to  Xi,  and  at  last  it  is  damped  again  downstream  of  xj  .  At  a  given  station  x,  the  total 
amplification  rate  can  be  defined  as  : 

In (A/Aq)  =  [  -  cti  dx  (9) 

JxQ 


f 


x 


Figure  9  -  Typical  stability  diagram  in  physical 
coordinates.  Definition  of  the  total 
amplification  rate  and  of  the  envelope 
curve. 
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A  is  the  wave  amplitude,  and  the  index  o  refers  to  the  streamwise  position  where 
the  wave  becomes  unstable.  In  equation  (9) ,  x  and  a*  are  dimensional  quantities.  For 
self-similar  boundary  layer  profiles  on  a  flat  plate,  it  can  be  demonstrated  that  : 

K  *  R5i//R^  »  constant  (10) 


and  relation  (9)  is  also  expressed  by 


In (A/Aq) 


•R  6i 

-  aidRfii 
R6io 


(ID 


where  aj_  is  made  dimensionless  with  6\  ,  as  in  the  previous  paragraph. 

The  total  amplification  rates  are  then  calculated  for  various  frequencies.  The 
envelope  of  these  curves  is  : 

n  *  Max  (lnA/Ao)  (12) 

f 

At  the  present  time,  to  predict  transition,  one  must  place  reliance  on  empirical 
procedures.  The  en  method,  proposed  by  SMITH  and  GAMBERONI  /28/  and  VAN  INGEN  /29/,  was 
the  first  one  to  correlate  amplification  and  transition  in  incompressible  flow.  By 
comparing  theoretical  envelope  curves  with  measured  transition  locations,  the  breakdown 
was  found  to  occur  for  n  *  7  to  9 .  This  means  that  turbulent  spots  appear  when  the  most 
unstable  frequency  is  amplified  by  a  factor  e7  to  e9.  In  fact,  the  value  of  n  at  transi¬ 
tion  onset  depends  on  the  disturbance  environment,  and  MACK  /15/  suggested  the  following 
empirical  relationship  s 

n  =  -8.43  -  2.4  In  Tu  at  transition,  (13) 

where  Tu  is  the  free-stream  turbulence  level.  For  instance,  for  Tu  =  10“3 
("clean"  wind  tunnels),  n  =  8,15  and  for  Tu  =  10“a,  n  *  2.62.  Let  us  observe  that  this 
equation  can  be  related  with  the  receptivity  concept  ;  if  it  is  assumed  that  transition 
occurs  for  a  fixed  value  of  A,  then  the  initial  amplitude  of  the  disturbances  is  propor¬ 
tional  to  Tu2*4. 

Let  us  recall  that  the  en  method  was  developed  for  low  speed  flows.  The  problem  is 
to  know  if  it  remains  valid  for  compressible  boundary  layers. 

5.2.  Applications  to  the  flat  plate  case 

Envelope  curves  are  plotted  in  Figure  10  for  4  supersonic  Mach  numbers  ;  we  consi¬ 
dered  two-dimensional  waves  (Br  =0),  as  well  as  oblique  waves  (Br  4  0)  associated  with 
the  most  unstable  angle  (strictly  speaking,  this  angle  depends  on  the  Reynolds  number 
for  each  Mach  number,  but  its  variation  is  rather  weak).  Up  to  Me  s  5,  the  oblique  waves 
are  the  most  unstable  ones  ;  however  for  hypersonic  flows,  the  two-dimensional  waves 
become  the  most  amplified  again. 


Figure  10  -  Examples  of  envelope  curves 
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Figure  11  shows  an  application  of  the  en  method  for  adiabatic  flat  plates.  The 
stability  diagrams  were  used  for  computing  the  theoretical  st reamwiae  Reynolds  numbers 
which  correspond  to  different  values  of  the  n  factor,  as  a  function  of  the  free-stream 
Mach  number.  If  it  is  assumed  that  transition  occurs  for  a  fixed  value  of  the  n  factor, 
each  curve  represents  the  evolution  of  the  transition  Reynolds  number  when  Me  increases. 
It  can  be  observed  that  compressibility  has  a  strong  stabilizing  effect  in  transonic 
flow  ;  it  becomes  destabilizing  for  Mach  numbers  between  2  and  3.5,  and  stabilizing  again 
in  hypersonic  conditions. 


Curves  computed  by  MACK  / 14 f  for  n  =  4.6  and  6  are  also  plotted  in  Figure  11. 
Although  there  are  some  differences  between  these  results  and  our  calculations,  the  general 
trends  are  the  same. 

It  has  been  noticed  previously  that  the  value  of  n  at  transition  onset  is  usually 
between  7  and  10  in  "clean”  subsonic  wind  tunnels.  The  problem  is  obviously  to  know  if 
similar  values  of  n  are  observed  at  high  speeds.  The  solid  symbols  in  Figure  11  represent 
experimental  data  obtained  at  ONERA  some  years  ago  /30/  :  they  correspond  to  low  values 
of  the  n  factor,  between  2  and  4.  Numerous  examples  could  be  given  for  illustrating  the 
fact  that  in  conventional  hypersonic  wind  tunnels,  the  measured  transition  Reynolds 
numbers  are  rather  low,  say  between  2  and  3  millions.  Possible  origins  of  this  behaviour 
are  discussed  below. 


6.  THE  PROBLEM  OF  WIND  TUNNEL  SIMULATIONS 

It  is  well  known  that  transition  on  a  smooth  surface  can  be  triggered  by  the 
disturbances  which  are  present  in  the  free-stream  :  velocity  fluctuations  u'  (free-stream 
turbulence) ,  pressure  fluctuations  p'  (acoustic  disturbances) ,  temperature  fluctuations  T' . 
The  problem  is  very  complex,  because  the  effect  of  these  various  disturbances  depends  on 
the  Mach  number  range  (PATE,  /5/) . 

At  low  speed,  the  transition  Reynolds  number  is  very  sensitive  to  the  free-stream 
turbulence  level  Tu,  as  it  is  indicated  by  the  relation  (13)  ;  however,  if  Tu  becomes 
very  low,  pressure  fluctuations  (fan  noise  for  instance)  can  be  of  major  importance  for 
inducing  transition. 

In  transonic  flow,  acoustical  phenomena  linked  with  slotted  or  perforated  walls 
give  rise  to  strong  pressure  disturbances,  which  cause  early  transitions.  Better  results 
are  obtained  in  transonic  wind  tunnels  with  solid  walls. 

In  supersonic  and  hypersonic  flows,  the  main  factor  affecting  transition  is  also 
the  noise,  the  origin  of  which  lies  in  the  pressure  disturbances  radiated  by  the  turbulent 
boundary  layers  developing  along  the  wind  tunnel  walls.  The  effects  of  u'  and  T'  have  not 
been  firmly  established  for  Me  >  3.5. 

The  rms  value  of  the  pressure  fluctuation  intensity,  ^* ,  was  measured  in  many 
supersonic  and  hypersonic  wind  tunnels.  Figure  12  shows  a  correlation  proposed  by 
HARVEY  / 3 1 / ,  who  collected  a  large^amount  of  measurements  for  Mach  numbers  up  to  50.  The 
free-stream  disturbance  intensity  p®  is  plotted  versus  Moo  in  two  dimensionless  forms, 

and  ^'a>/qoo  .  P is  the  free-stream  mean  static  pressure  and  is  the  mean  dynamic 
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Figure  12  -  Free-stream  pressure  disturbances  in  wind  tunnels  (Harvey). 


pressure.  The  strong  effect  of  the  wind  tunnel  noise  on  the  transition  Reynolds  number  is 
illustrated  in  Figure  13  ( HARVEY ,  / 3 1  / )  ,  where  values  of  Rx<r  measured  on  cones  and  flat 
plates  are  given  as  a  function  of  fr'oo/q«>  ,  for  4  <  Moo  <23.  There  are  two  separate  mean 
curves  for  cones  and  flat  plates,  but  the  effect  of  the  Mach  number  disappears  completely 
in  this  representation. 


Figure  IS  -  Effect  of  wind  tunnel  noise  on 


the  transition  Reynolds  number  (Harvey). 


PATE  analyzed  also  available  wind  tunnel  data  and  developed  an  empirical  criterion 
for  "natural"  transitions  measured  in  supersonic  and  hypersonic  facilities.  This  criterion 
is  a  correlation  between  the  transition  Reynolds  number  Rx«p  on  the  model  and  the  parameters 
acting  on  the  noise  intensity  :  the  tunnel  test  section  circumference  P  and  two  charac¬ 
teristic  parameters  of  the  turbulent  boundary  layer  on  the  nozzle  walls  (mean  skin  friction 
coefficient  Cp  and  displacement  thickness  6i ) .  As  for  HARVEY's  criterion  (Figure  13),  data 
for  cones  and  flat  plates  can  be  represented  by  two  different  curves,  the  general  expression 
of  which  is  /5 /  : 
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This  correlation  is  shown  in  Figure  14. 


If  the  free-stream  Mach  number  and  the  wall  temperature  ratio  Tw  /Taw  are  constant, 
the  flat  plate  relations  lead  to  the  following  expression  : 

R>:t  ^  (ue/ve)0*5  g  (P)  (15) 

g  increases  as  the  test  section  circumference  increases.  This  shows  that  the 
transition  Reynolds  number  increases  with  increasing  unit  Reynolds  number  ue/ve  and 
increasing  wind  tunnel  size.  The  effect  of  the  latter  parameter  was  firsu  demonstrated 
by  PATE  and  SCHUELER  (1969,  / 3 2 / )  ,  who  conducted  an  extensive  research  program  to 
study  the  correlation  of  RxT  with  radiated  noise  in  supersonic  flow. 

Another  correlation,  which  was  used  during  wind  tunnel  tests  of  a  smooth  model 
of  Columbia  space  shuttle,  is  expressed  by  the  simple  relationship  : 

(R0 /  Me)  rp  =  constant,  of  the  order  of  200.  (16) 

R0  is  the  momentum  thickness  Reynolds  number  of  the  laminar  boundary  layer 
which  develops  on  the  model.  The  values  of  R0<r  deduced  from  (16)  are  too  low  when 
compared  with  free  flight  data  on  smooth  models. 

Since  the  radiated  noise  is  inherent  in  the  presence  of  walls  around  the  model, 
there  is  little  doubt  that  wind  tunnel  conditions  cannot  simulate  properly  flight 
conditions.  In  order  to  reduce  the  noise  level,  it  is  necessary  to  delay  transition  on 
the  nozzle  walls,  because  a  laminar  boundary  layer  is  less  noisy  than  a  turbulent  one. 

This  was  done  in  the  "quiet  tunnel"  built  in  NASA  LANGLEY  with  a  free-stream  Mach 
number  M<»  =  3.5.  A  cutaway  isometric  sketch  of  the  nozzle  is  presented  in  Figure  15,  and 
a  detailed  description  of  the  wind  tunnel  was  given  by  BECKWITH  et  al  / 3 3 / .  The  nozzle 
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is  two-dimensional  and  differs  in  design  substantially  from  more  conventional  ones. 

Three  notable  features  are  the  use  of  a  rapid  expansion  contour,  a  wide  separation  of 
the  two  planar  side-walls  and  the  provision  of  boundary  layer  bleed  slots  shortly  upstream 
of  the  nozzle  throat.  For  unit  Reynolds  numbers  between  2.5  l(f  and  15  l(f  per  inch, 
the  observed  values  of  p* /Poo  were  found  to  vary  from  0.03  10_a  up  to  about  0.8  10“a  , 
depending  upon  the  unit  Reynolds  number,  the  axial  location  and  the  bleed  slot  flow  (bleed 
valve  open  or  closed) .  The  minimum  value  is  one  or  two  orders  of  magnitude  below  that 
which  is  measured  in  conventional  wind  tunnels,  see  figure  12  ;  it  corresponds  to  laminar 
boundary  layers  on  the  nozzle  walls.  The  higher  no-se  levels  are  caused  by  radiations  from 
transitional  or  turbulent  wall  boundary  layers  ;  they  are  comparable  with  the  levels 
reported  for  other  tunnels  at  the  same  Mach  number.  With  the  lower  value  of  ^WPw,  the 
transition  Reynolds  number  measured  on  a  5°  half-angle  sharp  cone  are  two  or  three  times 
larger  than  those  obtained  in  conventional  wind  tunnels. 


The  situation  is  summarized  in  Figure  16  ;  it  shows  flight  transition  data  which 
were  collected  for  sharp  cones  by  BECKWITH  / 34/.  The  transition  Reynolds  numbers  are 
plotted  as  a  function  of  the  Mach  number.  The  figure  also  contains  a  correlation  for  wind 
tunnel  transition  data,  which  lies  much  below  the  flight  experiments.  The  range  of  results 
obtained  in  the  "quiet  tunnel"  are  reported  for  comparison. 

The  general  trend  of  the  flight  data  seems  to  be  in  qualitative  agreement  with 
stability  computations  (Figure  24):  RxT  exhibits  a  maximum  for  Me s  3  and  a  minimum  for 
Mgi  5-6.  A  quantitive  comparison,  however,  cannot  be  made,  because  the  flight  data  have 
been  obtained  for  varying  conditions  of  wall  temperatures,  the  distribution  of  which  is 
not  known  in  many  cases.  It  will  be  shown  in  the  next  section  that  the  ratio  Tw/Taw  is  a 
very  important  parameter  in  the  experimental  results  as  well  as  in  stability  computations. 


7.  WALL  TEMPERATURE  EFFECTS 


7.1.  Experimental  results 

The  first  effect  of  wall  cooling  is  to  modify  the  evolution  of  the  mean  properties  of 
the  laminar  boundary  layer.  For  instance,  when  the  wall  is  cooled,  the  shape  factor  H 
decreases,  as  well  as  the  ratio  R6i/^Rx. 

As  far  as  the  influence  of  Tw/Taw  on  transition  onset  is  concerned,  Figure  17  shows 
experimental  results  collected  by  POTTER  /35/  :  the  ratio  Rx^/Rx^q  is  plotted  as  a 
function  of  Tw/Taw  for  Mach  numbers  between  1.4  and  11.  Rx<ro  is  the  transition  Reynolds 


Figure  17  -  Effect  of  wall 
cooling  on  the 
transition 
Reynolds  number 
(experiments  collected 
by  Potter). 
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number  measured  under  adiabatic  conditions.  At  a  given  M^,  only  data  for  a  constant  unit 
Reynolds  number  R  «  i^/vg  were  used,  but  different  values  of  R  had  to  be  accepted  at 
different  Mach  numbers.  In  fact,  the  influence  of  wall  cooling  varies  somewhat  with  unit 
Reynolds  number  :  this  is  illustrated  by  the  two  curves  for  Me  =  6.8  in  Figure  17,  where 
the  upper  curve  corresponds  to  a  smaller  value  of  R. 

Although  there  is  some  scatter  in  the  data,  it  appears  that  cooling  the  wall 
delays  transition  onset.  This  effect  is  rather  strong  in  the  transonic  range,  but  it  is 
greatly  reduced  when  the  Mach  number  increases.  Some  experiments  in  hypersonic  flow  did  not 
reveal  any  wall  cooling  influence  ;  for  instance,  SANATOR  et  al.  /36/  covered  the  range 
0 . 08  S Tw/Taw  2 0 . 4  at  Me  -  8 . 8  and  found  no  significant  change  in  Rx«p  on  a  sharp  cone. 

These  results  were  not  reported  in  Figure  17,  because  the  value  of  Rx«ro  is  not  known. 
Recently,  NAGAMATSU  et  al.  /37/  stated  that  over  a  Mach  number  range  of  8  to  10,  wall 
cooling  effects  "do  not  seem  to  influence  the  stability  of  the  hypersonic  laminar 
boundary  layer". 

Another  interesting  feature  which  can  be  observed  in  Figure  17  is  the  appearance 
of  "transition  reversals"  and  "transition  re-reversals"  :  in  some  cases  (Me  =  3.54  and  8.2), 
when  the  wall  temperature  decreases,  the  transition  Reynolds  number  is  at  first  increasing, 
then  decreasing  (transition  reversal)  and  increasing  again  (transition  re-reversal) .  This 
phenomenon  was  observed  in  conventional  wind  tunnels,  but  also  in  completely  different 
facilities  ;  BOISON  /38/  conducted  a  series  of  experiments  in  a  shock  tube  and  measured 
several  transition  reversal  loops  ;  SHEETZ  /39/  and  REDA  /40/  both  studied  cones  in  an 
aeroballistics  range  and  reported  also  multiple  reversals. 

The  origin  of  this  behaviour  has  not  been  clearly  established  .  When  Tw/Taw 
decreases,  the  boundary  layer  thickness  is  reduced  and  surface  roughness  becomes  a  more 
and  more  critical  parameter.  Roughness  elements  can  be  caused  by  undetected  frost  formation 
at  low  surface  temperatures  (the  tripping  effect  of  ice  cristals  was  convincingly  demons¬ 
trated  by  LYSENKO  and  MASLOV  / 4 1 / ) .  Another  explanation  could  lie  in  the  complex  evolution 
of  the  stability  characteristics  when  the  wall  is  cooled. 

7.2.  Stability  analysis 

The  stability  of  laminar  boundary  layers  on  cooled  walls  was  studied  by  BOEHMAN  and 
MARISCALCO  /42/  in  transonic  flow,  by  MACK  /13/,  WAZZAN  et  al.  /42/,  MALIK  / 18/  in 
supersonic  flow.  Systematic  computations  are  currently  performed  at  ONERA/CERT  by 
F.  VIGNAU  / 44/  ;  most  of  the  results  which  are  presented  below  come  from  this  latter 
work. 


At  first,  it  is  interesting  to  look  at  the  evolution  of  the  generalized  inflexion 
point  when  the  free-stream  Mach  number  and  the  wall  temperature  are  changed.  As  an 

an  example,  Figure  18  shows  the  variations  of  p  —  through  the  boundary  layer  thickness, 

for  Me  =  7  and  four  values  of  the  ratio  Tw/Taw*  We  recall  that  the  generalized  inflexion 
point,  which  plays  a  crucial  role  for  stability  analysis  in  compressible  flow,  corresponds 

to  the  altitude  where  ~  (  p  )  =  0.  For  adiabatic  conditions,  the  generalized  inflexion 

point  is  associated  with  the  maximum  value  of  p  du/dy  and  is  located  near  the  boundary 
layer  outer  edge.  As  cooling  is  applied,  a  second  generalized  inflexion  point  appears 
close  to  the  wall  ;  at  this  point,  p  du/dy  is  minimum.  With  increasing  cooling,  the 
second  generalized  inflexion  point  moves  outwards,  whereas  the  altitude  of  the  first  one 
decreases  slightly. 
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Figure  19  -  Location  of  the  generalized 
inflexion  points  as  a 
function  of  He  and  Tw/Taw 


These  observations  can  help  to  understand  the  set  of  curves  which  are  plotted  in 
figure  19  :  the  mean  velocity  taken  at  the  position  of  the  generalized  inflexion  points 
is  given  as  a  function  of  Me  and  Tw/Taw.  At  a  given  Mach  number,  the  two  generalized 
inflexion  points  draw  nearer  as  Tw/Taw  decreases,  join  each  other  {except  for  Me  «  10) 

and  finally  both  of  them  disappear  .  The  curve  defined  by  —  =  1  -  — ■  is  also  plotted 

ue  Me 

in  this  figure.  As  it  has  been  previously  noticed,  LEES  and  LIN  deduced  from  the  inviscid 
theory  that  the  sufficient  condition  for  the  existence  of  amplified  disturbances  is  the 
presence  of  a  generalized  inflexion  point  at  some  altitude  yg  such  that 

—  (yq)  >  1  -  .  It  is  clear  from  this  restriction  that  only  the  upper  generalized 

ue  ^e 

inflexion  point  has  to  be  considered  for  applying  LEES  and  LIN  results.  This  is  confirmed 
by  the  fact  that  a  sharp  peak  in  the  temperature  fluctuations  appears  at  this  point, 
whereas  no  particular  behaviour  is  observed  at  the  lower  generalized  inflexion  point. 

Figure  20  shows  stability  diagrams  computed  for  =  3,  ^  =  70°  and  four  values 
of  Tw/Taw-  For  Tw/Taw  =  1,  the  diagram  is  mostly  governed  by  the  inflexional  instability: 
when  R6i  increases,  the  curves  of  equal  amplification  rate  tend  to  be  parallel  with 
the  Reynolds  numbers  axis.  With  increasing  wall  cooling  (Tw/Taw  =  0.8  and  0.7),  the  viscous 


0 


Figure  20  -  Stability  diagrams  for  Me  -  S, 
and  0.6(d)  ( Vignau ,  / 44 /). 


-  70°,  Tw/Taw  =  Ka),  0.8(b) ,  0.7(c) 


Figure  21  -  Stability .  diagrams  for  Me  -  7t  ij>  =  0 Tw/faw  *  1(a)  and  0.3(b) 
( Vignau ,  /44/). 


As  Tw/Taw  decreases,  the  instability  of  the  first  mode  decreases  and  vanishes  for 
sufficiently  low  values  of  the  cooling  rate.  This  is  in  agreement  with  "the  most  cele¬ 
brated  result  of  the  early  stability  theory",  which  was  obtained  by  LEES  (1947,  / 9 / )  . 

LEES  found  that  the  critical  Reynolds  number  could  become  infinite  if  a  sufficient  cooling 
was  applied.  This  result  is  correct  for  the  first  mode,  but  LEES  did  not  take  into  account 
the  existence  of  higher  unstable  modes,  which  were  discovered  later  on  by  MACK. 

Figure  22a  shows  the  effect  of  wall  cooling  on  the  maximum  amplification  rates  of 
the  second  mode  for  Me  =  7  ,  R5i  =  17  500,  26  000  and  30  000.  As  the  wall  is  cooled,  the  second 
mode  remains  practically  unaffected.  However,  care  must  be  taken  before  to  draw  defini¬ 
tive  conclusions.  In  these  calculations,  the  reference  length  is  the  displacement  thickness 
6i  .  Other  authors  (MACK,  MALIK)  work  with  L  =  (vex/ue)1^2  ,  so  that  the  Reynolds  number 
ueL/ve  is  in  fact  the  square  root  of  Rx.  Figure  22b  shows  the  same  results  as  in  Figure  22a, 
except  that  L  is  used  instead  of  6i .  It  can  be  easily  demonstrated  that  the  ratio  6i/L 
is  equal  to  R<5i//Rx,  which  decreases  when  the  wall  temperature  decreases.  As  a  consequence, 
when  <*i  is  made  dimensionless  with  L,  the  maximum  amplification  rate  increases  for  cooled 
walls,  and  it  can  be  said  that  cooling  has  a  destabilizing  effect  on  the  second  mode. 


Figure  22  -  Maximum  value  of  -  ai  as  a  function  of  Tu/Tau  for  Me  =  7 ,  O' 
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Figure  S3  -  Theoretical  effect  of  wall  cooling 

on  the  transition  Reynolds  number ,  Figure  24  -  Application  of  the  en  method 

for  n  =  9  (Vignau,  / 44/)  (sharp  cone,  adiabatic  wall) 


Obviously,  when  the  total  amplification  rates  are  computed,  the  results  do  not 
depend  on  the  reference  length  which  was  used  in  the  stability  calculations.  Figure  23 
shows  the  variation  of  the  Reynolds  number  Rx  corresponding  to  n  =  9  as  a  function  of 
Tw/Taw'  for  some  values  of  the  free-stream  Mach  number.  The  computations  are  in  fairly 
good  agreement  with  the  experimental  trends.  In  particular,  there  is  no  effect  of  Tw/Taw 
on  RxT  for  Me  =  7. 


8.  CONE  AND  FLAT  PLATE  FLOW 


The  flow  on  a  supersonic  sharp  cone  at  zero  angle  of  attack  is  of  particular 
interest,  because  the  free-stream  Mach  number  is  constant  in  the  streamwise  direction  ; 
the  mean  properties  of  the  laminar  boundary  layer  can  be  obtained  by  the  Mangier  trans¬ 
formation  from  flat  plate  boundary  layer  computations,  if  the  boundary  layer  thickness 
is  negligible  with  respect  to  the  cone  radius.  The  result  is  that,  for  the  same  value 
of  the  Reynolds  number  Rx,  the  boundary  layer  thicknesses  (6,  6j  ,  0 .  . . )  on  a  cone  are  /I 
times  smaller  than  those  obtained  in  the  flat  plate  case.  This  can  be  expressed  by  : 

(R6j)fp  =  K  /Rx  and  (R6i)c  =  K /Rx//3 ,  for  identical  Me,  Te,  Tw  (17) 

On  the  other  side,  it  is  often  assumed  that  the  stability  equations  are  the 
same  on  cones  and  on  flat  plates. (This  assumption  was  discussed  by  GASPERAS  / 2 1 /  and 
MACK  / 4 5 / ) .  It  follows  that  : 


(R6icz.)fr  -  'R*-  r'w  but  <Rxrrlc  -=  3  (Rr^r)f p* 


(18) 


As  pointed  out  by  MACK  /45/ ,  this  result  "led  originally  to  the  unwarranted 
conclusion  that  the  transition  Reynolds  number  on  a  cone  should  be  three  times  that  on 
a  flat  plate".  In  fact,  relation  (11)  shows  that  x 


(lnA/Ao)c  “  3(lnA/Ao)fp  at  the  same  R6\  (19) 

On  a  cone,  the  disturbances  begin  to  grow  at  a  further  downstream  abscissa  than 
on  a  flat  plate,  but  they  grow  faster,  so  that  the  ratio  between  transition  Reynolds 
numbers  on  cones  and  flat  plates  depends  upon  the  value  of  n  which  is  imposed  at  transition 
onset  : 

.  for  "large"  values  of  n,  (Rx«j»)c  <  (Rx«j»)fp  '  faster  growth  on  cones  prevails  ; 

.  for  "small"  values  of  n,  (Rx<j.)c  >  (Rx«r)fp  ,  the  critical  Reynolds  number  effect 

prevails  ;  for  the  limiting  case  n  =  0,  x<p  *  xcr  and  relation  (18)  holds  for  x«p. 

Figure  24  shows  the  theoretical  transition  Reynolds  numbers  on  cones  as  a  function 
of  n  and  Me,  under  adiabatic  conditions.  Comparison  with  Figure  11  indicates  that  the 
ratio  (Rx<p)c  /  (Rx<p)^p  is  of  the  order  of  0.5  for  n^lO. 
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PATE  /46/  collected  experimental  data  on  cones  and  flat  plates  and  deduced  the 
evolution  of  (Rxt)c/  (RxT)^p  as  a  function  of  the  free-stream  Mach  number.  This  correlation 
is  given  in  Figure  25,  where  "flat  plate"  data  include  also  measurements  performed  on 
hollow  cylinders.  The  ratio  is  about  2.5  at  M«=  3  and  decreases  steadily  to  unity  at 
hypersonic  Mach  numbers.  If  the  previous  theoretical  elements  are  correct,  this  means  that 
the  values  of  n  at  transition  are  low,  i.e.  the  noise  radiated  by  the  wind  tunnel  walls 
strongly  reduces  the  transition  Reynolds  numbers.  Recently,  experiments  on  cones  and 
flat  plates  were  performed  in  the  "quiet  tunnel"  :  the  ratio  {Rxt)c  / (R^T^fo  was  found  to 
be  less  than  unity,  in  agreement  with  stability  results  for  n  s  10  (MALIlt,  / 1 8 / ) . 


(RxA 


(RxT)fp 

♦ 


Figure  25  -  Transition  Reynolds  numbers  on  cones  and  flat  plates  : 
experimental  data  collected  by  Pate. 


9.  STABILITY  EXPERIMENTS  ON  SMOOTH  WALLS  WITH  ZERO  PRESSURE  GRADIENT 

Experimental  results  were  already  presented  in  Sections  5  to  8 ,  but  in  these 
experiments,  nothing  was  measured  except  a  transition  Reynolds  number  RxT-  Although  such 
measurements  can  be  useful  for  checking  the  en  method,  they  are  difficult  to  relate 
directly  to  stability  theory.  For  this  reason,  fundamental  stability  experiments,  where 
disturbance  growth  is  measured  in  the  laminar  boundary  layer,  have  been  performed  for 
relating  more  closely  theory  to  experiment.  The  main  results  of  these  studies  are 
summarized  in  this  section. 

9.1.  Flat  plate  experiments 

Experimental  investigations  into  the  nature  of  unstable  waves  propagating  in 
compressible  flow  began  with  the  work  of  LAUFER  and  VREBALOVICH  (1960,  / 4 7 / )  .  These 
authors  discovered  and  studied  the  natural  oscillations  in  the  laminar  boundary  layer 
at  free-stream  Mach  numbers  between  1.6  and  2.2.  They  measured  also  the  development  of 
artificial  disturbances  generated  by  a  vibrating  ribbon,  as  it  was  done  by  SCHUBAUER  and 
SKRAMSTAD  (1948,  / 6 / )  for  low  speed  flows. 

DEMETRIADES  (1960,  /48/)  performed  experiments  at  a  Mach  number  of  5.8,  and 
found  that  the  range  of  stable  and  unstable  frequencies  varied  in  a  manner  which  was 
qualitatively  similar  to  that  observed  in  incompressible  flow.  However,  the  spatial 
amplification  rates  were  found  to  be  much  lower. 

KENDALL  measured  the  amplification  and  the  damping  of  artificially  excited 
oscillations  at  Mach  4.5  (1966,  /49/)  and  later  studied  the  growth  of  "natural"  fluctua¬ 
tions  at  Mach  2.2.  (1975,  /50/j.  The  agreement  with  the  linear  stability  theory  was 
good  in  the  first  case,  and  less  favourable  in  the  second  series  of  experiments. 


More  recently,  LYSENKO  and  MASLOV  (1984,  / 51/ )  studied  the  effects  of  wall  cooling 
for  Mach  numbers  between  2  and  4.  As  it  is  predicted  by  the  stability  theory,  they  found 
that  cooling  stabilized  the  first  mode  disturbances,  whereas  the  second  mode  disturbances 
where  destabilized. 


Beside  problem  associated  with  linear  stability  theory,  KENDALL  /50/  studied 
some  aspects  of  the  receptivity  mechanism.  He  found  that  free-stream  radiated  noise  dis¬ 
turbances  are  amplified  by  the  laminar  boundary  layer  and  that  all  frequencies  grow 
from  the  leading  edge  (well  ahead  of  the  critical  point)  up  to  transition  onset.  In 
other  words,  growing  disturbances  exist  in  a  laminar  boundary  layer  in  a  region  which  is 
stable  according  to  the  linear  theory.  Figure  26  shows  the  ratio  A/A«  as  a  function  of 
/Rx  for  three  dimensionless  frequencies  F  *  2rrfv/u|  .  A  is  the  rms  amplitude  measured 
by  a  hot  wire  in  the  boundary  layer  at  the  altitude  where  it  is  maximum  ;  A«  is  the 
free-stream  rms  amplitude  for  the  same  frequency.  The  vertical  arrows  denote  the 
theoretical  neutral  points,  that  is  to  say  the  points  where  each  frequency  begins  to 
be  unstable  according  to  the  linear  stability  theory. 
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MACK  attempted  to  account  for  these  observations  by  developing  a  theory  which 
gives  an  answer  to  this  particular  aspect  of  the  receptivity  problem  /14/.  The  calcula¬ 
tions  were  divided  in  two  parts  : 


Figure  26  -  Streamwise  evolution 

of  the  amplitude  of  various 
frequencies  at  Me  =  4.5. 
Comparison  between  experiments 
(Kendall)  and  theory  (Mack). 


.  from  the  leading  edge  to  the  neutral  point,  MACK  computed  the  forced  response 
of  the  boundary  layer  to  incoming  sound  waves  (forcing  theory) .  This  requires  solutions 
of  homogeneous  equations,  with  non  homogeneous  boundary  conditions  ; 

.  downstream  of  the  neutral  point,  the  linear  stability  theory  (homogeneous 
equations  with  homogeneous  boundary  conditions)  was  then  used  to  compute  the  development 
of  free  disturbances  having  the  same  frequencies. 

Although  the  mechanism  by  which  the  forced  wave  turns  into  a  free  wave  is  ignored 
in  this  theory,  the  agreement  with  KENDALL's  experiments  is  remarkable  (Figure  26). 

9.2.  Sharp  cone  experiments 

The  flow  on  supersonic  sharp  cone  constitutes  a  second  case  where  the  free-stream 
Mach  number  is  constant  in  the  streamwise  direction.  However,  it  has  been  shown  that  the 
link  between  the  instability  properties  on  a  cone  and  on  a  flat  plate  is  not  straight¬ 
forward.  Stability  experiments  on  sharp  cones  have  been  lacking  until  relatively  recently 
at  the  present  time,  three  series  of  measurements  that  provided  us  with  detailed  data  have 
been  carried  out  by  KENDALL  (1975,  / 50/ ) ,  DEMETRIADES  (1977,  / 52/ ) ,  STETSON  et  al.  (1983) 
/53/).  The  following  table  gives  the  main  characteristics  of  these  experiments  (a  is  the 
half-angle  of  the  cone.  Moo  the  free-stream  Mach  number.  Me  the  edge  Mach  number)  : 
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Figure  27  shows  evolutions  of  the  spatial  amplification  rate  -  ai  .  as  a  function  of  the 
frequency  u  (in  this  figure,  the  reference  length  is  L=  ( vex /ue  )l*  )  .  The  experimental 
curves  were  obtained  in  the  three  experiments  at  (nearly)  the  same  value  of  the 
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Figure  27  -  Calculated  amplification  rate  compared  with  experimental 
data  on  sharp  cones. 
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streamwise  Reynolds  number  Rx.  "There  is  some  disagreement  in  detail  among  the  experiments, 
but  general  agreement  that  there  is  a  band  of  unstable  frequencies,  with  the  lower  fre¬ 
quencies  being  only  weakly  amplified  and  the  higher  frequencies  more  strongly  amplified 
with  a  marked  peak  in  amplification  rate"  (MACK,  /45/) .  Theoretical  curves  computed  by 
MACK  are  also  plotted  in  this  figure.  Although  the  agreement  is  not  perfect,  the  calcu¬ 
lation  seems  to  indicate  that  first  and  second  mode  instabilities  are  simultaneously 
present  with  different  angles. 


Another  example  of  result  by  STETSON  et  al.  is  presented  in  Figure  28.  It  shows 
power  spectra  of  the  hot-wire  signals  obtained  at  a  given  station  for  various  distances 
above  the  wall.  As  it  is  predicted  by  the  theory,  the  largest  disturbances  amplitudes 
are  observed  near  the  outer  edge  of  the  boundary  layer.  However,  it  must  be  noticed  that 
the  hot  wire  signals  contain  all  types  of  fluctuations  (pressure,  temperature,  velocity) 
and,  as  it  has  been  pointed  out  by  MORKOVIN  (see  /54/) ,  extraction  of  u’ ,  T'  and  p' 
information  cannot  be  made  in  this  case  by  using  KOVASZNAY's  modal  decomposition. 

An  interesting  feature  is  that  all  three  experiments  gave  another  band  of 
unstable  frequencies  starting  at  a  frequency  above  the  upper-branch  neutral  frequency  of 
the  second  mode.  This  band  does  not  exist  in  linear  stability  theory.  As  the  temperature 
and  density  fluctuations  are  large,  a  possible  explanation  is  that  the  additional 
unstable  region  "is  probably  the  result  of  non-linearity.  The  frequency  band  where  it 
occurs  suggests  a  first  harmonic  of  the  second  mode"  (MACK,  / 4 5/ ) . 


10.  BLUNTNESS  EFFECTS 


POTTER  and  WHITFIELD  / 55 /  performed  measurements  and  collected  available  experi¬ 
mental  data  in  order  to  study  the  effect  of  slight  nose  bluntness  on  transition  location. 

For  the  flat  plate  case,  the  nose  bluntness  can  be  characterized  by  two  parameters 
(Figure  29)  : 

.  the  bevel  angle  9 

.  the  leading  edge  thickness  b,  which  is  used  for  calculating  the  bluntness  Reynolds 
number  Rfc  =  Ugb  /  ve  • 


plate 
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Figure  29  -  Effect  of  bluntness  :  flat  plates 
(Potter  and  Whitfield ) 


Figure  SO  -  Effect  of  bluntness  :  cones 
(Softley  et  al.). 


8-23 


Figure  29  shows  the  evolution  of  the  transition  Reynolds  number  as  a  function  of  9 
and  Rb,  for  fixed  values  of  the  free-stream  Mach  number  and  of  the  unit  Reynolds  number 
(Me  =  3,  ue/ve  =13.4  106m-1).  It  is  clear  that  increasing  the  bluntness  parameters  delays 
transition  onset,  even  if  these  small  degrees  of  nose  bluntness  have  a  negligeable  effect 
on  measured  pressure  distributions.  POTTER  and  WHITFIELD  correlated  these  results  with  the 
following  relationship  : 

Rx<j*  =  Rxto  +  160  Rb  +  365009  +  55  R^Q  (20) 

where  0  is  in  degrees  and  RxTo  corresponds  to  0  =R£,=  0. 

It  must  be  kept  in  mind  that  relation  (20)  holds  for  small  bluntness  only  ;  this 
was  verified  by  STETSON  et  al.  /54/,  who  studied  the  transition  mechanisms  on  a  blunt- 
cone.  The  model  and  the  experimental  conditions  were  identical  to  those  already  described 
in  the  previous  section  (a*  7°,  M«,  *  8) ,  except  that  the  cone  could  be  equipped  with 
interchangeable  spherically  blunted  noses  of  various  radii  r.  For  small  values  of  r,  the 
entropy  swallowing  region  has  a  stabilizing  effect,  since  disturbances  which  were 
observed  on  the  sharp  cone  were  no  longer  detected  ;  STETSON  et  al.  estimated  that  the 
transition  Reynolds  number  might  be  multiplied  by  a  factor  2  for  an  "optimum"  nose  blunt¬ 
ness,  in  qualitative  agreement  with  the  observations  of  POTTER  and  WHITFIELD  on  flat 
plates.  But  the  trend  is  reversed  as  soon  as  the  nose  bluntness  exceeds  a  certain  limit  : 
Rxt  decreases  with  increasing  nose  radii.  For  large  values  of  r,  STETSON  et  al.  measured 
large  amplitude  disturbances  outside  the  laminar  boundary  layer.  This  seems  to  indicate 
the  existence  of  an  inviscid  instability,  which  can  be  related  with  the  appearance  of  a 
generalized  inflexion  point  in  the  entropy  layer,  somewhere  between  the  boundary  layer 
edge  and  the  shock.  These  disturbances  grow  in  the  streamwise  direction,  enter  the  boundary 
layer  and  lead  to  premature  transition,  as  it  is  the  case  for  boundary  layers  subjected  to 
a  strong  external  disturbance  environment. 

To  summarize  these  results,  experimental  data  by  SOFTLEY  et  al.  /56/  are  reported 
in  Figure  30.  Transition  Reynolds  numbers  measured  on  blunted  cones  are  plotted 
vs  Rr  =  uer/ve.  ERICSSON  noted  that  the  delay  of  transition  caused  by  "small"  bluntness 
is  attenuated  by  the  wind  tunnel  noise,  but  in  free  flight  an  order  of  magnitude  increase 
in  Rx-j*  can  be  obtained  for  the  "optimum"  nose  bluntness  151 J.  It  is  also  important  to 
recall  that  the  effects  of  bluntness  can  be  explained  within  the  scope  of  the  linear 
theory  as  it  was  demonstrated,  for  instance,  by  RESHOTKO  and  KHAN  / 58 /  (presence  of  a 
generalized  inflexion  point  inside  and/or  outside  the  boundary  layer)  ;  however,  stability 
computations  require  accurate  calculations  of  the  mean  flow,  and  this  requirement  is  not 
always  easy  to  meet. 


11.  UNIT  REYNOLDS  NUMBER  EFFECTS 


An  experimental  observation  is  that,  for  a  given  model  and  a  given  free-stream 
Mach  number,  an  increase  of  the  unit  Reynolds  number  R  =  Ue/ve  leads  to  an  increase  of 
the  transition  Reynolds  number  RxT.  It  is  the  mythical  "Unit  Reynolds  number  effect", 
which  is  often  represented  by  the  simple  power  relation  : 

RxT  ^  R1  (21) 

1  is  an  empirical  constant.  For  "noisy"  hypersonic  wind  tunnels,  it  lies  roughly 
between  0.1  to  0.6.  Figure  31  presents  typical  experimental  results  obtained  by  STAINBACK 
et  al.  /59/  on  sharp  cones  :  there  is  no  well  defined  Mach  number  effect,  and  the  data 
are  well  correlated  by  relation  (21)  with  1  =  0.45  .  In  fact,  the  problem  is  much  more 
complex  :  in  the  same  wind  tunnel,  there  are  some  operating  conditions  where  the  R 
dependence  disappears,  although  it  is  present  at  others  (see  SOFTLEY  et  al.  / 56 /  for 
instance) . 


Figure  31  -  Effect  of  unit  Reynolds  number  (Stainbaok  et  al.) 
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It  is  clear  that  the  unit  Reynolds  number  effect  represents  a  combined  response 
to  many  factors,  three  of  which  are  listed  below  : 

a  -  Radiated  noise  -  When  R  varies,  the  characteristics  of  the  wall  turbulent 
boundary  layer  are  modified,  so  that  the  radiated  noise  is  also  modified.  This  factor  is 
accounted  for  by  PATE's  relation  (15),  which  implies  that  Rx-p  increases  as  the  square 
root  of  R.  Consequently,  if  the  acoustic  irradiations  are  removed  (flight  tests),  the  R 
dependence  would  disappear. 

b  -  Nose  bluntness  -  Even  with  very  small  nose  radii  r  or  very  small  leading  edge 
thickness  b,  Rx<j>  is  very  sensitive  to  Rr  or  Rb  (see  previous  section)  .  As  Rr  =  Rr  and 
Rb  =  Rb,  increasing  R  for  fixed  r  or  b  can  modify  the  transition  Reynolds  number. 

c  -  Receptivity  and  stability  theory  -  As  it  has  been  demonstrated  in  Section  4.1, 
the  amplitude  A  of  a  given  eigenoscillation  of  frequency  f  can  be  expressed  by  : 

A(x,f)  -  Ao(f)  f-Xaidx  (22) 

xo 

where  Ao  is  the  amplitude  taken  at  the  position  x0  where  the  wave  begins  to  be  amplified. 
The  receptivity  problem  consists  in  establishing  the  link  between  Ao(f)  and  the  amplitude 
E(f)  of  the  free-stream  disturbances  having  the  same  frequency.  Intuitively,  one  can  think 
that  E(f)  =  0  implies  Ao(f)  =*  0  ;  it  follows  that  A(f)  =0  at  all  downstream  locations, 
whatever  the  amplification  rate  is. 

Let  us  consider  now  the  simplest  example  of  a  flat  plate  with  a  constant  free-stream 
Mach  number.  Changing  the  unit  Reynods  number  R  has  the  following  consequences  : 

.  the  free-stream  disturbances  spectrum  is  changed.  Its  upper  frequency  limit  fi 
is  a  (generally  increasing)  function  of  R  ? 

.  in  the  boundary  layer,  the  range  of  potentially  unstable  frequencies  is  also 
changed  ;  the  stability  diagram  remains  the  same  when  expressed  in  dimensionless  variables, 
but  this  is  no  longer  true  when  physical  variables  are  used. 


Figure  32  -  Effect  of  unit  Reynolds  number  on  stability  characteristics 


As  it  is  illustrated  in  Figure  32,  the  relative  motion  of  the  environmental  distur¬ 
bances  spectrum  and  of  the  linearly  unstable  frequency  range  can  give  rise  to  a  strong  unit 
Reynolds  number  effect.  For  instance,  if  f^  exceeds  the  upper  limit  of  the  unstable  waves  fre¬ 
quencies,  then  all  instability  waves  will  be  excited  and  the  transition  Reynolds  number  will 
be  low  (Figure  32a)  .  On  the  contrary,  if  f]_  is  close  to  the  lower  branch  of  the  stability 
diagram  (Figure  32b)  ,  a  certain  band  of  eigenoscillations  will  be  excited  at  high  Reynolds 
number  :  for  f  >  f^,  £(f)  =  0,  so  that  Ao(f)  *  0  and  A(f)  *  0,  even  if  these  frequencies  are  un¬ 
stable  according  to  the  linear  stability  theory.  In  this  case,  lar^e  values  of  Rxt  can  be 
measured.  On  the  other  side,  as  the  dimensionless  frequency  appearing  in  stability  computa¬ 
tions  is  2*f\j/u|  ,  the  characteristic  frequency  u|/v  is  also  an  important  parameter. 

These  problems  were  carefully  investigated  by  STETSON  et  al.  /60/,  who  concluded  that 
"knowledge  of  the  stability  characteristics  of  a  boundary  layer  is  only  part  of  the  problem. 
The  external  disturbances  must  be  prescribed  in  order  to  make  a  boundary  layer  transition 
prediction  based  upon  stability  considerations".  By  the  way,  it  becomes  clear  that  the  en 
method  has  a  limited  physical  meaning,  because  it  assumes  implicite+y  that  all  unstable 
waves  have  the  same  initial  amplitude. 
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12.  STREAMWISE  CURVATURE  EFFECTS 


For  flows  developing  over  a  convex  surface,  centrifugal  forces  exert  a  stabilizing 
effect,  in  the  sense  that  a  displaced  fluid  element  tends  to  be  restored  to  its  equili¬ 
brium  position.  The  magnitude  of  this  effect  is  small  :  in  incompressible  flow,  it  was 
found  that  on  convex  surfaces  up  to  6i/5t=  0.0026  {& is  the  radius  of  curvature),  the  same 
TOLLMIEN-SCHLICHTING  instability  occurs  as  for  the  flat  plate  and  the  transition  Reynolds 
number  remains  unchanged. 


Figure  33  -  Gortler  vortices  in  a  flow 
along  a  concave  wall . 


Figure  34  -  Gortler  vortices  behind  a  backward 
facing  step  at  Mach  3  (Ginoux) 


On  the  other  hand,  the  destabilizing  effect  of  centrifugal  forces  on  concave  walls 
leads  to  the  formation  of  pairs  of  counter-rotating  vortices,  the  axes  of  which  are 
parallel  to  the  principal  flow  direction  {Figure  33) .  This  instability,  which  was  first 
treated  by  GORTLER  /61/,  acts  in  two  ways  on  the  boundary  layer  development.  At  first, 
the  GORTLER  vortices  affect  indirectly  the  transition  process  by  modifying  the  development 
of  unstable  waves  and  the  breakdown  to  turbulence  occurs  earlier  than  on  a  flat  plate.  The 
second  aspect  is  essentially  important  in  compressible  flows  :  the  vortices  induce  span- 
wise  variations  of  the  wall  heat  flux,  which  result  in  strong  nonhomogeneities  of  the  wall 
temperature  in  the  laminar  regime. 

In  fact,  the  appearance  of  GORTLER  instability  is  not  necessarily  linked  with  the 
presence  of  a  concave  surface  ;  arrays  of  longitudinal  vortices  can  be  observed  on  flat 
plates  as  soon  as  the  model  geometry  imposes  a  concave  curvature  in  the  streamlines.  For 
example,  GINOUX  /62/  showed  evidence  of  streamwise  vortices  at  a  Mach  number  of  3,  behind 
a  backward  facing  step.  The  sublimation  _  ^.cture  reported  in  Figure  34  shows  a  typical 
example  of  striation  pattern  observed  in  the  reattachment  region.  In  this  case,  the  boundary 
layer  streamlines,  in  separating  from  the  corner  and  reattaching  on  the  plate,  exhibit  a 
strong  concave  curvature  which  induces  streamwise  vortices.  GINOUX  measured  the  local  heat 
transfer  rates  and  noted  that  the  effect  of  these  vortices  was  to  produce  locally  very 
large  peaks  in  the  heat  rate,  much  larger  than  the  usually  measured  turbulent  values 
immediatly  after  transition. 

Streamwise  vortices  were  also  observed  by  many  authors  behind  a  wire  roughness  or 
downstream  the  reattachment  line  in  a  compression  corner  (DELERY-COET  /6 3 / )  .  TOBAK  / 64/ 
demonstrated  that  concave  curvature  in  the  streamlines  may  be  connected  with  the  origin 
of  "cross-hatching"  on  the  surface  of  re-entry  vehicles.  In  all  cases,  the  vortices  are 
responsible  for  large  spanwise  variations  of  the  wall  heat  flux. 


On  the  theoretical  side,  the  problem  of  GORTLER  vortices  can  be  treated  by  using  a 
linearized  stability  theory.  Several  papers  were  devoted  to  stability  analyses  in  incom¬ 
pressible  flow  (see  /65/  for  example) ,  but  calculations  including  compressibility  effects 
are  not  numerous.  EL-HADY  and  VERMA  / 6 6 /  investigated  the  growth  of  streamwise  vortices 
in  two-dimensional  boundary  layers  along  curved  surfaces  over  a  range  of  Mach  numbers 
from  0  to  5  i  similar  computations  are  currently  performed  at  ONERA/CERT  by  S.  JALLADE  /67/. 
These  calculations  use  a  curvilinear  system  of  coordinates  representing  streamlines  and 
potential  lines  of  the  inviscid  flow.  It  can  be  demonstrated  that  the  mean  flow  is  described 
at  the  first  order  by  the  conventional  compressible  boundary  layer  equations.  A  steady 
three-dimensional  small  disturbance  is  then  superposed  on  this  two-dimensional  basic  flow  ; 
the  disturbances  under  consideration  are  assumed  in  the  form  : 

r'  -  r(y)  cos(az)  exp(ox),  with  r’  *  u' ,  v' ,  p'  or  T'  (2_. 

and  w*  *  w(y)  sin(az)  exp(ox),  1 

where  a  is  the  wavenumber  in  the  spanwise  direction  and  o  the  spatial  growth  rate  in 
the  x-direction  along  the  curved  wall,  a  and  o  are  usually  made  dimensionless  with  the 
characteristic  length  L  *  (v«  x/u»)l/2  . 

As  for  the  TOLLMIEN-SCHLICHTING  waves  problem,  relation  (23)  are  substituted  into 
the  linearized  NAVI ER- STOKES  equations.  Keeping  the  leading  term  leads  to  an  eighth  order 
system  of  homogeneous,  linear,  ordinary  differential  equations  with  homogeneous  boundary 
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conditions.  This 
G  is  the  GttRTLER 


forms  an  eigenvalue  problem  for  the  three  real  parameters 
number,  defined  as  : 


UcoL 
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i/2 
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o  and  G. 


(24) 


where  is  the  radius  of  curvature  of  the  wall. 


Figure  35  -  Stability  diagrams  fcr  M  =  0  (a)  and  3  (b)  (<Jalladet  /67/) 


Two  stability  diagrams  are  presented  in  Figure  35  for  an  adiabatic  wall  and  two  Mach 
numbers  (Mw  =  0  and  3) .  Curves  of  constant  amplification  rate  are  plotted  in  the  GORTLER 
number -wave number  plane.  The  shape  of  these  curves  does  not  change  very  much  when  the  Mach 
number  increases  ;  as  for  the  TOLLMIEN-SCHLICHTING  waves,  there  is  a  critical  GORTLER 
number,  Gcr  ,  below  which  the  flow  is  stable  for  any  disturbance  wavenumber.  It  can  be 
observed  that  compressibility  has  a  stabilizing  effect  :  as  M«,  increases  ,  the  maximum 
growth  rate  at  a  given  G0RTLER  number  decreases  ;  however,  the  influence  of  compressibility 
on  reducing  a  becomes  very  small  at  high  values  of  G.  Computations  by  EL-HADY  and  VERMA 
showed  also  that  G&RTLER  instability  is  more  difficult  to  influence  and  control  by  suction 
or  cooling  than  TOLLMIEN-SCHLICHTING  instability. 

It  is  then  possible  to  calculate  the  total  amplification  rate  In  A/Ao  by  inte¬ 
grating  the  local  growth  rate  in  the  streamwise  direction.  For  the  TOLLMIEN-SCHLICHTING 
waves,  this  integration  is  carried  out  for  each  frequency  ;  for  the  GORTLER  vortices,  it 
is  performed  for  each  spanwise  wavelength.  This  was  done  by  EL-HADY  and  VERMA,  who 
concluded  that  compressibility  reduces  the  maximum  amplitude  ratio  by  20%  as  Mach  number 
increases  from  0  to  5 .  BECKWITH  et  al.  / 6 9 /  used  the  en  method  in  order  to  predict  transi¬ 
tion  location  along  the  nozzle  walls  of  the  "quiet  tunnel"  ;  they  found  that  TOLLMIEN- 
SCHLICHTING  instability  is  weak,  and  that  transition  results  in  the  growth  of  G5RTLER 
vortices  along  the  concave  walls.  Nevertheless,  calibration  of  the  en  method  for  the 
G5RTLER  instability  remains  an  open  question. 


13.  EFFECTS  OF  3D  ROUGHNESSES  IN  2D  MEAN  FLOW 

It  has  been  emphasized  that  conventional  wind-tunnel  facilities  cannot  properly 
simulate  flight  transition  conditions.  This  is  essentially  true  for  "natural"  transitions 
occuring  on  smooth  surfaces.  Nevertheless,  when  large  roughness  elements  are  introduced 
into  the  laminar  boundary  layer,  on  can  expect  that  their  effects  would  overwhelm  those 
of  wind  tunnel  noise,  so  that  the  experimental  results  become  representative  of  flight 
conditions.  This  section  is  devoted  to  a  survey  of  available  information  related  to  the 
effects  of  three-dimensional  roughness  elements  (spheres  or  cylinders  normal  to  the 
wall)  in  a  two-dimensional  laminar  boundary  layer. 

13.1.  Flow  field  around  and  downstream  of  a  roughness  element 

Figure  36  shows  a  proposed  flow  model  for  a  spherical  roughness  element  ;  this 
model  is  based  on  oil  patterns  obtained  by  MORRISETTE  et  al.  /70/.  The  free-stream  Mach 
number  is  equal  to  5.5,  and  the  sphere  diameter  is  about  twice  the  boundary  layer  thick¬ 
ness.  The  visualization  indicates  that  the  flow  separates  well  ahead  of  the  element. 

The  shock  from  the  separation  wedge  is  assumed  to  interact  with  a  bow  shock  produced 
ahead  of  the  protuberance.  A  group  of  vortices  initiate  ahead  of  the  sphere  and  pass 
around  the  element.  The  downstream  development  of  the  vortices  is  illustrated  in  Figure  37, 
which  presents  a  wall  visualization  obtained  at  ONERA  / 7 1 /  by  using  a  thermosensitive 
paint  (Me  =  5.25  ,  k/6  =  1.5  ,  where  k  is  the  roughness  height).  The  "legs"  of  the 
vortices  remain  parallel  with  the  wind  tunnel  axis  up  to  a  certain  distance  L  from  the 
roughness  ;  a  close  examination  of  the  photographs  indicate  that  one  to  three  vortices 
are  at  first  visible  around  the  sphere  (depending  on  its  diameter),  but,  in  all  cases, 
a  single  vortex  remains  visible  at  the  distance  L.  At  this  point,  one  can  observe  the 
onset  of  a  "turbulent"  wedge  which  spreads  slowly  downstream.  The  exact  mechanism  of  this 
breakdown  is  not  very  well  known  at  this  time. 
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Figure  36  -  Flow  field  around  a  spherical 
roughness  element  (Morisettc) 
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Figure  37  -  Example  of  visualization  using 
thermosensitive  paint. 


13.2.  The  effective  roughness  height 

Some  notations  are  given  in  Figure  38a,  in  order  to  introduce  quantitative  results. 
xTO  represents  the  "natural”  transition  location  (without  roughness) ,  and  xT  is  the 
transition  location  when  a  roughness  element  is  present  ;  x^  is  defined  as  the  point 
where  the  turbulent  wedge  begins  to  develop,  i.e.  *t  =  +  L  ,  where  x^  corresponds  to 

the  roughness  location.  xTq  ,  x>i>  /  xk  and  k  are  used  for  obtaining  the  Reynolds 
numbers  Rx^q  •  RxT  •  Rxk  an<*  Rk  •  these  are  computed  with  the  velocity  and  the  kinematic 
viscosity  taken  in  the  free-stream. 


Rx, 


Figure  38  -  Effect  of  a  three-dimensional  roughness  element  on  transition 


Figure  38b  shows  schematically  the  influence  of  the  roughness  size  on  transition 
location.  Between  (T)  and  Q|)  ,  the  roughness  has  very  little  effect  ,  indicating  that  the 
streamwise  vortices  wrapped  around  the  protuberance  do  not  dominate  the  boundary  layer 
development  before  they  decay.  The  region  between  (2)  and  ^  is  characterized  by  a 
relatively  small  change  in  roughness  size,  causing  a  large  change  in  transition  position  ; 
however,  as  Mach  number  increases,  this  movement  becomes  more  and  more  gradual.  The 
curve  beyond  point  (3)  shows  only  a  small  change  in  transition  location  with  trip  size. 
Point  (3)  in  the  bend  of  the  transition  curve  is  defined  as  the  "effective  trip"  size, 
and  the  value  of  R^  at  this  point  is  denoted  Rkejf  ;  for  a  constant  unit  Reynolds  number 
and  for  increasing  roughness  heights  such  that  R^  >  Rkeff  ,  the  distance  L  between  the 
trip  and  the  turbulent  wedge  apex  remains  pratically  constant.  In  fact,  the  Reynolds 
number  RL  =  ueL/ ve  depends  on  the  Mach  number  and  on  the  model  geometry.  This  can  be  seen 
in  Figure  39,  published  by  MORISETTE  et  al.  /70/,  which  presents  the  evolution  of  RL  as 
a  function  of  Me  for  flat  plates  and  cones..  ;  some  additional  data  obtained  at  ONERA  / 7 1 / 
are  also  plotted  on  this  figure.  For  incompressible  flow,  the  turbulent  wedge  begins  to 
spread  immediatly  downstream  of  the  roughness,  but  Rl  increases  for  increasing  Mach  numbers. 
On  the  other  side,  there  are  large  differences  between  the  curves  obtained  for  cones  and 
for  flat  plates. 
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Figure  39  -  Variation  of  Reynolds  number 

based  on  distance  from  trip  to 
transition  with  Mach  number  : 
open  symbols  :  experimental 
data  collected  by  Morrisette 

•  :  O.N.E.R.A .  experiments . 


13.3.  Transition  criteria 

From  a  practical  point  of  view,  the  value  of  Rkef f  is  of  great  importance  . 

VAN  DRIEST  and  BLUMER  performed  a  series  of  experiments  in  order  to  deduce  empirical 
correlations  between  Rkeff  ,  Rx^  and  the  flow  parameters.  The  measurements  were  made  on 
cones ,  for  free-stream  Mach  numbers  within  the  range  of  1.9  to  3.67.  The  results  were 
obtained  on  adiabatic  walls  /72/  / 7 3 /  and  later  on  cooled  walls  / 7 4  7 .  Spheres  were  used 
as  tripping  devices  and  the  transition  position  was  measured  with  a  schlieren  system. 

VAN  DRIEST  and  BLUMER  correlated  their  experimental  results  with  the  following 
relationship,  which  includes  variations  in  Mach  number  and  heat  transfer  : 

Rke£f  =  33.4  [l  +  2-j-i  Mi  -  0.83  ]  Rxk  *  (25) 


Let  us  recall  that  this  relation  was  deduced  from  cone  experiments.  VAN  DRIEST  and 
BLUMER  assumed  that  it  was  also  applicable  to  flat  plate  flows  by  using  MANGLER's  trans¬ 
formation,  which  simply  consists  in  replacing  the  coefficient  33.4  by  33.4  (3)l/*  =  44.  on 
adiabatic  walls,  relation  (25)  reduces  to  : 

(Rkeff)aw  .  K  [l  +  r-~  ■  M|  ]  (26) 

with  K  «  33.4  and  44  for  cones  and  flat  plates,  respectively.  It  can  also  be  demonstrated 
that  : 

1-0.33  (2**^)  <27, 


where  r:e  is  the  stagnation  temperature  in  the  free-stream. 

Figure  40  shows  the  application  of  VAN  DRIEST  -  BLUMER  relation  to  some  experimental 
results  on  cones.  Values  of  (Rkeff)aw  computed  from  measured  values  of  Rkeff  by  using 
relation  (27)  are  plotted  as  a  function  of  Rx^  for  Mach  numbers  between  1.9  and  8.5. 

The  dotted  lines  represent  theoretical  values  of  (Rkeff)^w  given  by  (26)  .  The  agreement 
is  good  for  Me =1.9  ,  2.7  and  3.67  ;  this  is  not  suprising  because  these  experimental 
data  were  obtained  by  VAN  DRIEST  and  BLUMER  who  used  them  for  obtaining  relation  (25) . 

For  Me  =  8.5  (Me  CAULEY  et  al.  experiments  /75/),the  criterion  underestimates  (Rkeff)aw 
by  a  factor  two. 


Figure  40  -  Variation  of  effective  roughness  Reynolds  number  with  Rx ^  and  Me 

for  cones.  experiments  -  -  -  -  van  Driest  -  Blumer  correlation. 
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Figure  41  -  Variation  of  effective  roughness  Reynolds  number  with  Rx^  and  Me 
for  flat  plates.  For  legend t  see  previous  figure. 


The  same  kind  of  comparisons  is  presented  in  Figure  41  for  flat  plate  experiments. 
In  this  case,  there  are  large  discrepancies  between  the  correlation  (26)  and  the  measure¬ 
ments,  even  for  the  lowest  Mach  numbers.  For  fixed  values  of  Me  and  Rx^  ,  the  ratio 
between  (Rkeff)aw  values  on  flat  plates  and  cones  is  only  44/33.4  =  1.32  by  applying 
relation  (26).  The  experiments  give  a  much  larger  ratio  (between  2  and  3)  ?  this  can  be 
seen  by  comparing  the  experimental  results  at  Me  =  8.5  and  Rx^  sr  106  in  Figures  40  and 
41.  The  conclusion  is  that  MANGLER's  transformation  is  generally  correct  for  the  mean 
flow  properties,  but  cannot  be  used  for  stability  and  transition  problems. 


Relations  (25)  to  (27)  give  only  the  value  of  the  effective  roughness  size.  POTTER 
and  WHITFIELD  /55/  deduced  a  correlation  describing  the  variation  of  transition  position 
with  change  in  roughness  Reynolds  number  Rfc.  In  fact,  is  modified  by  a  temperature 
function  which  gives  a  new  Reynolds  number  R'^  defined  as  : 

R'k  =  Rk  (Tk/Tw)  *  +°'5  (28) 

Tj<  is  the  static  temperature  at  the  top  of  the  roughness  and  represents  the 
exponent  in  viscosity-temperature  relation  (m  ^ Tw) . 


R'k  is  then  divided  by  a  parameter  e  ,  which  is  a  given  function  of  the  free-stream 
Mach  number,  and  the  ratio  R'fc/c  is  then  correlated  on  a  curve  such  that  : 


Figure  43  -  Correlation  used  to  predict  transition 

Figure  42  -  Correlation  proposed  by  Potter  and  Whitfield.  pwitivn  (Me  =  8.5).  Effect  of  the 

parameter  c 


This  curve  is  plotted  in  Figure  42.  MORISETTE  et  al.  1101  applied  this  correlation 
to  their  experiments  ;  an  example  of  comparison  is  shown  in  Figure  43.  It  appears  that 
the  transition  movement  is  fairly  well  predicted,  except  close  to  the  roughness  : 
for  R  k  "  £  t  the  curve  in  Figure  42  implies  that  x-j  =  x^.  This  means  that  transition 
can  be  moved  back  up  to  the  roughness  location,  in  contradiction  with  the  concept  of 
effective  roughness  height.  It  follows  that  the  correlation  of  POTTER  and  WHITFIELD 
can  be  used  only  between  points  <p  and  (7)  of  figure  38,  provided  the  smooth  wall 
transition  location  is  known. 
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13.4.  Effect  on  wall  heat  flux 


Up  to  now,  attention  was  focused  on  the  transition  position.  Another  important 
aspect  of  the  problem  is  the  variation  of  the  wall  heat  flux  in  the  presence  of  roughness 
elements.  Some  experimental  results  are  described  below  in  order  to  illustrate  the 
complexity  of  this  problem  ;  they  were  obtained  at  ONERA  for  the  following  conditions  : 

Me  =  5.25  ,  Tw/Taw  *  0.33  ,  R  =  11  108«Tl  fill.  The  roughness  elements  are  small 
cylinders,  the  height  of  which  is  equal  to  the  diameter.  They  are  placed  on  a  flat  plate, 
7  cm  downstream  of  the  leading  edge.  The  length  of  the  plate  is  c  =  25cm. 


-  Effect  of  a  roughness 
element  on  the  heat 
flux  rate. 


Figure  44  shows  the  evolution  of  the  heat  flux  coefficient  h  =  0W  / (Tw  “  Taw) 
in  the  streamwise  and  spanwise  directions,  downstream  of  a  cylinder  of  height 
k  =  1.2mm  =1.56.  In  these  conditions,  two  vortices  are  clearly  visible  around  and 
downstream  of  the  roughness,  and  the  turbulent  wedge  starts  to  develop  at  x/c  s  0.40. 
Upstream  of  this  position,  the  "legs"  of  the  vortices  induce  values  of  the  heat  flux 
which  can  be  two  times  greater  than  those  which  are  measured  in  the  turbulent  region.  Let 
us  observe  also  that  a  local  maximum  of  the  heat  flux  is  detected  on  each  side  of  the 
turbulent  wedge. 


A 


Figure  45  -  Heat  flux  rate  behind  roughness  element  of  increasing  size  (spheres) 


Streamwise  evolutions  of  the  wall  heat  flux  are  plotted  in  Figure  45  for  various 
roughness  si2es.  The  measurements  are  made  with  a  row  of  thermocouples  located  along  the 
symmetry  plane  of  the  roughness  .  Immediatly  downstream  of  the  protuberance,  the  wall  heat 
flux  increases  with  increasing  values  of  k  ;  and  it  becomes  difficult  to  define  a 
"transition  point".  For  k  2  1.2  mm,  the  heat  transfer  rate  is  practically  constant  down¬ 
stream  of  the  roughness  element  (except  close  to  the  element  where  it  reaches  values  larger 
than  the  turbulent  ones).  To  summarize,  the  problem  of  minimizing  the  heat  transfer  rates 
in  hypersonic  boundary  layers  requires  not  only  to  delay  transition,  but  also  to  avoid 
streamwise  vortices  in  the  laminar  boundary  layer  (GORTLER  vortices  or  roughness. induced 
vortices . 
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14.  TRANSITION  REGION  (TWO-DIMENSIONAL  FLAT  PLATE  FLOWS) 

14.1.  Definition  of  the  transition  region 

Transition  starts  when  the  first  turbulent  structures  (spots)  appear  in  the 
laminar  boundary  layer.  In  natural  conditions,  the  spots  originate  in  a  more  or  less 
random  fashion.  Once  created,  they  are  swept  along  with  the  mean  flow,  growing  laterally 
and  axially,  and  finally  covering  the  entire  surface.  The  transition  region  is  defined 
as  the  region  where  the  spots  grow,  overlap  and  form  a  turbulent  boundary  layer.  When 
a  hot  wire  is  placed  in  the  boundary  layer  (or  when  a  film  gage  is  mounted  flush  with  the 
model  surface) ,  the  fluctuations  which  are  recorded  in  the  transition  region  show  the 
successive  appearance  of  turbulent  spots  and  of  laminar  regions  :  it  is  the  intermittency 
phenomenon.  The  intermittency  factor  y  represents  the  fraction  of  the  total  time  that  the 
flow  is  turbulent.  Experimentally,  it  is  not  always  easy  to  define  the  beginning  (y  =  0 ) 
and  the  end  (y  =  1)  of  transition. 

The  beginning  of  transition  is  often  taken  at  the  point  of  initial  measurable 
deviation  of  a  characteristic  parameter  from  its  laminar  evolution.  This  can  be,  for 
instance,  the  beginning  of  a  faster  growth  of  the  boundary  layer  thickness,  the  point  of 
minimum  surface  temperature  (or  surface  Pitot  pressure,  or  wall  heat  flux) ,  the  location 
where  the  increase  in  the  rms  voltage  from  a  hot  wire  becomes  steeper...  As  it  has  been 
pointed  out  by  OWEN  and  HORSTMAN  /76/ ,  most  of  the  transition  data  reported  for  high 
speed  flows  are  not  based  on  direct  observations  of  turbulent  spots,  but  rather  on  the 
evolution  of  some  macroscopic  parameter  (skin  friction,  heat  transfer...)  ;  their  depar¬ 
ture  from  laminar  values  can  be  detected  only  when  the  intermittency  is  appreciably 
greater  than  zero. 

In  the  transition  region,  it  is  well  known  that  quantities  such  as  rms  voltage, 
skin  friction,  wall  heat  flux...  reach  a  maximum  at  nearly  the  same  location  /II /  and  then 
decrease  more  or  less  slowly.  The  peak  value  of  these  quantities  is  often  used  to  define 
the  end  of  transition,  because  its  position  is  easy  to  measure  accurately.  However,  these 
points  are  located  upstream  of  the  end  of  transition.  For  instance,  it  is  established 
(OWEN,  /77/)  "that  the  peak  rms  signal  coincides  with  the  point  where  the  turbulent  burst 
frequency  is  maximum"  and  not  with  the  point  where  the  boundary  layer  is  fully  turbulent. 

These  observations  can  explain  to  a  great  extent  the  large  scatter  which  is  observed 
in  transition  data.  Inconsistent  choices  of  criteria  for  the  beginning  and  the  end  of 
transition  make  difficult  to  compare  experimental  results  obtained  through  different 
techniques.  However,  in  spite  of  these  problems,  some  general  trends  have  been  put 
forward,  as  it  will  be  shown  below. 


14.2  Extent  of  the  transition  region 

Let  us  assume  now  that  the  locations  of  transition  onset,  X?  ,  and  of  transition 
end,  xg  ,  are  measured  in  a  consistent  way.  Ax  =  xg  -  x-j  represents  the  transition 
extent,  and  the  Reynolds  numbers  RxT  ,  Rxe»  RAx  are  based  on  x<r»  X£  and  Ax,  respectively. 
The  evolution  of  RAx  as  a  function  of  Rxg  is  given  in  Figure  46  for  free-streara  Mach 
numbers  between  0  and  8  ;  these  data  were  obtained  or  collected  by  POTTER  and  WHITFIELD  /55/, 
who  defined  x«r  and  xe  by  examining  the  boundary  layer  growth  from  schlieren  photo¬ 
graphs.  At  a  given  value  of  Rxe  it  is  clear  that  a  significant  increase  in  RAx  is  associated 
with  increasing  Mach  number.  CHEN  and  THYSON  / 7 8 /  suggested  the  following  relationship  : 

RAX  -  (60  +  4.86  Me 1,92 )  Bxj2^3  (30) 

which  reflects  the  experimental  trend.  Parameters  such  as  wall  temperature,  unit  Reynolds 
number.,  are  not  taken  into  account  in  this  correlation,  it  was  noted  by  MORKOVIN  /79/ 


8-32 


that  "the  lateral  or  transverse  growth  of  a  turbulent  spot  decreases  from  about  11° 
semiangle  at  low  speeds  to  about  half  the  angle  at  hypersonic  speeds".  The  same  observa¬ 
tion  can  be  made  for  the  spreading  of  a  turbulent  wedge  behind  an  isolated  roughness 
element.  Both  phenomena  involve  the  same  physical  mechanism  which  is  called  "transverse 
contamination" . 


14.3.  Transition  region  modelling 

From  a  practical  point  of  view,  the  modelling  of  the  transition  region  becomes  a 
more  and  more  important  problem  when  the  Mach  number  increases  :  this  is  due  to  the  fact 
that,  for  supersonic  and  hypersonic  flows,  the  evolution  from  the  laminar  to  the  turbulent 
state  occurs  along  a  streamwise  distance  which  can  be  much  more  important  than  the  laminar 
region  extent  which  precedes  it. 

A  practical  calculation  method  was  developed  at  ONERA/CERT  for  the  two-dimensional, 
incompressible  flows  /80/  and  then  extended  to  high  speed  conditions  :  it  is  assumed  that 
the  turbulent  shear  stress  is  expressed  by  : 

-  pu' v*  =  "entSu/By  <31) 

Ut  is  an  eddy  viscosity  coefficient,  which  is  computed  by  using  a  classical 
turbulence  model.  At  first  sight,  the  coefficient  "T  represents  the  intermittency  factor  y, 
in  this  sense  that  it  increases  from  0  in  laminar  flow  to  1  in  turbulent  flow.  From 
experimental  data  at  low  speeds ,  it  was  found  that  the  momentum  thickness  0g  at  the 
completion  of  transition  was  about  twice  the  momentum  thickness  0T  at  the  transition 
onset.  This  led  to  the  idea  that  "T  could  be  represented  as  a  function  of  0/0«p.  This 
function  was  determined  to  fit  available  experimental  results  in  zero  and  positive 
pressure  gradients.  It  is  shown  in  Figure  47  ;  one  of  the  problems  was  to  model  the  over- 


Figure  48  -  Comparison  with  experimental 
results  obtained  by  Juillen 


shoot  in  the  skin  friction  coefficient,  which  exists  in  the  middle  of  the  transition 
region  due  to  the  intermittency  phenomenon.  This  was  done  by  imposing  an  overshoot  to 
the  function  “T  ,  which  does  not  represent  the  physical  intermittency  factor,  but  rather  an 
empirical  weighting  coefficient  for  the  Reynolds  shear  stress. 

This  method  was  extended  to  supersonic  and  hypersonic  flows  by  taking  into  account 
the  lengthening  of  the  transition  region  at  high  speeds.  For  this,  the  analytical  expres¬ 
sion  of  the  function  "T  remains  the  same,  the  parameter  8/0-r-l  being  simply  replaced 
by  <8/9t  -  1)  /  <1  +  0.02  M|) . 

A  first  example  of  application  is  given  in  Figure  48.  The  calculated  wall  heat 
flux  is  compared  with  measurements  performed  by  JUILLEN  /30/  on  a  flat  plate  for  Me  =  7 . 
The  location  of  transition  onset  is  imposed  (x-p  =  0.1m).  Laminar  and  turbulent  curves 
deduced  from  analytical  flat  plate  relations  are  also  shown.  The  "intermittency"  method 
gives  good  results  ;  in  particular,  the  maximum  of  the  heat  flux  is  well  predicted. 

This  maximum  represents  an  overshoot  above  the  fully  turbulent  value,  as  it  can  be 
seen  by  comparison  with  the  turbulent  curve  ?  it  has  been  noticed  previously  that  this 
point  is  associated  with  the  maximum  spots  frequency,  and  not  with  the  completion  of 
transition.  In  fact, the  fully  turbulent  properties  are  only  achieved  towards  the  end  of  the 
plate. 


Figure  49  shows  another  example  of  comparison  between  experiments  and  calculations. 
The  measurements  were  carried  out  by  COLEMAN  et  al.  /81/  at  a  free-stream  Mach  number 
equal  to  9  and  for  three  values  of  the  unit  Reynolds  number.  As  for  the  previous  case, 
the  position  of  transition  onset  is  given  in  the  computations.  The  increase  in  the  wall 
heat  flux  and  the  location  of  its  maximum  are  well  predicted,  but  large  discrepancies 
are  observed  further  downstream.  The  calculations  indicate  that  the  transition  region 
extendB  up  to  x  a  0.6  m. 


8-33 


10'5  Re  /cm 

o  5.5  1 

i  276  r  Exper|msnts  :  Coleman  ,  Elfstrom  and  Stollery 
o  1.46  J 

-  Calculations 


Figure  49  -  Comparison  with  experimental  results  obtained  by  Coleman  et  al. 


15.  THREE-DIMENSIONAL  FLOWS  :  CROSS-FLOW  INSTABILITY 


When  a  boundary  layer  develops  on  a  three-dimensional  geometry ,  such  as  a  swept 
wing,  a  swept  cylinder  or  a  body  at  incidence,  the  mean  velocity  profile  becomes  twisted. 
It  is  usually  decomposed  into  a  streamwise  profile  u  (in  the  direction  of  the  external 
streamline)  and  a  cross-flow  profile  w  (in  the  direction  normal  to  this  streamline) ,  as 
illustrated  in  Figure  50. 


In  incompressible  flow,  the  mechanisms  of  three-dimensional  transition  are  relati¬ 
vely  well  understood,  see  review  papers  by  POLL  /82 /,  ARNAL  /83/,  SARIC  and  REED  /84/. 

As  a  first  approximation,  it  can  be  assumed  that  transition  is  induced  either  by 
streamwise  instability  or  by  cross-flow  instability.  The  streamwise  mean  velocity  profiles 
look  like  classical  two-dimensional  profiles  ;  they  are  essentially  unstable  in  positive 
pressure  gradients,  where  they  induce  transition  through  the  action  of  an  inflexional 
instability.  On  the  other  side,  an  inflexion  point  is  always  present  in  the  cross-flow 
mean  velocity  profiles.  As  these  profiles  develop  rapidly  in  regions  of  strong  negative 
pressure  gradients,  transitions  of  the  cross-flow  type  are  expected  to  occur  in  accele¬ 
rated  flows,  for  instance  in  the  vicinity  of  the  leading  edge  of  a  swept  wing.  In  addition, 
a  linear  stability  analysis  shows  that  cross-flow  instability  can  amplify  zero  frequency 
disturbances  ;  this  leads  to  the  formation  of  stationary,  corotating  vortices  aligned  in 
the  local  streamwise  direction.  In  the  experiments,  cross-flow  vortices  are  observed  as 
regularly  spaced  streaks. 

Experimental  and  numerical  results  on  cross-flow  instability  are  not  numerous 
for  supersonic  and  hypersonic  flows.  Transition  on  a  cone  at  angle  of  attack  was  inves¬ 
tigated  by  MARCILLAT  at  M«  «  5  /85 /  and  by  STETSON  et  al.  at  Moo  *  8  /86/,  In  a  recent 
paper,  CREEL  et  al.  /87/  reported  oil  flow  studies  on  circular  cylinders  at  sweep  angles 
of  45  and  60  deg.  The  data  were  obtained  in  the  Mach  3.5  "quiet  tunnel"  at  NASA  LANGLEY. 

The  visualizations  revealed  the  presence  of  cross-flow  vortices  as  a  series  of  widely 
spaced  streaks.  The  ratio  of  the  wavelength  of  the  vortices  to  the  attachment  line 
boundary  layer  thickness  was  A/6  a  5  to  7.  Values  of  A  computed  by  MALIK  for  the  most 
amplified  stationary  disturbances  using  compressible  linear  stability  theory  are  in 
excellent  agreement  with  the  measured  values. 
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To  our  knowlege,  no  attempt  has  been  made  to  apply  the  en  method  for  predicting 
the  transition  onset  in  three-dimensional,  supersonic  flows.  Even  at  low  speeds,  the 
calculation  of  the  total  amplification  rates  for  the  cross-flow  unstable  waves  is  not 
straightforward  .  A  much  simpler  method  is  to  use  empirical  correlations,  such  as  the 
OWEN  and  RANDALL  criterion  /88/ ,  which  is  based  on  a  crossflow  Reynolds  number  X  =  wmax6/ve« 
From  experiments  on  subsonic  swept  wings,  OWEN  and  RANDALL  observed  that  cross-flow 
transitions  occur  when  X  reaches  a  value  of  150  to  175.  PATE  /5/  noted  that  this  criterion 
appears  to  hold  also  in  supersonic  flow  regime.  However  subsequent  investigations  in 
incompressible  flow  indicated  that  the  value  of  X  at  transition  could  vary  up  to  300. 
There  are  at  least  two  explanations  to  these  discrepancies  :  the  first  one  is  that  the 
experimental  data  used  by  OWEN  and  RANDALL  were  biased  by  leading  edge  contamination 
problems  (see  below)  j  the  second  one  is  that  the  value  of  X  at  the  transition  onset  is 
not  necessarily  unique.  ARNAL  et  al.  /89/  proposed  an  incompressible  cross-flow  criterion 
in  which  a  cross-flow  Reynolds  number  taken  at  transition  onset  was  a  function  of  the 
streamwise  shape  factor.  Further  investigations  are  needed  to  check  this  correlation  at 
high  speeds. 


16.  THREE-DIMENSIONAL  FLOWS  :  LEADING  EDGE  CONTAMINATION  AND  ASSOCIATED  PROBLEMS 

The  attachment  line  is  a  particular  streamline,  which  divides  the  flow  into  one 
branch  following  the  upper  surface  of  the  body  and  another  branch  following  the  lower 
surface,  see  Figure  51. 


Let  us  consider  the  simplest  case  of  a  swept  cylinder  of  constant  radius  r.  If  the 
cylinder  is  in  contact  with  a  solid  wall  (fuselage,  wind  tunnel  wall...),  it  has  been 
observed  that  large  turbulent  structures  coming  from  the  wall  at  which  the  model  is 
fixed  may  develop  along  the  attachment  line  :  it  is  the  so-called  leading  edge  conta¬ 
mination,  which  occurs  for  particular  combinations  of  the  flow  parameters  (sweep  angle, 
leading  edge  radius,  unit  Reynolds  number),  without  resorting  to  linear  processes.  In 
this  Section,  the  main  results  obtained  in  incompressible  flow  will  be  summarized,  as 
well  as  their  extension  for  supersonic  and  hypersonic  flows. 

16.1.  Results  in  incompressible  flow 

In  the  coordinate  system  (X,Z,y)  linked  to  the  cylinder,  Z  coincides  with  the 
attachment  line,  X  is  normal  to  Z  on  the  cylinder  surface,  and  the  y-axis  is  normal  to 
the  wall.  U  and  W  are  the  projections  of  the  mean  velocity  along  X  and  Z  (Figure  51) . 

In  the  neighbourhood  of  the  attachment  line,  the  flow  at  the  edge  of  the  boundary  layer 
is  given  by  : 


Ue  =  kX  and  We  =  Q»  sin<f>  =  constant  (32) 

If  the  derivatives  along  the  spanwise  direction  Z  are  set  equal  to  zero,  the 
boundary  layer  equations  have  a  similarity  solution  : 

U/Ue  =  f  ’  (n)  and  W/We  =  g(n)  with  n*  y(k/v)  (33) 

Tabulations  of  f ' (n)  and  g(n)  may  be  found  in  standard  books  ,  e.g.  ROSENHEAD 
/90/ .  Along  the  attachment  line,  U  =  0,  because  Ue  =  0.  An  important  parameter  is  the 
Reynolds  number  R  defined  as  : 

R  =  -2SH-  (34) 

n  -  (v/k)1^  is  a  characteristic  length  scale. 

A  number  of  experiments  have  shown  that,  if  R  is  lower  than  250,  the  bursts  of 
turbulence  convected  along  the_wall  are  damped  and  vanish  as  they  travel  along  the 
attachment  line.  However,  for  R  >  250,  these  burst  are  self-sustaining  ;  they  grow, 
overlap,  and  the  leading  edge  region  becomes  turbulent.  This  simple  criterion  was  used 
by  PFENNINGER  /91/  in  1965  ;  it  was  successfully  checked  in  many  further  investigations 
(GASTER  /92/ ,  CUMPSTY-HEAD  /93,  POLL  /94/,  ARNAL-JUILLEN  /95/  for  instance). 
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Figure  62  -  Location  S  where  the  first 
turbulent  bursts  are  observed. 

S  is  measured  from  the  wire  along 
the  attachment  line  (Poll). 


Figure  63  -  Notations  for  compressible  flows 


A  detailed  experimental  study  was  carried  out  by  POLL  / 94/,  who  investigated  the 
response  of  the  attachment  line  boundary  layer  to  the  presence  of  wires,  the  axis  of  which 
was  normal  to  the  leading  edge  direction.  If  the  wire  diameter,  d,  is  made  dimensionless 
with  the  length  seal*  n  ,  four  d/n  ranges  have  to  be  distinguished,  as  it  is  illustrated 
in  Figure  52  : 

.  Region  I  :  for  0  <  d/n  <  0.7,  the  wire  has  no  effect,  and  transition  is  triggered 
by  linear  mechanisms  ;  the  main  parameter  is  the  free-stream  disturbances  level. 

.  Region  II  :  for  0  <  d/n  <  1.5,  the  wire  begins  to  control  transition  ;  the  loca¬ 
tion  of  the  first  turbulent  spots  moves  closer  to  the  wire  when  R  is  increased. 

.  Region  III  :  for  1.5  <  d/n  <  1.9,  the  flow  is  either  fully  laminar  or  fully 
turbulent  behind  the  wire.  At  a  fixed  value  of_d/n,  this  change  in  the  boundary  layer 
structure  occurs  for  a  very  small  variation  of  R.  GASTER  /92/  and  CUMPSTY-HEAD  /93/  obser¬ 
ved  this  phenomenon  in  1967,  and  POLL  called  it  "flashing". 

.  Region  IV  :  for  d/n  >1.9  ,  turbulent  bursts  always  appear  immediatly  behind 
the  wire.  But,  if  R  is  lower  than  245 •  ,  they  decay  more  or  less  rapidly  as  they  are  con- 
vected  along  the  attachment  line.  If  R  is  greater  than  245,  the  size  of  the  bursts 
increases,  and  leading  edge  contamination  occurs.  It  is  clear  that  there  is  a  strong 
similarity  with  the  leading  edge  contamination  induced  by  a  wing-wall  junction. 

What  is  important  to  Keep  in  mind  is  that  there  exists  a  minimum  Reynolds  number 
(15  =  245)  beyond  which  every  turbulent  structure  generated  by  a  gross  disturbance  source 

becomes  self-sustaining,  develops  and  makes  the  leading  edge  turbulent.  It  is  an  example 
of  transition  mechanism  in  which  the  linear  stages  are  "bypassed". 

16.2.  Extension  to  compressible  flows 

If  the  Mach  number  Mn  =  Moocos<j>  is  supersonic,  a  bow  shock  is  formed  some  distance 
upstream  of  the  attachment  line  (Figure  53).  If  the  shock  is  parallel  to  the  cylinder  axis, 
the  mean  velocity  We  at  the  edefe  of  the  attachment  line  boundary  layer  remains  equal  to 
Wco  =  Q»sin<t>.  The  Reynolds  number  R  and  the  length  scale  n  are  now  defined  as  previously, 
with  tne  Kinematic  viscosity  ve  computed  at  the  boundary  layer  edge.  15  can  be  written  : 

1  =  VH  (Sin*  tg*  R~,d>1/2  /  (  jg  ) ‘^  _  Q  <35> 

where  Ro^d  =  — and  D  =  2r  is  the  cylinder  diameter.  For  M»  sin<}>  >  1.5,  the  dimen¬ 

sionless  pressure  gradient  parameter  (kD/U«) v  -  n  is  deduced  from  the  newtonian  theory 
/ 94/  : 


_  _ 2 _ 

'  2 

Te  , 

f  i  . 

■I  1/! 

V  Uoo/X  =  0  Mco  cos  $ 
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Too  1 

i1  p  J 

J 

Several  sets  of  experiments  were  devoted  to  the  study  of  leading  edge  contamination 
at  high  speeds.  In  most  of  the  cases,  end  plates  were  used  as  sources  of  gross  disturbances 
(BUSHNELL  /96/,  BRUN  et  al  /97/,  YEOH  /98/,  ALZIARY  et  al. /99/) .  Figure  54  illustrates 
the  complexity  of  the  shock  pattern  at  the  cylinder-end  plate  junction.  In  order  to  corre¬ 
late  the  experimental  data,  POLL  /10Q/  introduced  a  transformed  Reynolds  number  15*  , 
which  has  the  same  definition  as  15,  except  that  ve  is  replaced  by  v*  ,  so  that  : 
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R* 


v*  1/2 
ve 


(37) 


v*  is  the  kinematic  viscosity  computed  at  a  reference  temperature  T*  which  may 
be  estimated  by  using  the  following  empirical  relationship  (POLL,  / 1 0 0 / )  : 

T*  =  Te  +  0.10  (Tw-Te)  +  0.60  (Taw  -  Te)  (38) 


POLL  analyzed  available  experimental  data  for  0  <  Me  <  6  (let  us  recall  that  Me 
is  the  spanwise  Mach  number  at  the  boundary  layer  edge  ;  it  is  obviously  lower  than  M®  ) 
and  showed  that  leading  edge  contamination  occurs  for  R*  =  245  ±  35,  as  illustrated  in 
Figure  55.  There  are  no  effects  of  the  Mach  number,  of  the  unit  Reynolds  number  and  of 
the  wall  temperature.  This  means  that  region  IV  in  Figure  52  exists  from  subsonic  to 
hypersonic  flows,  provided  15  is  replaced  by  T5*-.  The  question  arises  if  the  other  three 
regions  have  a  counterpart  at  high  speeds  in  the  *  variables. 


Region  I  was  studied  by  CREEL  et  al.  /87/  in  the  quiet  tunnel  of  NASA  LANGLEY. 
Transition  was  detected  along  the  attachment  line  of  swept  cylinders,  without  disturbance 
sources  and  with  small  roughness  elements.  By  opening  or  closing  the  "bleed"  valve,  free- 
tream  noise  levels  were  varied  from  extremely  low  values  to  much  higher  values  approaching 
those  in  conventional  wind  tunnels.  The  main  results  are  reported  in  Figure  56,  which 
shows  the  evolution  of  15*  at  transition  as  a  function  of  k/n*.  k  is  the  roughness 
height  and  n*  =  (v*/k)1'2  is  a  modified  length  scale.  The  following  effects  are  observed  : 

a  -  On  smooth  cylinders  (k  =  0),  "natural"  transition  occurs  for  R*  =  650  to  700, 
in  agreement  with  the  values  of  15  found  by  POLL  at  low  speeds  (see  figure  52) .  Twenty 
years  ago,  BUSHNELL  and  HUFFMAN  /101 /  had  shown  from  correlations  of  data  for  Mach  numbers 
up  to  10  that  the  flow  on  an  undisturbed  leading  edge  was  always  laminar  up  to  Rod,d  5  8  10*  ; 
CREEL  et  al.  observed  that  their  results  are  also  in  reasonable  agreement  with  this  crite¬ 
rion.  Another  interesting  feature  is  that  the  wind  tunnel  noise  has  no  effect  on  "natural" 
transition  Reynolds  number.  This  surprising  behaviour  could  be  explained  by  a  recent  theory 
on  the  receptivity  of  supersonic  laminar  boundary  layer  to  acoustic  disturbances  ;  calcu¬ 
lations  by  GAPONOV  (referenced  by  CREEL  et  al.)  demonstrated  that  external  noise  cannot 
generate  instability  waves  when  the  boundary  layer  thickness  is  constant,  as  it  is  the 
case  along  an  attachment  line.  On  the  other  side,  boundary  layers  on  cones  or  flat  plates 
are  growing,  so  that  the  wind-tunnel  noise  has  large  effects  on  transition. 
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Figure  56  -  Transition  Reynolds  number  along  the  attachment  line 
with  small  roughness  elements  (Creel  et  al.). 


b  -  Small  trips  have  no  well  defined  influence  on  transition  Reynolds  number  until 
a  "critical"  value  of  k/n*  is  reached.  This  value  is  around  0.9  for  <}>  =  60°  and 
around  1.5  for  ■  45°.  As  soon  as  the  critical  roughness  height  is  exceeded,  'K*  at 
transition  decreases  rapidly.  A  detailed  comparison  with  POLL’S  diagram  {Figure  52)  is  not 
easy  to  perform,  but  the  trends  are  roughly  similar.  For  given  values  of  4>  and  k/n*  , 
an  increase  in  the  wind  tunnel  noise  reduces  (R*)t  ;  CREEL  et  al.  interpretation  is 
that  the  external  noise  generates  instability  at  the  location  where  the  boundary  layer  is 
disturbed  locally  by  the  roughness  element. 


17.  TRANSITION  ON  THE  WINDWARD  FACE  OF  SPACE  SHUTTLE 

17.1.  Flight  conditions  and  instrumentation 

Extensive  wall  temperature  measurements  were  performed  on  the  windward  face  of 
the  "Columbia"  orbiter  during  five  flights  (STS-1  through  STS-5) .  The  thermal  protection 
system  on  the  lower  surface  of  the  shuttle  was  composed  of  insulating  tiles  with  nominal 
surface  dimensions  of  15  cm  by  15  cm,  and  nominal  gaps  of  about  1  mm.  Approximately  90 
thermocouples  were  mounted  within  the  tiles,  and  the  temperature-time  histories  make 
possible  to  reconstruct  the  transition  movement  during  re-entry.  Figure  57  shows  an 
example  of  surface  temperature  evolution  recorded  by  a  thermocouple  located  close  to  the 
symmetry  axis.  The  beginning  and  the  end  of  transition  are  defined  as  the  limits  of  the 
abrupt  increase  in  temperature,  which  occurs  between  t  s  1260  sec  and  t  s  1280  sec. 

(t  =  0  sec  at  altitude  400  000  ft). 


Figure  67  -  Example  of  temperature -time 
history  during  re-entry 
(x/L  =  0.3) 


Figure  58  -  Entry  conditions  : 

-  mean  curve 

i  _  i  transition  at  x/L  =  0.  99 
transition  at  x/L  =  0.10 


The  mean  entry  conditions  for  the  five  flights  are  depicted  in  Figure  58  by  the 
dimensionless  parameters  and  .  R«  l  is  t^e  Reynolds  number  based  on  free- 

stream  flow  properties  and  the  orbiter  length  L.  The  conditions  at  which  transition  occurs 
at  x/L  =  0.10  and  0.99  on  the  center  line  are  also  reported.  It  can  be  seen  that 
transition  is  first  detected  at  the  trailing  edge  for  M«,  s  10,  and  that  90  per  cent  of 
the  shuttle  length  is  turbulent  for  H«  s  7.  The  local  Mach  numbers  at  the  boundary  layer 
edge  are  obviously  much  lower  (of  the  order  of  2) ,  for  angles  of  attack  between  25  and 
40  deg. 
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17.2.  Analysis  of  transition  mechanisms 

The  first  problem  was  to  avoid  premature  transitions  caused  by  the  gaps  between 
adjacent  tiles.  Wind  tunnel  experiments  have  shown  "that  grooves  parallel  to  the  surface 
streamlines  produced  strong  boundary  layer  tripping  disturbances,  whereas  grooves  per¬ 
pendicular  to  streamlines  produced  much  weaker  disturbances"  (HARTHUN  et  al,  / 1 0 2 / ) .  The 
tile  orientation  was  consequently  chosen  for  eliminating  the  gap  tripping  effects. 

For  the  first  flight,  surface  temperature  data  were  only  available  after  t=  1050  sec. 
As  this  time,  the  flow  on  the  aft  fuselage  and  on  the  right  wing  was  turbulent.  Post¬ 
flight  inspection  revealed  that  transition  wa3  induced  by  a  gouge  in  a  tile  on  the  right 
nose  landing  gear  door .  This  anomaly  resulted  in  a  higher  drag  on  the  right  side.  The 
asymmetry  disappeared  at  1252  sec  when  the  left-hand  side  became  turbulent. 

During  the  other  flights,  transition  onset  was  characterized  by  the  sudden  appea¬ 
rance  of  turbulent  wedges,  th'S  apex  of  which  moved  very  rapidly  from  the  trailing  edge  of 
the  orbiter  to  the  nose  of  the  fuselage  and  to  the  leading  edge  of  the  wings.  This  sudden 
forward  movement  is  an  indication  of  roughness-caused  transition.  It  is  now  recognized 
that  the  surface  irregularities  resulted  from  the  corners  of  misaligned  tiles,  which  can 
be  considered  as  three-dimensional,  randomly  spaced,  roughness  elements. 

Most  of  the  analysis  of  these  flight  transition  data  are  restricted  to  the  center 
line  of  the  shuttle.  HARTHUN  et  al.  /102/  estimated  that  the  assumption  of  conical  flow 
was  a  good  approximation  for  x/L  <0.5  and  used  VAN  DRIEST ~BLVMER  criterion,  equation  (25), 
to  calculate  the  effective  roughness  size.  At  x/L  -  0.1,  the  ca-lculations  indicated 
keff  »  3.4  ram  for  flight  4  and  keff  =  2.9  mm  for  the  other  flights.  BERTIN  et  al.  /103/ 
/104/  used  the  R0 /Me  criterion  to  correlate  wind  tunnel  data  and  flight  data. 


Figure  59  -  Flow  patterns  on  the  windward  face  of  a  delta  wing  (Bertram  et  al . ) . 


However,  there  is  no  proof  that  the  transition  process  on  the  windward  face  of  the 
orbiter  was  entirely  determined  by  conditions  on  the  plane  of  symmetry.  To  illustrate  this 
point,  Figure  59  shows  the  ^volution  of  the  flow  patterns  on  the  windward  face  of  a  delta 
wing  when  the  angle  of  attack  increases  (BERTRAM  et  al.  / 1 0 5 / ,  referenced  by  POLL  /106/K 
At  zero  incidence,  the  attachment  lines  lie  along  the  leading  edges  ;  as  incidence  is 
increased,  they  move  towards  the  centerline  (o  =  30°)  and  ultimately  meet  to  form 
a  single  line  (a  =  60°)  .  POLL  / 1 0 6 /  introduced  the  hypothesis  that  transition 
occurs  at  first  on  the  attachment  line  ,  because  a  roughness  element  on  this  line 
"can  produce  turbulent  flow  at  a  much  lower  Reynolds  number  than  an  identical  element  which 
is  off  the  attachment  line".  This  means  that  the  first  turbulent  wedge  can  appear  at 
any  spanwise  position,  depending  on  the  location  of  the  attachment  lines.  MORISETTE  per¬ 
formed  wind  tunnel  experiments  which  supported  this  view  /107/  ;  a  delta  wing  orbiter  model 
was  set  at  20°  incidence  in  a  flow  with  a  free-stream  Mach  number  of  6,  and  several  three- 
dimensional  roughness  elements  were  distributed  across  the  span  at  the  same  chordwise 
position.  When  the  unit  Reynolds  number  was  increased,  transition  was  observed  at  first 
behind  the  trip  located  on  the  attachment  line  (which  did  not  coincide  with  the  centerline). 

These  elements  led  POLL  to  analyze  the  space  shuttle  data  under  consideration  of 
leading  edge  contamination  /106/.  He  assumed  that  the  results  presented  in  Figure  52  for 
incompressible  flows  were  also  valid  at  high  speeds  when  ^  and  n  were  replaced  by 
R*  and  n*.  It  has  been  shown  in  Section  16  that  this  assumption  was  correct  for  d  =  0 
(P*  s  650  -  700  at  transition  onset)  as  well  as  for  large  tripping  elements  (R*  =  250  when 
leading  edge  contamination  occurs).  Although  information  is  lacking  for  the  intermediate 
regimes,  POLL  deduced  from  boundary  layer  computations  that  the  sudden  forward  movement  of 
the  turbulent  wedges  could  be  explained  by  a  "flashing"  mechanism  (regime  III  in  Figure  52). 
It  is  obvious  that  this  attractive  theory  is  by  now  rather  speculative. 
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18.  CONCLUSIONS 


This  paper  demonstrated  that  the  problems  associated  with  boundary  layer  transition 
in  supersonic  and  hypersonic  flows  are  numerous  and  that  many  of  them  are  far  from  being 
solved. 


On  the  theoretical  point  of  view,  the  linear  stability  theory  constitutes  a  very 
efficient  tool  to  understand  the  fundamental  mechanisms  leading  to  transition,  and 
sophisticated  experimental  studies  gradually  confirm  these  theoretical  elements.  The 
linear  theory  can  also  explain,  at  least  qualitatively,  the  influence  of  more  or  less 
controlled  parameters  (unit  Reynolds  number,  wall  cooling  for  instance) .  But  the  key 
problem  lies  in  the  understanding  of  the  receptivity  mechanisms  and  the  exact  relation 
between  instability  and  transition  is  not  very  well  known.  Despite  these  facts,  the 
extension  of  the  en  method  in  supersonic  and  hypersonic  flow  could  provide  a  reliable 
prediction  of  transition  ;  for  a  low  disturbance  environment,  the  n  factor  has  roughly 
the  same  value  as  in  incompressible  flow. 

Beside  the  strong  mathematical  and  numerical  difficulties  inherent  in  the  linear 
stability  theory,  there  is  a  lot  of  experimental  problems  which  remain  unsolved.  Obviously, 
the  measurements  are  much  more  difficult  to  perform  in  supersonic  and  hypersonic  flows 
than  at  low  speeds,  and  the  results  are  often  not  easy  to  explain.  These  problems  are 
discussed  during  these  Lecture  Series  by  F.K.  OWEN.  From  a  physical  point  of  view,  it 
must  be  kept  in  mind  that  wind  tunnel  experiments  cannot  duplicate  free-flight  environ¬ 
mental  conditions,  so  that  in  many  cases,  transition  Reynolds  numbers  measured  in  conven¬ 
tional  facilities  are  much  lower  than  those  occuring  on  hypersonic  vehicles.  However, 
even  if  the  results  are  not  quantitavely  correct,  one  may  expect  that  varying  flow  parame¬ 
ters  (wall  cooling,  pressure  gradient...)  would  give  the  correct  trends.  It  is  also  impor¬ 
tant  to  remind  that  wind  tunnel  tests  make  possible  to  obtain  fundamental  information 
which  is  difficult  to  reach  in  flight  conditions  (linear  ana  non  linear  stability  results, 
effect  of  streamwise  vortices  imbedded  in  laminar  boundary  layer  for  instance) . 
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SHOCK/SHOCK  AND  SHOCK-WAVE/BOUNDARY-LAYER  INTERACTIONS 
IN  HYPERSONIC  FLOWS 
by 

J.  DELERY 

ONERA  -  92320  CHATflLON  -  France 


SUMMARY 

Shock  interference  phenomena  and  shock-wave/boundary-layer  Interactions  are  of  special  importance  in  hypersonic  flows  since 
they  can  be  at  the  origin  of  extremely  high  local  heat-transfer  rates  and  loss  of  control  effectiveness.  The  physical  aspects  of  these 
ptv  nena  are  first  considered  by  examining  the  characteristic  features  and  tho  scaling  laws  of  typical  2-D  interacting  flows. 

Nation  laws  allowing  the  prediction  of  separation  pressures,  peak  heat-transfer  rates  and  incipient  shock-induced  separation  are 
presented.  Various  methods  have  been  developed  to  obtain  a  more  complete  prediction  of  shock-wave/boundary-layer  interactions. 
These  methods  can  be  classified  Into  four  categories,  namely:  global  methods,  I nvtsc id-Viscous  Interactive  methods,  analytical  methods 
and  solution  of  the  Navier-Stokes  equations.  Here,  emphasis  is  placed  on  the  solution  of  the  problem  by  Integration  of  the  full  time 
averaged  Navier-Stokes  equations.  A  review  of  the  turbulence  models  most  currently  used  to  compute  strongly  Interacting  turbulent 
flows  is  presented.  Examples  of  applications  concerning  both  2-D  and  3-D  flows  are  discussed. 
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1  -  INTRODUCTION 

The  flow  past  a  vehicle  flying  at  hypersonic  velocity  Is  the  seat  of  strong  shock-waves  forming  ahead  of  the  vehicle  nose,  the 
rounded  leading  edge  of  wings  and  tafls,  at  an  air  intakes  compression  ramp,  etc...  These  shock-waves  are  at  the  origin  of 
Interference  phenomena  respiting  firstly  from  intersection  of  two  shock-waves,  secondly  from  Interactions  with  the  boundary-layer 
developing  on  the  fuselage  or  the  wing.  Due  to  their  great  practical  Importance,  these  phenomena  have  been  extensively  studied  In 
the  past  and  are  st#  the  subject  of  very  active  Investigations  (see,  for  example  Korgegl,  1 971  and  Holden  1986). 
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Shock  interferences  are  more  likely  to  occur  at  hypersonic  Mach  numbers  because  of  the  small  Inclination  of  the  shock-waves 
wtth  respect  to  the  vehicle.  On  the  other  hand,  at  hypersonic  speeds,  phenomena  resulting  from  such  interferences  lead  to 
particularly  severe  problems  because  of  the  intensity  of  the  shocks  and  the  extremely  high  stagnation  enthalpy  level  of  the  upstream 
flow.  Also,  a  typical  feature  of  hypersonic  flights  Is  the  existence  of  fully  laminar  boundary-layers  over  the  major  part  of  the  vehicle 
during  an  important  portion  of  the  reentry  trajectory.  Thus,  laminar  Interactions  which  were  rarely  met  In  classical  aeronautical 
applications  are  now  of  great  practical  importance. 

Practical  examples  of  shock  Interference  situations  are  given  in  Fig.  1.1.  in  the  first  case  (see  Fig.  1.1a),  the  fuselage  bow  shock 
meets  a  fin  bow  shock;  the  second  example  (see  Fig.  Mb)  is  relative  to  an  Interference  between  a  launcher  bow  shock  and  a 
booster  bow  shock.  A  similar  situation  is  encountered  when  the  vehicle  bow  shock  meets  the  shock  forming  ahead  of  the  canopy. 
Such  shock  intersections  result  in  more  or  less  complex  shock  patterns  Including  shear-layers  or  jets  which  can  impinge  on  the 
vehicle  causing  high  local  heating  rates,  well  in  excess  of  those  occurring  at  a  nose  stagnation  point. 


Fig.  1.1  Examples  of  Shock  Interference  Heating 


Regions  of  Shock-Wave/Boundary-Layer 
I  (.refactions 


As  shown  in  Fig.  1.2,  shock-wave/boundary-layer  Interactions  occur  at  impingement  of  a  bow  shock  or  a  refracted  shock 
resulting  from  shock  interference,  at  a  deflected  flap,  along  axial  comers  in  wing-body  and  fin-wing  junctions,  etc...  Shock¬ 
wave/boundary-layer  interactions  also  occur  in  air-intakes  of  airbreathing  propulsive  systems.  Such  interactions  can  induce  separation 
of  the  boundary-layer  which  causes  loss  In  control  effectiveness  or  flow  degradation  In  an  engine  Iniet.  Also,  the  subsequent 
reattachment  of  the  separated  shear-layer  gives  rise  to  heat-transfer  rates  that  can  far  exceed  those  of  an  attached  boundary-layer 

The  present  Lecture  Is  divided  into  three  main  Sections. 

Section  2  deals  with  Interference  phenomena  resulting  from  intersection  of  two  shock-waves 

Section  3  gives  a  physical  description  of  the  phenomena  Involved  in  two-dimensional  interactions.  Emphasis  Is  placed  on  the 
elucidation  of  the  flow  physics  rather  than  on  presentation  of  empirical  correlation  laws  which  can  be  found  In  the  cited  references. 
The  distinctive  features  of  laminar  ant  turbulent  Interactions  are  displayed  as  also  the  specific  properties  of  hypersonic  Interactions 
Information  on  3-0  interactions,  which  are  of  great  practical  Importance  but  which  are  more  difficult  to  analyse,  can  be  found 
elsewhere  (see  for  example  Peake  and  Tobak,  1980  and  D6lery  and  Marvin,  1986). 

Section  4  is  devoted  to  theoretical  methods  available  to  predict  shock-wave/boundary-layer  Interactions.  The  various  flow 
models  developed  to  treat  this  kind  of  flows  Indude: 

-  Global  or  semi  empiric^  methods  which,  in  addition  to  their  historical  Interest,  can  still  be  useful  for  a  rapid  estimation  of  some 
essential  flow  properties 

-  InvfecJd-Vlscous  Interactive  (or  coupling)  methods.  These  methods,  which  have  known  a  considerable  development  since  the 
pionnering  work  of  Crocco  and  Lees  (1952),  can  give  accurate  predictions  In  2-D  flows. 

-  Analytical  or  Miiti-Deck  theories  which  have  greatly  contributed  to  our  basic  understanding  c*  strong  interaction  phenomena. 

However  due  to  the  lack  of  space,  we  will  here  focus  our  attention  on  the  methods  calling  upon  the  numerical  aoAution  of  the 
Navier-Stokes  equations.  This  way  of  tackling  the  problem  has  received  a  considerable  development  during  the  past  fifteen  years  as  a 
consequence  of  the  progress  In  computers  performance  and  numerical  methods  efficiency.  Since  the  turtxfent  case  is  of  special 
interest,  this  subsection  comprises  a  rather  thorough  review  of  the  turbulence  models  which  are  presently  employed  along  with  the 
time  averaged  Navier-Stokes  equations  (for  a  review  of  the  above  cited  methods,  see  D6lery  and  Marvin,  1906). 
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2  -  SHOCK  INTERFERENCE  PHENOMENA  IN  HYPERSONIC  FLOWS 
2.1  •  General  Remarks 

The  high  local  heating  rates  caused  by  shock  interaction  at  hypersonic  speeds  have  been  the  subject  of  numerous  experimental 
and  theoretical  studies  which  wM  not  be  reviewed  In  detal  here  {for  references  on  the  subject,  see:  Keyes  and  Halns,  1973;  Birch 
and  Rudy,  1975;  Holden,  1966;  Wieting  and  Holden,  1967).  In  evaluating  the  effects  of  shock  Interference,  It  Is  necessary  to  first 
determine  the  type  of  How  that  exists  when  two  shocks  intersect,  spedafly  when  these  two  shocks  are  of  different  strength. 

Thus,  the  basic  shock  interference  problem  appears  as  a  perfect  fluid  problem  consisting  In  finding  the  invtedd  flow  which 
establishes  itself  downstream  of  the  region  where  the  two  shocks  meet  The  severe  local  heating  and  high  pressure  are  caused  by  the 
Impingement  on  the  vehicle  of  disturbances  emanating  from  the  shock  Interaction.  These  disturbances  can  be  shear-layers,  supersonic 
jets  or  shocks  and  the  overall  flowfldd  can  be  dominated  by  resulting  viscous  and/or  invtedd  effects  depending  on  the  nature  of  the 
Interaction  and  on  Its  geometry. 

The  Intersection  of  two  shock-waves  leads  to  different  shock  patterns  which  are  encountered  when  considering,  for  example,  an 
oblique  impinging  shock  (Ci)  which  Intersects  the  bow  shock  (C2)  forming  ahead  of  the  rounded  nose  of  a  hypersonic  vehicle. 

Let  us  Imagine  that  (C-j )  comes  from  below,  as  sketched  In  Fig.  2.1.  When  (Ci)  meets  (C2)  below  the  obstacle  far  from  the 
nose,  the  situation  corresponds  to  the  intersection  of  two  oblique  weak  shocks  of  opposite  famlies.  This  means  that  (C^)  and  (C2)  am 
inclined  at  a  small  angle  relatively  to  the  freestream  velocity  vector  and  that  they  impart  to  this  velocity  deflections  of  opposfte 
sign. 


As  the  intersection  point  I  moves  towards  the  nose  region,  (C2)  becomes  more  and  more  intense  so  that  -  the  strength  of  (Cj) 
being  unchanged  -  the  intersection  involves  two  shocks  which  are  st®  of  the  same  famly  but  which  are  d  largely  different 
strengths. 

When  I  is  above  the  nose  region,  shocks  (Cf)  and  (Cg)  belong  to  the  same  famly  and  the  nature  of  the  solution  to  the 
intersection  problem  wf  I  change  accordingly. 

By  analyzing  very  carefully  made  experiments,  including  flowfield  visualizations  by  optical  techniques.  Edney  (1968)  Identified  Nx 
basic  types  of  shock  Interactions.  The  terminology  Edney  Introduced  to  classify  these  interactions  has  been  universally  adoffted  and  t 
wfll  be  used  in  the  presentation  that  follows. 


Location  of  the  Types  of  Interference  on  a 
Hemisphere 


2.2  -  The  Basic  Shock  Interference  Patterns 

The  present  discussion  wtl  be  greatly  helped  by  utlizing  the  shock  polar  representation  of  the  solution  of  the  oblique  shock 
equations.  Let  us  recall  that  this  polar  te  the  locus  of  the  states  which  are  connected  to  an  initial  state  through  an  attached  oblique 
shock  transition.  The  polar  is  most  often  represented  In  the  plane  of  the  two  variables:  pressure  p  (or  pressure  jump  pj/pg  through 
the  shock)  -  flow  direction  <p  .  An  interesting  feature  of  the  shock  polar  representation  is  that  two  congiguous  flows,  separated  by  a 
silp-ilne,  have  the  same  image  point  In  the  shock  polar  plane  since  compatibility  conditions  require  that  these  flows  have  same 
pressure  and  be  parallel.  Shock  poiara  are  closed  curves  with  two  branches  corresponding  respectively  to  the  weak  solution  and  the 
strong  solution  of  the  oblique  sh  equations.  An  teentroplc  simple  wave  evolution  can  be  simlarty  represented  by  a  polar  curve  In 
the  (pressure-direction]  plane. 

In  the  following  discussion,  the  analyzed  situations  wlf  correspond  to  a  uniform  incoming  stream  for  sake  of  simplicity. 
However,  the  local  properties  of  the  solution  at  an  Intersection  point  I  are  not  changed  If  the  flow  is  non  uniform  or  axteymmetric. 

Type  I  kterfereice.  A  Type  I  Interference  pattern  exists  when  two  weak  shocks  of  opposite  famlies  Weraect  at  point  l.asshown  In 
Fig.  2.2.  The  Impinging  shock  (Ci)  provokes  a  pressure  rise  from  pg  to  pi  and  an  upward  deflection  d  y>  -  sp,  (we  adopt  ft  -  0 
tor  the  upstream  uniform  flow).  The  bow  shock  (Cj)  Induces  a  pressure  rise  from  pg  to  pj  and  a  downward  deflection  ft . 

The  two  shocks  (Ci)  and  (C2)  Intersect  -  or  are  refracted  -  at  point  I  from  which  emanates  shocks  (C3)  and  (C4)  leading  to 
pressure  levels  P3  and  p4  and  flow  directions  ft  and  ft  respectively.  In  regions  3  and  4.  the  static  pressures  must  be  the  same  and 
the  flow  directions  paraM.  Thus,  unless  the  strengths  of  the  two  shocks  (Ci)  and  (C2)  are  equal,  a  dip  line  ( X )  wB  be  produced 
at  point  I.  the  entropy  rise  (or  stagnation  pressure  loss)  being  nof  the  same  through  (GO  *■  (C3)  and  (C2)  +  (C4). 

For  a  perfectly  Invtedd  flow,  density,  temperature  and  velocity  are  discontinuous  across  ( 1  )•  In  fact  due  to  the  vtecosty  of  the 
fluid,  a  shear-layer  develops  along  (£ )  ensuring  a  continuous  variations  of  flew  properties  between  states  3  and  4.  This  shear-layer 
can  be  either  laminar  or  turtxieni  depending  on  the  local  Reynolds  number. 
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Fig.  2.2  Type  I  Shock  Interference  Pattern  Fig.  2.3  Shock  Poiar  Representation  of  Type  I 

Interference 


The  situation  at  I  in  the  shock  poiar  diagram  Is  sketched  in  Fig.  2.3.  Rows  1  and  2,  downstream  of  (C^)  and  (C2)  are 
represented  by  points  1  and  2  on  the  shock  poiar  (  £  )  attached  to  the  uniform  upstream  flow  0.  The  shock  polars  (  £  )  and  (  £  ) 
attached  to  states  t  and  2  intersect  at  a  point  which  is  the  common  Image  of  flows  3  and  4  co-existing  on  each  side  of  the  slip  line 

(r) 


For  the  present  Interference,  the  actual  rise  In  pressure  and  heating  at  the  surface  is  caused  by  the  interaction  of  the 
transmitted  impinging  shock  (C4)  and  the  wall  boundary-layer.  The  flow  associated  with  Type  I  is  supersonic  throughout  and  we  are 
faced  with  a  ’dasssJcai'  shock-wave/boundary4ayer  Interaction  phenomenon  which  is  discussed  in  detaH  in  Sections  3  and  4. 

Type  II  (rterference.  Now,  let  us  imagine  that  the  strength  of  shock  (C2)  is  Increased,  which  corresponds  to  a  displacement  of  the 
Interference  zone  towards  the  vehicle  nose,  as  shown  In  Fig.  2.1.  In  these  conditions,  the  image  point  2  on  the  shock  poiar  (  £  ) 
moves  to  the  left  of  the  diagram  in  Fig.  2.3.  Hence,  a  situation  can  be  reached  where  shock  poiars  (  £  )  and  (  £  )  do  not  intersect 
each  other. 

The  preceding  solution  is  no  longer  possible  and  the  flow  pattern  sketched  in  Fig.  2.4  occurs.  The  corresponding  situation  in 
the  shock  poiar  plane  is  represented  in  Fig.  2.5.  Now,  shock  poiars  (  £  )  and  (  £  )  intersect  the  strong  shock  solution  branch  of 
shock  poiar  (  £  ).  Consequently,  an  intermediate  nearly  normal  shock  (C5)  forms  which  joins  the  two  triple  points  1^  and  I2  .  the 
flow  behind  (C5)  being  subsonic.  Situations  at  ^  and  I2  are  represented  by  points  3-5  and  4-6  in  Fig.  2.5.  5  and  6  being  the  images 
of  the  flows  just  behind  (C5)  at  ij  and  I2  respectively. 

A  detailed  analysis  of  the  complete  flowfieto  is  difficult  because  the  extent  of  the  subsonic  region  Is  unknown  and  depends  on 
the  size  and  shape  of  the  body.  Such  a  pattern  with  triple  points  and  a  nearly  normal  shock  (in  fact  a  strong  oblique  shock)  is  called 
a  Mach  reflection  or  Mach  phenomenon.  It  can  also  occur  at  the  surface  of  the  vehlde  if  the  regular  reflection  of  shock  (C4)  Is  no 
longer  possible  for  simSar  reasons  (see  sketch  in  Fig.  2.4). 


Fig.  2.4  Type  II  Shock  Interference  Pattern  Fi9  25  Shock  Po,ar  Representation  of  Type  II 

Interference 

In  certain  situations,  shock  poiars  (  £  )  and  (  £  )  may  Intersect  at  a  pressure  level  above  the  strong  shock  pact  of  (  £  ).  Then, 
there  exists  the  possi bitty  of  either  Type  I  or  Type  II  Interference.  The  shock  pohr  diagram  does  not  Indicate  which  shock 
configuration  is  the  most  stable  nor  the  circumstances  where  one  type  of  Interference  pattern  would  occur  In  preference  of  the 
other.  This  problem  has  been  examined  in  detafl  by  Crawford  (1979)  who  proposed  an  interesting  shock  poiar  construction  to  solve 
•hock  interaction  problem. 

As  in  the  preceding  case,  for  Type  II  interference,  the  heating  problem  results  from  the  reflection  of  the  oblique  shock  (C4)  at 
the  wall. 


IU  Interference.  A  Type  HI  interference  pattern  occurs  when  a  weak  impinging  oblique  shock  intersects  a  strong  detached  bow 
shock  shown  In  Fig.  2.6.  The  situation  in  the  shock  polar  diagram  te  represented  hi  Fig.  2.7.  In  this  case,  the  shock  polar  (  £  ) 

intersects  the  strong  shock  branch  of  the  shock  poiar  (  £  ).  A  solution  similar  to  Type  I  is  here  Impossible  because  of  downstream 
boundary  conditions  Imposing  the  strong  solution  for  the  bow  shock. 
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Fig.  2.6  Type  III  Shock  Interference  Pattern  Fig.  2.7  Shock  Polar  Representation  of  Type  III 

Interference 

Downstream  of  the  two  weak  oblique  shocks  (C-j )  and  {C2).  the  flow  3  is  stil  supersonic,  whereas  the  flow  2  is  subsonic. 
Thus,  a  large  velocity  difference  exists  across  the  slip  line  (Z  )  along  which  a  shear-layer  develops.  This  shear-  layer  attaches  to 
the  surface  with  subsonic  flow  above  the  layer  turning  upward  and  supersonic  flow  below  the  layer  passing  through  an  oblique  shock 
(C4)  in  order  to  turn  parallel  with  the  surface.  Whether  the  shear-layer  attaches  to  the  surface  depends  on  the  Mach  number  M3  in 
region  3  and  the  angle  ty,  between  the  shear-layer  and  the  surface.  If  M3  is  sufficiently  high  and  *PS  does  not  exceed  the  maximum 
turning  angle  for  *13  ,  then  the  layer  wll  be  attached.  If  the  maximum  turning  angle  Is  exceeded,  the  shear-layer  wfll  detach  and  a 
Type  IV  interference  pattern  be  formed  (see  below).  If  the  shear  layer  attaches  at  point  R  and  an  oblique  shock  (C4)  does  exist, 
then  another  triple  point  shock  system  wi!  occur,  as  shown  In  Fig.  2.6. 

Peak  heating  caused  by  attaching  of  the  free  shear-layer  is  analogous  to  that  due  to  the  raattachmeot  of  a  supersonic 
separated  flow.  This  problem,  essential  for  base  flow  prediction,  has  been  the  subject  of  a  large  number  of  publications  which  cannot 
be  cited  here  (for  a  recent  review  of  the  question,  see  D&ery  and  Lacau.  1987).  Supersonic  reattachment  theory  shows  that  the 
reattachment  angle  ^  is  a  well  defined  function  of  the  Mach  number  M3  at  the  shear-layer  supersonic  outer  edge  So  that, 
inclination  of  slip-line  ( r  )  with  respect  to  the  reattachment  wall  is  not  arbitrary  and  the  overall  fiowfieW  results  from  a  coupling 
between  the  angular  reattachmert  law  and  the  perfect  fluid  compatibiity  conditions  to  be  satisfied  at  the  triple  point  I. 

Figure  2.8  shows  an  example  of  peak  pressure  and  peak  heating  resulting  from  Type  III  interference.  These  distributions  have 
been  measured  on  a  hemisphere  at  a  Mach  number  of  6.  One  sees  that  the  maximum  heat  transfer  is  14  times  the  heat  transfer  at  the 
stagnation  point.  Skniar  results  were  found  by  Ginoux  and  Matthews  (1974). 

It  must  be  realized  that  the  compression  undergone  by  the  shear-layer  flow  is  much  more  efficient  than  the  compression 
through  the  Intense  bow  shock.  This  fact  enables  very  high  static  pressures,  well  In  excess  of  the  freest  ream  pitot  pressure 
recovered  behind  the  bow  shock-wave,  to  be  achieved  in  the  shear-layer  attachment  region  at  R  This  also  causes  the  local  heat- 
transfer  rate  to  increase  sharply. 


ST  ,  lUf/MttM 


Fig.  2.8  Type  III  Interference  on  a  Hemisphere  at 
Mg  *  6  (Keyes  and  Hains.  19731 


Fig,  2.9  Peak  Heat  Transfer  Correlations  for  Type 
III  Interference  (Keyes  and  Hains,  1973) 


There  exist  correlation  laws  to  predict  heat-transfer  rate  in  the  reattachment  region  of  a  free  shear-layer.  For  instance.  Keyes 
and  Morris  (1972)  have  proposed  the  correlation  shown  In  Rg.  2.9  tor  laminar  and  turtxient  shear-layer  attachments.  This  correlation 
is  derived  from  a  correlation  WttaRy  established  by  Bushnel  and  Weinstein  (1968)  for  the  peak  heat -transfer  at  the  reattachment  of 
a  separated  boundary-layer  (see  Section  3.2.7  below). 

Type  IV  Interference.  When  the  weak  impinging  shock  intersects  the  nearly  normal  part  of  the  bow  shock,  a  situation  is  reached 
where  K  Is  no  longer  possfcie  for  the  shear-layer  to  satisfy  the  reattachment  law  at  R.  Then,  Type  IV  Interference  occurs.  This 
interference  restiu  In  a  complex  flow  pattern  with  a  supersonic  )et  embedded  in  the  subsonic  flow  domain  between  the  bow  shock 
and  the  obstacle  (see  Fig.  2.1). 
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Up  to  region  3,  the  flow  model  Is  the  same  as  Type  III,  therefore  Type  IV  interference  can  be  considered  as  °  special  case  of 
Type  111  interference  with  a  detached  shear-layer.  From  Fig.  2.10  it  can  be  seen  that  the  flow  In  region  4  Impinges  on  the  wall 
nearly  normally  after  having  crossed  the  oblique  shock  (C4)  behind  which  the  flow  Is  still  supersonic.  Thus,  a  supersonic  jet  develops 
surrounded  by  subsonic  flows  in  which  the  pressure  in  nearly  constant.  Hence,  to  maintain  pressure  continuity  at  the  impact  of 
shock  (C4)  with  the  jet  boundary  (J^),  a  centered  expansion  must  form  to  cancel  out  the  pressure  jump  through  the  shock  (C4)  (a 
similar  situation  is  analyzed  In  Section  3.2.2  below).  This  expansion  Is  reflected  by  boundary  (J2)  as  a  compression  which  In  turn  is 
effected  by  (J{)  Into  an  expansion  wave,  and  so  on.  Thus  the  jet  is  constituted  of  triangular  regions,  the  actual  number  of  regions 
being  dependent  upon  the  standoff  distance  of  the  entire  configuration. 

Upon  impingement  on  the  wall,  a  jet  bow  shock  is  produced  that  creates  a  small  stagnation  region  with  high  pressure  and 
heating.  As  shown  by  Edney,  the  peak  heating  is  dependent  upon  the  peak  pressure,  the  jet  width,  the  jet  angle  of  Incidence  with 
the  surface  and  the  state  -  laminar  or  turbulent  -  of  the  shear-layers  developing  along  boundaries  (Jj)  and  (J2).  Correlations  have 
been  proposed  to  predict  peak  heating  in  the  jet  impact  region  .  They  will  not  be  given  here  (see  Edney.  1968;  Keyes  and  Hains. 
1973).  Peak  pressure  and  heat-transfer  caused  by  Type  IV  interference  are  shown  in  Fig.  2  1 1.  These  results  are  relative  to  a 
hemisphere  placed  in  a  flow  of  Mach  number  equal  to  6. 

In  some  situations,  the  jet  can  be  turned  to  graze  or  love  parallel  to  the  surface  without  impinging.  In  this  case  (denoted 
Type  IVa  interference),  even  though  Impingement  does  not  L-cur,  regions  of  high  heating  are  nevertheless  produced  because  of  the 
interaction  of  the  jet  flow  with  the  boundary-layer. 


Fig.  2.10  Type  IV  Shock  Interference  Pattern 


Fig.  2.11  Type  IV  Interference  on  a  Hemisphere  at 
Mq  =  6  (Keyes  and  Hains,  1973) 


Type  V  Interference.  Type  V  interference  occurs  when  the  Impinging  shock  (C^)  meets  the  bow  shock  (C^)  above  the  nose  of  the 
obstacle,  in  a  region  where  (C^)  Is  still  a  strong  shock  (see  Fig.  2.1).  Then,  near  the  nose,  the  flow  in  front  of  (C2)  is  the  flow  1 
behind  (C-|). 

This  type  of  interference  Involves  the  intersection  of  two  oblique  shocks  of  the  same  family.  The  resulting  flowfield  is 
represented  in  Fig.  2.12.  It  consists  of  a  rather  complex  shock  pattern  comprising  a  triple  point  I  and  an  intersection  point  h  where 
four  shocks  meet  The  thin  supersonic  jet  from  I  and  the  shear-layer  emanating  from  point  H  converge  as  the  subsonic  flow  behind 
shock  (C*v)  accelerates  to  sonic  velocity.  Both  the  jet  and  the  shear -layer  generally  intermix  and  may  graze  the  surface,  thus  causing 
some  increase  in  heating.  Impingement  ot  shock  (C4)  on  the  surface  leads  to  a  classical  shock-wave  boundary -layer  interaction 
problem  which  Is  analyzed  in  detail  in  the  coming  Sections. 

The  flow  structure  In  the  shock  polar  diagram  is  sketched  in  Fig.  2.13.  We  will  not  comment  this  diagram  which  can  be  readily 
understood  by  referring  to  the  shock  pattern  in  the  physical  plane  (see  Fig.  2.12). 


P 


Fig  2  12  Type  V  Shock  Interference  Pattern  Fig.  2.13  Shock  Polar  Representation  of  Type  V 

Interference 
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Type  VI  Interferes.  This  type  erf  Interference  takes  place  when  (Ci)  and  (C2)  intersect  far  from  the  nose  In  a  region  where  both 
(C^)  and  (C2)  are  weak  oblique  shocks  (see  Fig.  2.1).  The  corresponding  shock  pattern  is  represented  in  Fig.  2.14.  In  this  situation,  an 
expansion  fan  emanates  from  the  triple  point  I.  Impingement  of  this  expansion  on  the  surface  leads  to  a  decrease  in  the  pressure 
distribution.  This  type  of  shock  pattern,  which  Is  also  associated  to  ramp  induced  flow,  commented  in  detail  in  Section  3.2.2  below. 


2.3  -  Calculation  Methods  for  Shock  interference  Heating 

Several  empirical  methods  have  been  proposed  to  predict  peak  heating  due  to  shock  interference  in  hypersonic  flows  (see  for 
example,  Hafns  and  Keyes,  1972;  Keyes  and  Morris,  1972;  Keyes  and  Halns,  1973;  Bramlette,  1974).  These  methods,  which  wli  not  be 
given  here,  are  based  upon  a  simplified  description  of  the  InvisckJ  flowfiekJ  resulting  from  the  shock  interference.  Then,  semi- 
emplrica!  models  are  superimposed  on  the  InvisckJ  structure  to  represent  the  dissipative  effects  responsible  of  the  transfer 
phenomena.  In  the  preceding  Section,  we  have  presented  correlations  for  predicting  heat-transfer  at  the  attachment  of  a  shear-layer 
resulting  from  Type  Hi  interference.  Similar  treatments  can  be  applied  to  other  types  of  interference:  jet  Impingement  for  Type  IV, 
shock-wave/boundary-layer  interaction  for  types  I.  II  and  V. 

It  is  only  recently  that  an  accurate  treatment  of  the  shock  interference  problem  by  solution  of  the  Navler-Stokes  equations  has 
become  possible.  Indeed,  numerical  simulation  of  shock  Interference  flows  including  viscous  effects  with  classical  numerical  schemes 
was  difficult  because  of  the  intense  shock-waves  and  shear-layers.  Thus  the  classical  shock-capturing  method  based  on  the 
MacCormack  predictor-corrector  scheme  which  was  employed  by  some  investigators  gave  poor  shock-wave  resolution  (Tannettil  et  at., 
1976). 

However,  due  to  progress  in  numerical  methods  (for  example  use  of  second  order  implicit  total  variation  diminishing  -  TVD- 
algorithms)  and  adequate  grid  resolution  normal  to  the  wail,  very  promising  results  have  been  obtained  recently  by  Klopfer  and  Yee 
(1968).  Figure  2.15  shows  an  example  of  surface  pressure  and  heat-transfer  distributions  obtained  for  a  Type  III  Interference  at  a 
Mach  number  of  8.03.  The  results  compare  favorably  with  the  data  of  Wleting  and  Holden  (1987),  although  the  peak  heating  level  is 
underpredlcted.  In  this  case,  part  of  tire  discrepancy  is  attributed  to  uncertainty  In  the  impinging  shock  location  Figure  2.16  shows 
Mach  number  contours  of  Navier-Stokes  solutions  for  Types  I,  II.  Ill  and  IV  interference  shock  patterns  at  Mach  15. 
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Fig.  2.15  Navler-Stokes  Calculation  of  Type  III 
Interference  at  Mo  =  0.03  (Klopfer  and 
Yee.  1988) 
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Fig.  2.16  Navler-Stokes  Calculation  of  Several  Types 
of  Shock  Interference  at  Mq  =  15  (Klopfer 
and  Yee,  1988) 


3  -  A  PHYSICAL  DESCRIP1  ION  OF  SHOCK-WAVE/BOUNDARY-LAYER  INTERACTION  IN  SUPERSONIC  AND  HYPERSONIC  FLOWS 
3.1  -  General  Remarks 


In  what  follows  we  will  consider  phenomena  associated  to  shock -wave/boundary -layer  interaction  from  a  geneal  point  of  view: 
i.e.  without  making  a  well  defined  distinction  between  supersonic  and  hypersonic  flows  This,  for  at  least  three  reasons: 

i  -  Firstly,  because  the  essence  of  phenomena  is  basically  the  same,  independently  of  the  incoming  flow  Mach  number,  so  that  the 
main  flow  features  are  similar  whatever  the  Mach  number  is.  This  conclusion  would  be  different  for  transonic  interactions  in  which 
the  hyperbolic -elliptic  nature  of  the  outer  inviscid  field  leads  to  specific  characteristics  The  case  of  transonic  interactions  will  not 
be  considered  in  the  present  Lecture  although  transonic  situations  are  not  impossible  on  a  hypersonic  vehicle  (for  information  on  this 
kind  of  interactions,  see  Delery  and  Marvin.  1966) 

ii  -  Secondly,  because  *  supersonic  interactions  actually  occur  on  a  vehicle  flying  at  a  hypersonic  Mach  number  since  there  is  a 
considerable  reduction  in  the  flow  Mach  number  behind  the  bow  shock-wave. 

iii  -  Lastly,  a  good  reason  to  examine  interactions  at  moderate  -  but  frankly  supersonic  -  Mach  numbers  is  that  phenomena  are  more 
evident  at  supersonic  velocity  than  at  hypersonic  velocity  where  the  interaction  is  confined  within  a  thin  layer  close  to  the  wall  As 
will  be  seen  below,  this  is  specially  true  for  turbulent  interactions. 

Nevertheless,  typical  features  of  hypersonic  Interactions  will  be  dearly  established  and  emphasis  will  be  placed  on  the  specific 
problems  met  for  hypersonic  flow  conditions.  For  instance,  effect  of  wall  temperature  will  be  discussed  when  information  on  the 
influence  of  this  parameter  is  available.  As  a  matter  of  fact,  one  of  the  most  typical  features  of  h.personic  flows  is  the  large 
difference  that  exists  between  the  wall  temperature  Tw  and  the  outer  flow  stagnation  temperature  Tjq.  This  thermal  situation  is 
frequently  characterized  by  the  ratio  Tr/\  where  Tr  is  the  recovery  temperature,  i.  e.  the  adiabatic  wall  temperature  This  ratio  can 
be  well  in  exces  of  10  for  reentry  conditions.  The  high  value  of  the  outer  flow  stagnation  temperature  leads  also  to  extremely  large 
heal-transfer  rate*,  at  the  wall,  especially  in  shock-wave/boundary-layer  interaction  regions.  This  important  problem  will  also  receive  a 
special  attention. 

3.2  -  Interactions  in  Two-Dimensional  Flows 
3.2. 1  -  The  Four  Basic  Interactions 

What  can  be  considered  as  the  four  basic  configurations  involving  interaction  between  a  shock  -wave  and  a  boundary -layer  in 
supersonic  -  or  hypersonic  -  flow  are  schematically  represented  in  Fig.  3  1  In  what  follows,  the  incoming  outer  flow  will  be  assumed 
an  uniform  flow  streaming  along  a  flat  plate  for  the  sake  of  simplicity 

I  -  The  first  and  most  conceptually  simple  situation  is  the  wedge  (or  ramp)  flow  Here  a  discontinuity  <*■  in  the  wall  direc  :on  is  the 
origin  of  a  shock-wave  (C^)  through  which  the  supersonic  incoming  flow  undergoes  a  deflection  A  <p  equal  to  the  comer  angle  < . 


ii  -  The  second  type  of  flow  is  associated  with  the  impingement  on  the  wall  of  an  incident  oblique  shock  (Ci).  The  incoming  flow 
undergoes  a  deflection  Aft  through  (Ci)  and  the  necessity  for  the  downstream  flow  to  be  again  parallel  to  the  wall  en.JIs  the 
fornation  of  a  reflected  shock  (C2)  issuing  from  the  impingement  point  I  of  (Ci)  The  deflection  A<p%  produced  by  (C^)  must  be  such 
that  A  q  s  A  .  The  pressure  jumps  Pi  /Pq  and  P2/P0  through  each  shock  are  not  equal,  though  not  very  different 

iii  -  The  third  flow  is  induced  by  a  step  of  height  h  facing  the  incoming  flow  Such  an  obstacle  provokes  the  separation  of  the  flow 
at  a  point  S.  The  very  rapid  pressure  rise  accompanying  separation,  especially  in  turbulent  flows,  gives  rise  to  a  shock  wave  (Ci) 
emanating  from  a  place  very  close  lo  the  separation  point  S.  Downstream  of  S.  a  separated  zone  develops  It  is  characterized  by  the 
existence  of  a  bubble  of  recirculating  flow  in  contact  with  the  step.  In  fact,  there  is  some  similarity  between  wedge  flow  and  flow 
produced  by  a  forward  facing  step.  In  the  latter  case,  the  separated  region  is  felt'  by  the  outer  inviscid  stream  as  a  corner  whose 
angle  is  determined  by  the  displacement  effect  of  the  dissipative  region 

iv  -  The  fourth  situation  corresponds  to  the  reattachment  downstream  of  a  rearward  facing  step  The  incoming  flow  separates  at  the 
base  shoulder  S  undergoing  an  expansion  with  a  (negative)  downward  deflection.  Further  downstream,  the  flow  reattaches  on  the  wall 
The  resulting  positive  deviation  generates  compression  waves  which  coalesce  into  the  so-called  ’reattachment  shock'  In  contact  with 
the  wall,  a  recirculating  bubble  is  trapped,  inside  which  the  flow  is  reversed. 

Now  we  will  examine  in  more  detail  the  general  structure  of  the  flowfields  resulting  from  these  interactions  by  focusing  our 
attention  to  interactions  I)  and  ii).  In  fact,  some  properties  of  flow  iii)  are  met  in  interactions  of  type  i)  or  ii)  when  these 
interactions  lead  t-i  the  formalin  of  a  large  separated  zone,  as  for  example  the  existence  o?  a  pressure  plateau  succeeding  to  the 
pressure  rise  at  separation.  Flow  iv)  concerns  more  specially  base-flow  problems  that  will  not  be  considered  in  the  present  Lecture. 


Fig.  3.1  Basic  Shock- Wave/Boundary-Layer 
Interactions  in  Supersonic  Row 


Fig.  3.2  Ramp  Row  Flowfield  Shadowgraphs.  Mg  = 
2.85  (Settles  et  al.,  1979) 
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In  what  follows,  we  wtl  consider  in  a  global  manner  both  laminar  and  turtxflent  flows  since  there  is  no  basic  differences 
between  the  interactions  associated  with  these  two  boundary-layer  regimes.  However,  the  main  -  and  important  •  differences  which 
affect  the  scale  (extent  of  the  Interaction  domain)  and  intensity  (pressure  rises  associated  to  the  interaction)  of  phenomena  wi  be 
emphasized. 

3.2.2  -  The  General  Flow  Structure 

The  Compression  Ramp  Row.  Let  us  first  consider  the  flow  structure  associated  with  a  compression  ramp.  Figure  3.2  shows  a 
sequence  of  microsecond  spark  shadowgraphs  visualizing  this  type  of  flow  tor  an  upstream  Mach  number  Mg  equal  to  2.85  and  a 
Reynolds  number  (based  on  the  thickness  ^  of  the  incoming  boundary -layer)  equal  to  1.7  x  106  (Settles  et  al.,  1978).  In  these 
conditions,  the  incoming  boundary-layer  is  Mty  turtxfleot  The  four  pictures  correspond  to  different  values  of  the  comer  angle 
ranging  from  8*  to  24*  (the  appearance  of  a  second  ramp  In  some  of  the  photos  is  due  to  optical  interference  and  is  not  affecting 
flow  development). 

In  the  8*  case,  a  distinct  shock-wave  is  seen  to  arise  from  the  comer  location.  This  shock-wave  forms  well  within  the 
boundary-layer  and,  in  fact,  most  of  the  boundary-layer  behaves  like  an  inviscid  -  but  rotational  -  fluid,  viscous  forces  being 
negligible  compared  to  pressure  and  inertia  forces  throughout  the  major  part  of  the  boundary-layer.  Furthermore,  at  the  high 
Reynolds  number  value  of  the  present  experiments,  the  velocity  profile  of  the  incoming  boundary-layer  is  very  filled"  so  that  the 
Mach  number  slowly  decreases  over  the  major  part  of  the  boundary-layer  thickness.  Transition  to  zero-velocity  at  the  wall  takes 
place  over  a  very  short  normal  distance  and  accordingly  the  subsonic  layer  is  extremely  thin.  These  features  explain  why  the  shock 
originates  from  a  region  very  dose  to  the  wall. 

Starting  from  the  wall,  the  shock  is  first  seen  to  be  curved,  the  curvature  being  due  to  its  propagation  through  a  rotational 
layer  in  which  the  entropy  (and  accordingly  the  Mach  number)  changes  from  one  streamline  to  the  other.  Outside  the  boundary- 
layer,  the  shock  is  recti  inear  since  the  incoming  flow  is  uniform. 

The  weak  Influence  of  viscosity  in  this  kind  of  flow  -  when  the  ramp  angle  is  moderate  -  is  demonstrated  by  the  theoretical 
result  shown  in  Fig.  3.3  (Roshko  and  Thomke,  1969).  This  calculation  was  performed  by  considering  the  boundary-layer  as  a 
rotational  Inviscid  flow  and  by  applying  the  rotational  Method  of  Characteristics  to  determine  the  shock  shape  and  the  flow  over  the 
ramp.  To  make  such  a  calculation  possible,  the  inner  part  of  the  Incoming  boundary-layer  must  be  Ignored,  the  "cut"  being  chosen  in 
such  a  way  that  the  Mach  number  behind  the  shock  remain  supersonic.  One  sees  In  Fig.  3.3  that  there  Is  a  very  good  agreement 
between  the  wall  pressure  distribution  thus  computed  and  experiment.  In  the  present  case,  this  is  because  the  low  velocity  portion  of 

the  boundary-layer  has  a  nearly  negligible  Influence  on  the  flow  field,  the  inner  subsonic  layer  being  excessively  thin.  A  similar 

calculation  has  been  performed  by  C4r6sueia  and  Coulomb  (1970)  and  also  by  Don  Gray  and  Rhudy  (1973)  for  the  flow  over  a 
compression  ramp  at  a  Mach  number  of  10  (see  also  in  Section  3.2.8  below  application  of  this  approach  made  by  Elfstrom  to  predict 
incipient  shock  induced  separation). 

For  <  -  8°,  the  upstream  influence  is  very  small,  since  the  shock  emanates  practically  from  the  comer  angle.  On  the  other 
hand,  for  <•£  «  16"  and  20®.  the  shadowgraph  reveals  a  substantial  Increase  of  the  upstream  influence  length  due  to  an  intensifying  of 
The  perturbating  agency,  namely  the  shock  strength.  This  phenomenon  will  be  studied  In  more  detail  below.  Also,  the  spreading  of  the 
shock  near  the  wad  becomes  clearly  visible.  The  shock  is  seen  to  result  from  the  coalescence  of  compression  waves  induced  by  the 
thickening  of  the  low  velocity  portion  of  the  boundary-layer. 

For  eS  -  24®,  the  pressure  rise  Is  high  enough  to  provoke  significant  separation.  The  shadowgraph  shows  the  following  typical 

features  (part  of  this  shadowgraph  is  obscured  by  the  aerodynamic  fences  which  were  necessary  to  insure  flow  field  two- 

dimensionality): 

i  -  The  comer  upstream  influence  has  considerably  increased. 


ii  -  A  first  shock  forms  wed  upstream  of  the  comer. 


iii  -  An  additional  compression  fan  at  reattachment  merges  with  the  separation  shock  and  reinforces  It. 

For  flow  conditions  different  from  those  of  the  present  example,  the  compression  waves  at  reattachment  may  coalesce  into  a 
shock  before  reaching  the  separation  shock  (see  sketch  in  Fig,  3.4).  In  this  situation  the  two  shocks  meet  at  a  bifurcation  point  I 
(also  called  a  triple  point)  and  the  kwfadd  flow  structure  is  simlar  to  a  double  wedge  configuration  with  a  first  wedge  corresponding 
to  the  initial  turn  rt  separation  and  a  second  wedge  to  the  final  turn  at  reattachment  (see  Fig.  3.4a).  This  inviscid  flow  structure 
can  also  be  conceived  as  a  double  shock  system  produced  by  a  "dead-air"  region  at  a  constant  pressure  superior  to  that  of  the 
Incoming  flow.  The  free  boundary  of  this  dead -air  region  starts  from  the  "separation"  point  Syand  hits  the  ramp  at  the 
' reattachment"  poirx  RyP  Sy  and  Ry  not  being  coincidental  with  the  physical  separation  and  reattachment  points,  since  the  real  flow 
field  is  more  complex  that  the  above  perfect  fluid  model  which  is  sketched  in  Fig.  3.4a.  The  model  of  the  second  kind  (including  a 
dead-air  region)  has  been  utilized  in  mufti-component  methods  developed  to  compute  large  separated  flows  in  hypersonic  air-intakes 
(D4lery  and  Masure,  1969). 


Fig.  3.3  Ramp  Flow.  The  Rotational  Inviscid  Row 
Model  (Roshko  and  Thomke,  I960) 


Fig.  3.4  Ramp  Row  with  Separation,  tnvfsckf  Row 
Model.  First  Case 
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The  shock  polar  construction  in  Fig.  3.46  shows  the  local  flow  situation  at  point  I.  In  order  that  the  two  flows  downstream  of  « 
be  compatible  (Le.,  have  same  pressure  and  same  direction)  an  intermediate  state  2’  must  be  introduced  between  the  final  states  2 
and  3.  According  to  the  relative  position  of  the  shock  poiars  (  /J*  )  and  (  £  ),  the  wave  connecting  2  and  2'  is  either  a  shock  (most 
often  very  weak)  -  as  sketched  in  Figs.  3.4a  and  b  -  or  a  centered  expansion  wave  *  as  sketched  in  Figs.  3.5a  and  b.  This  shock 
pattern  has  been  investigated  by  Bird  (1963)  and  Sullivan  (1963)  who  found  that  at  high  Mach  number  the  wave  between  2  and  2‘  is 
an  expansion  wave  whose  amplitude  increases  with  the  Mach  number,  in  hypersonic  interactions,  the  existence  of  this  wave  Is  felt  at 
the  wall  by  a  sharp  decrease  of  the  pressure  downstream  of  the  reattachment  region  (see  Section  3.2.3  below). 


Fig.  3.5  Ramp  Flow  with  Separation.  Inviscld  Row  Fig.  3.6  Turbulent  Hypersonic  Ramp  Row.  Rowfield 

Model.  Second  Case  Shadowgraphs.  Mq  =  8.6  (Holden,  1972) 

The  features  specific  to  a  turtxJert  shock-wave/boundary-layer  interaction  in  hypersonic  flows  are  Illustrated  by  the  photographs 
in  Fig.  3  6  which  show  ramp  flows  for  an  incoming  Mach  number  of  8.6,  the  Reynolds  number  R f  being  equal  to  1.4  x  106  (Holden, 
1972  and  1977).  Thus,  for  hypersonic  flow  the  following  features  are  apparent.  * 

i  -  When  there  is  no  separation,  as  in  photo  a,  the  main  shock  (C|)  is  very  close  to  the  ramp  and  emanates  practically  from  the 
comer  hinge. 

N  -  The  boundary -layer  thickness  over  the  ramp  is  much  thinner  than  the  incoming  boundary-layer.  This  important  reduction  in 
thickness  is  due  to  the  large  increase  in  the  unit  flow  rate  p  u  (  P  :  density,  u  :  velocity)  resulting  from  the  compression  through 
the  shock. 

Hi  -  When  separation  occurs,  the  shock  pattern  described  above  is  embedded  within  the  boundary-layer.  The  situation  is  more  dearly 
visible  in  the  sketch  of  Fig.  3.7.  One  sees  that  the  triple  point  I  can  be  very  close  to  the  wall  so  that  the  expansion  wave 
emanating  from  I  reaches  the  wall  at  a  small  distance  behind  reattachment  leading  to  an  important  pressure  dec.  ease. 


The  shadowgraph  pictures  of  Figs.  3  8a  and  b  give  another  beautiful  example  of  a  turbulent  hypersonic  flow  at  a  wedge- 
compression  comer  (Effstrom.  1971).  In  the  separated  case  (see  Fig.  3.8b),  one  dearty  sees  the  separation  shock  and  the  shear-layer 
which  develops  between  the  external  Inviscld  flew,  below  the  separation  shock,  and  the  so-called  ‘dead -air*  region  tot  contact  with 
the  wall.  Also,  one  notes  the  strong  reattach  merit  shock  that  is  intersected  by  the  separation  shock  very  dose  to  the  surface. 

Thus,  one  of  the  distinctive  features  or  hypersonic  interacting  flows,  is  the  existence  of  a  pattern  of  extremely  strong  shocks 
associated  to  the  separated  flow. 

On  the  other  hand,  the  schfieren  photographs  of  Fig.  3.9  emphasize  the  differences  between  a  laminar  and  a  turtxienf 
Weradkxi  It  is  seen  that  for  a  same  ramp  angle  (  ^  »  15°)  and  at  a  Mach  number  of  5,  a  targe  separation  occurs  In  the  laminar 
case  whereas  the  flow  remains  attached  in  the  turbulent  case.  The  Immediate  conduslon  is  that  the  interaction  length  -  i.e.  the 
•treamwfae  extent  of  the  interaction  domain  -  is  far  more  important  In  the  laminar  flow  regime  than  In  the  turbulent  regime.  Also, 
one  notea  that  a  laminar  boundary-layer  wit  separate  for  a  much  weaker  shock  than  a  turtxJent  one. 

Figure  3.10  shows  a  comparison  between  a  laminar  and  a  turbulent  Interaction  In  terms  of  wall  pressure  distributions  for  neatly 
the  same  upstream  Mach  number  (Chapman  at  al..  1967).  These  wall  pressure  distributions  dearty  exhibit  a  greeter  spreading  of  the 
discontinuity  in  the  case  of  the  laminar  boundary-layer.  This  greater  X-wtee  extersion  is  far  beyond  the  scaling  by  the  Incoming 
boundary-layer  thickness.  Also,  the  various  characteristic  pressure  rises,  in  particular  the  pressure  at  separation,  are  far  less 
Important  in  laminar  flows  than  In  turbulent  flows. 

Tha  above  differences  in  the  Wow  behaviors  have  at  least  two  Immediate  consequences: 
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Fig.  3.9  Hypersonic  Ramp  Flow.  Mq  -  5-  aL~  15°  Fig.  3.10  Shock  Reflection  in  Fully  Laminar  and 

Fully  Turbulent  R6glmes  (Chapman  et  al., 

1957) 

1  -  The  pressure  rise  required  to  separate  a  laminar  boundary-layer  is  much  lower  than  the  pressure  rise  inducing  separation  of  a 

turbulent  boundary-layer.  A  direct  quantitative  comparison  of  the  respective  sensitivity  of  the  two  flows  to  shock-induced  separation 
Is  difficult  since  such  a  comparison  should  be  made  by  varying  the  pressure  rise  whfle  keeping  the  same  Reynolds  number  for  the  two 
flows.  However,  some  Information  can  be  inferred  from  the  Free  Interaction  Theory  presented  in  Section  3.2.4  below.  This  theory 
establishes  the  fact  that  the  normalized  pressure  rise  at  separation  -  which  can  be  identified  with  the  pressure  ratio  necessary  for 
Incipient  Separation  -is  nearly  five  times  smaller  in  laminar  flow  than  In  turbulent  flow. 

M  -  Due  to  the  wider  streamwise  spreading  of  the  phenomena  and  the  simultaneous  reduction  In  the  amplitude  of  the  pressure  rises, 
the  X-wtse  gradients  of  the  flow  properties  are  far  less  intense  In  laminar  flows.  Consequently,  the  transverse  pressure  variations  are 
also  small,  as  is  shown  in  the  experimental  data  of  Sfeir  (1969)  plotted  In  Fig.  3.11.  These  results  are  relative  to  a  ramp  flow  at  an 
upstream  Mach  number  Mq  -  2.64.  The  figure  gives  a  comparison  between  the  pressure  measured  at  the  wail  and  the  pressure  at  the 
boundary 4a yer  edge  deduced  from  local  measurements.  The  coincidence  of  the  two  distributions  must  be  compared  to  the  large 
transverse  pressure  gradients  existing  in  a  turbulent  interaction  where,  as  we  have  seen,  the  shocks  penetrate  deeolv  inside  the 
boundary-layer. 


Fig.  3.11  Ramp  Flow  In  Laminar  R6gfme.  Wall  Fig.  3.12  Incident  Reflecting  Shock  in  Turbulent 

Pressure  Distribution  (Sfeir,  1969)  Flow.  FlowfleW  Shadowgraphs.  Mq  =  1.93 

(Ddlery,  1970) 

The  absence  of  a  significant  y-wise  pressure  gradient  In  a  laminar  interaction  is  of  great  concern  for  theoretical  methods  since 
it  justifies  the  modelling  of  this  kind  of  flow  by  resorting  to  a  classical  boundary-layer  approach  as  the  one  most  often  used  in 
I  nvteckj- Viscous  Interactive  (IVI)  methods. 

The  ImpfngingJMecting  Oblique  Shock.  In  the  present  simplified  configuration,  a  shock-wave  Is  generated  by  a  "shock -generator* 
made  up  erf  a  flat  plate  with  sharp  leading  edge,  inclined  at  an  angle  relative  to  the  uniform  incoming  flow.  The  planar  oblique 
shock  originating  from  the  plate  leading  edge  Impinges  on  a  straight  wall  facing  the  shock  generator. 

The  sequence  of  schfieren  photographs  shown  in  Fig.  3.12  visualizes  the  shock  reflection  phenomenon  for  Increasing  values  of 
the  primary  deflection  Jf,  through  the  Incident  shock-wave  In  the  present  example,  the  Incoming  flow  Mach  number  is  equal  to  1.93 
and  the  Reynolds  number  R ft  to  0.75  x  104  (DOery,  1970).  The  apparent  thickness  of  the  shock  on  the  photographs  la  the 
manifestation  of  side  effects  on  the  test-section  windows.  The  following  schfieren  photographs  Interpretation  closely  resembles  the 
schematic  flow  representation  given  by  Bogdoooff  and  Kepler  (1964). 

When  the  Incident  shock  Is  weak  (as  In  the  Art  photograph  In  Fig.  3.12a),  the  general  flaw  structure  does  not  dtfter  much  from 
the  perfect  fluid  model.  However,  a  doeer  look  at  the  picture  reveals  that  complex  phenomena  take  place  Inside  the  boundary-layer. 
A  schematic  sketch  of  the  observed  wive-Wd  is  represented  In  Fig.  3.13. 

The  Incident  shock  (Ct)  progressively  curves  at  It  penetrates  the  boundary-layer  because  of  the  decrease  In  local  Mach  number. 
CorrdatMsfy,  It  Mensfty  weakens  and  becomes  vanishin^y  smalt  when  the  shock  reaches  the  sonic  line.  On  the  other  hand,  the 
pressure  rise  through  (Cf)  tends  to  propagate  uspetream  In  the  subsonic  region  <?£  of  the  boundary-iayer,  causing  this  part  to  thicken. 

The  tnicfcening  of  the  boundary4ayer  subsonic  channel  generates  outgoing  compression  waves  (li)  that  rapidly  coalesce  to  form 
the  reflected  shock  (02).  The  refraction  of  these  waves  -  Nke  that  of  the  Incident  shock  -  as  they  propagate  through  the  rotational 
quaslliwtecld  layer (ut)L Induces  the  secondary  wavs  system  (12).  These  last  waves  are  reflected  by  the  sonic  line  as  txpanston  waves 
(I3)  which  are  deivfy  vWbls,  Just  behind  shock  (Cj)  on  the  schllsren  picture. 
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Fig.  3.13  Shock  Reflection  Without  Boundary-Layer 
Separation.  Schematic  Representation  of 
the  RowfieW 


k  .  W«ll  f  MribulaA 


Fig.  3.14  Shock  Reflection  Without  Separation.  An 
Example  of  Weak  Viscous  Interaction.  M0  = 
1.93 


e-r  very  weak  incident  shocks,  the  upstream  interaction  distance  is  extremely  short,  so  that  the  above  flow  pattern  is 
embedded  well  within  the  boundary-layer.  Thus,  at  the  outer  flow  scale,  the  only  reflected  wave  is  a  shock  (C2)  with  a  deflection  dpt 
equal  -  but  with  opposite  sign  -  to  that  of  the  incident  shock  (Ci).  In  this  case,  the  reflection  of  the  shock  is  said  to  be  a  weak 
interaction  process  in  the  sense  that  the  (real)  viscous  flow  closely  resembles  the  inviscid  flow  solution.  This  resemblance  is  also 
evident  when  considering  the  wall  pressure  distribution  plotted  in  Fig.  3.14. 


Let  us  now  consider  the  case  of  an  incident  shock  strong  enough  to  separate  the  boundary-layer.  The  resulting  typical  wave 
pattern  is  visualized  by  the  two  last  photographs  in  Fig.  3.12.  A  very  schematic  representation  of  the  observed  flow  field  Is  sketched 
in  Fig.  3.15. 


The  boundary  layer  separates  at  a  point  S  located  well  upstream  of  the  point  where  the  shock  would  meet  the  surface  if  the 
fluid  were  inviscid.  The  rapid  pressure  rise  at  separation  results  in  compression  waves  propagating  at  first  In  the  supersonic  part  of 
the  boundary-layer,  then  in  the  outer  inviscid  stream.  These  waves  coalesce  to  constitute  what  can  be  Interpreted  as  the  leading 
reflected  shock  (C2)  through  which  the  outer  inviscid  stream  is  turned  upward  from  the  wall.  Shock  (Cg)  intersects  the  incident 
shock  (Ci)  at  point  H  from  which  emanate  the  two  refracted  shocks  (C3)  and  (C4).  As  the  entropy  rise  through  (Ci)  plus  (C4)  is 
generally  different  from  the  entropy  rise  through  (C2)  plus  (C3),  H  is  the  origin  of  a  slip  line  well  visible  on  the  last  photograph. 


Fig.  3.15  Shock  Reflection  With  Boundary-Layer  Fig.  3.15  Shock  Polar  Representation  of  Situation  at 

Separation  Schematic  Representation  of  Point  H  (See  Fig.  3.15) 

the  RowfieW 

A  shock-polar  representation  of  the  situation  at  point  H  is  schematically  represented  in  Fig.  3.16.  ff  one  increases  the  intensity 
of  the  incident  shock,  a  situation  can  be  reached  where  the  two  shock-polars  representing  the  refracted  shock-waves  (C3)  and  (C4) 
do  not  intersect  anymore.  Then  a  Mach  stem  phenomenon  appears  with  the  formation  of  a  quasi  normal  shock  inside  the  flowfield. 


After  Intersection  with  (Ci),  shock  (C3)  Is  bent  because  of  the  entropy  gradient  downstream  of  (Cg)  and  the  compression  waves 
generated  by  the  thickening  of  the  boundary-layer.  Afterwards,  (C3)  enters  Into  the  separated  dissipative  layer  from  which  It  is 
reflected  Into  an  expansion  wave.  Thus  the  Impingement  of  (Ci)  on  the  boundary-layer  Is  seen  to  be  similar  to  a  shock  reflection  at 
a  constant  pressure  free  boundary,  as  In  the  case  of  the  external  boundary  of  a  large  separated  region. 


The  viscous  flow,  which  has  separated  at  S,  reattaches  on  the  surface  at  point  R.  Between  $  and  R  a  recirculation  bubble  forms 
where  the  streamwlse  velocity  profiles  contains  a  zone  where  the  flow  streams  in  a  direction  opposite  to  that  of  the  main  stream. 
Occurrence  of  this  reversed  flow  region  is  typical  of  separated  boundary-layer.  The  streamline  emanating  from  the  separation  point  S 
and  stagnating  at  the  reattachment  point  R  Is  frequently  called  the  Discriminating  Streamline  (or  DSL).  It  delimits  the  flow  which  Is 
■trapped*  Into  the  recirculation  bubble  from  the  flow  which  streams  from  upstream  Infinity  to  downstream  Infinity.  The  above  picture 
is  true  only  If  the  flow  is  two-dimensional  and  steady. 


The  Incident  shock  and  reflected  expansion  turn  the  flow  towards  the  wall  at  an  angle  twice  as  large  as  the  deflection  through 
the  Incident  shock  alone.  As  this  total  downward  turning  is  greater  than  the  upward  turning  through  the  separation  shock, 
downstream  of  the  expansion  fan,  the  outer  stream  flows  towards  the  surface.  At  the  same  time  the  thickness  of  the  dissipative 
layer  decreases.  Afterwards,  the  external  stream  is  progressively  turned  to  become  parallel  to  the  wall.  Simultaneously,  the  boundary- 
layer  reattaches  at  point  R.  The  deviation  accompanying  the  reattachment  process  is  far  more  progressive  than  the  deflection  at 
separation.  The  resulting  compression  waves  are  barely  visible  on  the  schlleren  photographs  of  Fig.  3.12. 
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In  the  same  nature  as  the  doubt  e-wedge  (or  free  boundary)  inviscid  flow  model  for  a  separated  wedge  flow,  one  can  also 
Imagine  a  simitar  model  schematizing  the  reflect ecf-shock  separated  flow  (see  Fig.  3.17).  ft  consists  In  a  dead-air  region  at  constant 
pressure  whose  free  boundary  stars  from  the  'separation*  point  Sj.  The  Incident  shock  (C^)  hits  the  free  boundary  at  point  I  which 
is  the  origin  of  an  expansion  fan  cancelling  the  shock  pressure  jump  to  insure  continuity  of  pressure.  There  results  an  abrupt 
deviation  of  the  free  boundary  which  runs  towards  the  wall  downstream  of  I  and  meets  it  at  the  'reattachmenf  point  Ry. 

When  shock  reflection  Induces  separation,  there  is  a  large  difference  between  the  perfect  fluid  solution  and  the  real  (viscous) 
flow.  This  difference  is  obvious  from  the  scWieren  photographs.  It  Is  also  evident  If  one  compares  the  inviscid  and  wall  pressure 
distributions  plotted  in  Fig  3.18.  Such  a  flow  wNI  be  termed  a  strong  interaction  process,  in  the  sense  that  the  purely  inviscid 
solution  is  now  far  from  portraying  the  true  flow  field. 

Shadowgraphs  of  turbulent  interaction  due  to  shock  reflection  in  hypersonic  flow  are  shown  In  Fig.  3.19.  The  incoming  flow 
Mach  number  is  equal  to  8.6  (Holden.  1972).  Conclusions  similar  to  those  pertaining  to  the  wedge  flow  can  be  drawn.  In  particular, 
one  notes  the  small  angle  relative  to  the  surface  of  the  reflected  shock.  The  shock  pattern  associated  to  flow  separation  is 
practically  entirely  contained  within  the  boundary-layer  flow. 


Fig.  3.17  Shock  Reflection  With  Separation.  Inviscid 
Row  Model 


Fig.  3.18  Shock  Reflection  With  Separation.  An 
Example  of  Strong  Viscous  Interaction.  M0 
=  1.93 


*.  Schliertn  photograph 
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Fig  3.19  Turbulent  Shock  Reflection  In  Hypersonic 
Row.  RcwfWd  Shadowgraphs.  Mq  *  8.6 
(HokJen,  1972) 


Fig.  3.20  Laminar  Supersonic  Shock  Reflection. 

Schlleren  Photograph.  Mg  -  2.15  (Degrez 
etal.,  1987) 
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Fig.  3.21  Supersoolc  ShoU<  Reflection.  Fully  Laminar 
Interaction.  Mq  «  2  ^Hakkinen  et  al.  1959) 


Fig.  3.22  Supersonic  Shock  Reflection.  Transitional 
Interaction.  Mg  =  2  (Hakkinen  et  al..  1959) 


An  example  of  typical  oblique  shock-wave  /laminar  boundary-layer  interaction  is  presented  in  Fig.  3.20.  in  this  case,  the 
incoming  flow  Mach  number  is  equal  to  2.2,  but  the  general  flow  structure  would  be  the  same  at  higher  Mach  number  (Degrez  et  al  , 
1987).  The  general  features  observed  here  are  basically  the  same  as  those  corresponding  to  a  turbulent  interaction.  However,  for  the 
laminar  regime  the  streamwtse  extent  of  the  interaction  domain  -  scaled  to  the  initial  boundary-layer  thickness  -  is  far  more 
important.  Also.  In  laminar  coalescence  of  the  compression  waves  induced  by  boundary-layer  separation  most  often  occurs  well  above 
the  surface,  so  that  the  Intersecting  shock  pattern  of  Fig.  3.15  is  generally  not  observed,  except  at  hypersonic  Mach  number. 


At  hypersonic  Mach  number,  if  the  Reynolds  number  is  not  very  low.  the  interaction  can  be  transitional  This  means  that 
transition  from  laminar  to  turbulent  occurs  in  the  course  of  the  interaction  process  itself.  In  this  case,  the  shock  is  a  perturbation 
which  triggers  a  premature  transition  of  the  boundary-layer  which  otherwise  would  take  place  farther  downstream  of  the  shock  origin 
(wedge  flow)  or  impingement  point. 


Transitional  interactions  have  been  recognized  and  analyzed  by  several  investigators,  among  them  Hakkinen  et  al.,  (1959),  Gadd 
et  al.  (1954),  Chapman  et  al.  (1957)  and  also  Don  Gray  (1967).  The  occurrence  of  a  transitional  regime  Is  llustrated  by  comparing  the 
shock  reflection  represented  fr?  Figs.  3.21  and  3.22.  These  experiments  were  carried  out  in  a  two  dimensional  wind-tunnel  with  an 
upstream  Mach  number  equal  to  2  (Hakkinen  et  al.,  1959).  The  first  situation  (see  Fig.  3.21)  is  fully  laminar,  transition  taking  place 
well  downstream  of  the  zone  of  interest.  As  shown  in  Fig.  3.22,  an  increase  in  the  Reynolds  number  and  in  the  shock  strength 
provokes  the  transition  to  move  into  the  interaction  domain,  more  precisely  into  the  vicinity  of  reattachment.  The  phenomenon  >3 
dearly  visible  on  the  shadowgraph  picture  of  Fig.  3  22  as  also  on  the  corresponding  wall  pressure  distribution.  One  observes  a  strong 
dissymmetry  between  the  pressure  rises  respectively  associated  with  separation  and  reattachmt  nt.  This  interaction  leads  to  a  far  more 
ample  pressure  rise  in  the  reattachment  region  than  in  the  separation  zone. 

The  consequence  of  the  transition  displacement  is  twofold: 


i  -  The  X-wise  scale  of  the  reattachment  domain  has  considerably  shrunk. 

ii  -  The  associated  pressure  rise,  along  with  the  accompanying  pressure  gradient,  have  been  greatly  amplified. 

The  various  situations  encountered  when  transition  moves  In  the  interaction  domain  have  been  thoroughly  discussed  by  Gadd  et 
al.  (1954).  Also,  the  effect  of  shock  impingement  on  boundary-layer  transition  was  investigated  by  Le  Balleur  and  Ddery  (1973) 

In  fact,  very  few  information  is  available  on  this  phenomenon  which  is  of  great  importance  for  hypersonic  applications.  Its 
frequent  occurrence  in  shock-wave/boundary-layer  interactions  may  lead  to  great  difficulties  in  the  prediction  of  the  extremely  large 
heat-tranfer  rates  which  are  associated  with  reattachment  (see  Section  3  2. 7  below). 

3.2.3  -  Properties  of  the  Wall  Pressure  Distribution 


The  main  properties  of  the  wall  pressure  distribution  measured  in  a  supersonic  or  hypersonic  shock-wave/turbulent  boundary- 
layer  interaction  will  now  be  examined  by  considering  typical  experimental  results. 


i  •  The  first  example  Is  a  wedge  flow  at  an  upstream  Mach  number  Mg  *  2.95  and  a  Reynolds  number  R  ^  =  0.78  x  106  which  was 
Investigated  in  considerable  detals  by  Settles  (1975).  The  data  plotted  in  Fig.  3.23  show  that  the  pressure  at  the  wall  starts  to  rise 
upstream  of  the  comer  by  virtue  of  the  upstream  propagation  mechanism  already  discussed.  The  correlation  properties  of  the  so- 
called  Upstream  Influence  Length  -  or  Upstream  Interaction  Length  as  defined  from  the  wall  pressure  distribution  wll  be  examined  in 
Section  3.2.5. 


Fig.  3.23  Supersonic  Ramp  Flow.  WaH  Pressure 
Distributions.  Mg  -  2.95  (Settles,  1975) 


Fig.  3.24  Comparison  of  Ramp  Flow  and  Shock 
Reflection  Ftow.  Mg  -  2  95  (Shang  et  al., 
1976) 
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W  -  For  the  highest  values  of  u  ,  the  pressure  curves  dearly  exhibit  three  inflection  points  This  shape  «  typical  of  an  interaction 
involving  a  noticeable  separation  of  the  boundary-layer.  The  three  inflection  points  are  respectively  associated  with  separation,  the 
onset  of  reattachment  and  the  reattachment  compression.  Now.  as  we  already  know,  the  fully  invlscld  solution  differs  considerably 
from  the  real  flow  and  such  a  situation  is  called  a  strong  Interaction. 

W  -  The  data  plotted  in  Fig.  3.24  were  published  bv  Shang  et  al.  (1976).  They  are  relative  to  a  compression  ramp  and  to  an 
impinging  shock  gwing  the  same  overall  pressure  rise  as  the  ramp.  The  initial  conditions  are  Identical  in  the  two  cases,  namely:  Mg  = 
2.96  and  R  ^  105.  The  left  part  of  the  figure  shows  lines  of  constant  density  determined  from  Interferometric  measurements. 
Although  the  structures  of  the  two  flows  are  very  different,  one  sees  that  the  two  families  of  waif  pressure  distributions  plotted  on 
the  same  figure  are  nearly  coincident. 

N  -  Figure  3.25  shows  plotting  of  wail  pressure  distributions  for  the  same  Incoming  flow  separating  In  front  of  steps  of  different 
heights.  Such  an  obstacle  provokes,  even  in  turbulent  flow,  a  large  separation.  We  will  see  in  Section  3.2.4  that  the  pressure  rise 
associated  with  step  induced  separation  is  in  fact  the  same  as  that  resulting  from  shock  induced  separation  -  for  identical  incoming 
flow  conditions.  For  the  highest  step,  the  pressure  curve  exhibits  the  plateau  typical  of  an  extended  separated  zone.  If  these 
distributions  are  re-plotted  in  such  a  way  that  the  origins  of  the  interactions  coincide  -  as  is  done  in  Fig.  3.26  -  one  observes  a 
dose  correlation  of  the  curves  on  the  whole. 


Fig.  3.25  Separation  in  Front  of  a  Step.  Influence  of 
the  Step  Height  on  the  Wall  Pressure 
Distribution.  Mg  =  1.93  (Ddery,  1970) 


0  5  K)  15  20  25 


Fig.  3.26  Separation  in  Front  of  a  Step.  Correlation 
of  Wall  Pressure  Distributions  (Ddery, 
1970) 


Fig.  3.27  Turbulent  Ramp  Row.  Reynolds  Number 
Effect  at  Low  to  Moderate  Reynolds 
Number.  Mg  ■=  2.7  (Chapman  et  al.1957) 


Fig.  3.28  Turbulent  Ramp  Row.  Reynolds  Number 
Effect  at  High  Reynolds  Number.  Mg=  3.93 
(Roshko  and  Thomke,  1969) 


v  -  The  pressure  distributions  plotted  In  Fig.  3.27  were  measured  In  a  compression  comer  at  Mg  -  2.7  and  for  relatively  low 
Reynolds  numbers  R|_  varying  in  the  range  1.4  x  106  to  4  xlO6  (Chapman  et  al.,  1957).  According  to  these  results,  there  Is  a  dearly 
visible  increase  in  the  streamwise  extent  of  the  interaction  domain  when  the  Reynolds  number  Increases.  On  the  other  hand,  as 
shown  in  Fig.  3.28,  In  experiments  performed  at  high  Reynolds  number  (  RL  of  the  order  of  10s,  Roshko  and  Thomke,  1969)  there  Is 
an  otwtous  decrease  In  the  Interaction  extent  with  increasing  Reynolds  number.  This  reversal  In  trend,  which  has  been  at  the  origin 
of  a  big  controversy,  wi  be  further  commented  in  the  forthcoming  Sections. 

vl  -  Thta  last  typical  feature  of  a  turbulent  shock-wave/boundary-layer  Interaction  Is  observed  In  hypersonic  Interactions.  As  shown 
by  the  curves  In  Fig.  3.29,  which  correspond  to  wedge  induced  separation  at  Mg  -  9.22  (EJfstrom,  1971.  1972),  a  hypersonic 
Interaction  Is  characterized  by  an  extremely  large  rise  In  pressure  due  to  the  high  values  of  the  pressure  ratio  through  an  oblique 
shock  at  high  Mach  numbers.  The  pressure  distributions  exhibit  the  following  features: 

-  For  modorate  flow  ramp  angle  ( *  <  26*)  the  shape  of  the  pressure  curves  does  not  markedly  differ  from  that  observed  at  smaller 
Mach  numbers. 

-  Once  separation  has  occurred,  there  Is  a  large  dissymmetry  between  the  pressure  rises  at  separation  and  reattachment  the  latter 
being  much  more  Important 

-  In  accordance  to  the  Free  Interaction  concept  already  mentionned,  the  pressure  rise  associated  to  separation  keeps  a  slmiar  shape 
when  the  eeperatton  point  is  moving  upstream  as  a  consequence  of  the  Increase  of  the  ramp  angle 


9-16 


-  The  extent  of  the  pressure  plateau  region  increases  rapidly  with  the  wedge  angle,  l.e.  with  the  overall  pressure  jump.  As  previously, 
the  pressure  rise  to  separation  does  not  depend  on  downstream  conditions  and  is,  thus,  entirely  determined  by  the  flow  situation  at 
the  interact  ion  onset  Consequently,  an  increase  In  the  overall  pressure  rise  necessarily  entails  a  higher  pressure  rise  at 
reattachment.  This  can  only  be  achieved  by  an  increase  In  the  maximum  velocity  reached  on  the  Discriminating  Streamline  (DSL)  of 
the  separated  bubble,  i.e.  the  streamline  issuing  from  the  separation  point  and  stagnating  at  the  reattachment  point  (see  sketch  Fig. 
3.15). 


Indeed,  as  can  be  Intuitively  understood,  the  pressure  rise  that  the  separated  shear-layer  can  negociate  during  the  reattachment 
process  Is  a  function  of  its  level  of  kinetic  energy.  This  level  tends  to  increase  when  the  length  of  the  DSL  Increases  since  then  the 
mixing  process  which  operates  the  transfer  at  energy  from  the  outer  flow  to  the  shear  layer  takes  place  over  a  longer  distance. 
Hence,  the  length  of  the  separated  shear-layer  must  be  longer  in  order  to  permit  a  greater  acceleration  on  the  DSL  before 
reattachment  begins. 

-  When  <*•  Is  greater  than  30*,  the  pressure  distribution  exhibits  a  decrease  following  the  rise  corresponding  to  reattachment  and  then 
tends  to  the  constant  level  of  the  Inviscid  solution  with  the  tendency  that  the  greater  the  wedge  angle,  the  higher  the  pressure 
overshoot.  A  plausible  explanation  of  this  phenomenon  has  been  given  above.  Let  us  recall  that  it  Is  observed  when  the  flow  Is 
separated  and  Is  associated  with  the  triple  shock  pattern  which  then  forms.  Some  investigators  has  used  occurrence  of  the  overshoot 
as  a  means  to  detect  incipient  separation  (Elf strom.  1971). 

The  properties  of  the  wall  pressure  distribution  have  been  discussed  here  by  considering  turbulent  results.  The  same  trends  are 
In  fact  observed  in  laminar  shock-wave /boundary-layer  interactions,  so  that  we  will  not  repeat  a  description  of  these  features.  In 
particular,  the  Free  Interaction  concept  Is  verified  in  laminar  flows  where  one  observes  always  an  increase  in  the  spreading  of  the 
interaction  domain  when  the  Reynolds  number  is  increased. 

Further  information  concerning  shock-wave/boundary-layer  interaction  can  be  found  in  the  literature.  Thus.  Don  Gray  and 
Rhudy  (1973)  have  studied  effects  of  leading  edge  blunting  and  wail  cooling  on  separation  of  a  laminar  boundary-layer  In  the  Mach 
number  range  3-6.  They  have  shown  that  there  is  a  well  defined  effect  of  the  leading  edge  radius  of  the  plate  on  which  the 
boundary-layer  develops. 


Fig.  3.29  Wall  Pressure  Distribution.  Oownstream  Fig.  3  30  The  Free  Interaction  Theory.  Wall  Pressure 

Overshoot  at  High  Mach  Number.  M0  *  Correlation  Functions  (Erdos  and  Pallone, 

9.22  (Elfstrom,  1971)  1962) 

3.2.4  -  The  Free  Interaction  Concept 

As  seen  in  the  preceding  Sections,  experimental  data  show  that  the  major  part  of  a  supersonic  interacting  flow  evolving 
towards  separation  does  not  (appreciably)  depends  on  the  agency  at  the  origin  of  separation,  this  agency  being  either  a  solid  obstacle 
or  an  incident  shock-wave.  That  part  of  the  flow  Independent  of  the  downstream  situation  comprises  the  compression  at  separation 
as  well  as  the  development  of  the  pressure  plateau  for  largely  separated  flows.  Thus,  everything  happens  as  if  the  flow  were  entirely 
determined  by  Its  properties  at  the  onset  of  separation. 

These  flows  that  are  (to  a  first  approximation)  free  from  direct  influence  of  downstream  geometry  were  termed  by  Chapman 
Free  Interactions.  Later  on,  a  more  rational  definition  of  this  concept  was  given  within  the  framework  of  Asymptotic  Theories  (see 
section  4.1). 

The  Free  Inter*.  uion  concept  permits  the  derivation  of  correlation  laws  explicltely  displaying  the  dependence  of  the 
phenomenon  on  such  taslc  parameters  as  the  Mach  number  and  the  Reynolds  number.  Although  the  character  of  generality  of  these 
laws  is  now  questioned,  especially  for  high  Reynolds  number  turbulent  flows,  the  Free  Interaction  Theory  is  stiff  of  Important 
historical  Interest  since  It  Is  at  the  origin  of  Ideas  having  led  to  decisive  progress  in  the  modelling  of  interacting  flows. 

By  considering  the  boundary-layer  momentum  equation  written  at  the  wall: 

dt/dX  =  (>T/ty)v 

and  the  linearized  coupling  relation  expressed  on  the  boundary-layer  displacement  thickness: 

o.s  (/>;.>)*< ,  M'/d* 

Is  possible  to  derive  the  following  correlation  law  for  the  pressure  rise  during  the  Free  Interaction  process: 

'•<)  (*■*.)/%  -  ]  (tCfji  (#/-*)'* 

In  Eq.  3.1,  qg  1*  the  dynamic  pressure,  Cfg  Is  the  skin-friction  coefficient  at  origin  Xg  of  interaction  and  F  Is  a  universal 
ictlon  of  the  scaled  streamwtse  distance  (X.  X0  )  /l  . 

Figure  3.30  shows  the  functions  F|  and  Ft  respectively  obtained  for  laminar  and  turbulent  flows.  In  the  representation  of  Fig. 
3.30,  the  X-wfsa  length  scale  L  Is  the  distance  from  the  origin  Xq  to  the  station  at  which  F  reaches  the  value  corresponding  to  the 
pressure  plateau  of  an  extended  separated  flow.  The  particular  values  of  Fare  found: 


j 
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I  -  At  the  separation  point: 

=  0.81  for  laminar  flow 
F 

=  4.22  for  turbulent  Row 

ii  -  For  the  pressure  plateau: 

=  1.47  for  laminar  flow 

F 

=  6.00  for  turbulent  flow 

The  above  values  reflect  the  fact  that  pressure  rises  in  turbulent  separation  are  far  more  Important  than  In  laminar  separation. 

A  correlation  law  for  the  streamwise  scale  of  interaction  L  Is  si nearly  obtained  in  the  following  form: 

t/t;  = 

where  the  constant  k  must  be  determined  experimentally. 

The  above  analysis  has  been  generalized  by  Carrier©  et  al.  (1968)  in  order  to  take  Into  account  non-uniformities  In  the  • 
incoming  outer  flow  as  well  as  wall  curvature  effect  in  the  Interaction  region. 

In  the  turbulent  regime  and  at  low  to  moderate  Reynolds  number  (say  Hj  z  105),  Eq.  3.1  most  often  correlates  very  well 
experimental  wall  pressure  distributions  measured  for  greatly  different  situations*  Thus,  Fig.  3.31  gives  an  example  of  such  a 
correlation  obtained  in  the  case  of  step-induced  separation  and  shock-induced  separation.  One  notes  an  excellent  correlation  of  the 
results  corresponding  to  very  different  flow  situations.  In  the  present  example,  the  X-wise  length  scale  is  the  distance  between  the 
interaction  origin  and  the  separation  point. 

Some  authors  have  used  a  modified  form  of  Chapman’s  scaling  law  whichy  Is  valid  for  hypersonic  Mach  numbers  (Lewis  et  al., 
1967).  By  assuming  M0*>  1  and  since  for  a  laminar  boundary-layer  Cf  oc  Rxl  one  can  derive  the  following  equivalent  form 

of  Chapman's  laws.  e 

Poc(±h.)  JL  ;  X  *  Uk  c-' 

%  J  {Tt  X0 

where  fr  ts  the  hypereonic  strong  viscous  interaction  parameter  and: 

S  ,  jL 

Co  being  the  Chapman-Rubesin  constant  of  the  viscosity  law. 


Fig.  3.31  The  Free  Interaction  Theory.  Correlation 
of  Wall  Pressure  Measurements. 


Fig.  3.32  Laminar  Separation.  Chapman’s 
Correlation  for  Adiabatic  Wall  Conditions 
(Lewis  etal..  1967) 


Figure  3.32  shows  a  correlation  for  a  laminar  interaction  using  these  new  variables  (Lewis  et  al.,  1967). 

The  effect  of  wall  temperature  on  Chapman’s  scaling  has  been  assumed  to  enter  solely  through  Its  effect  on  the  reference 
quantities  of  the  scaling  (£*,  etc  ..).  The  pressure  distribution  obtained  by  Lewis  et  al.  (1967)  on  a  plate  upstream  of  a  10°  ramp  at 
M0  *  6.06  with  Tyy/Tjg  *  0.2  is  correlated  In  the  same  manner  and  presented  In  Fig.  3,33  together  with  the  band  of  adiabatic  data. 
Although  data  taker  at  all  Reynolds  number  for  this  fixed  wall  temperature  collapse  Into  a  single  curve,  the  curve  Is  quite  distinct 
from  that  obtained  in  the  adiabatic  case.  The  major  difference  appears  to  be  In  the  X  scaling  which  may  reflect  an  "error*  In  the 
choice  of  as  an  appropriate  scaling  factor  when  Tw/T|q  is  not  fixed. 

Using  an  approximate  Integral  of  the  energy  equation  and  a  Pohlhausen  analysis.  Curie  (1961)  has  suggested  a  modification  of 
Chapman’s  correlation.  According  to  Curie,  P  is  Identical  to  that  of  Chapman's  scaling  but  now: 

Adoption  of  this  new  scaling  law  allows  to  remove  this  additional  dependence  on  Tw/T0  as  shown  In  Fig.  3.33. 

The  Free  Interaction  Theory  has  frequently  been  used  for  establishing  correlation  laws  concerning  the  plateau  pressure,  the 
pressure  rise  to  the  separation  point,  the  extent  of  the  separated  region,  etc...  (see.  for  example,  Putnam,  1965;  Needham,  1966, 
Popfnsky  and  Erhiteh,  1966;  Watson  et  al.,  1969). 
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Fig.  3.33  Laminar  Separation.  Wall  Temperature 
Effect  on  Surface  Pressure  Correlation 
(Lewis eta/.,  f967) 


Fig.  3.35  Free  Interaction  Type  Correlation  for  the 
Turbulent  Plateau  Pressure  Coefficient 
(Werfe.  1973) 


Fig.  3.34  Free  interaction  Type  Correlation  tor  the 
Laminar  Plateau  Pressure  (StanewsKy.  1973) 


Fig.  3.36  Separation  in  Front  of  a  Step. 

Correlations  for  Plateau  and  Separation 
Pressures  at  High  Reynolds  Number 
(Zukoskl,  1967) 


Thus,  Fig.  3.34  presents  the  plateau  pressure  for  a  laminar  separation  as  function  of  the  hypersonic  viscous  Interaction 
parameter  Zt  .  A  simBar  result  relative  to  turbulent  flow  Is  presented  in  Fig.  3.35.  In  this  last  correlation,  '  '0  plateau  pressure 
coefficient: 

C.  .  b-K 
*  % 

as  given  by  Poplnsky  and  Ehrlich  (1966)  is  expressed  In  the  form: 

(%)$;=  tst  (*:- i.r * 

For  a  flat  plate  turtxient  boundary-layer.  the  above  equation  is  In  fact  neatly  the  same  as  the  one  of  Erdos  and  Pallone  (see 
above) - 

Ay  high  Reynolds  number  (R/,  >  10s),  several  investigators  have  found  tha.  the  pressure  rise  to  separation  and/or  to  the  plateau 
tend  to  become  independent  of  '.he  Reynolds  number  and  even  to  decrease  slightly  with  It.  This  change  in  the  Reynolds  number 
dependence  was  deafly  established  by  the  expertmerfls  of  Zukoskl  (1967),  ot  Roshko  and  Thomke  (1974)  and  those  ol  Settles  (1975) 
To  illustrate  this  point.  Fig.  3.36  shows  experimental  data  and  correlations  for  the  pressure  plateau  which  depend  on  the  upstream 
Mach  number  Mg  only  (ZJkoskl.  1967) 

Other  correlation  properties  concerning  the  essential  features  ot  shock-wave/boundary-layer  Interactions  may  be  found  In 
preceding  Lectures  on  the  subject  (Stanewsky,  1973;  Leblanc,  1976). 

3.2.5  -  Scaling  Properties  ot  the  Interaction  Extant  In  Turbulent  Flow 

Irsroductory  Remarks  The  'Intensity'  o *  a  shock Jwave/boundarytayer  Interaction  can  also  be  characterized  by  ks  txxXmam  Influence- 
l.e-.  the  distance  at  which  the  Interaction  -  or  the  shock  presence  -  Is  first  felt.  This  distance  Is  most  o«en  measured  Irom  the 
wedge  comer  or  Irom  the  point  where  an  Incident  shock  would  Impinge  on  the  wan  In  the  absence  of  a  boundary-layer 

A  second  point  cf  Interest  Is  the  separation  Ian0h  which  Is  conveniently  defined  as  the  distance  ot  the  separation  point  from  a 
suitably  chosen  origin,  lor  example,  the  start  of  the  Interaction. 

The  basic  question  that  arises  is  thus:  what  are  the  appropriate  scaling  laws  for  these  characteristic  lengths?  The  answer  to  this 
question  Is  Important,  net  only  for  practical  purposes,  but  also  tor  the  physical  understanding  ot  the  phenomenon.  In  pertloflar,  dear 
and  accurate  Information  on  this  subject  Is  of  great  Interest  to  help  modelling  ot  the  phenomenon,  especially  In  turtxient  flows  where 
one  has  to  rely  heavfly  on  experiment. 

As  seen  In  the  preceding  Section,  the  Free  Interaction  Theory  gives  an  answer  to  this  question  In  lamkw  flows  and  m  turtxient 
flews  lor  which  the  Reynolds  number  is  low  or  moderate  (the  rflglme  being  nevertheless  turtxient).  However,  the  question  ot  scaling 
laws  has  to  be  reconsidered  in  high  Reynolds  number  turtxient  flows  where  the  Free  Interaction  Theory  does  not  wont  anymore. 

Tha  Upstream  Interaction  Lanffh.  Eaaentlafly  we  w«  consider  scaling  properties  for  the  upstreem  Interaction  length  In  the  case  of 
wedge  lows.  However  I  should  be  emphasized  that  general  tendencies  observed  in  wedgefllcws  ate  afeo  stmiv  to  shock  reflection, 
since  In  the  Invfsdd  sense  there  Is  no  essential  difference  between  these  two  kinds  ot  flow  as  was  seen  above. 
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The  upstream  ‘Eviction  length  is  most  often  defined  from  inspection  of  the  wafl  pressure  distribution-  Theoretically,  the  origin 
of  the  interaction  «  it  the  point  where  the  wa*  pressure  distribution  starts  to  rise.  Some  investigators  have  adopted  this  definition 
(Spa id  and  Fn<-‘  t,  1972).  Unfortunately,  the  experimental  localization  of  the  true  Interaction  origin  is  difficult  and  hence  inaccurate. 
For  this  reason,  most  investigators  have  chosen  a  conventional  origin  by  extrapolating  to  the  wafl  the  quasi -linear  pressure  rise  at 
separation,  as  is  shown  in  Fig.  3.37  (Settles  and  Bogdonoff.  1973;  Roshko  and  Thomke,  1974;  Settles,  1975;  Hayakawa  and  Squire, 
196?). 


Fig.  3.37  Characteristic  Length  Scales  of  a 
Supersonic  Interaction 


Fig.  3.38  Upstream  Interaction  Length.  Influence  of 
Mach  Number.  Reynolds  Number  and  Ramp 
Angle  (Roshko  ant  Thomke,  1974) 


According  to  Green  (1969),  the  main  parameters  likeiy  to  influence  the  extent  of  a  shock-wave/boundary-layer  interaction  are; 


i  -  the  upstream  Mach  number  Mg; 

ii  -  the  Reynolds  number  R  /  ; 

Hi  -  the  wedge  angle  e*.  (or  incident  shock  intensity); 

Iv  -  the  thickness  of  the  incoming  boundary-layer. 

If  one  considers  any  typical  sJrearrrwtse  extent  Lg  scaled  to  the  incoming  boundary-layer  physical  thickness  i9  .  or  displacement 
thickness  ,  there  remain  the  three  following  influence  parameters:  Mg,  R £  and  (or  shock  strength).  If  we  now  focus  our 
attention  on  the  dimensionless  length  Lg/  It  is  generally  agreed  that,  lor  a  fixed  value  of  R  : 

i  •  i  /fe  increases  with  for  a  fixed  Mach  number  Mg; 

ii  -  L  decreases  when  Mg  increases  for  a  fixed  angle  t/t 

However,  there  is  some  controversy  about  the  influence  of  the  Reynods  number. 


On  the  one  hand,  there  are  experiments  made  by  several  Investigators  (Kuehn,  1959;  Elfstrom.  1971;  SpakJ  and  Frishett,  1972)  at 
low  to  moderate  Reynolds  number  (Rr  <  10®).  both  with  tripped  and  untripped  boundary-layer.  These  experiments  indubitably  show 
that  Lg/^  increases  with  the  Reynolds  number  R  ^  .  Such  a  tendency  is  in  agreement  with  the  Free  Interaction  Theory. 

On  the  other  hand,  experiments  performed  at  high  Reynolds  number  manifestly  show  a  reversal  of  this  trend.  Lg//  decreasing 
with  Increasing  Reynolds  number  (Roshko  and  Thomke,  1974;  Settles.  1975;  Settles  et  al..  1975). 

In  what  follows,  we  will  consider  results  on  the  upstream  Influence  length  at  high  Reynolds  number,  the  case  of  low  Reynolds 
number  being  satisfactorily  represented  by  the  Free  Interaction  Theory. 

A  systematic  survey  of  the  influence  of  M).  R^and  <  on  the  interaction  length  Lg  was  made  by  Roshko  and  Thomke  (1974)  for 
wedge  flows  in  the  Reynolds  number  range  10“*  <  R/ <  10®  .  Some  of  the  results  that  they  obtained  are  plotted  In  Fig  3  38  where  Lg 
is  arbitrarily  scaled  to  the  distance  of  the  comer  from  the  leading  edge  of  the  plate  on  which  the  incoming  boundary-layer  develops 
A  rapid  examination  of  these  results  leads  to  the  following  remarks: 

I  -  For  fixed  Reynolds  number  Rl  (Rl  is  computed  for  freestream  conditions  and  with  the  distance  of  the  wedge  comer  to  the 
plate  leading  edge)  and  Mach  number  Mg,  the  upstream  Interaction  length  Increases  with  «:  ;  ie.  with  the  intensity  of  the 
perturbation  It  Is  now  dear  that  the  increase  in  lg  with  the  shock  intensity  has  to  do  with  the  fact  that  a  higher  back  pressure 
must  feed  farther  upstream  through  the  subsonic  part  of  the  boundary-layer. 

H  -  For  fixed  Rj_  and  ,  lg  decreases  when  Mg  increases.  This  trend  can  certainty  be  explained  by  the  reduction  of  the  subsonic 
layer  thickness  when  Mg  Is  higher 

HI  -  For  fixed  Mg  and  o/t  .  Lg  decreases  when  the  Reynolds  number  Increases.  This  tendency  can  also  result  from  a  thinning  of  the 
subsonic  layer. 

It  should  be  noticed  that  the  above  tendencies  are  stil  observed  when  Lg  Is  scaled  to  the  physical  thickness  of  the  boundary- 
layer^  (or  *s  displacement  thickness^  This  fact  proves  that  ft  (or  {* )  alone  cannot  oe  the  scale  of  the  Refaction 

Conclusions  simlar  to  those  of  Roshko  and  Thomke  were  arrived  at  by  Settles  (1975)  (see  also  Settles  at  al..  1975)  who 
performed  experiments  on  comer  flows  al  high  Reynolds  number  (0.5  x  105  ~  7.6x10®) 

Roshko  and  Thomke  as  wed  as  Settles  have  proposed  purely  empirical  laws  to  represent  the  evolution  of  the  scaled  upstream 
Influence  length  in  terms  of  the  main  parameters  of  Influence  These  laws  wtt  not  be  given  here  (see  authors'  publications  or  Mlary 
and  Marvin.  1906) 
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The  Separation  Length  Another  length  which  is  of  interest  for  characterizing  the  streamwise  extern  of  the  interaction  is  the 
separation  length  -  or  separation  distance  -  1$.  For  wedge  flows,  Lg  is  defined  as  the  distance  between  the  comer  hinge  and  the 
separation  point  S  (see  Fig.  3.37).  The  experimental  determination  of  1$  is  more  delicate  than  that  of  the  upstream  interaction  length, 
because  it  necessitates  the  accurate  location  of  the  separation  point. 

As  for  the  upstream  interaction  length,  experiments  performed  at  low  to  moderate  Reynolds  number  tend  to  prove  that  Lg 
increases  with  the  Reynolds  number  This  tendency  is  Illustrated  by  the  results  of  Spaid  and  Frishett  (ly72)  shown  in  Fig.  3.39.  In 
these  experiments,  R  fa  varies  In  the  range  3  x  1(r  -  6  x  104.  A  similar  trend  was  also  observed  by  Batham  (1972).  Such  an  increase 
of  Lg  with  the  Reynolds  number  is  of  course  in  agreement  with  the  Free  Interaction  Theory. 

On  the  other  hand,  at  high  Reynolds  number,  as  observed  by  many  investigators  (Settles  and  Bogdonoff,  1973;  Law,  1974;  Roshko 
and  Thomke.  1974)  there  is  a  dear  decrease  in  the  separation  length  Lg  with  increasing  Reynolds  number,  in  a  way  similar  to  wtiat  is 
observed  lor  the  upstream  interaction  length.  This  fact  was  dearly  demonstrated  by  the  wall  pressure  distributions  plotted  in  Fig. 
328. 


The  Influence  of  the  Reynolds  number  as  well  as  of  the  ramp  angle  on  the  separation  length  was  thoroughly  studied  by  Settles 
for  an  upstream  Mach  number  dose  to  3.  His  resuits  confirm  the  decrease  in  Lg  as  the  Reyr.' Jds  number  is  increased. 

Thus,  to  condude  about  the  effect  of  the  Reynolds  number  on  the  separation  length,  it  can  be  said  that  the  overall  tendencies 
observed  for  the  upstream  interaction  length  are  still  valid  for  the  separation  distance. 


Fig.  3.39  Separation  Length.  Influence  of  Reynolds 
Number  and  Wall  Temperature  at  Low  to 
Moderate  Reynolds  Numbers  (Spaid  and 
Frishett.  1972) 


Fig  3.40  Influence  of  Wall  Temperature  on 
Normalized  Separation  Length  (Spaid  and 
Frishett.  1972) 


3  2.6  -  Influence  of  the  Watt  Temperature  on  Interaction 


Now.  let  us  examine  the  influence  of  a  particularly  Important  parameter  in  the  case  of  hypersonic  flows,  namely  the  wall 
temperature 


In  carefully  made  experiments.  Spaid  and  Frishett  (1972)  found  that  cooling  the  wa*  reduces  the  separation  distance.  The  cooling 
effect  is  shown  In  Figs.  3.39  and  3.40.  In  the  second  figure  Lg  represents  the  value  of  Lg  measured  when  heat  transfer  is  present, 
normalized  by  the  value  of  Lg  in  adiabatic  flow  and  evaluated  at  the  same  Reynolds  number.  The  decrease  in  Lg  with  wall 
temperature  can  be  interpreted: 


Fig.  3.41  Effect  of  Wan  Cooling  on  Incident  Shock 
Reflection.  Wafl  Pressure  Distributions 
(Kltxirg  and  Kotansky,  1969) 


Fig.  3.42  Wall  Temperature  Effect  on  Surface 
Pressure  Distribution  In  Hypersonic  Flow. 
Mq  -  922  (Effshom,  1971) 
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II  -  Either  within  the  framework  of  the  Free  interaction  Theory,  since  a  decrease  of  the  ratio  Tw/Tr  (Tr  being  the  waH  recovery 
temperature)  provokes  an  Increase  of  the  skln-frlctlon  coefficient. 

II  -  Or  by  an  overall  contraction  of  the  interaction  domain  resulting  from  a  thinning  of  the  subsonic  layer  due  to  a  lower 
temperature  level  near  the  waU. 

The  effect  of  wall  temperature  on  the  separation  length  was  also  Investigated  by  Kilburg  and  Kotansky  (1969),  Elfstrom  (1971), 
Don  Gray  and  Rhudy  (1973),  Holden  (1972)  and  by  Back  and  Cuff  el  (1976).  AJI  these  investigators  also  reached  the  conclusion  that 
wall  coding  reduces  the  streamwise  extent  of  the  Interaction  region.  This  effect  Is  particularly  well  Illustrated  by  the  wall  pressure 
distributions  plotted  In  Fig.  3.41.  These  distributions  were  measured  In  a  shock  reflection  at  Mg  =■  3.18.  In  Fig.  3.41a,  the  wall  is 
adiabatic  and  one  notes  an  Important  extension  of  the  interaction  length,  the  real  flow  field  being  well  distinct  from  the  perfect 
fluid  model.  In  this  case,  the  upstream  Interaction  length  Is  particularly  Important.  On  the  other  hand,  as  shown  by  Fig.  3.41  b. 
cooling  the  wall  shrinks  considerably  the  interaction  domain  so  that  the  real  flow  becomes  close  to  the  invlsckj  flow  mode). 

Conversely,  surface  heating  increases  the  size  of  the  separated  region. 

In  hypersonic  flows,  Elfstrom  (1971)  also  noted  that  Increasing  the  wall  temperature  in  separated  flow  tends  to  increase  both  the 
extent  of  the  separated  region  and  the  magnitude  of  the  pressure  overshoot,  as  is  shown  by  the  wall  pressure  distributions  plotted  in 
Fig.  3.42.  Further,  as  noted  by  Elfstrom,  when  the  wall  temperature  Is  increased,  the  attached  flow  pressure  distribution  develops  a 
pressure  overshoot  characteristic  of  separated  flow.  Thus,  the  Incipient  Separation  angle  must  decrease  as  the  wall  temperature  is 
raised.  Of  course,  the  reverse  is  true  when  the  wail  Is  cooled,  l.e.  Incipient  Separation  occurs  for  a  higher  value  of  the  ramp  angle 
(see  Section  3.2.8  below  for  more  ample  information  on  this  question). 


3.2.7  -  Heat-Transfer  in  Shock-Wave/Boundary-Layer  Interactions 

Perhaps  the  most  saiiant  feature  of  hypersonic  shock-wave/ boundary -layer  interaction  is  the  existence  of  extremely  high  heat- 
transfer  rates  in  the  interaction  region,  especially  when  separation  occurs.  This  problem  is  crucial  for  the  correct  sizing  of  thermal 
protection  in  parts  of  the  vehide  where  such  interactions  are  likely  to  occur.  The  problem  has  received  considerable  attention  and 
has  been  studied  by  many  investigators  in  laminar,  as  well  as  in  turbulent  flows  (see.  in  particular,  Chung  and  Vlegas,  1961;  Sterrett 
and  Holloway,  1964,  Mater  et  ai.,  1964,  Needham.  1965;  Holden,  1966,  1972.  1974,  1977.  1978,  1986;  Bushnell  and  Weinstein,  1968;  Keyes 
et  ai..  1968;  Nestler,  1973,  Hung,  1973;  Hung  and  Barnett,  1973;  Stollery  and  Bates,  1974;  Johnson  and  Katsman  II,  1974;  Christophel. 
1975;  Johnson  and  Kaufman  II,  1975;  Stollery,  1975). 


As  will  be  seen,  heat-transfer  rates  are  extremeiy  high  in  the  vicinity  of  point  R  where  the  separated  flow  reattaches.  This  rise 
in  heat-transfer  Is  associated  with  the  stagnation  at  R  of  the  shear-layer  developing  from  the  separation  point  S  (this  layer  is 
particularly  visible  in  Fig.  3.8b).  Thus,  the  situation  at  R  is  similar  to  the  situation  at  a  nose  stagnation  point  with  the  difference 
that  the  flow  stagnation  pressure  in  the  vicinity  of  a  control  surface  can  be  much  higher  that  the  stagnation  pressure  behind  the  bow 
shock  wave  in  front  of  the  nose.  Thus  heat  transfer  rates  on  a  separated  control  surface  can  be  considerably  higher  that  those 
existing  in  the  nose  region,  as  in  the  case  of  a  Type  III  Shock  Interference  (see  Section  22  above). 

Typical  heat-transfer  distributions  in  wedge  induced  interactions  are  represented  in  Fig.  3.43  along  with  the  corresponding  wall 
pressure  and  skin-friction  distributions  (Holden,  1986).  These  results  are  relative  to  an  upstream  Mach  number  Mg  *  14.1  and  a 
Reynolds  number,  computed  with  upstream  flow  conditions  and  the  distance  L  from  the  plate  leading  edge  to  the  ramp  corner,  equal 
to  8.0  x  106  in  this  case,  the  boundary-layer  remains  laminar  throughout  the  interaction  region  Heat-transfer  to  the  wall  is  here 
represented  by  the  coefficient  defined  as: 

^  /  ft  ut  Cji  (  7>.  Tv) 

where  h  is  the  heat  flux  and  are  relative  to  flow  conditions  at  the  boundary-layer  edge,  Tr  is  the  recovery  temperature  (i.e.,  the 
wall  temperature  for  adiabatic  conditions)  and  Tw  the  actual  wall  temperature. 

The  three  sets  of  plotted  curves  correspond  to  different  wedge  angles  : 

.  for  cC  =  15 *  the  flow  remains  attached, 


-  for  =  IQ*  the  Row  Is  in  the  condition  of  Incipient  separation  at  the  comer, 


-  for  oC  =  2M*  the  flow  Is  well  separated. 


Laminar  Ramp  Flow.  Mg  «  14.1  (Holden, 
1986) 


Fig.  3.44  Laminar  Heat-Transfer  In  the  Corner 
Vicinity.  Mg  -  9.7  (Needham.  1965) 


In  non  separated  cases,  the  Ch  distribution  exhibits  a  progressive  decrease  upstream  of  the  ramp  followed  by  a  steep  increase 
on  the  ramp  itself  Once  separation  has  occurred,  heat-  transfer  starts  to  decrease  rapidly  at  a  certain  distance  upstream  of  the 
separation  point;  i.e.  the  point  where  the  sktn-friction  coefficient  changes  sign.  Then  Ch  passes  through  a  wetl  marked  minimum 
before  starting  to  increase  rapidly  in  conjunction  with  the  reattachment  process. 

A  more  detaled  view  of  the  heat-transfer  evolution  in  the  vicinity  of  the  corner  is  provided  by  the  distribution  of  the  h/href 
ratio  plotted  in  Fig.  3.44  (hr0f  designates  the  heat-transfer  at  the  same  streamwise  location  for  flat-plate  conditions;  i.e.  without  the 
ramp).  These  results  have  been  obtained  at  a  Mach  number  Mq  =  9.7  for  a  unit  Reynolds  number  Ru  =  5.83  x  10° /m  (Needham,  1965). 

The  decrease  In  heat -transfer  ahead  of  the  comer,  always  present  even  for  very  small  wedge  angles,  coincides  with  the  initial 

rise  in  pressure  resulting  from  the  upstream  influence  of  the  wedge.  Downstream  of  the  corner,  the  heat-transfer  rate  rapidly  rises  In 

the  region  of  high  pressure  gradient,  reaching  a  maximum  value  just  downstream  of  the  peak  pressure.  As  the  wedge  angle  is 
Increased,  a  small  region  of  flow  separation  is  formed  in  the  comer.  The  pressure  distribution  then  exhibits  a  knee  just  upstream  of 
the  corner  and  the  heat-transfer  is  seen  to  develop  a  smooth  minimum  with  a  continuously  changing  gradient  instead  of  the  cusp 
typical  of  the  attached  flow. 

As  the  wedge  angle  in  Increased  further,  the  size  of  the  separated  region  grows  as  the  separation  point  moves  upstream.  The 
heat-transfer  minimum  retains  the  smooth  curvature  and  broadens  out  as  the  separation  point  moves  away. 

The  next  results,  presented  In  Figs.  3.45a  to  d  are  relative  to  a  turbulent  flow.  They  have  been  obtained  in  a  ramp  flow  for  the 

following  conditions:  Mq  *  8.2  and  Ru  =  10.6  x  l07/m  (Holden.  1977).  The  plotted  quantities  are  the  wall  pressure  and  heat-transfer 

distributions.  The  four  sets  of  curves  correspond  to  different  values  of  the  wedge  angle,  namely:  27°,  30°,  33°  and  36*.  For  the 
greatest  values  of  oi  (33°  and  36°),  the  wall  pressure  distribution  exhibits  a  plateau  (well  marked  for  *  36°)  typical  of  an 
interaction  with  large  separation.  One  sees  that,  In  contrast  to  the  laminar  case,  the  present  results  reveal  an  increase  in  heat- 
transfer  through  separation.  The  heat-transfer  rate  is  nearly  constant  in  the  separated  region.  This  plateau  extends  to  the  beginning 
of  the  reattachment  compression.  Thereafter,  as  in  the  laminar  case,  heat-transfer  rises  rapidly  and  reaches  a  maximum  at  a  location 
nearly  coincident  with  that  of  the  wall  pressure  distribution. 


Fig.  3.45  Wall  Pressure  and  Heat-Transfer  Fig.  3.46  Heat-Transfer  Distributions  In  Hypersonic 

Distributions  In  Hypersonic  Turbulent  Ramp  Turbulent  Ramp  Row.  Mq  =  9.22  (Elf strom. 

Row.  Mq  =  0.2  (Holden,  1977)  1971) 

Other  typical  restits  concerning  heat-transfer  in  a  hypersonic  flow  are  shown  in  Fig.  3.46.  They  have  been  obtained  on  a  wedge 

compression  comer  for  a  Mach  number  equal  to  9.22  and  a  unit  Reynolds  number  Ru  =  4.73  x  107/m  (Eifstrom,  1971).  The  plotted 

curves,  that  correspond  to  increasing  values  of  the  wedge  angle  ^  ,  confirm  the  fact  that,  in  complete  contrast  to  laminar  results,  the 
heat-transfer  rate  rises  in  the  separated  region  when  the  incoming  boundary-iayer  Is  fully  turbulent.  This  effect  may  be  due  to  the 
large  increase  in  turtxieoce  intensity  occurring  in  the  vicinity  of  the  separation  point.  The  large  eddies  which  then  form  can  promote 

energy  exchanges  between  the  wall  region  and  the  outer  high  enthalpy  flow,  thus  leading  to  an  increase  In  heat-transfer  to  the 

surface. 

A  dose  examination  of  the  distributions  shows  that,  near  the  separation  point,  the  heat-transfer  rate  rises  to  about  three  times 
the  flat-ptate  value  before  failing  again  towards  the  comer.  Just  ahead  of  the  hinge  line,  the  heat-transfer  again  starts  to  rise  due 
to  the  upstream  influence  at  the  comer.  Thus,  for  the  present  situation,  the  total  heat-transfer  in  the  separated  region  ahead  of  the 
hinge  line  can  be  between  two  and  three  times  the  corresponding  flat-plate  value 

Further  experimental  evidence  of  this  increase  in  heat-transfer  rate  within  a  turbulent  separated  region  has  been  found  by  Gadd 
et  al.  (1960)  and  Holloway  et  ai.  (1966). 

On  the  ramp  itself,  the  heat-transfer  rate  Increases  very  rapidly,  reaching  values  largely  superior  to  the  flat-plate  levels,  the 
peak  value  increasing  as  the  separated  zone  extends.  This  rise  has  to  be  correlated  with  the  rise  in  the  maximum  pressure  level 
observed  when  the  sep  atlon  point  moves  upstream  (see  Section  3.2.3  and  Fig.  3.29). 

Due  to  the  extreme  importance  of  thermal  problems  In  hypersonic  flows  as  also  of  the  difficulty  to  perform  reliable  predictions, 
particularly  in  turbulent  flows,  empirical  correlations  have  been  looked  for  to  evaluate  peak  values  of  heat-transfer  In  strong  shock- 
induced  interactions. 

Here,  we  will  foflow  the  analysis  of  this  problem  proposed  by  Hung  and  Barnett  (1973).  These  authors  have  derived  interference 
heating  correlations  from  simple  geometry  models,  both  for  laminar  and  turbulent  flows.  It  should  be  noticed  that  the  terms  laminar 
and  turbulent  flows  refer  to  the  boundary-layer  state  of  the  undisturbed  flow  upstream  of  the  interference  region. 


® 
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Fig.  3.47  Definition  of  Shock-Wave/Boundary-Layer 
Interference  Heating  Parameters  (Hung  and 
Barnett,  1973) 
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Fig.  3.48  Peak  Heat-Transfer  Correlation  In 
Turbulent  Flow  (Hung  and  Barnett,  1973) 


The  correlations  apply  to  the  two  classical  situations  sketched  In  fig.  3.47: 

-  The  oblique  shock  reflection  on  a  flat  plate.  In  this  case,  pressure  rises  first  from  to  P2  through  the  Incident  shock  (Ci).  then 
from  P2  to  P3  through  the  reflected  shock  (C2) 

-  The  compression  comer  flow  inducing  a  shock  (C|)  through  which  the  pressure  rises  from  Pi  to  P3. 

The  correlation  laws  are  generally  looked  for  in  terms  of  the  total  pressure  ratio  P3/p1 

In  the  case  of  a  turbulent  flow,  the  peak  heat-transfer  hp«  may  be  related  to  the  heat-transfer  fygf  that  would  exist  without 
shock  reflection  by  the  relation: 

i*.  *  (—)“ 

Lf  1  *• 1 

This  result  is  plotted  In  Fig.  3.48a.  A  slightly  different  correlation  law  has  been  adopted  by  Holden  (1972)  In  the  form: 

<7  = 

where  ppk  Is  the  maximum  pressure  which  may  differ  from  pg  due  to  the  overshoot  phenomenon  described  In  Section  3.2.3.  This 
correlation,  represented  in  Fig.  3.49,  applies  for  maximum  heating  rate  m  wedge  as  well  as  In  externally  generated  shock-induced 
turbulent  separated  flows. 

In  performing  design  calculations.  It  Is  often  preferable  to  use  the  pressure  following  the  incoming  shock  rather  than  the 
reflected  shock.  For  this  case.  Hung  and  Barnett  propose  the  following  correlation: 


.Ac  =  i.tis  (-£l)  [  1  -  o.oc<tr  (-£lJ  J  -  i.vf 


This  relation  Is  compared  to  the  data  In  Fig.  3.48b. 

The  search  for  the  same  kind  of  correlations  In  the  case  of  a  laminar  flow  leads  to  the  result  presented  m  Fig.  3.50a.  One  sees 
that  the  Jata  points  lie  along  several  lines  of  common  slope  resulting  In  the  correlation: 


Jf-  =  f  (*' .  *  .  6  ,  r‘/r,  )  (-£-/” 


where  f  is  a  function  of  the  listed  parameters  (Pr  Is  the  Prandtl  number). 

tn  fact,  the  results  are  seen  to  be  strongly  affected  by  the  Reynolds  number  RL.  One  explanation  of  thb  Influence  of  RL  Is 
that  the  boundary-layer  transition  may  be  promoted  by  the  shock-wave  (see  Section  3.2.2  above). 

At  low  Reynolds  numbers,  the  boundary-layer  Is  stable  enough  so  that  the  shock-wave  does  not  trigger  transition.  Above  some 
critical  value,  the  Now  Is  unstable  and  the  disturbance  promotes  transition  (see  Fig.  3.50b). 


Fig.  3.49  Peak  Heat-Transfer  Correlation  In 
Turbtient  Flow  (Holden,  1972) 
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Fig.  3.50  Peak  Heat  Timeter  Corretailon  In  Lamlner 
Flow  (Hung  and  Barnett.  1973) 
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From  these  considerations.  Hong  and  Barnett  have  suggested  that  for  RL  <  5  x  105  the  flow  is  essentially  laminar  throughout 
the  interaction  region  and  the  heat-transfer  rate  may  be  calculated  from: 

2a.  „  O.D  (-h.)4'1 

This  relation  shows  that  in  laminar  flow  the  peak  heat-transfer  is  nearly  10  times  less  intense  than  in  turbulent  flow. 

Above  this  value,  the  downstream  flow  Is  either  transitional  or  turtxJent  and  obeys  the  relation: 

Aal  «  o.*te  [toL .  n-‘  (Jl  )*" 

Inf  fa 

These  relations  are  compared  to  the  data  in  Fig.  3.51. 

Tbree-Oimensioriai  Effects  a(  ReattachvnenL  Surface  flow  visualizations  by  oi  flow  techniques  as  well  as  determination  of  heat- 
transfer  distribution  by  thermo-sensitive  paintings  reveal  the  existence  in  the  reattachment  region  of  striation  patterns  which  are 
particularly  evident  In  laminar  or  transitional  separated  flows.  An  example  of  such  a  phenomenon  is  given  in  Fig.  3.52  which  shows  a 
surface  flow  pattern  observed  in  a  two-dimensional  ramp  flow  at  Mg  *  10,  the  regime  being  laminar.  Figure  3.53  shows  the 
corresponding  heat-transfer  distribution  on  the  ramp  deduced  from  thermo- sensitive  paintings.  There  Is  a  dear  repetitive  pattern  In 
heat-transfer  distributed  along  the  ramp  spanwise  dimension.  The  difference  between  the  greatest  and  the  smallest  heat-transfer  levels 
in  the  st nations  region  can  be  In  excess  of  50%. 


Fig.  3.51  Peak  Heat  Transfer  Correlation  In  Laminar 
Flow  (Hung  and  Barnett,  1973) 


Fig.  3.52  Surface  Flow  Striation  Pattern  In 
Hypersonic  Ramp  How.  Mg  =  JO  (Co«, 
1988) 
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Fig.  3.53  Striation  Pattern  on  Surface  Heat  Transfer  Fig.  3.54  Experimental  Shock-Induced  Incipient 

In  a  Hypersonic  Ramp  Row.  Mg  *  10  Separation  Limit  in  Supersonic  and 

(Co*.  1 968)  Hypersonic  Rows 

This  phenomenon,  observed  also  by  Miller  et  al  (1964),  has  been  Investigated  in  some  data  I  by  Ginoux  (1969)  who  performed  total 
pressure  surveys  in  the  reattachment  region  to  define  speclngs  and  areas  affected  by  these  regularly  spaced  longitudinal  perturbation. 
The  characteristics  that  he  observed  In  the  reattachment  region  are  simiar  to  subsonic  Taylor-Goertter  vortices  on  concave  wafls  and 
II  was  hypothesized  that  flow  curvature  was  sufficient  to  support  such  a  system 


3,2.6  -  Incipient  Separation  In  Turbulent  Flow* 

Introductory  Remarks.  The  knowledge  of  Incipient  Separation  conditions  is  of  great  practical  interest  in  supersonic  and/or  hypersonic 
flow*.  It  Is  recalled  that  Incipient  Separation  is  traditionally  defined  as  the  condition  In  which  the  shear-stress  becomes  vanishingly 
amafl  at  some  point  on  the  wall,  whle  remaining  positive  elsewhere.  However,  this  definition  can  be  Inadequate  for  practical  purposes 
in  circumstance*  where  a  tiny  separated  zone  seems  to  be  always  present,  even  for  very  weak  shock,  in  fact,  Kuehn  (1961)  was  the 
first  to  suggest  this  for  a  compression  ramp  geometry  case:  at  the  scale  of  the  subsonic  Inner  part  of  the  boundary-layer,  the  wedge 
shape  of  the  wal  should  Inevitably  provoke  a  local  separation.  Consequently,  we  are  faced  wth  the  necessity  of  distinguishing 
between  true*  Incipient  Separation  and  'effective*  (or  significant)  Incipient  Separation,  the  last  situation  alone  being  of  real  interest 
for  practical  applications  since  It  corresponds  to  the  onset  of  most  dramatic  change  in  the  flow  field. 
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The  Experimental  lnc*)fert  Separation  Umfc  In  what  follows,  (he  Urn#  for  Incipient  Separation  wll  be  given  In  the  classical  form  c£s 
(or  varying  upstream  Mach  number  Mq,  the  flow  being  a  planar  twcHttnensforal  flow.  The  effect  of  heat-transfer  at  the  wafl  wll 
be  considered  below. 

This  presentation  implies  that  the  phenomenon  depends  essentially  on  only  three  parameters,  namely:  the  upstream  Mach 
number,  the  shock  strength  and  the  Reynolds  number.  The  reality  Is  probably  more  subtie.  For  example,  the  Incompressible  shape 
parameter  Hjq  of  the  incoming  boundary-layer  is  also  an  important  factor  of  influence  whose  effect  is  not  always  taken  into  account 
by  the  Reynolds  number  only.  Unfortunately,  the  paucity  of  data  on  the  specific  Influence  of  makes  a  proper  correlation  of  the 
dependence  of  Incipient  Separation  on  Hjo  very  difficult  It  is  for  this  reason  that  we  wll  adopt  the  traditional  form,  it  being 
understood  that  the  results  are  restricted  to  a  flat  pkte  incoming  boundary-layer. 

In  the  case  of  separation  induced  by  a  shock  rejection,  oCj  wU  represent  the  equivalent  ramp  an^e  producing  the  same  overall 
pressure  rise  as  the  two  successive  compressions  through  the  lrx*Jent  and  reflected  shock-waves.  Experiments  made  by  Holden  (1972) 
and  by  law  (1976)  have  dearly  shown  that  by  considering  this  effective  ramp  angle,  there  is  no  essential  difference  between  ramp- 
induced  and  incident  shock-induced  separation.  As  a  matter  of  fact,  the  pressure  rise  to  Incipient  Separation  is  almost  the  same  in 
both  situations. 

Because  of  Its  great  practical  importance  and  also  because  most  avalable  results  are  relative  to  this  limit.  In  what  follows  we 
will  mainly  consider  'effective'  Incipient  Separation  and  the  term  'effective'  win  be  henceforth  dropped. 

Most  of  the  published  data  have  been  plotted  in  Fig.  3.54.  In  spite  erf  an  important  scatter,  the  following  trends  can  be 
discerned: 

i  -  The  angle  <*}( or  the  equivalent  pressure  jump)  Increases  when  the  upstream  Mach  number  Mq  increases. 

ii  -  At  low  Reynolds  number,  ^decreases  as  Mg  increases.  Such  a  trend  Is  In  agreement  with  the  Free  Interaction  Theory. 

HI  -  At  high  Reynolds  number,  most  investigators  have  noticed  a  reversal  In  the  Reynolds  number  Influence;  i.e.,  the  angle  o/} 
Increases  with  Mq,  the  variation  being  rather  slow. 

K  -  According  to  other  investigators  ( Settles  and  Bog donott,  1 973;  Settles  et  ai.;  1961),  the  separation  antfe  warfd  In  fact  be 
independent  of  the  Reynolds  number. 

It  Is  difficult  to  be  absolutely  conclusive  about  the  above  tendencies  since  there  Is  frequently  a  large  uncertainty  In  the 
experimental  determination  of  the  angle  . 

Experiments  performed  by  Spakj  and  Frishett  (1972)  and  by  Bfstrom  (1971)  dearly  show  that  coding  the  wall  Increases  the 
resistance  to  separation.  Also,  according  to  the  hypersonic  experiments  of  Bfstrom,  the  Incfpfer*  Separation  angle  must  decrease  as 
the  wall  temperature  is  raised. 

However  In  this  field,  experimental  results  are  too  scarce  to  provide  really  usable  correlation  curves.  The  greater  resistance  to 
separation  when  the  wall  is  cooled  can  be  interpreted  in  the  same  terms  as  the  Increase  In  separation  length  occurring  when  the  wall 
temperature  is  lowered;  i.e.,  cooling  the  watt  reduces  the  thickness  of  the  boundary -layer  subsonic  part. 

Separation  Crfterta  In  Styersonic  and  Hypersonic  Haws.  There  exist  several  corelation  laws  (or  criteria)  to  predict  Incipient 
Separation  In  supersonic  and/or  Hypersonic  flows.  Some  of  them  are  derived  from  simplified  boundary-layer  type  analyses  applied  to 
the  Interaction  (Reshotko  and  Tucker.  1955);  others  from  the  Free  Interaction  Theory  (Needham  and  StoHery,  1966;  Holden  1972). 
Also.  Effstrom  (1971)  has  proposed  a  very  attractive  rotational  Invtsdd  flow  model  allowing  an  accurate  prediction  of  Incipient 
Separation  and  giving  a  faithful  I  representation  of  the  effect  of  wall  temperature.  There  1$  no  place  here  to  present  these  various 
criteria  in  decal  (for  further  Information  and  other  references,  see  Mery  and  Marvin,  1966).  We  w#  only  give  the  separation 
criterion  proposed  by  Needham  and  StoHery  (1966)  for  laminar  and  turbulent  hypersonic  flows  (see.  Fig.  3.55)  and  the  very  popular 
Zukosld's  criterion  applicable  to  turtxJent  flows  at  high  Reynolds  number  (see  Fig.  3.56). 


Fig.  3-55  Correlation  Law  for  Incipient  Separation  in 
laminar  and  Turbulent  Flows  at  Low  to 
Moderate  Reynolds  Number  (Needham  and 
StoAery.  1966) 


Fig.  3.56  High  Reynolds  Number  Turbulent  Flow. 

Incipient  Separation  Criterion  Deduced 
from  ZukoekTs  Correlation  (see  Fig.  3.36) 


4  -  predictive  methods  for  shock-wave/boundary-uyer  interaction 

4.1  -  General  Comments  on  the  Different  Methods 

Four  dMrant  typM  tf  nwhodt  <*>  b»<*Hhoui»)>»d  to  eompul*  th»  Wwwdon  «  «hoetc-w«v»  «nd  •  bouncl«ry*yw. 
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The  first  category  comprises  what  can  be  cade  tfobai  methods  which  consist  in  simplified  analyses  of  the  interaction  domain 
aiming  at  the  prediction  of  the  moet  usehi  boundary 4a yer  properties;  namely  Its  characteristic  thicknesses  (displacement  and 
momertum)  and  incompressible  shape  parameter.  In  this  kind  of  approach,  global  balance  equations  for  mass  and  momentum  are 
written*  between  two  stations  respectively  located  upstream  and  downstream  of  the  Interaction  region.  A  simBar  technique  consists  In 
writing  simplified  boundary4ayer  equations  In  which  the  viscous  terms  are  neglected.  There  exist  a  large  number  of  methods 
belonging  to  this  category  (see,  Wtery  and  Marvin,  1986),  the  most  popular  and  stfl  largely  used  being  that  developed  by  Reshotko 
and  Tucker  (1955). 

The  second  class  of  methods  are  Invtedd-Vbcous  Interactive  (M)  methods.  According  to  this  approach,  the  flow  field  Is  divided 
Into  an  outer  non  viscous  part,  represented  by  the  Euler  equations,  and  an  Inner  viscous  part,  Including  boundary 4ayers,  wakes, 
mixing  zones,  which  is  most  often  computed  by  using  the  classical  first  order  boundary -layer  equations.  This  two  flow  regions  are 
compiled  separately  and  made  compatible  by  satisfying  compatiWWy,  or  coupling,  conditions  along  a  conveniently  chosen  boundary 
(for  more  ample  Information,  see  Le  Balleur.1987).  This  approach  is  very  successfii  in  computing  complex  flows  Including  shock-waves 
and  separated  regions,  but  Is  questionable  in  hypersonic  Interactions  where  shock-waves  penetrate  deeply  Into  the  boundary-layer. 

The  third  category  includes  Analytical  or  MuWOeck  theories  which  are  derived  from  the  analysis  of  UghthM  (1953)  and  the 
theoretical  work  of  Stewart  son  and  Wiliams  (1969).  These  authors  demonstrated  that  a  flow  region  submitted  to  a  strong  interaction 
process  has  a  multi  layer  structure  consisting  In: 

-  an  Upper-Deck  including  the  outer  inviscid  and  Irrotatkxial  flow. 

-  a  Middle-Deck  or  Main-Deck  covering  most  of  the  boundary-layer  where  the  viscous  forces  can  be  neglected.  Thus  this  part  of  the 
flow  Is  considered  as  an  inviscid  rotational  stream. 

-  a  Lower-Deck,  in  contact  with  the  wall,  where  viscous  forces  have  to  be  considered. 

This  theory  contributed  largely  to  the  physical  understanding  of  strong  interaction  phenomena  In  supersonic  or  transonic  flows 
and  has  led  to  the  development  of  several  predictive  methods  (for  a  more  thorough  review,  see  D&ery  and  Marvin,  1986). 

The  fourth  approach  consists  in  the  solution  of  the  time  averaged  Navier-Stokes  equations.  This  approach  which  is  certainly  the 
most  promising  to  compute  shock -wave/boundary4ayer  Interactions  In  hypersonic  flows  will  be  now  considered  in  some  detail. 

4.2  -  Solution  of  the  Time  Averaged  Navier-Stokes  Equations 

4.2.1  -  Introductory  Remarks 

Solution  of  the  M  time  dependent  Navier-Stokes  equations  constitutes  certainly  the  most  satisfactory  way  to  compute  flows  as 
complex  as  shock -wave/boundary 4ayer  interactions  that  contain  sharp  pressure  variations  and  more  or  less  extended  separated 
regions. 

Solution  of  the  Navier-Stokes  equations  for  a  laminar  steady  flow  does  not  lead  to  special  fundamental  problems,  since  then  the 
spatial  variations  of  the  flew  properties  take  place  over  distances  which  are  large  enough  to  be  accurately  represented  by  a 
discretized  form  of  the  equations  compatible  with  the  present  day  computer  capacities.  Difficulties  can  nevertheless  be  encountered 
V  real  gas  effects.  Including  non-equilibrium  chemistry,  have  to  be  taken  Into  account  In  some  hypersonic  applications.  In  this  case, 
chemistry  obeys  system  of  equations  which  are  "stiff*,  thus  necessitating  special  numerical  treatments.  This  Important  question  will 
not  be  considered  here  since,  to  our  knowledge.  shock-wave/boundary4ayer  calculations  with  real  gas  effects  have  not  yet  been 
executed... the  fluid  dynamics  problem  being  already  sufficiently  complicated.  Thus,  in  laminar  flows,  the  unique  difficulties  are 
essentially  of  numerical  nature  In  the  sense  that  an  accurate  and  efficient  algorithm  must  be  devised  to  properly  solve  the  equations. 

The  problem  of  solving  the  Navier-Stokes  equations  becomes  much  more  Involved,  from  a  fundamental  point  of  view,  when  the 

flow  Is  turbulent  As  everyone  knows,  the  flow  is  then  the  seat  of  fluctuations  whose  frequencies  cover  a  very  large  bandwidth.  The 
highest  frequencies  can  be  wel  In  excess  of  100  kHz  In  the  case  of  a  supersonic  flow.  Furthermore,  the  structure  of  a  turbulent  flow 
Is  basically  three-dimensional  even  for  a  nominally  two-dimensional  configuration. 

In  the  case  of  a  turtxient  shock  -  wave /bound  ary  4ayer  Interaction  the  fine  structure  of  the  flow  Is  so  complex  and  so  rapidly 

variable  than  a  direct  simulation  by  solution  of  the  time  dependent  Navier-Stokes  equations  Is  stW  impossible  even  for  the  largest 

and  fastest  computers.  Even  large  eddy  slnuiatlon,  In  which  only  the  largest  features  of  the  flow  are  directly  computed  while  the 
smallest  ones  are  averaged  and  modeled,  remains  Impossible  for  the  computation  of  strongly  interacting  flows  at  high  Mach  numbers. 

The  only  feasftfa  approach  of  the  shock-wave/turbulent  boundary -layer  interaction  problem  by  solution  of  the  Navier-Stokes 
equations  remains  the  classical  statistical  approach  In  which  the  time  dependent  Navier-Stokes  equations  are  submitted  to  an 
averaging  procedure  prior  to  their  Integration. 

This  averaging  procedure,  introduced  nearly  one  century  ago  by  Reynolds,  eliminates  all  the  time  dependent  terms  attributable  to 
turbulence.  However,  due  to  the  non  linear  character  of  the  Navier-Stokes  equations,  the  time  averaged  equations  stNI  contain  terms 
of  turbulent  origin  in  the  form  of  mean  products  of  fluctuating  quantities. 

Thus,  In  order  that  the  problem  be  property  "dosed";  l.e.,  integration  ol  the  system  of  equations  be  possible,  the  turbulent 
terms  must  be  expressed  as  known  functions  of  other  computable  quantities 

The  finding  of  such  an  expression  constitutes  the  problem  of  turtxience  modefing  which  wB  be  considered  In  some  details  In  the 
coming  Section. 

The  numerical  aspects  of  the  soliAion  of  the  Navier-Stokes  equations  w*  not  be  considered  in  this  Lecture,  the  problem  being 
of  sufficient  Importance  to  constJUAe  by  Itself  the  subject  of  a  complete  Lecture.  Ample  information  on  numerical  methods  can  be 
found  In  the  tarature  (see,  for  example  Peyret  and  VMand,  1975). 

4.2.2  -  The  Navier-Stokes  Equation#  for  a  Compressible  Turbulent  Flow 

By  using  dastJcal  cartesian  notations  wth  the  usual  convention  of  repeated  Indices  to  Indicate  summation  over  the  entire  range 
of  Indices,  the  time  dependent  Navier-Stokes  equations  are  (see  Marvin,  1977, 1962): 


Continuity; 
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where  Uj  designates  the  velocity  component  along  direction  xj,  f  the  density,  p  the  pressure,  h  the  specific  enthalpy.  2*- -  the  molecular 
shear-stress  and  qj  the  molecular  heat-flux.  ' 

The  shear-stress  and  the  heat-flux  are  given  by  the  following  relations; 
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where// and Z are  the  viscosity  coefficients  of  the  fluid  andtrfts  thermal  conductivity. 

The  above  system  is  completed  by  an  equation  of  state  for  the  gas  (In  most  present  applications  the  gas  Is  assumed  to  be 
caloricaify  perfect). 

As  already  stated,  when  dealing  with  flows  that  are  turbulent,  the  solution  of  system  (4.1-3)  necessitates  some  kind  of  averaging 
procedure  due  to  the  present  Incapacity  of  resolving  the  wavelengths  contained  in  a  turbulent  flow. 

Following  the  methodology  introduced  by  Reynolds,  the  classical  time  averaged  Navfer-Stokes  equations  are  obtained  by 
decomposing  any  varialble  f  into  a  mean  value  f  and  a  fluctuating  component  f  such  that; 

A  with  f’.O 

The  averaging  process  must  be  performed  over  a  time  that  Is  long  compared  to  the  predominant  frequencies  of  the  turbulence. 

However,  in  the  case  of  a  compressible  flow,  the  Reynolds  averaging  technique  leads  to  the  introduction  of  a  great  number  of 
terms  involving  the  density  fluctuation  f*  .  There  results  a  considerable  complication  coming  from  the  necessity  to  model  these 
terms  in  addition  to  the  usual  Reynolds  stresses  appearing  in  Incompressible  flows. 

In  order  to  avoid  this  complication,  Favre  (1965)  has  Introduced  the  concept  of  mass  weighted  averaging  which  is  presently  used 
by  most  investigators  performing  calculations  of  compressible  turbulent  flows.  The  derivation  of  the  turbulent  mean-flow,  Reynolds- 
stress  and  heat-flux  equations  In  mass  averaged  depend  end  variables  can  be  found  in  Rubes  in  and  Rose  (1973). 

According  to  Favre’s  concept,  the  Instantaneous  velocity  component  U|  Is  expressed  in  the  form; 

4Li  «  *  4t- 


where  uj  Is  the  mass  weighted  averaging  defined  by; 


the  bar  denoting  the  classical  time  averaged  value. 


From  the  above  definition,  It  results  that; 

f  m  0 

hence,  the  following  relation  giving  uj  In  terms  of  the  classical  fluctuating  components: 

<  ■  -  e'<  /e  *  0 

Substituting  mass  averaged  variables  Into  Eqs.  4.1  to  4.3  yields: 

Continuity; 
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Momentum: 
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Here  Tt  and  4  denote  (he  mass-weighted  average  total  shear-stress  and  heat-flux  that  Indude  the  contributions  of  both  the 
molecular  (l)  aftd  turtxJeht  (t)  transports. 

These  quantities  are  defined  as: 


-  i  ♦  < 
v  ■  f '  */ 


q'  -  JL  J± 

v  /»,  t)x. 


The  mean  rate  of  strain  tensor  Sj  is  given  by: 


Sr  =  1  (  jULtJit-  ) 

I  i  1  i)Zj  dti  J 


is  the  molecular  viscosity  (»he  second  viscosity  coefficient  has  been  expressed  via  Stokes  Hypothesis)  and  Prj  the  laminar  Prandtf 
number  defined  by: 

Pr.  -  jSt 

L  <r 


Finally,  ^and  ffare  the  mass-weighted  averaged  Reynolds  stress  tensor  and  heat -flux  vector  defined  by: 

4  ■  - 


_ Thus  Eqs.  4.4  to  4.6  now  have  the  same  form  as  Ihe  incompressible  time-averaged  equations,  except  that  the  Reynolds  stresses 

include  fluctuations  in  density  which,  In  principle,  must  be  accounted  for  in  some  manner.  On  the  other  hand,  the  measured 
quantities,  which  are  generally  classical  time  averaged  values,  differ  from  the  mass-weighted  variables  used  to  write  the  averaged 
Navier-Stokes  equations. 


-f  a  -  - 


At  low  to  moderately  supersonic  Mach  numbers,  the  differences  between  the  two  kinds  of  variables  is  small  and.  In  fact,  it  could 
be  legitimate  to  neglect  fluctuations  of  density.  In  this  case,  if  conventional  Reynolds  averaging  is  used,  the  compressible  turbulent 
Navier-Stokes  equations  are  sfmflar  to  the  incompressible  equations.  Compressibility  effects  are  then  taken  into  account  by  considering 
a  variable  mean  density.  In  this  case,  it  can  be  readPy  shown  that  Reynolds  and  Favre  averagings  are  equivalent.  However,  at 
hypersonic  Mach  numbers  differences  between  time-averaged  and  mass-averaged  variables  can  be  significant  and  one  should  be  aware 
of  this  fact  when  comparing  computed  and  measured  quantities  (see  Horst  man,  1987). 

The  system  of  equations  4.4  to  4.6  is  not  "closed*  since  the  number  of  unknowns  exceeds  the  number  of  equations.  One  is  thus 

confronted  to  the  problem  of  expressing  the  turbulent  quantities  -  <c,  and  f  a'  ^  in  terms  of  known  quantities.  The  task  of 

reducing  the  number  of  unknowns  to  the  number  of  equations  constitutes  the  "closure"  problem.  As  will  be  seen  below,  solution  to 
this  problem  may  lead  to  the  introduction  of  other  equations  of  the  transport  type  which  must  be  integrated  in  tandem  with  the 
Navier-Stokes  equations. 

The  closure  problem  In  turbulent  flew  computations  is  a  huge  question  which  is  at  the  origin  of  a  large  number  of  investigations 
st PI  very  active.  It  is  not  here  the  place  to  review,  even  briefly,  the  literature  published  on  the  subject  (for  more  information  see 
Marvin.  1982).  In  the  present  Lecture  we  will  concentrate  on  modeling  efforts  specifically  aimed  at  the  prediction  of  shock- 
wave/boundary-iayer  interactions.  Most  of  the  models  presented  here  have  been  devised  to  compute  supersonic  and  transonic 
Interactions.  However,  these  models  wll  be  examined  In  some  detal  since  there  is  not  a  well  defined  limit  for  the  application  of 
"classical"  turbulence  models  In  terms  of  Mach  number.  In  reality,  the  great  majority  of  hypersonic  calculations  have  been  executed 
by  employing  models  which  are  simple  extensions  of  incompressible  models,  mainly  because  of  the  lack  of  information  on  turbulence 
behavkx  In  hypersonic  Interactions.  The  results  thus  obtained  being  frequently  encouraging,  there  Is  no  reason  to  be  unduly 
pessimistic  about  the  capability  of  the  following  "simple*  turbulence  models  to  gh/e  an  acceptable  prediction  of  hypersonic  shock- 
wave/boundary-fayer  Interactkxis. 

4.2.3  -  Turbulence  Models  for  interaction  Calculations 

4.2.3. 1  -  General  remarks 

The  great  majority  of  the  turbulence  models  adopted  to  compute  strong  shock -wave/boundary -layer  interactions  Invoke  the 
Bousslnesq  effective  eddy-viscosity  concept  According  to  this  concept,  the  turbulent  shear-stresses  in  the  mean  momentum  equations 
are  replaced  by  the  product  of  an  effective  viscosity  jit  and  a  mean  rate  of  strain.  Thus,  one  writes  by  analogy  with  the  molecular 


.  J/tt  (Sr.iJtL  Si.).  I  fi  & 
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where/  is  the  specific  turbulent  kinetic  energy  defined  as: 


L  *  ±  t**  ** 

*  e 

Sometimes,  more  complex  constitutive  relationships  are  used  to  model  Reynolds  stresses  that  do  not  necessarily  align  with  the 
mean  rates  of  strain.  These  relatively  complex  expressions  wll  not  be  given  here  (see  Wlcox  and  Rubesin,  1980). 

Simiariy,  the  energy  equation  contains  the  turbulent  term  f  itj  (  which  is  interpreted  as  a  turbulent  heat  transfer  term  and 
accordingly  represented  by  the  relation: 

ft  J&j 


=  if 


CfL  JZ, 


in  which <Tt  is  an  effective  turbulent  thermal  conductivity.  Thus,  Introducing  the  turbulent  PrandtJ  number 

Pr,  . 


6r  ,-(JLtPL) 
y  1  »e  P't  1  o*j 


Usually  ,  the  Prandtl  numbers  Pi)  and  Prt  are  taken  as  constant  (most  often:  Pr)  *  0.75  and  Prt  =  0.9  for  air  flow). 

With  the  above  assumption  for  the  effective  turbulent  heat  transfer  term,  the  only  problem  which  remains  is  to  express  the 
eddy  viscosity 

More  or  less  elaborate  expressions  are  used  to  express  J*-t  It  Is  sometimes  difficult  to  propose  a  clear  and  rational  classification 
of  these  expressions,  since  most  of  them  have  been  motivated  by  purely  heuristic  arguments. 

The  models  are  frequently  classified  according  to  the  number  of  equations  they  use  to  represent  the  streamwise  evolution  of 
some  key  turbulent  properties  on  which  is  assumed  to  depend.  Thus,  according  to  this  classification,  the  purely  algebraic  models, 
in  which  no  transport  equation  Is  used,  are  termed  0 -equation  models.  In  fact,  it  seems  physically  sounder  to  make  the  distinction 
between  equilibrium  models  and  non-equilibrium  models. 

In  equilibrium  models,  the  Reynolds  stresses  are  entirely  determined  In  terms  of  the  local  mean  flow  properties.  This  kind  of 
modeling  assumes  an  instantaneous  adjustment  between  the  turbulent  field  and  the  mean  motion.  In  reality,  such  a  behavior  only 
exists  in  weakly  interacting  flows  where  turbulence  has  enough  time  to  adjust  Itself  to  changes  in  the  overall  flow  structure. 

On  the  other  hand,  when  rapid  changes  occur  -  l.e.,  changes  taking  place  over  a  streamwise  distance  whose  length  Is  comparable 
to  a  characteristic  scale  of  the  turbulent  structures  -  an  Instantaneous  adjustment  Is  no  more  possible.  Then,  at  the  scale  of  the 
interaction  region,  turbulence  responds  progressively  to  the  perturbat/ng  agency.  A  shock-wave/boundary-layer  interaction  is  a 
typical  example  of  such  a  phenomenon  where  the  turbulence  field  develops  important  non  equilibrium  -  or  history  -  effects. 

In  what  follows,  we  wffl  first  present  models  In  which  there  Is  no  history  effects  and  which  are  nevertheless  employed  by  some 
investigators,  their  essential  merit  being  their  mathematical  simplicity. 

Then,  models  Incorporating  an  history  effect  will  be  considered.  As  will  be  seen,  some  of  these  models  are  simple  adaptations  of 
equilibrium  models,  thus  it  is  worthwhile  to  begin  with  an  examination  of  this  last  category  of  models. 

Models  which  do  not  use  the  eddy-viscosity  concept  will  be  considered  In  Section  4.2.3.4. 

4. 2.3. 2  -  Equilibrium  Eddy-Viscosity  Models 

All  equilibrium  models  are  of  the  algebraic  type,  which  means  that  the  eddy  viscosity  Is  given  by  an  algebraic  expression 
involving  quantities  relative  to  the  mean  velocity  field. 

•  The  Mixing  Length  Model  of  Michet-QuAmard  and  Durant 

In  the  algebraic  model  proposed  by  Michel  et  ai.  (1969)  to  compute  boundary-layer  flows,  the  eddy  viscosity  /tc  Is  given  by 
the  formula: 

(4.7)  a  -  (  el  o'  *jL 

in  which  y  designates  the  distance  normal  to  the  waH.  The  mixing  length  I  is  defined  by  the  following  expression  valid  throughout 
the  boundary-layer: 

C  =  o.oef  $  [  (  -A—  )  jL  1  (AT=  0.41  te  the  Von  KArmAn  constant) 

o.  Q6S  7  f  j 

In  the  near  wall  region,  I  has  the  classical  behavior:  I  ~AT  y  whereas  In  the  outer  part  of  the  boundary-layer.  I  becomes  directly 
proportional  to  the  boundary-layer  thickness.  Then:  U 0.085/. 

Function  D  is  a  modWed  form  of  the  Van  Driest  damping  factor  which  Is  given  here  by: 

(4.8)  0,  i-f[-  -J—  ft,  e  ]  (A*  -26) 

where  Zr  »  Zt  #  ?t  *s  the  total  shear-stress,  sum  of  the  laminar  and  turbulent  contributions.  The  original  Van  Driest  function  has  the 
form: 

(4.9)  0.1  -Off-  _/L_  /tVfi,  ] 


M 


where  subscript  w  d-  ^  nates  conditions  at  the  wall.  This  form  may  lead  to  severe  problems  In  the  calculation  of  flows  containing  a 
separated  region.  This  question  wtl  be  discussed  below.  Expression  for  D  is  frequently  written  in  the  form: 

0  .  1  .  ap  [ - 1 —  /-St  J 

iC  '  fW  7 

where  ^  is  the  kinematic  viscosity  and  ,/Sl  -  ilz  is  the  so-called  friction  velocity, 
r 

In  Navier-Stokes  applications,  the  model  of  Michel  et  aJ.  has  been  mainly  used  to  compute  transonic  shock-wave/boundary-layer 
Interactions  (Escande  and  Cambier,  1985).  For  use  in  Navier-Stokes  codesy^ls  given  by  the  following  slightly  modified  expression: 

J*-t  3  f  fP'ltol 

where  foil  is  the  modulus  of  the  vorticity  vector. 

-  The  Two-Layer  Model  of  Cebeci  and  Smith  (1974) 

The  very  popular  Cebeci-Smlth  model  is  a  two-layer  model  in  which^is  computed  by  two  different  expressions: 

I  -  in  the  Inner  region,  i.e.  dose  to  the  surface,  the  expression  fo^is  based  on  PrandtTs  mixing  length  hypothesis  which  gives: 

(4.io) 


(4.10)  nt  .  f  P‘ 

where  u^  is  the  tangential  velocity  component  parallel  to  the  wall.  In  this  model,  the  mixing  length  Is  adapted  from  Van  Driest  s 
sublayer  model. 


II  -  In  the  outer  region.^is  given  by  a  Qa  user-type  expression: 

M,  --  «•»*«  e  *t i  O 


where  Ufe  is  the  tangential  velocity  con^onent  at  the  boundary-layer  edge  and: 


s; .  f‘(i.  A  )  h 


Is  the  *  incompressible’  displacement  thickness;  Y  designates  the  Nebanoff  intermittency  function  which  Is  computed  by  the 
approximate  formula: 


The  Inner  eddy-viscosity  model  Jit:  te  used  from  the  wan  to  the  match  point  where  the  eddy  viscosity  given  by  the  Inner  model 
is  equal  to  that  of  the  outer  model.  Above  the  match  point,  the  outer  expression  is  used. 

In  fact,  the  two  above  models  are  not  suited  to  compute  separated  flows  for  which  they  lead  to  unrealistic  behaviors  of  the 
Reynolds  stresses  In  the  recirculation  bubble.  In  effect,  the  velocity  profile  then  exhibits  a  local  minimum  where  du/  d  y  near  the  wall. 
According  to  (4.7)  or  (4.10),  the  result  is  that  the  turbulent  shear-stress  vanishes  In  this  point,  leading  to  a  nearly  laminar  state  in 
a  region  where  the  flow  is  actually  highly  turbulent. 

To  overcome  this  deffictency,  the  fofl owing  adaptations  of  the  Cebeci-Smlth  basic  model  have  been  proposed. 

-  The  Two-Layer  Model  of  AJber  (1971) 

In  this  model,  upstream  af  the  separation  point  jtt:  is  computed  by  means  of  a  two-layer  model  nee'*/  Identical  to  the  Cebeci- 
Smlth  model.  The  only  change  is  In  the  expression  of  the  damping  function  which  is  now  given  by: 

(411)  D.  1  .  up  f - 1 L_  Jzp„  / 

In  this  formula,  the  waff  shear-stress  Z  had  been  replaced  by  the  value  of  the  local  shear-stress  at  altitude  y  which  is  computed 
by  the  approximate  expression: 


coming  from  the  boundary-layer  momentum  equation  written  at  the  wall: 

£)t  m 
t)jf  "  dx 

The  same  modflcation  of  the  Van  driest  damping  function  has  been  introduced  by  Cebeci  et  ai.  (1970)  to  represent  streamwtse 
pressure  gradient  effect  on  eddy-vtscoefty. 

The  use  of  Eq.  4.11,  which  Is  sknlar  in  spirt  to  the  one  proposed  by  Michel  et  ai.,  avoids  a  difficulty  at  the  separation  point 
with  the  original  Van  Drtast’s  formulation.  Indeed,  since  at  separation  Zw  vanishes,  the  use  of  Eq.  4.9  entats,  at  this  point,  the 
canceiatton  of  the  turtxienl  contribution  to  shear-stress  throughout  the  entire  boundary-layer. 

Other  modUcafions  of  the  Van  Driest  damping  function  have  been  proposed  to  avoid  an  unrealistic  behavior  at  a  separation 


Baldwin  and  Lomax  (1978)  have  replaced  the  usual  expression  for  the  friction  velocity  (see  above)  by: 

**•//) /y  4-  lf.fi  ]  •*  ••  ti  ■  * 
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This  new  expression  is  deduced  from  the  fact  that  for  flows  with  smalt  pressure  gradient  t  does  not  appreciably  wary  within  the 
range  of  y  at  which  D  differs  significantly  from  unity  (l.e.,  the  viscous  sublayer).  Further,  the  velocity  varies  logarithmically  with  y 
outside  the  viscous  sublayer.  Thus,  for  such  flows,  u.t  is  dosely  approximated  by  the  value  of  (0.4  y  d  u/  0  y|  outside  the  viscous 
sublayer.  This  new  definition  of  dosely  approximates  the  conventional  definition  for  flows  with  small  pressure  gradient  and  remains 
nonzero  In  afl  regions  of  separated  flows. 

Visbal  and  Knight  (1984)  consider,  in  the  damping  function,  the  total  shear-stress  (defined  In  terms  of  the  velocity  component 
parallel  to  the  waB)  in  place  of  .This  adaptation  is  Identical  to  the  one  Introduced  by  Michel  et  al.  well  before  them. 

In  calculations  performed  by  Peters  et  al.  (1986),  the  value  at  the  last  station  prior  to  separation  Is  used  throughoi*  the 
separated  region,  thereby  eliminating  the  difficulty  wtth^belng  zero. 

Once  separation  has  occurred,^  and  jitt  are  given  by  the  following  expressions: 
s  o.  old  p  t/  Ol  lit 

f.e,  -  o K  r 

In  the  equation  giving  /i?  ,  $*  represents  in  this  case  the  displacement  thickness  above  the  line  u  =  0  of  the  separation 

bubble  (distinct  from  the  wall)*  This' tower  limit  of  the  Integral  can  be  replaced  by  the  ordinate  of  the  Discriminating  StraanAw 
(DSL)  of  the  bubble;  le.,  the  streamline  joining  the  separation  point  to  the  reattachment  point  (Benay  et  al..  1987).  Substituting  $[ 
for  makes  It  possible  to  avoid  an  abnormally  high  Increase  In  the  turbulent  quantities  for  a  large  separation  In  which  the 
boundary-layer  thickens  considerably. 

In  an  the  above  models  the  length  scale  used  to  express  the  eddy  viscosity  In  the  outer  part  -  or  wake  region  -  of  the 
boundary-layer.  Is  either  the  physical  thickness  /  of  the  boundary-layer  or  an  Integral  thickness,  such  as  (  depending  directly  on  i . 
Thus,  the  calculation  of  /it  necessitates  the  localization  of  the  edge  of  the  dissipative  regions.  This  localization  Is  frequently  delicate 
in  complex  flows  where  there  Is  not  a  well  defined  frontier  between  the  dissipative  region  and  the  outer  Invtecld  flow.  This  is 
particularly  true  for  shock-wave/ boundary-layer  Interactions  In  hypersonic  flows  where  the  flow  outside  the  boundary-layer  can  be 
highly  rotational. 

Thus.  In  contrast  to  the  flat  plate  situation,  the  velocity  presents  a  continuously  varying  profile  on  which  It  is  difficult  to  fix  a 
precise  boundary  between  the  dissipative  and  non  dissipative  parts  of  the  flow. 

Several  methods  have  been  used  to  cope  with  this  difficulty  In  the  execution  of  Navler-Stokes  calculations.  For  example,  in  the 
case  of  hypersonic  flows  where  a  large  total  enthalpy  gradient  exists  within  the  boundary-layer  region  (eg.,  cold  walls),  the 
boundary-layer  edge  can  be  conveniently  defined  upon  the  total  enthalpy  profile,  since  the  total  enthalpy  Is  constant  within  the 
imrisckJ  part  of  the  shock-layer  region  (Shiraz!  and  Truman,  1987).  In  the  case  of  adiabatic  -  or  nearly  adiabatic  -  flows,  other 
techniques  must  be  used  to  determine  /  .  Some  of  them  are  based  upon  the  velocity  distribution:  then  $  is  located  at  the  altitude 
where  the  relative  velocity  change  between  two  mesh  point  Is  Inferior  to  a  given  value  (Hung  and  MacCormack,  1977)  or  Is  a  given 
fraction  of  the  maximum  velocity  within  the  shock-layer  region  (Shiraz!  and  Truman,  1987).  Other  methods  of  determining  boundary- 
layer  edge  use  the  distribution  of  vorticity:  for  example  f  Is  defined  to  be  the  location  where  the  vortlclty  Is  small  compared  to  its 
value  at  the  wall  (Baldwin  et  at..  1975;  Escande  and  Cambler,  1985). 

Whatever  the  method  used,  location  of  /  remains  a  delicate  task  which  very  often  leads  to  severe  difficulties  In  the  execution  of 
Navler-Stokes  calculations. 

To  overcome  this  difficiJty.  Baldwin  and  Lomax  have  proposed  the  following  algebraic  model. 


•  The  BakJwIn-Lomax  Model  (1978) 


In  the  eddy-viscosity  model  devised  by  Baldwin  and  Lomax,  the  turbulence  length  scale  Is  no  more  based  upon  the  dissipative 
region  thickness  but  Is  defined  fro."  t.V»  vortlclty  distribution.  For  this  reason,  the  Baldwin-Lomax  model  has  become  extremely 
popular  among  people  performing  Navier-Stokas  calculations. 


This  model  is  also  a  two  layer  model  In  which  the  Inner  and  outer  eddy-viscosities  are  given  by  the  following  equations; 


(4.12) 


a.  -  f  < °m i° y  i £ i 

V 

A,  .  «.  no  e  / 


jf  Is  the  Webanoff  Intermhlency  function  which  Is  expressed  as: 

7.  [ *.„(&)* ]■' 

fi 

where  Is  defined  below. 

Factor  Fyy.  a  function  only  of  x,  is  given  by  whichever  of  the  two  equations  below  has  the  smallest  value  at  abscissa 
considered:  t 

fit  *  if"  F"  Fit  *  O.iS  (**}* 

The  quantity  F^  Is  the  maximum  of  function: 


and  yM  b  the  ordinate  at  which  this  maximum  Is  reached;  J  u  Is  the  maximum  velocity  difference  through  the  dlssipetiv*  layer  at  a 
given  station  x.  The  external  formulation  (4.12)  can  be  used  for  wakes  as  wefl  as  for  boundary-layers;  m  the  later  case  <4u  ie  equal 
tou*. 
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Although  the  turtxience  length  scale  Is  now  defined  from  the  vorttahy  distribution,  difficulties  can  also  arise  with  the  Baidwkv 
Lomax  model,  the  function  F  having  in  some  circumstances  more  than  one  maximum  In  the  region  of  Interest 

For  example,  for  separated  supersonic  flow  over  a  compression  ramp.  F  can  display  two  peaks  In  the  vicinity  of  separation 
(Vlsbal  and  Knight,  1964).  It  was  found  that  the  values  of  y^  associated  with  each  one  of  these  extrema  may  differ  by  one  order  of 
magnitude.  Thus  the  selection  of  the  peak  closer  to  the  wall  can  result  in  an  abrupt  and  unphysical  reduction  in  the  computed  outer 
eddy -viscosity.  To  avoid  this  unrealistic  behavior,  Vlsbal  and  Knight  are  led  to  adopt  the  value  of  y  and  FM  obtained  from  the 
extremum  farthest  from  the  wall .  ^ 

4. 2. 3. 3  -  Non-Equilibrium  Eddy-Viscosity  Models 

General  Remarks.  The  non  equiibrium  models  can  in  turn  be  divided  Into  two  broad  categories,  namely: 

I  -  those  which  are  essentially  of  algebraic  nature,  In  the  sense  that  eddy-viscosity  is  sti  given  by  an  analytic  formula  (eventually 
of  the  two-layer  type)  valid  througtxxA  the  thickness  of  the  boundary-layer.  In  this  case,  non  equiibrium  effects  are  frequently 
Introduced  through  adaptations  of  what  Is  called  the  baseline  equilibrium  model; 

W  -  those  In  which  eddy-viscosity  is  expressed  In  terms  of  one  or  two  local  turbulent  quantities  which  are  computed  by  means  of 
transport  type  equatlon(s)  solved  In  tandem  with  the  equation  of  motion. 

Algebraic  Nan  Eqidfcrtum  Models.  Several  authors  have  Included  a  history  effect  in  the  turbulence  model  by  Introducing  a  space-lag 
In  the  evaluation  of  the  eddy-viscosity  coefficient  This  kind  of  modeling  account  for  the  fact  that,  as  shown  by  experimental 
evidences,  turbulent  eddy  motions  do  not  rapidly  adjust  to  local  environmental  changes.  As  we  know,  this  is  specially  true  m  the 
case  of  a  shock -wave/boundary  4a  yer  Interaction 

-  The  Shang  and  Hankey  Relaxation  Model  and  Similar  Models 

To  represent  non  equiibrium  effects,  Shang  and  Hankey  (1975)  have  suggested  a  global  relaxation  model  in  which  the  eddy- 
viscoslt^ls  determined  along  lines  parallel  to  the  solid  surface  from: 

(4.13)  ,*t  (z)  ,  Atc  (X  )  t  [  (*>  -  At,  f*)][ 


where: 

-  Is  the  eddy-viscosity  evaluated  Just  ahead  of  the  interaction  region;  i.e.  at  x  »  xg; 

-  JJ-Cy  is  the  local  equiibrium  value  at  station  x  given  by  the  baseline  model  (Cebeci -Smith's  model  in  the  case  of  the  calculation 
performed  by  Shang  and  Hankey). 

In  Eq.  4.13,  /  represents  a  relaxation  length  most  often  determined  In  a  purely  heuristic  fashion  as  the  length  leacing  to  the 
best  agreement  between  calculations  and  a  welt  chosen  experiments.  Thus  Shang  and  Hankey  have  adopted  h  *  10  ^  where  if  Is  the 
boundary-layer  thickness  at  the  interaction  origin. 

A  similar  relaxation  formula  has  been  more  recently  used  by  Visbal  and  Knight  (1964)  along  with  the  Baidwin-Lomax  turbulence 
model.  However,  In  their  applications  best  agreement  with  experiment  was  obtained  with  A  ■  it  ;  I.e.,  a  value  one  tenth  of  that 
suggested  by  Shang  and  Hankey. 

In  a  slight  variant  of  the  above  approach,  Mateer  at  ai  (1976)  have  applied  the  relaxation  formula  only  to  the  outer  eddy 
viscosity  of  a  two  layer  baseline  model.  This  way  of  Implementing  a  history  effect  can  be  justified  by  the  fact  that,  due  to  the  very 
small  thickness  of  the  inner  layer,  turbulence  in  this  part  of  the  flow  can  adjust  Its  properties  nearly  Instantaneously  to  rapid 
changes  in  flow  conditions.  On  the  other  hand,  the  large  eddy  motions  which  determine  the  turbulence  structure  In  the  outer  part  of 
the  boundary 4ayer  need  a  certain  time  to  accommodate  themselves  to  the  new  situation. 

A  relaxation  formula  identical  to  Eq.  4.13  has  been  applied  by  Horst  man  (1976)  to  the  mixing  length  of  his  baseline  model.  A 
local  relaxation  model  has  also  been  used  by  Mateer  et  aJ  (1976)  to  compute  a  normal  shock -wave/boundary4ayer  Interaction  at 
transonic  speeds.  In  this  model  -  dosely  Inspired  from  that  proposed  by  Oclwert  (1975)  •  the  eddy-viscosity  Is  given  by: 

M  (*J  1  M  (*-&)  +  //t,  (*)  -At  (x-fx)]  f  1  -  up  (.  1±  )  J 

where: 

-  Is  the  local  equiibrium  value  of  the  eddy  viscosity; 

-  Mr.  <*  -5x)  Is  the  value  rtfa  at  the  preceding  mesh  point  anddx  Is  the  distance  between  mesh  points. 

The  same  local  relaxation  formula  has  also  been  applied  to  the  mixing  length  by  Horst  man  (1976). 

-  Models  with  Variable  Turbulence  Constants 

On  can  envisage  to  Introduce  some  history  effect  by  acting  on  the  basic  constants  Involved  In  the  turbulence  model,  namely:  the 
constant  A  +  of  the  Van  Driest  damping  function  and  the  Von  KArm4n  constant  Kbf  the  mixing  length  near  wan  expression. 

Formulae  gMng  the  evolution  of  A*  and  K  as  function  of  a  local  pressure  gradient  parameter  have  been  proposed  by  Kays 
(1971)  -  for  A+  -  and  Glowackl  and  Chi  (1974)  -  for  £  .  A  slmlar  approach  has  been  adopted  by  Gupta  (1903).  However,  since  the 
parameter  adopted  characterizes  the  local  value  of  the  Mreamwtee  pressure  gradient  to  which  the  boundary -layer  is  submitted, 
formulae  of  this  kind  do  not  represent  a  true  history  effect. 

In  order  to  Improve  the  situation,  Horst  man  (1976)  has  suggested  a  new  way  to  Introduce  non-equlfcrium  effects  at  the  level  of 
the  basic  model  constants.  In  Horstman's  model  A+  and  Tare  represented  by  the  foNowlog  equations: 

A*(t)  .  ((/ Cl ,  H  it  ft'(x) ]  ,  K.  o.<"  oun  f  1  -  upl- tin  p(K)]j 


9-33 


In  these  equations,  p+  (x)  andftx)  are  weigthed  averages  of  the  dimensionless  pressure  gradient  parameters: 

f-*  -  (  dfa/dx)  /(Ptfi'Zv) 

and 

(3,  fi  (dfiu/dx)/tu, 

A  Gaussian  weighting  function,  centered  about  a  point  several  boundary-layer  thickness  Atf  upstream  of  each  axial  grid  location 
was  chosen  to  obtain  the  weighted  averages.  Thus  one  has  tor  p*(x): 

W  -£lU  *(» 

with: 

u(t)  -j —  upj-[ /trl)  Ml 

JTfr7  l  ' 

where  A  is  a  lag  length  parameter.  For  application  of  the  model  to  shock-wave/boundary-layer  interactions,  a  lag  length  parameter 
equal  to  the  local  boundary-layer  thickness  (A«  1)  seems  to  gfve  the  best  resists  (Horstman  et  al.,  1977). 

Asimlar  expression  is  used  tor  calctiating^(x). 

In  an  the  above  models,  norvequflibrtum  effects  are  introduced  in  a  more  or  less  empirical  manner  by  means  of  relatively  simple 
modifications  of  the  baseline  equilibrium  model.  History  effect  Is  represented  by  a  space  lag  in  the  streamwtse  evolution  of  the  eddy- 
viscosity  coefficient  or  the  'constants*  of  the  model.  This  space  tag  Involves  a  lag  length  parameter  which,  as  shown  by  applications, 
do  not  obey  a  universal  simple  law.  In  fact,  this  parameter  must  be  adjusted  for  each  computed  configuration  so  that  the  predictive 
capability  of  these  models  is  geoeraiy  poor 


-  The  Johnson  King  Algebraic  Model  A  more  convincing  algebraic  non-equlibrtum  turbulence  model  has  been  more  recently 
proposed  by  Johnson  and  King  0964.  see  also  Johnson,  1965).  This  model,  essentially  applied  to  transonic  interacting  flows,  introduces 
a  sounder  transport  mechanism  for  representing  history  effect  on  turbulence  whle  keeping  the  mathematical  simplicity  of  the 
classical  algebraic  models. 


in  the  JohnsorvKing  model,  the  kinematic  eddy- viscosity  is  given  tor  the  complete  thickness  of  the  boundary  4a  yer  by  the 

equation; 


(414) 

and 


i>t  •  \>Ct  [  1  -  "P  ( -  ^  /  >*.  )  ] 

^  ,  0  Hy  01  ( )Vl 

-  «y 


£.  1*  designates  the  maximum  sheer-stress  level  at  the  abscissa  x  considered.  Constant .  is  determined  such  that: 

*  j£/  .  .  rr* 

Ojj  /#f  _ 

whereptks  given  by  (4.14).  The  shear-stress,  ^satisfies  a  simplified  transport  equation  with  the  form: 

l"  _0«_  ! 

dy  : » 


This  ordinary  differential  equation  is  inferred  from  the  transport  equation  tor  the  turbulence  kinetic  energy  k  (see  Eq.  4.16 
below)  with  introduction  of  the  hypothesis: 


=  a,  ,  9  it 

i„ 

The  dissipation  length  m  ^  *nd  the  turbulent  diffusion  rate  £„  are  given  by  algebraic  expressions  (see  Johnson.  1965). 
Eddy-Viscosity  Transport  Equation  Models. 

General  Remarks.  A  further  step  In  the  sophistication  of  turbulence  models  consists  In  calculating  the  eddy-viscosity  In  terms  of 
local  turbulent  properties  which  satisfy  transport  equations  representing  history  effect. 

This  way  of  tackling  the  problem  of  turbulence  modeling  Is  largely  based  on  the  concepts  presented  in  pioneering  papers  by 
Kolmogorov  (1942)  aid  Rotta  (1951).  The  research  effort  along  this  fine  has  been  at  the  origin  of  a  vast  amount  of  publications  which 
cannot  be  considered,  even  briefly,  within  the  framework  of  this  Lecture.  Here,  we  w*  concentrate  on  models  of  practical  Internet 
which  are  currently  used  In  shock-wave/boundary-layer  interaction  calculations 

As  we  know,  the  kinematic  eddy-viscosity  /lc  has  the  dimension  of  a  velocity  times  a  length.  Thus  the  problem  is  to  find 
transport  equations  tor  representative  scales  from  wbicty^wi  be  expressed. 

A  unfversaffy  adopted  velocity  scale  Is  the  square  roof  of  the  turbulent  kfnemafte  energy.  Let  us  re caft  that  with  mass  wetted 
variables,  this  quantity  la: 
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Hence,  we  wil  write: 

JL t  *  £  C&.  L 


where  C  tea  constant  and  L  the  sti  undetermined  length  scale. 


A  transport  equation  for  k  can  be  deduced  from  the  following  general  Reynolds  stresses  transport  equation,  written  here  with 
mass  weighted  variables  (see  Rubesin  and  Rose,  1973): 


As  k  is  half  the  trace  of  the  Reynolds  stress  tensor,  we  obtain  immediately  for  k: 


(4.16) 


-  -4-  (e*tk) 

e)xt  '  ' 


t) 

6zi 


i 


cMu 

<>xk 


In  the  above  equation  k  »  0.5  ujuj  and  ^  is  the  molecular  stress  tensor. 

In  contrast  to  the  Navier-Stokes  equations,  the  equations  for  the  Reynolds  stress  tensor  and  (  contain  extra  terms  resulting 
from  the  compressibility  effect,  even  if  mass  weighted  variables  are  used.  These  extra  terms  involve  pressure /velocity  and  molecular 
shear-stress/veiocity  correlations. 


The  reason  for  the  presence  of  these  terms  is  that  both  p  and  its  derivatives  are  non-zero  in  a  compressible  flow.  In  fact,  at 
low  to  moderately  supersonic  Mach  numbers,  the  extra  terms  are  small  and  are  most  often  neglected.  However,  if  compressibility 
effects  are  Important,  as  in  hypersonic  flows,  attention  should  be  paid  to  the  consideration  of  these  extra  terms  and  a  modeling 
should  be  looked  for  to  represent  them  (Rubesin,  1976;  see  also  information  in  Horst  man,  1987). 

The  terms  in  the  rigth  hand  side  In  Eq  4.16  are,  sequentially,  the  turbulence  production,  the  turbulent  diffusion,  the  pressure 
diffusion,  pressure  work,  molecular  diffusion  and  dissipation  of  the  turbulent  kinetic  energy. 

Except  the  production  term,  all  other  terms  contain  new  fluctuating  quantities  whose  determination  should  require  the  writing  of 
new  equations,  which  in  turn,  would  introduce  other  correlation  terms,  and  so  on  ..  Thus,  in  order  to  ‘dose*  the  problem,  the  terms 
of  Eq.  4.16  (and  also  of  Eq.  4.15,  If  second  order  closure  modeling  is  used),  other  than  the  production  term,  have  to  be  modeled  We 
will  now  consider  some  of  the  modeling  procedures  used  to  compute  eddy-viscosity  for  supersonic,  or  hypersonic,  applications. 

One  Equation  Model.  The  one  equation  model,  or  kinetic  energy  model,  was  developed  for  incompressible  flat  plate  boundary 
layer  flows  by  Glushko  (1965).  It  was  studied  by  Beckwith  and  Bushnell  (1968)  In  more  complicated  boundaryTayet  flows  and  was 
generalized  by  Rubesin  (1976)  to  compressible  flows  using  mass  averaged  variables.  We  present  here  the  simplified  vt.-  ^ion  of  the 
complete  Rubesin  model  which  was  used  by  Viegas  and  Horstman  (1978)  in  a  thorough  examination  of  turbulence  modeling  in  shock- 
separated  boudary-layer  interaction  flows. 

Glushko  has  demonstrated  that  the  turbulent  effective  viscosity/^  is  expressible  in  terms  of  a  local  turbulence  Reynolds  number 
defined  as:  fZ 

Rt  ,  P  L 

A 

In  the  present  model,  k  Is  computed  by  a  transport  equation  but  the  length  scale  L  is  still  provided  by  an  algebraic  relationship 
which  will  be  given  hereafter. 


As  modeled  by  Glushko  and  Rubesin.  the  turbulent  kinetic  energy  equation  takes  the  form: 


where 


•*)>  -£-(<«/*) 


^  /j  e  k  J  c,  m'  d,7 

f/> 


MkC  k 

L‘ 


■  The  production  term  P*  Is  P|<  -  X  Afk i  (see  Section  4.2.?  above  tor  the  expression  ot  In  terms  of  the  eddy-viscosity  and 

the  mean  rate  ol  strain  rate!  t  )  <>*.j  ' 

*  M  la  the  local  Mach  number. 

-  Cp  and  Cy  are  constant  volume  end  constant  pressure  specific  heats. 

■  J  and  C  are  modeling  conetants. 

The  eddy-viscosity  At  Is  given  In  terma  of  HT  by  the  fotewdng  expressions: 
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At  -  *0“  * 


ft 

Rt.(kt.  oy) 
1 


Kt  <  off 

ojt  i  jt  <  i  ir 

Rt  >  l.2t 


where  Rt  *  Rf  /  Rq  and  Rq  and  «r  are  model  constants.  The  variable  multiplicative  factor  of  Rt  is  Introduced  to  insure  a  proper 
variation  of  /£  in  the  near  wail  region. 


The  length  scale  L,  as  defined  by  Glushko,  Is: 

; 

i*  s. 


t  13  i  y  <  01} 
t!f  i  y  <  1  if 


( y  ,  0  3})  / 1  tt 

(,i,t -y)  /t  a 

where:  y  *  y/J  . 

The  expressions  for  the  total  thermal  conductivity  t^and  the  total  turbulent  kinetic  energy  diffusion  are: 

&[£  *  At  (  f'Rt)  ] 

A l  •  A  *At  (**t) 

where  r  and  X  are  model  constants. 

The  values  of  the  constants  In  the  study  of  Viegas  and  Horstman  were: 

«<  -  0.2 2  C  =  4  69  Rg  =  120 

£  -  0.73  r.  1.1  X  =  0.4 

Two  Equation  Models.  The  next_step  in  the  modeling  improvement  consists  in  adopting  a  transport  equation  to  determine  the 
variable  f  which  is  used  m  conjunction  with  k  to  define  the  turbulent  length  scale. 

In  the  Jones-Launder  model,  f  Is  the  turbulent  kinetic  energy  dissipation  rate,  usually  designated  by  6  ;  in  the  WUcox-Rubesln 
model,  f  is  the  rate  of  dissipation  of  turbulent  kinetic  energy  per  unit  of  kinetic  energy. 

-  The  Model  of  Jones  and  Launder  (1971) 

The  modeled  equation  for  the  turbulent  kinetic  energy  has  the  form: 


I 


(4.17) 


.ft. ,  -i-iM  4.) 

’  I  '  W»  I  rJT :  r!* 


dt 


rfi  r! 

Ou  '  I 


while  the  equation  for  the  turbulent  dissipation  rate  <5  Is : 

mo  ^jf '  4- (f ** l)  - fr>-  SiJr£ '  |  f ^ 

The  above  equations  can  also  be  written  In  the  Mowing  fonra  alter  Introduction  ol  the  eddy-viscosity  concept: 

(4.1 7a)  ££A  -  it,  f S.  Si..  1  (S;*v)  /  -  1  f  i  <AV  .  fC 

Dt  L  '  '  >  '  J  3 

+  diffusion  +  LRT 

ML.  f- 1 C,,* [*i Sy . j  (4 y/J.  %  j  f i * 7 J 


(4.18a) 


Dt 


-W-f 


►  diffusion  +  LRT 


LRT  refers  to  the  so-called  Low  Reynolds  number  Terms  which  must  be  Introduced  near  a  solid  surface,  as  w«  be  seen  below. 
The  LRT  terms  are  surrounded  m  Eqs.  4.17  and  4.18. 

CSf  and  Cgt  are  model  constants,  f2  Isa  function  of  the  turbulence  Reynolds  number  Rt : 

h  -  1  -  03  <*p  (-  ) 

In  this  case,  eddy-vtacoeiy  Is  given  bv 
(4.19)  A  '  A  CA  D  *t 
where  Qtto  a  coratant  and  f  a  function  of  R,  defined  as: 

fp  ■  up  [-It/  (lt*t/fi)  J 
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As  the  turbulence  length  scale  Is: 

L  ,  /*/<? 

the  turbulence  Reynolds  number  can  be  expressed  as: 

nt  =  Ml  „  i£ 

fL 

and  Jit  can  be  written  In  the  more  famllar  form: 

A  *  f  k  A  -f 

The  expressions  for  the  dtffusMty  coefficients  for  this  model  are  given  by: 


Ar  *  A  Ai  *  /i  * 

where  (%  and  are  constants. 

The  following  values  of  the  constants  are  generally  adopted: 

C*  -  1.55  C*  -  2.  C*-0.09  df-t.  (f- 1.3 

The  surrounded  terms  In  Eqs.  4.17  and  4.18  are  added  to  Insure  proper  behavior  of  k  and  d  when  the  distance  to  the  surface  y 
Is  tending  to  zero.  These  terms  extend  the  validity  of  the  transport  equations  to  regions  of  the  flow  where  the  turbulent  Reynolds 
number  Is  not  large.  In  fact,  the  origin  of  these  extra  terms  Is  purely  empirical  and  their  presence  may  lead  to  severe  numerical 
drfflciities  since  they  tend  to  make  Eqs.  4.17  and  4.18  stiff  dose  to  the  wall.  For  the  same  reason,  the  presence  of  hi  In  the  eddy- 
viscosity  expression  permits  a  proper  behavior  of when  y  tends  towards  zero. 

On  the  other  hand,  the  results  given  by  the  original  Jones-Launder  model  are  in  poor  agreement  with  experiment  In  the  case  of 
strongly  Interacting  flows.  For  example,  the  size  of  the  separated  regions  Is  most  often  largely  underpredicted. 

To  avoid  the  numerical  dlfficiities  and  to  Improve  Its  accuracy  In  the  prediction  of  shock-wave/boundary-layer  interactions,  the 
Jones-Launder  model  has  been  modified  in  the  following  manner. 

The  dissipative  layer  is  divided  into  two  regions: 

I  -  An  outer  layer  where  the  turbulent  contribution  to  the  shear-stress  is  largely  superior  to  the  laminar  contribution.  In  this  layer, 
the  eddy-viscosity  is  computed  by  using  formiia  4.19,  with  *  1.  and  the  turbulent  quantities  k  and  t  are  determined  by  solving 
the  transport  equations  4.17  and  4.18  without  the  wall  correction  terms  (surrounded  terms) 

II  -  An  Inner  layer  where  the  mol ec liar  viscosity  tends  to  become  predominant.  There,  a  special  treatment  is  substituted  to  the 
solution  of  Eqs.  4. 17  and  4.18. 

Several  models  have  been  proposed  to  represent  the  flow  In  the  near  wall  region.  The  purposes  of  these  special  treatments  Is  to 
provide  a  correct  expression  for  the  eddy-viscosity  and  to  specify  appropriate  values  of  kinetic  energy  and  dissipation  in  the  fully 
turtxient  region  away  from  the  wall.  These  values  wit  be  used  as  boundary-conditions  for  Eqs.  4.17  and  4.18  without  the  wall 
correction  terms. 

Thus  Chleng  and  Launder  (1900)  start  integration  of  the  (  k  ,  £  )  transport  equations  at  a  point  P  located  above  the  viscous 
sublayer,  In  the  logarithmic  region  of  the  boundary -layer  There,  by  making  suitable  assumptions  concerning  the  behavior  of  k  and  i 
In  the  near  wall  region  and  considering  the  log-law  for  the  velocity  distribution,  it  is  possible  to  write  relations  linking  conditions  at 
P  to  wall  values. 

A  sJmlar  treatment  has  been  adopted  by  Chen  (1986)  but  with  a  new  wall  function  approch  based  on  a  wall  law  suitable  for 
boundary -layers_  under  strong  adverse  pressure  gradients.  Wall  functions  have  also  been  used  by  Gorski  (1986)  to  derive  boundary 
conditions  for  k  and  6  at  a  certain  distance  from  the  wall.  G  or  ski's  treatment  Is  more  general  in  the  sense  that  it  allows  the  inner 
boundary  from  which  Eqs.  4.17  and  4.18  are  aofved  to  lie  In  the  viscous  sublayer.  This  situation  can  happen  In  a  strongly  Interacting 
flow  where  an  Important  dlatation  erf  the  dissipative  layer  Inner  part  occurs  (see  also  Gorski  et  ai.,  1987). 


Another  way  to  treat  the  near  wall  region  Is  to  adopt,  dose  to  the  wall,  the  mixing  length  expression  for  computing  the  eddy- 
viscosity  (In  partJcUar,  see  Benay  et  al.,  1987).  Thus,  below  a  certain  ordinate  yp,  Is  given  by  Eq.  4.7.  Then,  by  making  use  of 


-pA- 

~ T- 


o.i 


and  assuming  that  In  this  part  of  the  flow  turbdence  Is  In  equllbrium,  l.e.,  production  of  k  -  dissipation  of  k.  the  values  of  k.and 
it  at  yR  are  readty  computed. 

Above  yR,  Eqs.  4.17  and  4.18  are  aofved  with  kp  and  ^  specified  as  boundary-conditions  on  yp.  Now  Is  given  by  Eq.  4.19, 
wth  »u. »  I.  The  boundary  yp  between  the  two  domains  Is  located  at  an  altitude  where  the  turbulence  Reynolds  number  is  high 
enough:  -  200  is  an  appropriate  value. 
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-  The  Model  o I  WUcox  and  Rubesln  (1980) 

In  this  model,  the  eddy-viscosity  Is  given  by: 

(4.20)  m  -  e  i*  -i- 

wfth:  f*  «  [  1  -  (i-  X1)  exp  (-  l Rt)  ] 


Rt  Is  the  Reynolds  number  of  turbulence  and  %  A  model  constants. 

In  Eq.  4.20.  O  designates  the  rate  of  dissipation  of  kinetic  energy  per  unfl  of  kinetic  energy  which,  according  to  authors,  may 
be  a  more  significant  quantity  than  the  rate  of  turbulence  dissipation  Itself. 


The  transport  equations  for  k  and  <u  take  the  form: 


and 


where  the  length  scale  L  is  represented  by: 


f  *  t.  [  «- 'V  *r  (-  *t /*»')]  /(' 

The  constants  used  with  this  model  have  the  following  values: 

A.  1/11  Ro-1  10-0.09  (?-0.15 

4*0.9  <5-  fc  =2 

The  boundary  conditions  at  the  wall  for  Eqs.  4.29  and  4.30  are: 


k  =  0 

_  20«.  [ (3  p  y' 

The  condition  tor  w  was  derived  by  Wlcox  end  Tracy  (1976).  To  avoid  the  singularity  on  u  when  y.0.  the  dissipation  rate 
equation  is  solved  numerically  for  y  +  >4  and  then  patched  smoothly  to: 

CO  *  Zcjl  /  pp  If1 
tor  smaller  values  of  y  (see  Vtegaa  and  Hocstman,  1978). 

The  Wiccoc-Rubesin  model  differs  basically  from  the  preceding  models  In  that  the  form  of  the  constitutive  relation  between 
Reynolds  stress  tensor  and  mean  flow  properties  has  been  modified  to  represent  anisotropic  Reynolds  stress  phenomena.  This  more 
general  relation  wfll  not  be  given  here  (see  Wlcox  and  Rubesln,  I960). 

4  2.3.4  -  Second  Order  Closure  Models 


The  General  Model  A  further  step  In  turbulence  modeling  -  within  the  framework  of  classical  statistical  turtxJence  -  is  to  give  up 
the  eddy-viscosity  concept  and  to  consider  transport  equations  for  the  Reynolds  stress  tensor  Itself.  This  approach  is  called  the 
'Reynolds  Stress  Equation'  (RSE)  formtiation  or  second  order  closure  modeling. 

The  essential  advantages  tor  using  the  Reynolds  stress  model  over  the  usual  eddy-viscosity  model  He  in  the  removing  of  the 
postulate  that  the  principal  axis  of  the  Reynolds  stress  tensor  align  with  that  of  the  mean  strain  rate  tensor  and  that  sudden  changes 
In  the  mean  stress  tensor  are  reflected  Immediately  In  the  Reynolds  stresses. 

The  Reynolds  stress  equation  has  been  given  above  In  terms  of  mass  weighted  variables  (see  Eq.  4.23).  Modeling  of  the  general 
RSE  has  been  proposed  by  HanfaBc  and  Launder  (1972)  as  by  Launder  et  al.  (1975)  and  also  by  Wlcox  and  Rubesln  (1900). 


These  last  authors  have  proposed  the  following  modeled  Reynolds  Stress  Equation,  In  whk^deslgnates  the  Reynolds  tensor. 

±  (f  ?;/,  JL  (to  z‘).  ~  e  z:  §L  -eZgtj  fe*>  *  $ 

_  C ,  P'fiti  ft;'  r  i  1  iij  )  *  f  ( /-.■  *  tL  -r7  -  i  S,n  fy  ) 
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The  values  of  the  constants  figuring  In  this  equation  wM  not  be  given  here 

The  RSE  must  be  supplemented  by  the  transport  equation  fora  (or  £  If  the  more  classical  dissipation  rate  Is  used). 


The  RSE  approach  necessitates  the  solution  of  a  system  of  12  strongly  coupled  partial  differential  equations  In  the  case  of  a 
three-dimensional  flow,  namely:  the  5  Navier-Stokes  equations  (continuity  +  momentum  ♦  energy),  6  equations  for  the  Reynolds 
stresses,  1  equation  for  the  turbulent  dissipation  rate.  Due  to  this  complication,  applications  of  RSE  closure  in  the  case  of  shock- 
wave/bbundary-fayer  Interactions  are  stll  extremely  scarce.  To  our  knowledge,  the  only  convincing  cakaiatlon  has  been  performed  by 
Vandromme  and  Ha-Minh(i965).  It  concerns  a  transonic  flow.  For  this  reason  we  wi  not  give  further  details  on  the  RSE  approach 
(for  more  ample  information,  see  Ha-Minh  and  Vandromme,  1985). 

The  Algebraic  Stress  Model  A  relatively  simple  solution  to  the  problem  of  directly  determining  the  Reynolds  tensor  components, 
without  having  to  solve  a  complicated  system  of  partial  differential  equations,  has  been  proposed  by  Launder  (1971)  and  by  Rodi 
(1972). 

This  modeling  procedure  is  known  as  the  Algebraic  Stress  Model  or  ASM.  Initially  developed  for  Incompressible  flows,  it  has 
been  applied  with  success  to  moderately  supersonic  flows  (see  for  example  Benay  et  at.,  1987).  The  ASM  allows  the  calculation  of  the 
Reynolds  stresses  via  the  solution  of  an  algebraic  system  of  equations. 

This  system  is  derived  from  the  general  Reynolds  stress  transport  equation  by  making  the  assumption  that  the  ratio: 

.  m'l  uJj 

A 

varies  slowly  along  a  streamline.  We  nan  then  write: 


D  (*'<■  */)  .  p.ff  (u.\ i  -  (  il 

pc  1  *'  l  vc 


D/Dt  is  the  particular  derivative  of  the  quantity  and  Diff  represents  the  terms  which  are  modeled  as  diffusion  terms  In  the  transport 
equations.  By  considering  the  difference  between  the  convective  term  D/Dt  and  the  diffusion  term  Diff  in  the  modeled  transport 
equations  for  k  and  ,  one  notes  that  this  difference  does  not  contain  partial  derivatives  of  the  turbulent  quantities. 

Hence,  Eq.  4.23  leads  to  an  algebraic  non-linear  system  for  u-'i  *'j  which  can  be  written  In  the  following  form  for  an 
incompressible  flow: 


“iN  -Vjt.  <t, 

i 


C,-l  >Pk/t 


'v-shn  l 


Pt  .  .  4.v  1£l 

*  '  Jx.j 

P,  ,  -  JU-  - 
I  ilk  djci 


C2  and  Ci  are  model  constants  (Launder  has  proposed  =  2.2  and  C2  *  0  55). 

Thus  the  4.’  uj  s  can  be  calculated  as  function  of  k,  t  and  spatial  derivatives  of  the  mean  velocity  field  by  solving  an  algebraic 
system. 

In  the  compressible  extensions  made  to  this  day,  compressibiity  effect  is  simply  taken  into  account  t  /  considering  in  the 
equations  a  variable  mean  density.  Thus  expressions  similar  to  Eqs.  4.24  are  used. 

To  our  knowledge,  the  ASM  has  not  yet  been  applied  to  the  computation  of  shock -wave/boundary -layer  interactions  occurring  at 
high  Mach  numbers.  However,  due  to  the  very  encouraging  results  obtained  In  transonic  flows,  the  ASM  could  constitute  an 
interesting  model  for  hypersonic  applications. 

4.2.3. 5  -  Algebraic  Models  In  Three-Dimensional  Flows. 

In  three-dimensional  calculations,  some  adaptation  of  the  classical  algebraic  models  is  needed  to  account  for  the  three 
dimensional  character  of  the  fteid  The  following  models  have  been  proposed  to  compute  comer  flow  (see  Section  4.4.5  below)  where 
one  has  to  represent  the  Influence  of  the  two  walls. 

For  the  mixing  length  formulation  used  dose  to  the  surface,  one  may  adopt  the  following  expression  suggested  by  PrandtJ: 

f  (pl/ jot/v/  (I<r, 0.41) 

wueni:  IN  *!.[*  (gf>  <  (f)‘>  *  (ff 

( ox  <>y  dy  J 

Shang  et  al.  (1979)  have  substituted  to  the  above  mean  rate  of  deformation,  the  following  simpler  quantity: 

/-£-/«  /*  •  r*  I 

dn. 

where  n  to  the  outward  normal  with  respect  to  the  wedge  surface.  Thus,  the  Inner  eddy-viscosity  Is  given  by  the  relation: 

/f,  -  e  (*l)1[ (-  i^Lj 
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where  the  Van  Driest  damping  function  has  been  introduced. 

The  length  scale  L  figuring  in  the  above  formtia  is  the  asymptotic  form  of  the  relation  given  by  Gessner  (1973)  for  a 
rectangular  duct  In  Its  most  basic  form,  Lean  be  expressed  from  the  integral: 

J_  1  ftr  i± 

l  " 1  j.  i 

where  4>  18  the  peripheral  angle  d  a  sweep  ray  originating  from  any  point  («.yA)  Inside  the  duet  and  s  the  distance  between  the 
point  and  the  intersection  of  the  ray  with  the  comet  surface  (see  sketch) . 


For  the  comer  problem,  the  general  relation  given  by  Gessner  takes  the  fdowing  asymptotic  form: 

L-  *}} /tyyff7?] 

where  y  and  z  are  Cartesian  coordinates  along  the  comer  sides. 

In  the  outer  part  of  the  boundary-layer,  the  eddy-viscosity  is  computed  by: 

A (1-  <***>  C-  0.0188) 


where  q  Is  the  velocity  magnitude  and  ymj,  the  maximum  dimension  along  the  transformed  y  coordinate  (the  computational  co¬ 
ordinate  system  adopted  by  Shang  etal.  is  shown  In  Rg.  4.5).  / 


A  simiar  model  was  used  by  Hung  and  MacCormack  (1978)  for  sharp  fin  calculations.  In  this  model  the  turbulent  eddy-viscosity 
is  given  by: 

/■t  ‘  e  ( PL)' u 


with: 


o. 


U  Is  the  absolute  magnitude  at  vortfdty,  l.o.: 

CJ  =  /  VXV  /  .  f  f  A!L.)\  a*  I*  Vh 

L  '  dy  dj  '  *  dj  dz  '  dx  dy  '  J 

The  mixing  length  I  is  computed  by  the  folowing  expression  valid  throughout  the  boundary-layer 

f  *  0.05  7  ttof,  (  DAI  J  / 0.05  !  ) 

where  the  *modified  distance*  d  is  identified  with  the  length  scale  L  of  the  previous  model.  The  above  expression  for  the  mixlng- 
length  is  Identical  to  that  proposed  by  Michel  et  al.  (see  above). 

4.2.4  -  Navier-Stokes  Calculations  of  Interacting  Flows 


4.2.4. 1  -  Introductory  Remarks 

The  present  Section  is  devoted  to  the  presentation  of  applications  of  the  Navier-Stokes  approach  to  shock-wave/boundary-layer 
Interaction  problems.  Interactions  in  laminar  flow  w*  be  first  considered,  then  the  turbulent  regime  w0  be  envisaged.  Both  two- 
dimensional  and  three-dimensional  applications  wi  be  presented.  We  do  not  pretend  to  be  exhaustive  in  the  completion  of  published 
Navier-Stokes  calculations  applied  to  strongly  interacting  flows.  Our  primary  aim  is  to  Wustrate  the  present  status  of  the  approach 
and  to  discuss  Its  limitations,  espedafly  in  the  turtxient  case  where,  In  addition  to  specific  numerical  difficulties  due  to  the  existence 
of  regions  of  very  high  gradients,  one  is  confronted  with  the  delicate  problem  of  turbulence  modeling. 

In  the  presentation  that  foflows,  both  supersonic  and  tniy  hypersonic  applications  have  been  retained  since  there  is  not  a  well 
defined  conceptual  difference  between  these  two  situations.  Real  gas  effects  and  chemical  reactions,  which  are  typical  features  of 
hypersonic  flows,  are  sti  Ignored  In  the  calculation  of  shock-wave/boundary-layer  interactions  by  solution  of  the  Navier-Stokes 

equations.  Furthermore,  on  a  vehicle  flying  at  hypersonic  velocities,  there  exist  flow  regions  where  the  local  Mach  number  is  in  fact 

supersonic. 

4£.4£ -Navier-Stokes  Applications  In  Laminar  Flows 

Two-Dimensional  Flows,  One  of  the  first  numerical  solutions  of  the  interaction  between  an  incident  oblique  shock-wave  and  a  laminar 
boundary-layer  was  obtained  by  MacCormack  (1971).  The  integration  technique  was  the  wel  known  MacCormack  predictor-corrector 
time  marching  expfict  method  which  was  later  on  used  by  many  other  investigators.  The  application  concerned  the  shock  reflection 
at  a  Mach  number  of  2  experimental  studied  by  Haktdnen  et  al.  (1959). 

The  case  of  a  supersonic  How  pest  a  twodimensional  compression  comer  was  treated  by  Carter  (1972)  who  used  the  two-step 

expfict  scheme  of  Braflovskays  (1965).  Good  agreement  was  obtained  wth  the  experimental  resists  of  Lewis  et  al.  (1968).  Figure  4.1 

shows  s  comparison  of  the  computed  wel  pressure  distribution  wth  that  measured  in  a  10*  comer  et  Mg  -  4.  The  experimental  data 
Is  both  lor  a  flat-plate  model  (without  side  plates)  and  for  an  axlsymmetric  model  consisting  in  a  cyfiodsr-lare  configuration. 

Agreement  wth  experiment  is  not  so  satisfactory  In  the  case  of  the  interaction  occurring  et  Mg  -  6.0  over  e  10.25*  compression 
comer,  as  can  be  seen  In  Fig.  42.  This  figure  also  shows  e  catenation  performed  wth  the  Invtscfd-Viecous  Interactive  method  of 
KHneberg  and  Lees  (1969).  There  le  e  tignMcant  discrepancy  between  computation  and  experiment  In  the  separation  pert  of  the 
interaction;  downstream  of  the  comer,  agreement  is  bstter. 

Brafiovskays's  msthod  was  also  appfisd  by  Hanin  st  sL  (1974)  for  the  computation  of  an  Inddent-refiactlng  shock  at  a  Mach 
nunfoer  of  2.  On  the  whole,  the  rente  ware  reaUstic  end  agreed  reasonably  wsfi  wth  experiment  Supersonic  laminar  lows  on  blurt 
cones  wth  separation  Induced  by  fives  ware  computed  by  U  (1974)  by  using  the  MacCormack  method. 
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Fig.  4.1  Navier-Stokes  Calculation  of  2-0  Laminar 
Ramp  Row.  Wall  Pressure  Distribution. 
First  Application  (Carter,  1972) 
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Fig.  4.2  Navier-Stokes  Calculation  of  2-D  Laminar 
Ramp  Row.  Surface  Pressure  Distribution. 
Second  Application  (Carter,  1972) 


Fig.  4.3  Navler-w»okes  Calculation  of  2-D 
Hypersonic  Laminar  Ramp  Row  Without 
Separation  (Hung  and  MacCormack.  1976) 


Fig.  4.4  Navier-Stokes  Calculation  of  2-D 
Hypersonic  Laminar  Ramp  Flow  With 
Separation  (Hung  and  MacCormack, 
1976) 


Hung  and  MacCormack  (1976)  applied  the  explicit  predict  or -conect  or  method  to  the  calculation  of  supersonic  and  hypersonic 
laminar  compression  comer  flows.  Results  found  at  Mg  =  14.1  are  presented  In  Figs.  4.3  and  4.4  where  they  are  compared  to  Holden's 
data.  When  there  is  no  separation  at  the  comer  (see  Fig.  4.3),  agreement  between  experiment  and  computation  is  extremely  good  as 
regards  both  wan  pressure,  heat  transfer  and  skin-friction  distributions.  However,  for  the  ei  «  24°  case  •  for  which  separation  occurs 
-  the  general  features  of  the  computed  results  have  the  conect  trend  but  the  extent  of  separation  is  underpredicted  (see  Fig.  4.4). 
Nevertheless,  the  plateau  pressure  and  the  magnitude  and  location  of  the  peaks  of  surface  pressure  and  heat-transfer  are  correctly 
predicted. 


Oblique  shock  reflections  at  relatively  low  Mach  numbers  (dose  to  2)  were  computed  by  U  (1977)  by  using  a  mixed  explicit- 
implicit  numerical  method.  A  shock  reflection  occurring  at  Mg  *  7.94  was  computed  by  Hodge  (1977)  by  means  of  the  MacCormack 
explicit  scheme. 


Solutions  of  the  Parabolized  Navier-Stokes  (PNS)  equations  for  a  compression  comer  flow  at  Mg  =  14.1  were  obtained  by 
Lawrence  et  at.  (1906).  Their  calcinations  are  relative  to  unseparated  flows  since  a  single  pass  forward  marching  procedure  Is  used. 
Agreement  with  the  Holden  and  Moaefle  (1969)  experiments  Is  extremely  good. 

Navier-Stokes  calculations  applied  to  shock  reflection  at  Mg  =  7.4  have  also  been  performed  by  Issa  and  Lockwood  (1977)  who 
solved  the  steady  form  of  these  equations  by  an  Iterative  technique. 


Applications  of  the  Lax-Wendroff  explicit  method  to  the  shock-wave/boundary-layer  Interaction  problem  have  been  carried  out  by 
HussaW  et  at.  (1979)  and  by  Cambfer  et  al.  (1968). 


Three-Dimensional  Flews.  The  laminar  Navier-Stokes  equations  for  the  flow  developing  In  a  comer  have  been  solved  by  Shang  and 
Hankey  (1977)  by  employing  the  MacCormack  explicit  method.  The  computed  flow  field  is  a  three-dimensional  oblique  shock- 
wave/boundary -layer  interaction  produced  by  a  wedge  attached  normal  to  a  flat  surface.  This  ccaiflguation  is  also  called  the  sharp 
fin  problem. 


Fig.  4.5  Coordinate  System  for  3-0  Comer  Flow 
Cakaiatfon  (Shang  and  Hankey,  1977) 


Fla  4.6 


Navier-Stokes  Calculation  of  34)  Laminar 
Comar  Flow.  Density  Contour  Map  (Shang 
and  Hankey,  1977) 
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Here  the  wedge  arte  to  equal  to  15*.  the  freestream  Mach  number  was  12.5  end  the  Reynolds  number,  based  upon  the  axial 
length,  was  1.21  x  10®.  Experimental  investigation  of  this  flow  shows  that  the  Invtedd  dominant  portion  of  the  flow  field  is  needy 
Invariant  wth  respect  to  a  generating  radius  vector  from  the  apex  of  the  comer,  regardless  of  the  different  scaling  of  the  growth  of 
the  viscous  region.  This  feature  oltheflcwrfteldhastedtolhe  adoption  of  the  conical  coordinate  system  sketched  in  Fig.  4.5  (a 
sJmlar  system  wft  be  adopted  for  turbulent  applications  presented  In  next  Section). 

Results  of  Shang  and  Hankey1*  calculation  are  presented  in  Fig.  4.6  in  the  form  of  density  contour  maps  of  the  three- 
dimensional  flow  field,  The  mata  features  revealed  by  these  maps  are  the  wedge  shock-wave,  the  shock  Induced  by  the  boundary- 
layer  growth  on  the  flat-plate,  the  triple  point  at  the  Intersection  of  the  two  shocks  and  the  outer  edge  of  the  boundary-layer. 
Figure  4.7  shows  the  field  resulting  from  the  projection  of  the  conical  crossflow  velocity  component  In  a  vertical  plane  (Y.Z).  In  the 
unperturtoated  flow  region  (upper  and  right  portion  of  the  graph)  the  conical  crossflow  velocities  sensibly  converge  to  the  origin  of 
the  co-ordinate  system.  The  crossflow  velocity  component  executes  a  sharp  turn  towards  the  comer  at  the  shock-wave  generated  by 
the  comer.  A  strong  vortex  center  is  dearly  visfcJe  at  a  location  Immediately  below  the  triple  point  Agreement  of  computation  with 
experiment  was  very  good. 

The  same  configuration  has  been  computed  by  Oegrez  (1985)  for  a  supersonic  Mach  number  of  2.2S  and  a  Reynolds  number  of 
108  x  10s.  The  three-dimensional  Havier -Stokes  equations  were  solved  by  the  impttdt  approximate  factorization  scheme  of  Beam  and 
Warming. 


Fig.  4.7  Navier-Stokes  Calculation  of  3-0  Laminar 
Comer  Flow.  Crossflow  Vector  Velocity 
Plot  (Shang  and  Hankey.  1977) 


4. 2. 4.3  -  Nevter-Slokes  Applications  in  Turbulent  Flows 


Fig.  4.8  Navier-Stokes  Calculation  of  2-D 
Turbulent  Ramp  Flow.  Wall  Pressure 
Distribution  (Shang  and  Hankey,  1975) 


Two-Oimensiond  Flows.  The  reflection  of  an  oblique  shock-wave  at  a  Mach  number  of  2.96  has  been  treated  by  Wlcox  (1973)  by 
using  a  numerical  method  based  upon  a  generalized  form  of  the  expfidt  time  marching  finite  difference  scheme  originated  by  Von 
Neumann  and  Rlchtmeyer.  This  calculation  probably  consumes  the  first  documented  solution  of  turbulent  shock-wave/boundary-layer 
interaction.  The  turbulent  shear-stress  was  computed  by  the  Saffman  transport  equation  model  which  has  been  at  the  origin  of  the 
Wlcox-Rubesln  turbulence  model  presented  In  Section  4.2.3  above.  Agreement  with  experiment  was  fair. 


The  same  numerical  code  and  the  same  turtxience  model  were  then  applied  to  the  comer  flow  problem  (Wlcox.  1974).  In  this 
case,  agreement  with  experiment  deteriorated  rapidly  when  the  size  of  the  separated  region  increased  as  a  consequence  of  a  larger 
comer  angle.  According  to  Wlcox,  a  possible  explanation  of  the  discrepancy  could  be  the  assumption  of  Reynolds  stress  tensor  to  be 
aligned  with  the  mean  rate  of  strain  tensor.  TMs  assumption  becomes  particularly  questionable  If  the  mean  flow  streamlines  have 
large  curvature  as  In  a  supersonic  compression  comer. 


The  interaction  resulting  from  an  oblique  shock  reflection  has  been  treated  by  Baldwin  and  MacCormack  (1974)  with  tire  explicit 
predictor-corrector  method.  Since,  for  a  hypersonic  flow,  in  the  region  of  reattachment  the  viscous  sublayer  becomes  an  order  of 
magnitude  thinner  than  in  the  boundary-tyer  upstream  of  the  Interaction,  a  special  treatment  was  adopted  to  avoid  prohibitive 
comptflation  times  required  by  a  mesh  fine  enough  to  resolve  the  viscous  sub-layer.  This  treatment  is  based  on  an  Iterative  solution 
of  the  steady  state  boundary-layer  approximation  near  the  wad-  Two  turbulence  models  were  tested:  the  Cebed-Smlth  algebraic  model 
and  the  Saffman-WIcox  (1 974)  transport  equation  model.  Agreement  with  experiment  was  only  fair. 

Incident  shock-reflection  was  treated  by  Horstman  et  al.  (1975)  by  using  the  MacCormack  explicit  scheme  along  wth  the 
CebecLSmth  turtxience  model  incorporating  modifications  to  account  tor  non  equlforium  effects  (see  Section  4,2.3). 

Ramp  flow  calculations  ware  performed  by  Shang  and  Hankey  (1975)  by  using  the  MacCormack  explicit  scheme  along  wth  the 
Cebed-Smlth  turtxience  model.  Due  to  the  Incapacity  of  this  baseline  equlbrium  model  to  represent  correctly  strongly  out  of 
equWbrium  processes,  the  authors  introduced  an  history  effect  by  means  ot  the  relaxation  formula  given  in  Section  4.2.3.  Aa  shown  In 
Fig.  4.8,  application  of  the  relaxation  concept  fed  to  a  considerable  improvement  of  the  prediction  In  the  case  of  an  Interaction  at  a 
comer  at  Mg  «  2.96.  The  relaxation  distance  A  was  in  tact  chosen  such  that  calculation  agree  with  experiment  Thus  the  main  interest 
of  what  can  be  considered  as  a  ntxnerical  experiment  was  to  establish  dearly  the  necessity  to  introduce  history  effects  In  the 
catenation  of  shock-wave /boundary -layer  interactions.  Further  applications  were  made  to  compute  shock  reflection  in  supersonic  flow 
(Shang  at  al..  197 6). 


The  same  relaxation  turbulence  model  was  applied  by  Hung  and  MacCormack  (1977)  to  compute  supersonic  and  hypersonic 
interacting  flows.  In  these  catenations,  the  Cebed-Smlth  turtxience  model  was  used  wth  the  relaxation  equation  of  Shang  and 
Hankey.  A  comparison  wth  experiment  Is  given  In  Fig.  4.9  which  shows  the  streemwfee  evolution  of  tire  wafi  pressure  end  heet- 
tranefer  coefficients.  The  computed  case  Is  a  compression  comer  flow  at  Mg  >  8.66  which  was  experimentaty  studied  by  Holden 
(1972). 


The  two  turtxience  models  (the  baseline  equifcrium  model  and  the  relaxation  model)  give  reasonably  good  agreement  in  surface 
and  heet  transfer  in  the  interaction  region,  although  the  peak  heat  transfer  at  reattachment  Is  underpradctad.  Also  the  computation 
leads  to  a  sharp  decrease  In  heat-transfer  in  the  separation  region  (see  Fig.  4.9b)  whereas  the  measured  hestf -transfer  rises 
continuously  from  the  interaction  onset  and  reaches  a  plateau  value  In  the  separated  region.  As  we  know,  such  a  rise  In  heat -transfer 
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Navler-Stokes  Calculation  of  2-D 
Hypersonic  Turbulent  Ramp  flow  (Hung  and 
MacCormack,  1977) 


at  separation  Is  typical  of  turbulent  hypersonic  shock -wave/boundary -layer  Interactions  (see  Section  3.2.7  above).  It  to  dear  that  the 
present  turbulence  .nodeis  lead  to  an  unphysical  decrease  in  the  eddy-viscosity  level  in  the  vicinity  of  the  separation  point.  This 
behavior  is  certainly  attributable  to  the  inadequacy  erf  the  Van  Driest  damping  factor  In  a  region  where  the  wall  shear-stress 
vanishes. 

Baldwin  and  MacCormack  (1976)  performed  the  calculation  of  a  shock  reflection  at  hypersonic  Mach  number  (Mq  =  8.47)  by  using 
an  algebraic  turbulence  model  incorporating  a  modification  of  the  Van  Driest  damping  function  avoiding  anomalous  behavior  at  a 
separation  point.  Agreement  with  experiment  was  fair. 

The  behavior  of  several  turbulence  models  in  a  transonic  Interaction  (  Mg  =  1.39)  and  a  hypersonic  interaction  (  Mq  =  6.86)  was 
examined  by  Viegas  and  CoaWey  (1977).  The  calculations  were  made  with  the  explicit  MacCormack  method  and  the  following 
turbulence  models  were  considered:  the  baseline  Cebect-Smith  model,  the  Shang-Hankey  relaxation  model  and  the  Glushko-Rubesin 
one-transport  equation  model,  it  was  found  that  none  of  these  models  worked  satisfactorily  in  the  hypersonic  interaction. 

Horst  man  et  at.  (1977)  performed  a  critical  study  of  four  turbulence  models  applied  to  the  calculation  of  a  compression  corner 
flow  at  Mq  =  2.85.  These  models  were  the  baseline  Cebecl-Smith  model  and  variants  of  this  model  Including  history  effect  plus  the 
Glushko-Rubesin  one-transport  equation  model.  The  Navier-Stokes  equations  were  solved  by  using  the  MacCormack  hybrid  scheme. 

A  rather  thorough  examination  of  turbulence  models  In  shock-separated  boundary-layer  interaction  flow  was  carried  out  by 
Viegas  and  Horstman  (1978).  The  four  following  turbulence  models  were  considered: 

i  -  The  Cebecl-Smith  equilibrium  algebraic  model. 

II  -  The  Glushko-Rubesin  one-equation  model. 

iii  -  The  Jones-Launder  two-equation  model. 


iv  -  The  Wilcox-Rubesin  two  equation  model. 


Fig.  4.10  Navier-Stokes  Calculation  of  2-D  Turbulent  Fig.  4.11  Navier-Stokes  Calculation  of  2-D 

Ramp  Row.  Small  Separation.  Comparison  Turbulent  Ramp  Row.  Large  Separation, 

of  Different  Turbulence  Models  (Viegas  Comparison  of  Different  Turbulence  Models 

and  Horstman.  1978)  (Vie9as  and  Horstman.  1 978) 

The  results  given  by  these  models  were  compared  to  transonic  and  supersonic  shock-wave/boundary-layer  interactions.  Here  we 
will  only  consider  the  supersede  comer  flow  applications  in  which  the  upstream  Mach  number  was  equal  to  2.8  and  the  Reynolds 
number  R  f9  dose  to  1.5  xto5.  The  surface  pressure  and  skin-friction  distributions  for  o<  =  20“  and  pc'  »  24"  are  represented  in  Figs. 
4.10  and  4.1 1 .  Examination  of  these  results  leads  to  the  following  conclusions: 

1  -  The  computations  employing  the  algebraic  model  predict  the  qualitative  features  of  the  two  flowftefds  reasonably  wed.  The 

overall  pressure  rise  Is  predicted  well  bu  the  locations  of  the  Initial  pressure  rise  are  not.  Also,  the  computations  do  not  predict  a 
pressure  plateau.  Considering  the  skin-friction  results,  computations  predict  the  separation  point  wen  but  do  not  predict  the 
reattachment  locations  and  largely  underpredict  the  skin-friction  downstream  of  reattachment. 

H  *  The  computations  employing  the  one-equation  model  show  no  Improvement  In  predicting  the  pressure  distributions.  However,  the 
predicted  locations  of  reattachment  and  downstream  skin-friction  levels  are  in  better  agreement  with  experiment  than  they  are  with 
the  algebraic  model. 


Hi  -  The  computations  employing  two-equation  models  give  almost  identical  results  except  for  the  magnitude  of  the  skin-friction  In 
the  separated  region.  These  compilations  show  the  best  overall  agreement  with  the  experimental  pressure  distributions.  Pressure 
plateau  Is  predicted  for  both  cases,  although  the  level  of  the  computed  plateau  Is  substantially  higher  than  the  experimental  one, 
especially  in  the  case  of  the  most  separated  flow.  The  predicted  skin-friction  results  show  that  the  forward  extent  of  separation  is 
overprecficted  for  both  flows  and  the  downstream  skin -friction  levels  are  overpredicted  for  the  oS  *  20°  case. 

The  computations  performed  by  Viegas  and  Horstman  demonstrate  that  the  two-equation  models  are  superior  for  predicting 
surface  pressure  distributions  and  that  no  model  predicts  the  correct  skin-friction  distributions  although  the  one-  and  two-equation 
models  are  slightly  better  than  the  algebraic  model. 
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Figures  4.12  and  4.13  show  a  comparison  of  computed  and  measured  velocity  profles  for  the  same  experimental  conditions.  The 
algebraic  model  predictions  show  general  disagreement  with  experiment  end  the  one-equation  model  leads  to  substantial  Improvement 
downstream  erf  reettachment  The  two-equation  models  predict  too  large  a  retarded  flow  in  the  separated  region  and  slmiar  shaped 
profles  persist  tar  downstream  in  general  disagreement  with  experiment  This  indicates  that  both  two-equation  models  have  too  large 
a  memory  effect  downstream  a  strong  interaction  region.  Benay  et  al.  (1967)  arrived  at  slmiar  conclusions  in  transonic  shock- 
wave /boundary-layer  interactions. 


ub 

Fig.  4.12  Navler-Stokes  Calculation  of  2-D 
Turbulent  Ramp  Row.  Small  Separation. 
Comparison  of  Different  Turbulence  Models 
(Viegas  and  Horst  man,  1978) 


Fig.  4.13  Navler-Stokes  Calculation  of  2-D 
Turbulent  Ramp  Row.  Large  Separation. 
Comparison  of  Different  Turbulence  Models 
(Viegas  and  Horst  man,  1978) 


Fig.  4.T4  Navier-Stokes  Calculation  of  2-D  Fig.  4.15  Navler-Stokes  Calculation  of  2-D 

Turbulent  Ramp  Row.  Baldwin  and  Lomax  Turbulent  Ramp  Row.  Comparison  of 

Turbulence  Model  (Baldwin  and  Lomax,  Algebraic  Turbulence  Models  (Visbal  and 

1978)  Knight  1964) 

Incident  shock  reflections  and  compression  comer  flows  were  computed  by  Baldwin  and  Lomax  (1978)  by  solving  the  thin-layer 
approximation  of  the  Navler-Stokes  equations.  In  this  paper,  the  authors  Introduced  the  now  very  popular  algebraic  model  which  has 
been  presented  In  Section  4.2.3  2  above.  Figure  4.14  shows  a  comparison  between  calculation  and  experiment  In  the  case  of  a 
compression  comer  flow  at  Mg  «  2.85.  One  notes  that  wflh  the  Baldwin -Lomax  model  the  calctiated  region  of  reversed  flow  Is  too 
large  and  that  the  computed  wall  pressure  distribution  shows  an  unrealistic  decrease  alter  the  pressure  rise  at  separation.  The  result 
obtained  by  Horstman  et  al.  (1977)  with  their  baseline  algebraic  model  is  also  plotted  in  Fig.  4.14. 

Visbal  and  Knight  (1984)  performed  Navier-Stokes  calaflatlons  by  considering  three  variants  erf  the  Baktorfn-Lomax  turtxflence 
model.  These  models  are  evaluated  by  means  of  detaled  comparisons  with  experimental  resUts  for  compression  ramp  flows  at  Mg  -  2.9 
and  different  ramp  an^es.  The  governing  equations  are  solved  by  the  implicit  Beam-Wanning  rlgorithm.  Results  relative  to  the  ramp 
angle  <  -  20*  are  shown  In  Fig.  4.15  (the  relaxation  model  is  that  ot  Shang  and  Hankey  applied  to  the  Bakfwin-Lomax  model).  As  a 
general  rule,  all  the  turbulence  models  tested  fal  to  predict  the  rapid  recovery  of  the  boundary-layer  downstream  of  reattachment 
This  Is  due  to  the  Incapacity  of  these  models  to  simulate  the  amplification  of  the  turtxience  fluctuations  across  a  shock¬ 
wave/boundary-layer  Interaction.  In  fact  this  conclusion  holds  for  a«  the  existing  turbulence  models,  even  those  employing  transport 
equations. 

Compression  comer  flows  at  Mg  -  2.85  were  computed  by  Deese  and  Agarwafl  (1985)  by  using  the  BakMn-Lomax  turixience 
model  and  the  modifications  to  this  model  proposed  by  Visbal  and  Knight  (1984).  The  governing  equations  were  solved  by  a  Runge- 
Kutta  time  stepping  scheme. 

Ong  and  Knight  (1986)  made  a  comparative  study  of  the  hybrid  MacCormack  and  Implicit  Beam-Wanning  algorithms  for  a 
supersonic  compression  comer  flow.  In  this  numerical  study,  turbulence  was  computed  by  the  BaWwkvLomax  model  along  wflh  the 
Shang -Hankey  relaxation  formula. 

Numerical  sirrxiation  of  several  shock-separated  boundary-layer  Interaction,  Including  compression  comer  flows  and  Incktent- 
r effecting  shocks,  have  been  performed  by  Peters  et  al.  (1986).  The  thin-layer  approximation  of  the  Navier-Stokes  equations  was  used. 
The  BakJwkvLomax  algebraic  model  and  the  Jones-Launctor  two-equation  model  have  been  considered.  The  governing  equations  were 
solved  by  a  numerical  procedure  based  on  a  finite  volume,  time-stepping  scheme. 

To  conclude  wflh  two-dimensional  caictiatJona,  we  shall  now  present  recent  calculations  performed  by  Horstman  (1987)  for 
hypersonic  Interactions  occurring  at  a  hollow  cylinder -flare  Junction,  compression  comers  and  In  the  impingement  region  of  an 
Incident  shock  (see  Fig.  4.16).  The  Navler-Stokes  plus  turtxience  transport  equations  were  solved  with  the  MacCormack  expHcfl- 
ImpticA,  second  order  predictor-corrector,  finite  volume  method  (MacCormack,  1982).  The  folowfng  turbulence  models  were 
considered: 


I  -  The  Cebed-Smflh  algebraic  model. 
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K  -  The  Baldwin-Lomax  algebraic  model 

■  -  The  compressfcle  version  of  the  original  Jones-Launder  (k,  £)  model. 

Iv  -  Three  modifications  to  the  Jones -la  under  model  aimed  at  representing  compressibitty  effects  on  turbulence.  These 
modifications  are  briefly  presented  here,  their  justification  can  be  found  in  Horstman's  paper. 

-  Modification  A  (MOO  A):  the  term  _  Qf  p  i  d«  /  in  theC-transport  equation  (Eq.  4.18a)  is  replaced  by. 

[  f-  j  ]  f  /  ArV  where  Cj  -4.5 

-  Modification  8  (MOO  B):  this  second  modification  models  the  additional  terms  which  appear  In  the  turbulent  kinetic  energy 
equation  after  mass  averaging.  These  new  terms  are. 

NEW  TERMS  *  y  .  «'  ila- 

dCi  dzj  Ojci 

After  suitable  assumptions,  the  following  model izat ions  are  adopted  to  represent  the  new  terms. 

K  =  c„  2k  JzL  _'.C  /»■ 

The  following  values  were  used  for  the  new  constants: 


U*  1,2  Cfcj  *=  0.  C}(2  *  0-12 

Computations  were  systematically  made  varying  C^i  and  from  0  to  0.5.  The  values  chosen  gave  the  best  agreement  with  the 
experimental  results. 


The  new  terms  multiplied  by  C(  (JL  We  also  added  to  the  (■ -transport  equation  (with  C  =  0.3). 


-  The  third  modification  C  (MOD  C)  is  an  attempt  to  apply  a  correction  for  density  fluctuations  to  the  mass-averaged  turbulent 
stress  terms  in  the  Navier -Stokes  equations.  The  turbulent  stresses  are  given  by. 


p  <*$  -  e<*}  * 


e'«j 


The  assumption  is  made  that  the  Reynolds  stress  -  p  is  the  Reynolds  stress  predicted  by  the  model  equations.  By  making 
suitable  assumptions  and  neglecting  third  order  correlations  an 'expression  for  the  mass-averaged  stress  as  function  of  the  Reynolds 
stress  can  be  derived: 


?w,/ 


withC  =  1. 


It  to  to  be  noticed  that  the  new  terms  to  be  added  to  the  (k,<? )  equations  as  wen  as  the  correction  factor  for  are 

proportional  to  Mach  number  squared.  ' 


Ifteifeftl  tMk  mi 

Fig.  4.16  Experimental  Hypersonic  Test  Flows 
Considered  by  Horstman  (1987) 


Fig.  4.17  Navier-Stokes  Calculation  of  2*D 
Hypersonic  Turbulent  Ramp  Flow. 
Comparison  of  Turbulence  Models 
(Horstman,  1987) 


Results  obtained  with  these  models  for  a  compression  comer  of  angle  «  34*  at  Mg  «  9.22  are  presented  m  Figs.  4.17a  and  b. 
Considering  the  pressure  distributions  (Fig.  4.17a),  the  results  show  that  the  Cebed-Smkh  model  gives  the  best  agreement  with 
experiment.  The  [i-tj  model  predicts  too  small  separation  and  the  other  models  too  large  separation.  AM  the  modifications  to  the/*  *7 
model  Increase  the  size  of  the  separated  zone.  No  model  predicts  correctly  the  heat-transfer  distribution  (see  Fig.  4.17b).  In 
particular,  the  two-equation  models  all  overpredict  the  maximum  heat-transfer  near  reattachment  while  the  algebraic  models 
underpredict  the  maximum  heat-transfer. 

The  results  relafrve  to  an  Incident  shock  giving  a  primary  deflection  of  15*  at  Mg  »  11.33  are  shown  In  Figs.  4.1 8a  and  b.  The 
surface  pressure  comparisons  with  experiment  show  that  each  model  gives  a  different  separation  length.  However,  in  this  case 
modfleattons  B  and  C  of  the  (k,  £ )  model  lead  to  a  better  agreement  with  experiment  then  the  other  models  and  the  Cebed-Smtth 
reeults  are  now  one  of  the  worst  The  heat -transfer  conparisons  lead  to  conclusions  simlar  to  thoee  relative  to  wedge  results. 
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Rg.  4.18  Navler-Stokes  Calculation  of  2-D 
Hypersonic  Turbulent  Shock  Reflection. 
Comparison  of  Turbulence  Models 
(HOfstman.  1987) 


Rg.  4.19  Navler-Stokes  Calculation  of  2-D 
Hypersonic  Turbulent  Ramp  Flow. 
Prediction  of  Peak  Heat-Transfer. 
Comparison  of  Turbulence  Models 
(Horstman,  1967) 


As  we  know,  one  of  the  most  important  features  of  hypersonic  shock -wave /boundary 4a yef  interaction  is  the  peak  heat-transfer 
near  reattachment.  This  quantity  is  represented  In  Figs.  4.19a  and  b  for  the  compression  wedge  flow  and  the  hollow  cylinder-flare 
flow.  In  general,  the  (k,  e  )  model  and  Its  modifications  afl  predict  a  variation  with  •c  of  the  peak  heat-transfer  too  low  for  attached 
flow  (smal  )  and  too  large  for  separated  flow  (high  ).  The  algebraic  models  do  a  better  job  In  predicting  the  trends  with 
increasing^. 


Thrae-Ohnenshmal  Flows.  There  exists  a  relatively  large  number  of  applications  of  the  Navler-Stokes  approach  to  predict  turbulent 
shock-wave/boundary-layer  interaction  in  three-dimensional  flows. 

The  flow  produced  by  a  sharp  fin  has  been  computed  by  Hung  and  MacCormack  (1978)  who  used  the  hybrid  MacCormack  scheme 
to  solve  the  governing  equations.  Eddy-  viscosity  was  computed  by  Ihe  three-dimensional  extension  of  the  Escudier  model.  Calcinations 

were  executed  lor  Mg  -  5.9  and  two  values  of  the  wedge  angle:  and  *  =  1?.  No  example  of  results  w#  be  presented  here,  the 

overal  computed  llowfleid  being  simlar  to  that  obtained  In  laminar  flow. 

The  same  problem  was  treated  by  Horstman  and  Hung  (1979)  wfth  the  same  hxtxience  model.  Comparisons  were  made  with 
experiments  performed  at  Mg  -  3  by  Oskam  et  at.  (1976). 

The  sharp  (in  configuration  has  also  been  considered  by  Knight  (1985)  who  used  the  Bakfwfo-bomax  eddy-v&coslty  model  A 
special  hybrid  explidt-lmplldt  numeric*  *gor*t»n  Incorporating  the  explicit  method  o*  MacCormack  and  the  Implicit  box-scheme  of 
Ke««  Is  employed  to  solve  the  governing  equations.  Calcinations  were  axecrted  kx  an  upstream  Mach  number  dose  to  3  Fair 
agreement  with  experiment  was  observed. 

The  same  ntanedcal  method  was  used  by  Galtonde  and  Knight  (1968)  to  compute  a  sharp  tin  configuration  at  Mg  .  3  and  fin 

angle  d  -  2tr.  The  Baktwtn-Lormx  model  was  used  but  with  a  modified  torm  of  Ihe  Van  Driest  damping  factor  allowing  Ihe 

representation  of  bleed  eWect 

In  this  application  also,  fair  agreement  wSh  experiment  was  observed. 


Fig.  4.20  Navler-Stokes  Calculation  of  Blurt  Fin 
Turbulent  Flow.  Surface  Pressure 
Distributions  (Hung  and  Kordula,  1983) 


COMMUTED  IT. FAITH. r. 
FLAME  OF  EYMMErx, 


A/O 


Fig.  421  Navler-Stokes  Calculation  of  Blurt  Fin 
Turbtlert  Flow.  Partide  Path  m  the  Plane 
of  Symmetry  (Hung  end  Korddta,  1983) 


The  case  of  a  blunt  fin  was  treated  by  Hung  and  KortMa  (1983).  The  gcwemtog  aquations  were  solved  by  using  a  flnfia  volume 
verelon  of  the  Implcfi-explldl  method  of  MacCotmack.  Shaar-stesa  waa  oompuled  by  the  Bsfdwln-Lomaw  model  modfiled  to  account 
for  the  prepares  of  the  generator  wal  (sea  the  modal  of  Hung  and  MacCotmack  praaartad  In  Section  42.3.5).  Comparieone  of  the 
rmtt  wfih  the  experiments!  data  of  Deling  and  Bogdonofi  (1982)  ere  shown  In  Fig.  420  and  421.  Surface  preeauree  along  the  fiat 
plate  and  along  the  fin  surface  art  shown  It  can  be  Inferred  from  these  comparisons  that  the  scale  of  the  Interaction  including  ta 
upstream  Muance  on  the  Incoming  Sow  and  ts  height  ralativs  to  Ihe  Incoming  bouidary4aytr  thickness  are  probably  predicted 
qt*e  wsfi,  although  no  Howdefd  data  are  s' utopia  to  verify  such  a  conclusion.  The  predicted  partide  paths  which  repreaart 
susamfinas  In  lha  plana  of  symmetry  n  shown  In  Fla  421  to  fiustrrte  the  readudon  of  the  law  datal  wfifWi  the  horeaahoa 
vortat  A  secondary  Dow  forma  «  the  jtstetfon  between  lha  blurt  fin  and  the  Plata.  The  separation  region  formed  by  the  horeaehoe 
vortex  Is  open  and  Ihe  vortekitreema  around  the  blurt  fin 
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Simiar  results  concerning  the  same  blunt  fin  at  same  flow  conditions  are  reported  by  Hung  and  Buning  (1985). 

The  case  of  a  swept  back  blunt  fin  (see  sketch  In  Fig  4.22)  was  treated  by  McMaster  and  Shang  (1988).  The  BakJwin-Lomax 
turbulence  model  is  used  and  the  governing  equations  are  solved  by  the  explicit  MacCormack  method  Calculations  were  performed  at 
Mq  -  2.98  for  several  values  of  the  swept  back  angle  A .  The  Shin-friction  line  patterns  computed  for  A  =  30°,  45*,  60°  and  68°  are 
shown  in  Figs.  4.23a  to  d.  For  values  of  A  smaller  than  68°  a  distinctive  separation  line  Is  visible  ahead  of  the  fin.  The  distance  of 
this  line  to  the  obstacle  decreases  when  A  Increases,  the  separation  line  becoming  inexistent  for  A  »=  68°.  These  results  show  that 
swept  back  of  the  fin  reduces  the  upstream  Influence  of  the  flowfield  and  simultaneously  weakens  the  horseshoe  vortex  which  forms 
ahead  of  the  fin  when  separation  occurs.  The  calculation  reproduces  faithfully  the  real  fow  features.  There  is  also  a  good 
quantitative  agreement  between  computed  and  measured  pressure  distributions  on  the  plate  supporting  the  fin. 

Calculations  of  configurations  In  which  a  three-dimensional  shock-wave  separates  a  two-dimensional  turbulent  boundary -layer 
were  performed  by  Kussoy  et  al.  (1980).  The  hybrid  MacCormack  scheme  was  employed  along  with  a  turbulence  model  similar  to  me 
Cebeci-Smith  algebraic  model. 


Fig.  4.22  The  Swept  Back  Blunt  Fin  Case  Treated  by 
McMaster  and  Shang  (1988) 


Fig.  4.24  Two  Wedge  Intersection.  Schematic 
Representation  of  Flowfield. 


Fig.  4.23  Navier-Stokes  Calculation  of  Swept  Back 
Blunt  Fin  Turbulent  Row.  Skin-Friction 
Line  Patterns  (McMaster  and  Shang,  1988) 


Fig.  4  .25  Navier-Stokes  Calculation  of  Two  Wedge 

Intersection.  Density  Contour  tor  the 
Entire  Field  (Shang  et  al..  1979) 


Fig  4.26  Navier-Stokes  Calculation  of  Two  Wedge 
Intersection.  Shock-Wave  System  for 
Laminar  and  Turbulent  Row.  Density 
Contour  (Shang  et  al.,  1979) 


Shang  et  al.  (1979)  have  compued  the  flow  developing  at  the  comer  formed  by  the  intersection  of  two  wedges  for  Mg  •  3.  The 
main  features  of  this  kind  of  tew  are  schematically  represented  In  Fig.  4.24  which  shows  the  two  shocks  generated  by  the  wedges. 

shocks  retiring  from  interference  of  the  two  wedge  shocks.  The  calciiatkxi  is  started  In  laminar,  at 
the  comar  origin,  and  transUon  la  introduced  via  an  empirical  model.  In  the  turbulent  part  of  the  flow,  a  three  dimensional 
adaptation  of  the  CebecFSmkh  turtxience  model  la  used.  The  basic  numerical  method  is  the  explfc#  MacCormack  scheme. 
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The  shock-wave  structure  of  the  entire  flowfleid  represented  by  density  contours  is  shown  in  Fig.  4.25.  One  notes  die 
intersecting  wedge  shock-waves  and  the  set  of  tripie  points  formed  by  further  intersection  of  the  embedded  shock  waves.  Secondary 
features,  such  as  the  slip  surfaces  are  aiso  observabie  in  some  of  these  density  contours.  As  the  flow  progresses  downstream, 
undergoing  transition  from  laminar  to  turbulent,  the  shock-wave  system  readjusts  Used  to  accommodate  the  distinctive  change  in 
length  scale.  Two  shock-wave  structure  and  the  associated  slip  surfaces  are  represented  in  Fig.  4.26  for  laminar  and  turbulent 
conditions.  Good  agreement  is  observed  between  the  computed  and  experimental  values  in  the  location  of  shock-waves,  triple  points 
and  slip  surfaces.  The  calculation  shows  the  reduction  in  the  size  of  the  embedded  lambda  shock  systems  as  the  interaction  iengft 
scale  decreases  from  laminar  to  turbulent  flow. 

To  conclude  this  Section,  we  wil  mention  the  calculations  of  Shang  and  MacCormack  (1983)  of  the  flow  over  a  biconic 
configuration  with  an  afterbody  compression  ramp.  The  Baktwin-Lomax  model  was  used  to  compute  shear-stress.  This  work  was  in 
fact  a  comparative  study  of  the  MacCormack  explicit  and  implied  numerical  schemes. 


5  •  CONCLUSION 

Shock  intersections  and  shock-wave/boundary-layer  interactions  play  an  important  role  in  hypersonic  flows  where  they  can  be  at 
the  origin  of  large  local  heat  transfer  and  loss  of  control  effectiveness  respiting  from  separation  at  control  surfaces. 

Shock  intersections  lead  to  various  wave  patterns  according  to  the  relative  directions  and  strengths  of  the  two  meeting  shocks. 
Six  types  of  shock  interference  pattern  are  thus  recognized.  Among  these  six  types,  types  III  and  IV  may  result  in  the  most  damaging 
consequences  for  the  vehicle.  These  two  types  of  interference  patterns  occur  when  a  weak  oblique  shock  intersect  a  strong  needy 
normal  shock.  Then,  intense  shear-layers  or  jets  are  created  which,  when  striking  the  vehicle,  give  rise  to  very  high  heat-transfer 
rates,  well  in  excess  of  those  existing  at  a  nose  stagnation  point  or  akx  a  leading  edge. 

The  scaling  laws  as  welt  as  the  flowfleid  physics  of  two-dimensional  shock-wave /boundary -layer  interactions  are  now  wel 
established  due  to  the  abundance  of  experimental  results  relative  to  this  case.  Thus,  the  existing  correlation  taws  can  be  sufficient 
for  estimating  peak  heat  transfer  at  reattachment  or  for  predicting  Incipient  shock-induced  separation  Nevertheless,  d  eta  led  and 
reliable  information  on  the  mean-velodty  field  and  turbulence  properties  in  hypersonic  interactions  is  extremely  scarce.  Such  an 
information  Is  urgently  needed  to  help  in  turbulence  modeling  and  to  validate  theoretical  models. 

As  concerns  three-dimensional  interactions,  the  situation  is  stli  tor  from  being  so  satisfactory.  The  structure  of  these  flows 
can  be  extremely  complex  and  is  difficult  to  understand.  In  particular,  If  the  surface  flow  properties  are  generally  well  established 
from  surface  pressure  measurements  and  ol  flow  patterns,  the  outer  field  organization  is  most  often  purely  conjectural  because  of  the 
complete  tack  of  field  measurements  at  high  Mach  numbers. 

Due  to  spectacular  progress  in  computational  fluid  dynamics,  shock  interference  and  shock-wave/boundary -layer  interaction  can 
now  be  computed  by  solving  the  Navier-Stokes  equations.  Very  encouraging  results  are  obtained  both  for  2-0  and  3-D  flows. 
However,  In  the  turbulent  case,  the  problem  of  modeling  the  turbulent  terms  in  the  time  averaged  Navier-Stokes  equations  Is  tor 
from  being  satisfactory  solved.  Most  of  the  present  hypersonic  applications  use  models  which  are  simple  extension  to  compressMe 
flows  of  models  developed  for  'ncompresside  or  weakly  compressible  flows.  In  fact,  compressfbirty  effects  introduce  in  the  averaged 
equations  new  correlation  terms  involving  density  fluctuations  which  can  no  longer  be  ignored  in  hypersonic  applications.  Modeling  ol 
these  terms,  when  It  is  done,  k  stM  very  crude  due  to  the  nearly  complete  lack  ol  experimental  data.  In  this  field  too.  there  is  place 
for  future  Investigations. 
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